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Corrosion,  corrosion  fatigue  and  many  other  forms  of  environmentally  assisted  cracking  continue  to  be  major 
cost  drivers  for  the  operators  and  maintenance  organizations  responsible  for  military  aircraft.  This  document 
reviews  some  of  the  developments  in  understanding  of  corrosion  and  corrosion  related  problems  that  have 
occurred  since  NATO,  through  its  Advisory  Group  for  Aerospace  Research  and  Development  (AGARD), 
published  one  of  its  last  major  works  on  the  topic  in  1985  (AGARD- AG-27 8,  Volume  1).  Several  other 
organizations  have  made  major  contributions  in  the  field  since  1985,  and  both  AGARD  and  later  the  RTO  have 
looked  at  a  variety  of  problems  related  to  aging  aircraft  and  their  engines.  This  particular  publication  focuses  on 
aging  aircraft  and  provides  some  of  the  latest  information  on  corrosion  covering  costs,  detection, 
characterization,  assessment  of  damage,  repair  and  avoidance.  But  perhaps  the  major  development  over  the  past 
25  years  has  been  an  improved  understanding  of  how  corrosion  related  issues  affect  aircraft  structural  integrity 
and  safety,  and  how  these  effects  can  be  modelled  and  managed.  The  present  publication  places  particular 
emphasis  on  developments  in  these  areas.  While  the  focus  is  on  aging  aircraft  many  of  the  issues  addressed  will 
be  applicable  to  some  degree  to  other  types  of  military  vehicle  in  use  today. 
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Corrosion  Fatigue  and  Environmentally  Assisted 
Cracking  in  Aging  Military  Vehicles 

(RT  O-AG-AVT -140) 

Executive  Summary 

Damage  to  metallic  aircraft  structures  due  to  corrosion  is  a  continuing  problem  to  operators,  giving  rise  to 
high  maintenance  costs  and  loss  of  aircraft  availability.  Traditionally  viewed  as  an  economic  issue,  recent 
work  has  made  a  strong  case  that  corrosion  is  also  a  threat  to  flight  safety. 

There  is  no  universal  solution  to  the  problem  of  corrosion  and  thus  it  must  be  addressed  at  all  stages  of  the 
equipment  life  cycle  from  initial  design  through  careful  selection  of  structural  materials,  corrosion 
protection  systems,  joint  design  and  assembly,  in-service  inspection,  maintenance  and  finally  repair  and 
refurbishment.  In  this  report  the  Applied  Vehicles  Technology  Panel  of  the  NATO-RTO  reviews  progress 
in  these  areas  occurring  over  the  past  twenty  five  years  and  with  particular  emphasis  on  the  impact  of 
corrosion  on  structural  integrity  and  safety.  Typically  in  built-up  aircraft  structures,  corrosion  occurs  by 
pitting  action  in  areas  that  are  difficult  to  inspect  visually  without  some  degree  of  disassembly.  These  sites 
include  faying  surfaces  between  fasteners  and  skin  and  between  the  faying  surfaces  of  lap  joints.  Damage 
in  such  areas  may  be  acerbated  by  fretting  action  caused  by  low  amplitude  sliding  displacements  between 
rubbing  surfaces. 

As  corrosion  pits  grow  stresses  at  their  tips  magnify  and  eventually  cracks  appear  and  also  grow  under  the 
combined  action  of  corrosion  and  stress  that  likely  includes  both  static  and  cyclic  components.  Stresses 
arise  from  the  usual  sources;  the  effects  of  “weight  on  wheels”,  residual  manufacturing  or  heat  treatment 
stresses,  assembly  stresses,  and  take-off,  landing  and  manoeuvre  loads  experienced  during  ground 
operations  and  flight.  But  in  the  presence  of  chemically  aggressive  environments  that  trigger  corrosion, 
stresses  are  magnified  further  due  to  the  thinning  of  sheet  and  due  to  the  bulging  action  and  plastic 
deformation  at  faying  surfaces  as  corrosion  products  accumulate  between  them. 

Cracks  grow  either  intergranularly  or  transgranularly,  influenced  by  electrochemical  and  stress  conditions  at 
crack  tips  at  grain  boundaries,  and  give  rise  to  common  forms  of  damage  such  as  exfoliation,  stress  corrosion 
cracking,  hydrogen  assisted  cracking  and  corrosion  fatigue.  Many  challenges  exist  to  the  designer,  operator 
and  maintainer,  and  these  challenges  are  being  compounded  by  the  growing  awareness  of  the  health,  safety 
and  environmental  concerns  associated  with  some  of  the  corrosion  protection  systems  that  have  traditionally 
been  used.  Thus  all  materials,  including  cadmium  and  chromium  and  their  compounds,  that  have  played  such 
an  important  role  in  protective  coatings,  primers,  paints,  corrosion  inhibitors  and  water  displacing  fluids  in 
the  past  are  being  challenged.  This  report  reviews  some  of  the  alternative  systems  that  are  available  and  also 
identifies  recent  publications  that  provide  detailed  and  authoritative  accounts  of  relevant  work.  In  this 
publication  a  total  of  27  chapters  are  provided  covering  the  detection  and  characterization  of  corrosion 
damage,  its  impact  on  costs  and  structural  integrity,  its  control  in  aircraft  structures  and  its  repair. 
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La  fatigue-corrosion  et  la  fissuration  en  milieu 
ambiant  des  vehicules  militaires  vieillissants 

(RT  O-AG-AV  T -140) 

Synthese 

Les  dommages  causes  par  la  corrosion  aux  structures  metalliques  des  aeronefs  confrontent  les  operateurs  a 
un  probleme  permanent,  generant  des  couts  de  maintenance  eleves  et  rendant  les  appareils  indisponibles. 
Des  recherches  recentes  ont  demontre  que  la  corrosion,  traditionnellement  consideree  comme  un  probleme 
purement  economique,  representait  egalement  une  menace  pour  la  securite  des  vols. 

II  n’existe  aucune  solution  universelle  au  probleme  de  la  corrosion,  et  il  doit  done  etre  combattu  a  chaque 
etape  du  cycle  de  vie  du  materiel,  depuis  la  conception  initiale  via  la  selection  minutieuse  des  materiaux 
structured,  en  passant  par  les  systemes  de  protection  contre  la  corrosion,  la  conception  et  l’assemblage  des 
joints,  l’inspection  en  service,  la  maintenance,  jusqu’aux  reparations  et  a  la  remise  a  neuf.  Dans  ce  rapport, 
la  commission  Technologie  appliquee  aux  vehicules  (AVT)  de  la  RTO  de  l’OTAN  a  etudie  les  progres 
accomplis  en  ce  domaine  au  cours  des  vingt-cinq  demieres  annees,  insistant  particulierement  sur  l’impact 
de  la  corrosion  sur  la  securite  et  l’integrite  des  structures.  Generalement,  dans  les  structures  d’aeronefs 
assemblies,  la  corrosion  se  produit  par  action  de  piquage  a  des  endroits  difficiles  a  inspecter  visuellement 
sans  proceder  a  un  minimum  de  demontage.  Ces  zones  comprennent  notamment  les  surfaces  de  contact  entre 
les  pieces  de  fixation  et  le  revetement,  ainsi  que  les  surfaces  de  contact  entre  les  joints  a  recouvrement. 
Les  dommages  occasionnes  a  ces  emplacements  peuvent  etre  aggraves  sous  1’ action  du  frottement  cause  par 
les  glissements  de  faible  amplitude  entre  les  surfaces  en  friction. 

Lorsque  les  piqures  de  corrosion  s’etendent,  les  contraintes  pesant  sur  leurs  extremites  s’accentuent  et  des 
craquelures  finissent  par  apparaitre  et  grandissent  sous  Taction  combinee  de  la  corrosion  et  des  contraintes, 
ces  demieres  incluant  vraisemblablement  des  composantes  a  la  fois  statiques  et  cycliques.  Les  contraintes 
proviennent  des  sources  habituelles  :  les  consequences  du  «  delestage  »,  les  contraintes  residuelles  issues  de 
la  fabrication  ou  d’un  traitement  thermique,  les  contraintes  d’ assemblage  et  les  charges  au  decollage, 
a  l’atterrissage  et  lors  des  manoeuvres,  subies  au  cours  des  operations  au  sol  et  en  vol.  Mais  en  presence  d’un 
milieu  chimiquement  agressif  declenchant  la  corrosion,  les  contraintes  sont  amplifiees  du  fait  de 
l’amincissement  des  toles,  ainsi  que  de  la  deformation  du  plastique  et  du  gonflement  au  niveau  des 
surfaces  de  contact  lorsque  les  produits  de  la  corrosion  s’accumulent  entre  elles. 

Les  craquelures  s’etendent  de  maniere  soit  intergranulaire,  soit  transgranulaire,  sous  1’ influence  des 
conditions  electrochimiques  et  de  l’etat  des  contraintes  aux  extremites  des  fissures  aux  joints  de  grains, 
engendrant  des  formes  classiques  de  dommages  :  corrosion  exfoliante,  corrosion  sous  contrainte, 
fissuration  induite  par  l’hydrogene  ou  fatigue-corrosion.  Le  concepteur,  l’operateur  et  le  responsable  de  la 
maintenance  sont  confrontes  a  de  nombreux  defis,  qui  viennent  s’aj outer  a  la  prise  de  conscience  accme 
des  preoccupations  liees  a  la  sante,  a  la  securite  et  a  l’environnement  associees  a  certains  systemes  de 
protection  contre  la  corrosion  habituellement  utilises.  En  consequence,  l’usage  de  tous  les  materiaux 
(y  compris  le  cadmium  et  le  chrome  et  leurs  composes)  qui  ont  joue  un  role  si  important  par  le  passe  dans 
les  enduits  protecteurs,  les  couches  de  fond,  les  peintures,  les  inhibiteurs  de  corrosion  et  les  fluides 
hydrophobes,  est  desormais  conteste.  Le  present  rapport  passe  en  revue  certains  des  autres  systemes 
disponibles  et  identifie  egalement  les  publications  recentes  qui  rendent  compte,  de  maniere  detaillee  et 
digne  de  foi,  des  recherches  sur  ce  sujet.  Dans  cette  publication,  27  chapitres  au  total  couvrent  la  detection 
et  la  caracterisation  des  dommages  causes  par  la  corrosion,  leur  impact  sur  les  couts  et  l’integrite  des 
stmctures,  leur  controle  au  niveau  des  stmctures  des  aeronefs  et  les  moyens  d’y  remedier. 
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Chapter  1  -  INTRODUCTION 


W.  Wallace  and  Jerzy  P.  Komorowski 

Institute  for  Aerospace  Research 
National  Research  Council  Canada 
Ottawa,  Ontario 
CANADA 


1.1  INTRODUCTION 

Corrosion  and  corrosion  fatigue  in  aircraft  structures  have  been  around  for  as  long  as  the  aircraft  themselves. 
Various  agencies  of  NATO  have  recognized  this  for  almost  as  long,  and  interest  has  grown  as  recognition  of 
the  consequences  of  corrosion  has  increased.  Corrosion  was  a  major  preoccupation  of  AGARD  (Advisory 
Group  for  Aerospace  Research  and  Development)  since  at  least  the  mid-1970s  and  a  major  effort  was  made 
by  the  Structures  and  Materials  Panel  in  the  early  1980s.  In  1985  the  first  of  several  publications  appeared  in 
the  form  of  AG-278,  AGARD  Corrosion  Handbook  Volume  1,  Aircraft  Corrosion:  Causes  and  Case 
Histories  [1].  It  was  assembled  by  authors  from  Canada,  The  Netherlands  and  the  United  States  but  virtually 
all  NATO  member  nations  of  the  day  contributed  to  the  contents.  However,  the  major  credit  for  it  should 
go  to  Mr.  Tom  Kearns  of  the  United  States  since  he  understood,  better  than  most,  the  enormous  cost  of 
corrosion  in  terms  of  operability  and  availability  of  equipment  as  well  as  direct  financial  outlays  associated 
with  repair  and  maintenance.  He  also  understood  the  scientific  and  engineering  complexities  associated  with 
the  chemistry  and  physics  of  corrosion,  as  well  as  the  challenges  related  to  detection  and  quantification  of 
damage,  corrosion  control  and  fleet  management,  damage  repair  and  design  for  avoidance.  He  was  the 
driving  force  for  most  of  the  early  effort. 


1.2  THE  LAST  25  YEARS 

While  there  was  widespread  recognition  of  the  challenges  posed  by  aircraft  corrosion  in  1980,  there  were 
few  systematic  programs  in  the  NATO  member  nations  designed  to  deal  with  the  many  problems 
associated  with  it.  AG-278  had  one  primary  goal  and  that  was  to  alert  those  involved  with  the  operation 
and  maintenance  of  aircraft  to  the  dangers  of  corrosion.  Most  member  nations  shared  their  experiences  by 
providing  practical  case  histories  of  corrosion  related  structural  failures,  and  they  explained  the  corrective 
measures  that  had  been  taken  to  return  equipment  to  service.  The  authors  of  that  publication  would  like  to 
think  that  it  has  assisted  maintenance  personnel  to  recognize  and  address  similar  problems  over  the 
ensuing  25  years.  In  addition  to  the  case  histories,  this  early  publication  provides  simple  descriptions  of 
the  common  airframe  structural  alloys  in  use  at  that  time  as  well  as  the  main  forms  of  corrosion  affecting 
them,  namely;  uniform  corrosion  and  erosion,  galvanic  corrosion,  pitting,  crevice  and  filiform  corrosion, 
intergranular  and  exfoliation  corrosion,  fretting  corrosion,  hydrogen  embrittlement,  stress  corrosion 
cracking,  corrosion  fatigue,  and  microbiological  corrosion. 

The  handbook  may  have  done  more  than  was  expected  since  it  is  clear  that  the  past  25  years  have  seen  a 
dramatic  increase  in  activity  leading  to  a  much  better  understanding  of  corrosion  and  particularly  of  the 
ways  it  contributes  to  the  nucleation  and  growth  of  cracks,  and  how  it  interacts  with  mechanically  induced 
cracks  to  pose  threats  to  aircraft  structural  integrity.  The  very  earliest  thoughts  on  corrosion  revolved 
around  the  simplistic  recognition  that  it  would  cause  thinning  of  structural  materials,  and  that  this  thinning 
would  cause  increases  in  stresses  on  a  macroscopic  scale,  thus  contributing  to  instabilities  in  the  form  of 
buckling,  crack  nucleation  and  accelerated  crack  growth.  As  understanding  increased  and  the  mechanisms 
and  consequences  of  pitting  were  better  elucidated  it  was  recognized  that  pits  themselves  would  act  as 
stress  concentration  sites  and  would  behave  as  cracks.  Indeed  at  some  point  they  would  be  better  described 
as  cracks  and  would  continue  to  grow  by  purely  mechanical  means  as  opposed  to  growth  by  dissolution  of 
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metal  at  their  tips.  This  would  happen  even  in  the  unlikely  event  that  all  environmental  drivers  to  crack 
growth  could  be  excluded. 

Basic  research  on  fatigue,  in  both  inert  and  corrosive  environments,  soon  showed  that  fatigue  crack  growth 
rates  would  be  accelerated  by  the  presence  of  chemically  aggressive  species,  and  thus  the  challenging  field  of 
corrosion  fatigue  emerged.  The  influence  of  these  mechanical  and  environmental  interactions  on  structural 
integrity  was  clearly  a  concern,  but  how  to  manage  them  in  any  aircraft  structural  integrity  program 
remained  uncertain.  The  dilemma  gave  rise  to  much  debate  on  whether  corrosion  was  strictly  an  economic 
issue  or  also  a  safety  issue,  and  if  the  latter,  how  to  deal  with  it. 

Through  years  of  practical  operating  experience  and  a  few  disasters  it  became  clear  that  general  and 
localized  corrosion,  corrosion  pitting,  exfoliation  and  crack  nucleation  and  growth  were  frequently  found 
on  or  below  the  hidden  faying  surfaces  of  lap  joints  and  most  often  at  fastener  holes  in  built-up  structures. 
The  challenges  of  detection  and  quantification  of  damage  rapidly  became  apparent.  Also,  it  was  soon 
realized  that  stresses  would  not  only  increase  due  to  metal  thinning  and  concentration  effects  at  the  base  of 
pits,  but  also  because  the  conversion  of  metal  to  metal  oxides  or  hydroxides  would  involve  substantial 
volumetric  increases.  The  growing  corrosion  products  would  force  sheet  metal  in  faying  surfaces  apart, 
constrained  only  by  the  rivets  or  bolts  holding  the  sheets  together.  Distortions  between  the  fasteners  would 
be  plastic  and  therefore  permanent.  Thus  complex  stress  distributions  would  arise  that  certainly  had  not 
been  taken  into  account  in  any  early  airworthiness  assessments. 

Corrosion  in  aircraft  structures  is  clearly  a  complex  process  and  the  more  is  learned  about  it  the  more  we 
realize  that  understanding  how  to  manage  it  to  ensure  flight  safety  is  a  challenge  of  enormous  proportions. 
A  widespread  view  has  emerged  that  corrosion  cannot  be  dealt  with  in  isolation,  but  must  be  considered  as 
part  of  a  complex  set  of  issues  affecting  structural  integrity  and  safety.  Several  groups  have  explored  the 
concepts  of  holistic  structural  integrity  processes  or  HOLSIP,  and  have  reached  the  point  where  it  is  being 
applied  as  a  logical  extension  of  ASIP.  Here,  knowledge  gained  of  the  way  environmental  variables 
interact  with  mechanical  variables  to  drive  the  nucleation  and  growth  of  cracks  is  being  combined  with 
conventional  elastic  and  plastic  fracture  mechanics  and  the  concepts  of  damage  tolerance  in  both 
deterministic  and  probabilistic  approaches. 

This  present  document  reviews  some  of  these  developments  with  particular  attention  to  work  carried  out 
since  the  publication  of  AGARD  AG-278,  and  with  emphasis  on  how  to  keep  aircraft  flying  safely  when 
exposed  to  aggressive  environments.  No  attempt  has  been  made  to  provide  a  complete  and  comprehensive 
description  of  aircraft  corrosion  but  the  report  provides  examples  of  some  of  the  main  forms  of  corrosion 
found  in  aircraft  structures  and  it  provides  examples  of  best  practices  in  detection,  inspection,  repair  and 
avoidance.  The  opening  chapter  (Chapter  2)  provides  a  summary  of  terminology  and  definitions  in  current 
use  related  to  corrosion  with  emphasis  on  the  types  of  discontinuity  present  in  aircraft  materials  as  well  as 
those  created  by  corrosion.  It  also  covers  the  concepts  of  crack  nucleation  and  propagation  and  crack 
instability.  It  draws  heavily  on  the  work  of  the  American  Society  for  Testing  and  Materials  (ASTM), 
an  organization  that  has  provided  leadership  on  an  international  basis.  The  third  chapter  provides  an  indication 
of  the  costs  of  corrosion  obtained  through  a  systematic  survey  carried  out  over  several  years  in  the  United 
States,  but  many  readers  will  find  the  methodology  used  in  the  study  to  be  at  least  as  useful  as  the  results 
themselves.  However,  the  main  focus  of  the  report  is  the  application  of  holistic  methods  of  life  assessment  of 
aircraft  structures  affected  by  both  mechanical  and  environmental  damage,  and  it  reviews  all  the  related 
technologies  needed  to  apply  these  methods  both  in  laboratory  studies  as  well  as  operational  aircraft. 

Several  chapters  have  been  provided  in  groups  to  focus  on  common  themes;  thus  several  contributions  are 
included  dealing  with  each  of  the  following: 

•  The  morphology  of  corrosion  as  it  appears  in  aircraft  structures. 

•  Methods  of  simulating  corrosion  damage  in  materials  and  built-up  structure  typical  of  aircraft 
design. 
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•  Impact  of  corrosion  on  aircraft  structural  integrity. 

•  Practical  case  histories  of  corrosion  in  aircraft  components  and  structures  and  particularly  of  the 
application  of  holistic  methods  in  the  assessment  of  structural  integrity  in  the  presence  of  corrosion. 

•  Means  of  detecting  corrosion  non-destructively,  including  one  chapter  that  deals  with  radiometric 
methods  for  detection  of  damage,  including  ingress  of  moisture  into  the  cavities  of  composite 
honeycomb  structure. 

•  Corrosion  prevention  or  avoidance. 

In  short,  the  report  covers  many  of  the  practical  aspects  of  corrosion  that  have  been  discussed  above  but 
some  important  topics  have  been  passed  over.  For  example,  corrosion  preventative  compounds  are  vital  in 
the  fight  to  impede  corrosion  but  an  excellent  review  has  been  published  fairly  recently  and  its  contents  are 
still  very  much  applicable  today.  This  is  TTCP  Technical  Report,  “Effective  Use  of  Corrosion  Preventative 
Compounds  (CPCs)  on  Military  Systems”  [2].  It  considers  how  to  use  CPCs  effectively  and  assesses  the 
range  of  commercially  available  CPCs  of  the  participating  countries  in  different  environments.  A  related 
report  on  Chemical  Inhibitors  has  also  been  published  recently  by  TTCP  as  MAT-TP6,  TR  MAT-TP-6-4- 
2008.  These  reports  are  readily  available  to  Canada,  the  United  Kingdom  and  the  United  States  and  they 
might  possibly  be  available  to  other  NATO  member  nations  through  appropriate  channels.  Also,  nothing  has 
been  provided  in  the  present  report  on  corrosion  sensors  and  these  are  clearly  important  in  at  least  two  ways. 
Firstly,  sensors  are  needed  to  detect  the  onset  and  growth  of  corrosion  damage  in  structures  while  others  are 
important  in  terms  of  characterizing  and  monitoring  the  severity  of  the  corrosive  environment  that  individual 
aircraft  see.  The  latter  are  likely  to  become  increasingly  important  as  HOLSIP  concepts  become  more  firmly 
established  and  require  accurate  descriptions  of  the  environments  to  which  individual  aircraft  have  been 
exposed. 
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2.1  INTRODUCTION 

For  several  years  the  author  and  his  colleagues  have  explored  and  promoted  a  holistic  approach  to  life 
assessment  of  corroded  and  non-corroded  structural  components.  The  philosophy  considers  the  structural 
integrity  of  parts  in  a  broad  -  cradle  to  grave  -  approach  where  all  impacting  factors  are  taken  into 
account.  Along  this  journey  it  has  been  found  that  established  terms  and  definitions  do  not  always 
adequately  describe  the  conditions  being  considered,  and  for  this  reason  some  new  and  some  modified 
concepts  have  been  developed.  This  chapter  presents  the  authors  latest  thinking  on  this  topic,  but  before 
tackling  the  many  intricacies  of  corrosion  fatigue  and  environmentally  assisted  cracking  of  structures  it 
would  be  informative  to  review  the  origins  of  holistics.  Some  of  the  early  concepts  have  been  described  by 
Reference  [1]  where  many  of  the  following  ideas  have  been  formulated. 

“Ironically,  scientific  insights  into  the  brain's  holistic  talents  -  its  right-hemisphere  capacity  to 
comprehend  wholes  -  raise  serious  questions  about  the  scientific  method  itself.  Science  has  always  tried  to 
understand  nature  by  breaking  things  into  their  parts.  Now  it  is  overwhelmingly  clear  that  wholes  cannot 
be  understood  by  analysis.  This  is  one  of  those  logical  boomerangs,  like  the  mathematical  proof  that  no 
mathematical  system  can  be  truly  coherent  in  itself.  " 

“The  Greek  prefix  syn  (“together  with  "),  as  in  synthesis,  synergy,  syntropy,  becomes  increasingly 
meaningful.  When  things  come  together  something  new  happens.  In  relationship  there  is  novelty,  creativity, 
and  richer  complexity.  Whether  we  are  talking  about  chemical  reactions  or  human  societies,  molecules  or 
international  treaties,  there  are  qualities  that  cannot  be  predicted  by  looking  at  the  individual  components.  ” 

“Half  a  century  ago  in  Holism  and  Evolution,  Ian  Smuts  tried  to  synthesize  Darwin ’s  evolutionary  theory, 
Einstein ’s  physics,  and  his  own  insights  to  account  for  the  evolution  of  mind  as  well  as  matter.  " 

“Wholeness,  Smuts  said,  is  a  fundamental  characteristic  of  the  universe  -  the  product  of  nature's  drive  to 
synthesize.  “Holism  is  self-creative,  and  its  final  structures  are  more  holistic  than  its  initial  structures.  " 
These  wholes  -  in  effect,  these  unions  -  are  dynamic,  evolutionary,  and  creative.  They  thrust  toward  ever- 
higher  orders  of  complexity  and  integration.  “Evolution, "  Smuts  said,  “has  an  ever  deepening,  inward 
spiritual  character. " 

“As  we’ll  see  shortly,  modern  science  has  verified  the  quality  of  whole-making,  the  characteristic  of 
nature  to  put  things  together  in  an  ever-more  synergistic,  meaningful  pattern.  General  Systems  Theory, 
a  related  modem  concept,  says  that  each  variable  in  any  system  interacts  with  the  other  variables  so 
thoroughly  that  cause  and  effect  cannot  be  separated.  A  single  variable  can  be  both  cause  and  effect. 
Reality  will  not  be  still.  Similarly,  it  cannot  be  taken  apart!  One  cannot  understand  a  cell,  a  rat,  a  brain 
structure,  a  family,  or  a  culture  if  one  isolates  it  from  its  context.  Relationship  is  everything.  " 

“Ludwig  von  Bertalanffy  said  that  General  Systems  Theory  aims  to  understand  the  principles  of  wholeness 
and  self-organization  at  all  levels.  Its  applications  range  from  the  biophysics  of  cellular  processes  to  the 
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dynamics  of  populations,  from  the  problems  of  physics  to  those  of  psychiatry  and  those  of  political  and 
cultural  units.  ” 

i(General  Systems  Theory  is  symptomatic  of  a  change  in  our  worldview.  No  longer  do  we  see  the  world  in 
a  blind  play  of  atoms,  but  rather  a  great  organization.  ” 

(<This  theory  says  that  history,  while  interesting  and  instructive,  may  not  predict  the  future  at  all.  Who  can 
say  what  the  dance  of  variables  will  produce  tomorrow...  next  month....  next  year?  Surprise  is  inherent  in 
nature.  ” 

2.2  TERMS  AND  DEFINITIONS 

ADP-Age  Degradation  Process:  Any  one  of  or  combination  of  physical  or  chemical  degradation  processes 
such  as  fatigue,  environmental  effects  (corrosion  on  metals  and  joints),  creep,  wear,  and  synergisms  of  these. 

Anomalous:  From  Merriam  Webster  computer  dictionary.  This  word  was  recently  used  by  Bob  Eastin  to 
refer  to  corrosion,  etc.  Continuing  discussions  about  the  use  of  this  term  or  the  following  terms  for 
corrosion,  fretting,  creep,  etc.,  in  conjunction  with  fatigue  have  led  to  the  notion  of  inconsistency, 
of  deviation  from  what  is  usual,  normal,  or  expected:  IRREGULAR,  UNUSUAL.  Similarly  it  introduces 
the  notion  of  uncertainty  in  nature  or  classification.  The  meaning  is  characterized  by  incongruity  or 
contradiction:  for  synonyms  see  IRREGULAR 

Extraneous:  From  Merriam  Webster  computer  dictionary.  This  term  was  one  the  author  used  in  papers  to 
describe  the  extrinsic  influences  that  should  often  be  considered  either  concurrently  with  cyclic  loading  or 
sequentially.  However,  he  has  never  considered  any  of  the  following  to  be  anomalous: 

1)  Existing  on  or  coming  from  the  outside. 

2)  Not  forming  an  essential  or  vital  part. 

3)  Being  a  number  obtained  in  solving  an  equation  that  is  not  a  solution  of  the  equation  ^extraneous 
roots*  (synonyms  see  EXTRINSIC). 

CLD  -  Crack  Like  Discontinuity:  A  discontinuity  that  meets  the  criteria  for  a  crack.  A  stress  singularity 
exists  near  or  at  the  tip  of  the  discontinuity;  no  “traction  forces”  exist  on  the  surfaces  of  the  discontinuity. 

DADTA  -  Durability  And  Damage  Tolerance  Analysis:  The  procedure  of  performing  an  analysis  of 
durability  and  damage  tolerance.  This  is  an  analysis  of  the  ability  of  the  airframe  or  component  to  resist 
damage  (including  fatigue  cracking,  environmentally  assisted  cracking,  hydrogen  induced  cracking, 
corrosion,  thermal  degradation,  delamination,  wear,  and  the  effects  of  foreign  objects),  and  failure  due  to 
the  presence  of  damage,  for  a  specified  period  of  unrepaired  usage. 

Defect  -  (various  definitions  exist):  The  most  common  definition  is  any  feature  that  is  outside  the  boundary 
conditions  of  a  given  component/product  design  that  will  make  the  component/product  incapable  of  meeting 
its  requirements  when  it  is  needed.  Defects  are  also  defined  related  to  product  manufacturing  and  also  related 
to  representation  of  the  product. 

Examples  are: 

•  Manufacturing  Defects  -  When  the  product  departs  from  its  intended  design,  even  if  all  possible 
care  has  been  exercised. 

•  Design  Defects  -  When  the  foreseeable  risks  of  harm  posed  by  the  product  could  have  been 
reduced  or  avoided  by  the  adoption  of  a  reasonable  alternative  design,  and  failure  to  use  the 
alternative  design  renders  the  product  not  reasonably  safe. 
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•  Inadequate  Instructions  or  Warnings  Defects  -  When  the  foreseeable  risks  of  harm  posed  by 
the  product  could  have  been  reduced  or  avoided  by  reasonable  instructions  or  warnings,  and  their 
omission  renders  the  product  not  reasonably  safe. 

DEP  -  Discontinuity  Evolution  Process:  The  specific  process  by  which  a  population  of  discontinuities 
evolves. 

DNP  -  Discontinuity  Nucleation  Process:  Any  specific  physical  or  chemical  processes  that  may  nucleate 
or  form  a  discontinuity  not  inherent  to  a  material.  For  example,  in  some  materials  fatigue  deformation 
occurs  by  both  dislocation  movement  and  the  production  of  slip  bands  on  external  or  internal  surfaces  or 
by  grain  or  twin  boundary  decohesion.  The  slip  band  mentioned  is  thus  a  nucleated  discontinuity. 
Furthermore  in  some  aluminum,  titanium,  and  steel  alloys  (as  well  as  others)  intrinsic  particles  are  known 
to  nucleate  corrosion  pits  if  the  Pitting  Potential  for  nucleation  is  achieved.  The  pit  is  formed  by  a  DNP. 

DS  -  Discontinuity  State:  See  IDS,  EDS,  and  MDS  below. 

DSEP  -  Discontinuity  State  Evolution  Process:  The  specific  physical  or  chemical  processes  by  which 
the  discontinuity  state  evolves.  The  major  forms  of  time  dependent  or  related  phenomena  by  which  the 
state  is  changed  are  corrosion  (more  generally  environmental  degradation),  creep,  fatigue,  wear  and 
sequential  combinations  and  synergisms  of  them.  See  EDS  below. 

DSER  -  Discontinuity  State  Evolution  Response:  Any  change  in  state  of  an  IDS  population. 

EAC  -  Environmentally  Assisted  Cracking:  May  occur  under  sustained  load  from  either  applied  load  or 
“residual  stresses”  EACsi.  It  may  also  occur  under  either  constant  amplitude  cyclic  forces  or  variable 
amplitude  cyclic  forces  EACfatigue. 

ECD  -  Equivalent  Corrosion  Damage:  A  Modified  Discontinuity  State  (MDS)  at  some  specific  time 
that  is  made  equivalent  to  a  crack  size  often  referred  to  as  a  “flaw”  to  start  a  residual  life  assessment  by 
sub-critical  crack  growth  analysis. 

EDS  -  Evolving  Discontinuity  State:  The  description  of  the  evolution  of  the  discontinuity  and  the 
progression  of  changes  to  the  discontinuity  or  population  of  discontinuities  over  time  and  cyclic  load 
exposures.  (Subsequent  to  either  the  nucleation  of  a  discontinuity  or  the  activation  of  an  IDS  by  a  specific 
physical  or  chemical  process  acting  alone  or  conjointly  the  resultant  discontinuity  or  population  of  them 
may  evolve  in  state  with  time  or  cyclic  load  exposure.  Various  metrics  are  used  to  describe  the  EDS). 

EIFS  -  Equivalent  Initial  Flaw  Size:  A  term  used  to  describe  a  discontinuity  size  usually  determined  by 
extrapolation  from  a  set  of  fatigue  data.  The  EIFS  has  no  direct  relationship  to  any  specific  IDS. 

FCP  -  Fatigue  Crack  Propagation:  Extension  of  a  crack  under  cyclic  or  repeated  loads.  The  stages  of 
crack  propagation  are  divided  into  four  phases,  viz.;  1)  small  or  short  crack  propagation,  long  crack 
propagation  in  the  linear  elastic  regime,  and  long  crack  propagation  in  either  the  elastic-plastic  or  fully 
plastic  regime. 

The  following  definitions  related  to  fretting  are  from  Reference  [2]. 

Fretting,  n  -  in  tribology :  Small  amplitude  oscillatory  motion,  usually  tangential,  between  two  solid 
surfaces  in  contact.  Here  the  term  fretting  refers  only  to  the  nature  of  the  motion  without  reference  to  the 
wear,  corrosion,  or  other  damage  that  may  ensue.  The  term  fretting  is  often  used  to  denote  fretting 
corrosion  and  other  forms  of  fretting  wear.  Usage  in  this  sense  is  discouraged  due  to  the  ambiguity  that 
may  arise. 
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Fretting  Corrosion,  n:  A  form  of  fretting  wear  in  which  corrosion  plays  a  significant  role. 

Fretting  Wear,  n:  Wear  arising  as  a  result  of  fretting  (see  Fretting). 

See  later  part  of  this  document  for  fretting  fatigue,  fretting  plus  fatigue,  etc.,  which  are  non-standard 
definitions. 

HOLISTIC:  The  whole  and  not  fragmented  actions  in  the  structural  integrity  design  process. 
See  introductory  remarks  above  and  items  below. 

IDS  -  Initial  Discontinuity  State:  The  initial  (intrinsic)  population  of  discontinuities  that  are  in  a  structure 
made  of  a  given  material  as  it  was  manufactured  in  a  given  geometric  form.  The  IDS  is  a  geometric  and 
material  characteristic  that  is  a  function  of  composition,  microstructure,  phases  and  phase  morphology, 
and  the  manufacturing  process  used  to  process  the  material.  The  geometric  and  material  discontinuities 
can  be  modeled  separately.  Examples  of  material  IDS  types  include  constitutive  particles,  inclusions, 
grain  boundaries,  segregated  phases,  phase  boundaries,  voids  (vacancies,  micro-porosity,  and  porosity)  and 
intrinsic  cracks,  etc.  Manufacturing  processes  such  as  machining  and  assembly  can  introduce  additional 
discontinuities  at  fasteners,  fillets,  etc.,  that  extend  the  tail  (larger  discontinuity  sizes)  of  the  IDS  distribution. 

IDSmat  -  Initial  Discontinuity  State  associated  with  a  material:  The  initial  population  of  intrinsic 
material  discontinuities.  See  IDS. 

IDSmfg  -  Initial  Discontinuity  State  associated  with  manufacturing  of  a  given  type:  The  resultant  effect 
on  the  population  of  discontinuities  from  a  given  manufacturing  process  or  sequence  of  manufacturing 
processes  including  joining  of  the  three  major  types  (viz.  mechanical  joining,  thermal  joining  and  adhesive 
bonding). 

IDSgeo  -  Initial  geometric  discontinuity:  The  initial  geometric  discontinuities  in  a  product.  These  often 
are  generally  referred  to  as  a  “notch”. 

Integrity:  Three  concepts  provide  the  basis  of  integrity,  namely: 

1)  Firm  adherence  to  a  code  of  especially  moral  or  artistic  values:  INCORRUPTIBILITY. 

2)  An  unimpaired  condition:  SOUNDNESS. 

3)  The  quality  or  state  of  being  complete  or  undivided:  COMPLETENESS. 

Material  Behavior:  Response  of  a  material  to  various  factors  such  as  chemical  environment,  forces, 
thermal  environment,  etc.  Appropriate  units  must  be  used.  Examples  are  fatigue  behavior,  environmentally 
assisted  crack  propagation. 

Material  Property  Designators:  See  Mil  Handbook  5,  Section  9.2.2,  Data  Basis,  T,  S,  A,  B. 

“Section  9.2.2. 1,  Data  Basis  -  There  are  four  types  of  room-temperature  mechanical  properties  included  in 
MIL  HDBK-5.  They  are  listed  here,  in  order,  from  that  having  the  least  statistical  confidence  to  that 
having  the  highest  statistical  confidence,  as  follows: 

•  Typical  Basis:  A-typical  property  value  is  an  average  value  and  has  no  statistical  assurance 
associated  with  it. 

•  S-Basis:  This  designation  represents  the  specification  minimum  value  established  by  the  governing 
industry  specification  (as  issued  by  standardization  groups  such  as  SAE  Aerospace  Materials 
Division,  ASTM,  etc.)  or  federal  or  military  standards  for  the  material.  (See  MIL-Sm-970  for  order 
of  preference  of  specifications.)  For  certain  products  heat  treated  by  the  user  (for  example,  steels 
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hardened  and  tempered  to  a  designated  Ftu),  the  S-value  may  reflect  a  specified  quality-control 
requirement.  Statistical  assurance  associated  with  this  value  is  not  known. 

•  B-Basis:  This  designation  indicates  that  at  least  90  percent  of  the  population  of  values  is  expected 
to  equal  or  exceed  the  statistically  calculated  mechanical  property  value,  with  a  confidence  of 
95  percent. 

•  A-Basis:  The  lower  value  of  either  a  statistically  calculated  number,  or  the  specification  minimum 
(S-basis).  The  statistically  calculated  number  indicates  that  at  least  99  percent  of  the  population  is 
expected  to  equal  or  exceed  the  statistically  calculated  mechanical  property  value  with  a  confidence 
of  95  percent. 

Material  Response  Characteristic:  The  manner  in  which  a  material  behaves  when  subjected  to  a  set  of 
external  parameters  in  a  given  condition  of  manufacture  and  geometry  and  joint.  External  parameters  are 
cyclic  forces  (fatigue),  different  rates  of  force  application,  chemical  environments,  thermal  environments, 
neutron  environments,  irradiation  environments,  contact  conditions,  wear  conditions,  and  synergisms  of 
these. 

MDS  -  Modified  Discontinuity  State:  This  is  described  as  the  physical  state  of  a  discontinuity  or  damage 
state  at  any  given  time  in  its  evolution.  Various  metrics  may  be  used  to  describe  the  state.  Example  1  - 
A  crack  has  grown  to  a  given  size  and  is  an  MDS  at  a  specific  time  and  thus  size.  Example  2  -  A  corrosion 
pit  has  grown  to  a  state  at  some  point  in  time.  The  IDS  may  progress  (EDS)  to  various  MDS  values 
through  the  mechanisms  of  corrosion,  creep,  fatigue,  wear  or  combinations  of  these  over  time. 

MSD  and  MED:  “Multiple  Site  Damage  (MSD)  is  a  source  of  WFD  characterized  by  the  simultaneous 
presence  of  fatigue  cracks  in  the  same  structural  element  (e.g.,  fatigue  cracks  that  may  coalesce  with  or 
without  other  damage  leading  to  the  loss  of  the  residual  strength).  Multiple  Element  Damage  (MED)  is  a 
source  of  WFD  characterized  by  the  simultaneous  presence  of  fatigue  cracks  in  similar  adjacent  structural 
elements.  The  development  of  cracks  at  multiple  locations  (both  MED  and  MSD)  may  result  in  strong 
interactions  that  can  affect  subsequent  crack  growth,  in  which  case  the  predictions  for  local  cracking  would 
no  longer  apply.  An  example  of  this  situation  may  occur  at  a  fuselage  skin  lap  joint.  Simultaneous  cracking 
at  many  fasteners  along  a  common  rivet  line  may  reduce  the  residual  strength  of  the  joint  below  required 
levels  before  the  cracks  are  readily  detectable  during  routine  maintenance.”  From  FAA  AC  91-56. 

Prognosis:  The  prospect  of  recovery  as  anticipated  from  the  usual  course  of  disease  or  peculiarities  of  the 
case.  “MOD  policy  for  the  development  and  exploitation  of  prognostic  technology”,  Author  CTS  REL1B, 
Squadron  Leader-Fergus  Hawkins,  UK-MOD.  “The  process  of  using  one  or  more  parameters  to  predict 
the  condition  of  a  system  at  a  defined  point  in  its  future  operation”.  These  parameters  may  be  data 
measured  by  in-line  sensors,  derived  from  off-line  monitoring  processes,  empirical  observations  or  any 
appropriate  combination  of  these.  From  Dr.  J.  Cook,  AHM  Group,  ES  (Air),  24/3/03. 

PSE  -  Principal  Structural  Element 

Safe  Life:  A  term  usually  taken  to  mean  structural  design  based  on  ideal  continuum  mechanics  assumptions 
and  practices  without  consideration  of  cracks  or  crack  like  discontinuities  and  based  on  the  assumptions  of 
homogeneity  and  continuity.  In  traditional  safe  life  design  toughness,  sub-critical  crack  growth,  directed 
inspection  and  inspection  intervals  are  not  dealt  with  for  fatigue,  corrosion  and  related  items. 

Structure:  “1:  The  action  of  building,  as  in  CONSTRUCTION.  2a:  Something  (as  a  building)  that  is 
constructed.  2b:  Something  arranged  in  a  definite  pattern  of  organization  (a  rigid  totalitarian  structure,  leaves 
and  other  plant  structures).  3:  Manner  of  construction,  (MAKEUP,  Gothic  in  structure).  4a:  The  arrangement 
of  particles  or  parts  in  a  substance  or  body  (soil  structure,  molecular  structure).  4b:  Organization  of  parts  as 
dominated  by  the  general  character  of  the  whole  (economic  structure,  personality  structure).  5:  The  aggregate 
of  elements  of  an  entity  in  their  relationships  to  each  other.” 
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SSL  -  Structurally  Significant  Location:  The  significant  locations  on  a  structure  determined  by  the 
potential  behavior  and  changes  in  state  that  may  occur  in  the  structure  related  to  its  use  under  conditions  of 
interest. 

SSI  -  Structurally  Significant  Item:  See  Appendix  2-1. 

Surface  Morphology: 

Morphology  -  From  Merriam  Webster  computer  dictionary: 

“la:  A  branch  of  biology  that  deals  with  the  form  and  structure  of  animals  and  plants,  lb:  The  form  and 
structure  of  an  organism  or  any  of  its  parts.  2a:  A  study  and  description  of  word  formation 
(as  inflection,  derivation,  and  compounding)  in  language.  2b:  The  system  of  word-forming  elements  and 
processes  in  a  language.  3a:  A  study  of  structure  or  form.  3b:  STRUCTURE,  FORM.  4:  The  external 
structure  of  rocks  in  relation  to  the  development  of  erosional  forms  or  topographic  features.” 

Surface  Topography: 

Topography  -  From  Merriam  Webster  computer  dictionary: 

“la:  The  art  or  practice  of  graphic  delineation  in  detail  usually  on  maps  or  charts  of  natural  and  man¬ 
made  features  of  a  place  or  region  especially  in  a  way  to  show  their  relative  positions  and  elevations, 
lb:  Topographical  surveying.  2a:  The  configuration  of  a  surface  including  its  relief  and  the  position  of 
its  natural  and  man-made  features.  2b:  The  physical  or  natural  features  of  an  object  or  entity  and  their 
structural  relationships.” 

Surface  Topology: 

Topology  -  From  Merriam  Webster  computer  dictionary: 

1:  Topographic  study  of  a  particular  place;  specifically  the  history  of  a  region  as  indicated  by  its 
topography.  2a  (1):  A  branch  of  mathematics  concerned  with  those  properties  of  geometric 
configurations  (as  point  sets)  which  are  unaltered  by  elastic  deformations  (as  a  stretching  or  a 
twisting)  that  are  homeomorphisms,  (2):  the  set  of  all  open  sub-sets  of  a  topological  feature. 

Validate:  la:  To  make  legally  valid,  lb:  To  grant  official  sanction  to  by  marking,  lc:  To  confirm  the 
validity  of  (an  election);  and  also  to  declare  (a  person)  elected.  2:  To  support  or  corroborate  on  a  sound  or 
authoritative  basis  experiments  designed  to  validate  the  hypothesis. 

Verify:  1 :  To  confirm  or  substantiate  in  law  by  oath.  2:  To  establish  the  truth,  accuracy,  or  reality  of. 

Widespread  Corrosion  Damage:  Corrosion  damage  that  is  global  on  either  a  PSE  or  SSI  or  both  and 
damage  that  may  extend  to  one  or  more  structural  elements. 

WFD  -  Widespread  Fatigue  Damage:  Uniformly  loaded  structure  may  develop  cracks  in  adjacent 
fasteners,  or  in  adjacent  similar  structural  details,  which  interact  to  reduce  the  damage  tolerance  of  the 
structure  in  a  manner  which  may  not  be  readily  detectable.  Widespread  Fatigue  Damage  (WFD)  is 
characterized  by  the  simultaneous  presence  of  cracks  at  multiple  structural  details  that  are  of  sufficient  size 
and  density  whereby  the  structure  will  no  longer  meet  its  damage  tolerance  requirement,  §  25.571 
(e.g.,  not  maintaining  required  residual  strength  after  partial  structural  failure).  Multiple  Site  Damage 
(MSD)  is  a  source  of  WFD  characterized  by  the  simultaneous  presence  of  fatigue  cracks  in  the  same 
structural  element  (e.g.,  fatigue  cracks  that  may  coalesce  with  or  without  other  damage  leading  to  the  loss  of 
the  residual  strength).  Multiple  Element  Damage  (MED)  is  a  source  of  WFD  characterized  by  the 
simultaneous  presence  of  fatigue  cracks  in  similar  adjacent  structural  elements.  The  development  of  cracks  at 
multiple  locations  (both  MED  and  MSD)  may  result  in  strong  interactions  that  can  affect  subsequent  crack 
growth,  in  which  case  the  predictions  for  local  cracking  would  no  longer  apply.  An  example  of  this  situation 
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may  occur  at  a  fuselage  skin  lap  joint.  Simultaneous  cracking  at  many  fasteners  along  a  common  rivet  line 
may  reduce  the  residual  strength  of  the  joint  below  required  levels  before  the  cracks  are  readily  detectable 
during  routine  maintenance.  From  FAA  AC  91-56A  4/29/98. 


2.3  LIST  OF  DEFINITIONS  RELATED  TO  CORROSION  FATIGUE  AND 
STRESS  CORROSION  CRACKING 

The  following  definitions  are  taken  from  Reference  [3]. 

Corrosion  Fatigue:  The  process  in  which  a  metal  fractures  prematurely  under  conditions  of  simultaneous 
corrosion  and  repeated  cyclic  loading  at  lower  levels  or  fewer  cycles  than  would  be  required  in  the  absence 
of  the  corrosive  environment.  See  for  example  G15-99B,  Page  69. 

Corrosion  Fatigue  Strength:  The  maximum  repeated  stress  that  can  be  endured  by  a  metal  without 
failure  under  definite  conditions  of  corrosion  and  fatigue  and  for  a  specific  number  of  stress  cycles  and  a 
specified  period  of  time.  See  for  example  G15-99B,  Page  69. 

Exfoliation  Corrosion:  Corrosion  that  proceeds  laterally  from  the  sites  of  nucleation  along  planes  parallel 
to  the  surface,  generally  at  grain  boundaries,  forming  corrosion  products  that  force  metal  away  from  the 
body  of  the  material  and  giving  rise  to  a  layered  appearance.  See  for  example  G15-99B. 

Pitting:  Corrosion  of  a  metal  surface,  confined  to  a  point  or  small  area  that  takes  the  form  of  small  cavities. 

Stress-Corrosion  Cracking:  A  cracking  process  that  requires  the  simultaneous  action  of  a  corrodent  and 
sustained  tensile  stress.  (This  excludes  corrosion-reduced  sections  which  fail  by  fast  fracture.  It  also  excludes 
intercrystalline  or  transcrystalline  corrosion  which  can  disintegrate  an  alloy  without  either  applied  or  residual 
stress.) 

The  following  definitions  are  taken  from  Reference  [4]. 

Corrosion  Fatigue:  The  process  by  which  fracture  occurs  prematurely  under  conditions  of  simultaneous 
corrosion  and  repeated  cyclic  loading  at  lower  stress  levels  or  fewer  cycles  than  would  be  required  in  the 
absence  of  the  corrosive  environment.  See  for  example  E1823-96,  Page  1016. 

EAC  -  Environment  Assisted  Cracking:  A  cracking  process  in  which  the  environment  promotes  crack 
growth  or  higher  crack  growth  rates  than  would  occur  without  the  presence  of  the  environment.  See  for 
example  E1823-96,  page  1028.  The  same  definition  appears  in  E  1681-95,  Page  944  (see  below). 

Fatigue:  The  process  of  progressive  localized  permanent  structural  change  occurring  in  a  material 
subjected  to  conditions  that  produce  fluctuating  stresses  and  strains  at  some  point  or  points  and  that  may 
culminate  in  cracks  or  complete  fracture  after  a  sufficient  number  of  fluctuations.  See  for  example  El  823- 
96,  Page  1019. 

The  following  definition  is  taken  from  Reference  [5]. 

Stress-Corrosion  Crack:  A  crack  which  may  be  intergranular  or  transgranular  depending  on  the  material, 
resulting  from  the  combined  action  of  corrosion  and  stress,  either  external  (applied)  or  internal  (residual). 
See  for  example  E7-97a,  Page  52. 

The  following  definitions  are  taken  from  Reference  [6]. 

SCC  -  Stress-Corrosion  Cracking:  A  cracking  process  that  requires  the  simultaneous  action  of  a 
corrodent  and  sustained  tensile  stress.  See  for  example  E1681-95,  Page  943. 
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EAC  -  Environment-Assisted  Cracking:  Same  as  above  in  E1823  -  96  and  E1681  -  95,  Page  944. 

The  author  has  found  no  standard  definitions  for  either  corrosion  -  fatigue  or  corrosion/fatigue.  Thus, 
unless  one  can  be  found  or  suggested  for  our  work  the  author  suggests  using  only  standard  terminology. 
Also,  some  other  definitions  have  been  added  in  the  following  appendix.  These  terms  are  all  often  used  at 
conferences  and  our  various  team  meetings. 

Additional  definitions  are  given  in  Appendix  2-1. 
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Appendix  2-1:  ADDITIONAL  DEFINITIONS 

The  definitions  in  this  section  are  not  standard  definitions. 


Corrosion  +  Fatigue:  Fatigue  occurs  in  a  material/structure  that  has  undergone  corrosion.  The  fatigue  may 
occur  as  either  pure  fatigue  or  corrosion  fatigue.  See  ASTM  definitions  previously  supplied. 

Corrosion  -  Fatigue:  Fatigue  occurs  in  a  material/structure  that  has  undergone  corrosion.  The  fatigue  may 
occur  as  either  pure  fatigue  or  corrosion  fatigue.  See  ASTM  definitions  previously  supplied. 

Corrosion/Fatigue:  Fatigue  occurs  in  a  material/structure  that  has  undergone  corrosion.  The  fatigue  may 
occur  as  either  pure  fatigue  or  corrosion  fatigue.  See  ASTM  definitions  previously  supplied. 

Fretting  Fatigue:  Fatigue  occurs  in  the  presence  of  fretting.  Thus,  the  action  is  concomitant. 
This  situation  occurs  in  many  holes  with  fasteners  moving  in  the  holes  or  on  faying  surfaces  in  splice 
joints.  It  is  also  a  significant  challenge  in  many  joints  of  helicopters  (both  airframes  and  rotor  system 
components),  engines,  landing  gears,  wire  cables  and  many  other  components. 

Fretting  +  Fatigue:  Fatigue  occurs  on  a  material/structure  that  has  undergone  fretting.  The  fatigue  may 
occur  as  either  pure  fatigue  or  corrosion  fatigue. 

Fretting/Fatigue:  Fatigue  occurs  on  a  material/structure  that  has  undergone  fretting.  The  fatigue  may 
occur  as  either  pure  fatigue  or  corrosion  fatigue. 

(Prior  Corrosion)  +  Fatigue:  Fatigue  occurs  in  a  material/structure  that  has  undergone  corrosion. 
The  fatigue  may  occur  as  either  pure  fatigue  or  corrosion  fatigue.  See  ASTM  definitions  previously  supplied. 

(Prior  Corrosion)  /  Fatigue:  Fatigue  occurs  in  a  material/structure  that  has  undergone  corrosion. 
The  fatigue  may  occur  as  either  pure  fatigue  or  corrosion  fatigue.  See  ASTM  definitions  previously  supplied. 

Mechanism  Overlap:  The  interaction  of  more  than  one  degradation  mechanism  in  generation  of  the 
degradation  condition  in  a  material/structure. 

Missed  Corrosion  +  Fatigue:  Fatigue  occurs  in  a  material/structure  that  has  undergone  corrosion. 
The  fatigue  may  occur  as  either  pure  fatigue  or  corrosion  fatigue.  See  ASTM  definitions  previously  supplied. 

Missed  Corrosion  /  Fatigue:  Fatigue  occurs  in  a  material/structure  that  has  undergone  corrosion. 
The  fatigue  may  occur  as  either  pure  fatigue  or  corrosion  fatigue.  See  ASTM  definitions  previously  supplied. 

SSI/Corrosion:  A  structurally  significant  item  designated  by  its  propensity  to  become  a  critical  item  based 
on  the  potential  for  corrosion  degradation  of  any  type. 

SSI  /  Corrosion  Fatigue:  A  structurally  significant  item  designated  by  its  propensity  to  become  a  critical 
item  based  on  the  potential  for  corrosion  fatigue  degradation. 

SSI/Fatigue:  A  structurally  significant  item  designated  by  its  propensity  to  become  a  critical  item  based 
on  the  potential  for  fatigue  degradation.  These  sites  are  usually  determined  by  durability  and/or  damage 
tolerance  assessment. 

SSI/Fatigue/Durability:  A  structurally  significant  item  designated  by  its  propensity  to  become  a  critical 
item  based  on  the  potential  for  fatigue  degradation  as  determined  by  the  durability  assessment. 
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SSI  /  Fatigue  /  Damage  Tolerance:  A  structurally  significant  item  designated  by  its  propensity  to  become  a 
critical  item  based  on  the  potential  for  fatigue  degradation  as  determined  by  the  damage  tolerance  assessment. 

SSI  /  Fretting  Fatigue:  A  structurally  significant  item  designated  by  its  propensity  to  become  a  critical 
item  based  on  the  potential  for  fretting  fatigue  degradation. 

SSI/SCC:  A  structurally  significant  item  based  on  its  propensity  to  undergo  the  degradation  mechanism  of 
stress  corrosion  cracking.  See  the  ASTM  standard  previously  supplied  on  stress  corrosion  cracking. 

SSL/Corrosion:  A  structurally  significant  location  designated  by  its  propensity  to  become  a  critical  location 
based  on  the  potential  for  corrosion  degradation  of  any  type. 

SSL  /  Corrosion  Fatigue:  A  structurally  significant  location  designated  by  its  propensity  to  become  a 
critical  location  based  on  the  potential  for  corrosion  fatigue  degradation. 

SSL/Fatigue/Durability:  A  structurally  significant  location  designated  by  its  propensity  to  become  a  critical 
location  based  on  the  potential  for  fatigue  degradation  as  determined  by  the  durability  assessment. 

SSL  /  Fatigue  /  Damage  Tolerance:  A  structurally  significant  item  designated  by  its  propensity  to  become  a 
critical  location  based  on  the  potential  for  fatigue  degradation  as  determined  by  the  damage  tolerance 
assessment. 

SSL  /  Fretting  Fatigue:  A  structurally  significant  item  designated  by  its  propensity  to  become  a  critical 
location  based  on  the  potential  for  fretting  fatigue  degradation. 

SSL/SCC:  A  structurally  significant  location  based  on  its  propensity  to  undergo  the  degradation  mechanism 
of  stress  corrosion  cracking.  See  the  ASTM  standard  previously  supplied  on  stress  corrosion  cracking. 

Local  Corrosion:  Corrosion  of  a  skin  or  web  (wing,  fuselage,  empennage,  or  strut)  not  exceeding  one 
frame,  stinger,  or  stiffener  bay)  or  corrosion  of  a  single  frame,  chord,  stringer,  or  stiffener,  or  corrosion  of 
more  than  one  frame,  chord,  stringer,  or  stiffener  but,  no  corrosion  on  two  adjacent  members  on  each  side 
of  the  corroded  member. 

Widespread  Corrosion:  Corrosion  of  two  or  more  adjacent  skin  or  web  bays  defined  by  frame,  stringer 
or  stiffener  spacing.  Or  corrosion  of  two  or  more  adjacent  frames,  chords,  stringers,  or  stiffeners. 

Level  1  Corrosion:  Corrosion  damage  occurring  between  successive  inspections  that  is  LOCAL  and  can 
be  re-worked/blended  out  within  allowable  limits  as  defined  by  the  manufacturer.  Or  Corrosion  damage 
that  is  local  but  exceeds  allowable  limits  and  can  be  attributed  to  an  event  not  typical  of  the  operator’s 
usage  of  other  airplane’s  in  the  same  fleet.  Or  Operator  experience  over  several  years  has  demonstrated 
only  light  corrosion  between  successive  inspections  but  latest  inspection  and  cumulative  blend-out  now 
exceed  allowable  limits. 

Level  2  Corrosion:  Corrosion  occurring  between  successive  inspections  that  require  re-work/blend-out 
which  exceeds  allowable  limits,  requiring  a  repair  or  complete  or  partial  replacement  of  a  principal  structural 
element  as  defined  by  the  original  equipment  manufacturer’s  structural  repair  manual.  Or  corrosion 
occurring  between  successive  inspections  that  is  widespread  and  requires  blend-out  approaching  the 
allowable  re-work  limits. 

Level  3  Corrosion:  Corrosion  found  during  the  first  or  subsequent  inspections,  which  is  determined 
(normally  by  the  operator)  to  be  a  potential  urgent  airworthiness  concern  requiring  expeditious  action. 

The  above  are  taken  from  Boeing  Commercial  Airplane  Company  and  FAA  documents. 
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Chapter  3  -  ANALYSIS  AND  COMPARISON  OF  COST 
OF  CORROSION  MAINTENANCE  RESULTS 

Garth  Cooke  and  Garth  Cooke  Jr. 

C2  Technology,  Inc. 

Beavercreek,  Ohio 
USA 


3.1  INTRODUCTION 

For  the  USAF,  and  most  other  western  nations,  new  aircraft  are  becoming  very  rare  and  extremely  expensive 
to  acquire.  As  a  result,  nations  of  the  NATO  alliance  have  the  choice  of  fulfilling  their  missions  with 
increasingly  older  aircraft,  or  reducing  the  military  commitments.  Given  that  military  commitments  are 
generally  a  political  decision  of  the  civilian  governments,  only  one  option  remains  open  to  military  planners. 
Corrosion  control  maintenance  is  an  important  driver  of  the  costs  of  maintaining  aircraft  and  an  ever  more 
important  component  of  maintenance  as  air  vehicles  become  older.  This  chapter  is  a  compilation  and 
analysis  of  results  from  Cost  of  Corrosion  Studies  conducted  in  1990,  1997,  2001  and  2004  [1],[2],[3],[4], 
[10].  (References  [1], [2],  [4],  and  [10]  can  be  found  at  the  Documents  tab  at  http:  //c2  techinc.com/. )  Each  of 
those  studies  was  conducted  for  the  US  Air  Force  Corrosion  Prevention  and  Control  Office,  and  the  primary 
authors  of  those  studies  were  Garth  Cooke  and  Rob  Cooke.  Back  in  the  1988/89  time  frame  corrosion  was  a 
recognized  driver  of  maintenance  actions  and  costs,  but  there  was  no  way  to  quantify  the  level  of  corrosion 
control  activities  throughout  the  USAF.  Several  databases  existed  that  purported  to  offer  a  partial  picture, 
but  many  activities,  and  generally  the  most  expensive  and  important  at  that,  fell  well  outside  any  accessible 
system.  The  authors  of  this  chapter,  whose  members  include  a  former  director  of  the  USAF  Corrosion 
Program  Office,  undertook  the  task  of  quantifying  the  total  cost  of  corrosion  maintenance  to  the  USAF. 
The  definition  and  methodology  developed  in  that  first  study  were  primary  drivers  of  all  subsequent  Cost  of 
Corrosion  Studies.  Each  of  the  individual  studies  addressed  only  direct  corrosion  maintenance  costs, 
and  excluded  from  consideration  classified  systems,  indirect  costs,  corrosion  costs  for  classified  systems,  and 
real  property  costs  such  as  those  associated  with  corrosion  control  facilities.  The  first  study  was  conducted  to 
obtain  the  total  costs  of  corrosion  control  activities  throughout  the  USAF,  and  underlying  data  were  used  for 
study  only  subsequent  to  the  original  collection.  The  information  obtained  proved  extremely  useful  for 
planning  purposes  and  for  directing  R&D  efforts  effectively.  As  the  detailed  costs  underlying  the  total  cost  of 
corrosion  maintenance  proved  to  be  useful  and  important,  the  subsequent  studies  were  conducted  to  obtain 
more  complete  underlying  data,  particularly  those  that  could  prove  useful  for  comparison  of  costs  over  time. 
References  1  through  4  can  be  consulted  for  a  complete  enumeration  of  maintenance  actions  included  or 
excluded  from  the  corrosion  cost  studies.  Bearing  in  mind  its  dependence  on  the  data  generated  by  the  four 
studies,  this  chapter  is  a  stand-alone  analysis  of  the  data  from  those  studies. 


3.2  ANALYSIS  OF  USAF  DIRECT  CORROSION  MAINTENANCE  COST 

The  purpose  of  the  four  Cost  of  Corrosion  Studies  (2004,  2001,  1997  and  1990)  was  to  quantify  the  total 
annual  cost  of  direct  corrosion  maintenance  to  the  US  Air  Force.  Each  of  the  studies  was  performed  by  the 
same  people  and  followed  largely  the  same  methodology,  thus  the  results  from  the  different  studies  are 
directly  comparable,  particularly  the  three  most  recent  studies.  Wherever  any  question  of  the  comparable 
methodology  is  known,  that  instance  is  documented  and  this  article  attempts  to  present  the  associated  costs 
from  both  the  new  methodology  and  the  costs  which  would  have  resulted  under  a  previous  methodology. 
Given  that  the  goal  of  each  study  was  to  determine  the  total  annual  costs  of  direct  corrosion  maintenance, 
it  naturally  follows  that  the  first  element  to  be  analyzed  is  the  total  annual  costs  for  all  of  the  four  study 
years.  In  this  section,  it  is  to  be  emphasized  that  these  studies  were  an  examination  of  the  total  USAF 
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corrosion  maintenance  cost  not  just  that  for  aircraft  related  corrosion.  They  were  an  attempt  to  look  at  all 
USAF  weapon  systems,  sub-systems,  and  support  equipment  and  included  aircraft,  munitions,  support 
equipment,  and  communications/electronics  equipment;  in  fact,  everything  except  Real  Property  and  Real 
Property  Installed  Equipment  (air  conditioning  equipment,  back-up  generators,  etc.). 

The  following  table,  Table  3-1,  presents  the  total  annual  costs  of  direct  corrosion  maintenance  in  then-year 
dollars  (the  costs  as  reported  in  the  respective  studies)  and  then  presents  the  costs  in  (the  more  appropriate 
for  comparison)  constant  2004  dollars. 

Table  3-1:  Total  Annual  Costs  of  Direct  Corrosion  in 
Then  Year  Dollars  and  ‘04  Dollars  (in  Millions). 

Total  Costs,  Then  Yr  Dollars,  in  Millions 
1990  1997  2001  2004 

$720  $795  $1,139  $1,497 

Total  Costs,  Adjusted  to  Constant  2004  Dollars 
1990  1997  2001  2004 

$926  $857  $1,175  $1,497 


As  Table  3-1  clearly  demonstrates,  costs  have  not  remained  constant,  neither  in  absolute  dollar  terms,  nor 
in  constant  dollar  terms.  From  1990  to  1997  the  total  annual  cost  of  corrosion  maintenance  increased 
slightly  in  absolute  dollars,  but  actually  decreased  in  constant  dollars.  The  total  costs  for  2001,  however, 
showed  a  sharp  increase  in  both  absolute  as  well  as  constant  dollars,  and  2004  again  showed  a  sharp 
increase  in  costs.  In  fact,  from  1990  to  2001  the  annual  cost  of  direct  corrosion  maintenance  increased 
27%  faster  than  the  inflation  rate  (using  the  O&M,  non-pay,  non-fuel,  inflation  indices),  and  the  2004 
report  shows  that  the  increase  was  even  greater  -  with  corrosion  costs  increasing  60%  in  constant  dollars 
from  1990  to  2004.  From  1997  to  2001  the  annual  cost  of  direct  corrosion  maintenance  increased  37% 
faster  than  the  inflation  rate,  and  the  cost  from  2001  to  2004  showed  an  increase  that  was  27%  greater  than 
the  inflation  rate.  The  inflation  adjusted  costs  for  corrosion  maintenance  decreased  from  1990  to  1997, 
but  this  decrease  was  related  more  to  force  structure  changes  than  to  a  decrease  in  the  expenses  of  direct 
corrosion  maintenance  (see  the  1997  corrosion  report  [2],  for  further  discussions  on  this  subject). 

Perhaps  of  more  interest  than  simply  comparing  the  changes  in  total  annual  corrosion  costs  from  study  year 
to  study  year,  is  a  comparison  of  the  change  in  direct  corrosion  maintenance  costs  as  an  element  in  the 
overall  Air  Force  Operations  and  Maintenance  (O&M)  budget.  Table  3-2  provides  both  the  total  annual  costs 
for  direct  corrosion  maintenance  as  presented  in  Table  3-1,  and  the  relative  role  of  corrosion  in  the  respective 
O&M  budgets.  As  the  table  indicates,  the  AF  O&M  budget  was  reduced,  in  constant  dollars,  from  1990 
through  the  2001  study,  but  increased  substantially  in  the  three  years  leading  up  to  2004.  Table  3-2  also 
indicates  that  the  corrosion  maintenance  costs  have  grown  sharply  since  1997,  rising  27%  since  2001,  after  a 
slight  decline  in  total  constant  costs  between  1990  and  1997.  In  fact,  even  when  the  corrosion  costs  were 
shrinking  in  constant  dollars  (-7%)  the  reduction  was  far  less  than  the  reduction  in  the  AF  O&M  budget 
(-24%).  Therefore,  direct  corrosion  maintenance  has  required  a  growing  share  relative  to  the  AF  O&M 
budget.  Even  in  1997,  when  the  cost  of  corrosion  maintenance  decreased  in  constant  dollars,  the  proportion 
of  the  O&M  budget  required  for  corrosion  maintenance  increased.  Between  the  1990  Cost  of  Corrosion 
study  and  the  2001  study,  the  corrosion  maintenance  share  of  the  AF  O&M  budget  grew  from  2.86%  of  the 
budget  to  3.88%.  For  the  current  study,  the  corrosion  maintenance  portion  of  the  overall  O&M  budget 
remains  3.88%.  The  steady  corrosion  maintenance  proportion  does  not,  however,  reflect  a  static  situation 
over  the  past  three  years,  rather  the  costs  of  corrosion  maintenance  and  the  overall  USAF  O&M  budget  have 
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both  increased  dramatically  in  recent  years  with  the  O&M  budget  rising  from  $29B  to  $38B  in  just  three 
years  between  2001  and  2004. 


Table  3-2:  Total  Corrosion  Costs  vs.  USAF  O&M  Budget,  in  ‘04  Dollars  (in  Millions). 

Total  Costs,  Then  Yr  Dollars 

1990  1997  2001  2004 

$720  $795  $1,139  $1,497 

AF  O&M  Budget,  Then  Yr  Dollars 

1990  1997  2001  2004 

$25,160  $22,728  $29,328  $38,406 

Total  Costs,  Adjusted  to  2004  $’s 

1990  1997  2001  2004 

$926  $857  $1,175  $1,497 

AF  O&M  Budget,  Adjusted  to  ‘04  $’s 

1990  1997  2001  2004 

$32,342  $24,512  $30,246  $38,406 

Percentage  Change  in  Adjusted  Costs  (Growth 
in  Total  Corrosion  Costs  Above  Inflation) 

90  to  04  97  to  04  01  to  04 

61.0%  73.8%  27.4% 

Percentage  Change  in  Adjusted 

AF  O&M  Budget 

90  to  04  97  to  04  01  to  04 

18.7%  56.7%  27.0% 

Depot  Corrosion  Maintenance  Dollars  in 
Constant  2004  $’s  (in  Millions) 

1990  1997  2001  2004 

$736  $713  $854  $1,053 

90  to  04  97  to  04  01  to  04 

36.1%  40.4%  17.2% 

Corrosion  Proportion  of 

AF  O&M  Budget 

1990  1997  2001  2004 

2.86%  3.50%  3.88%  3.90% 

90  to  04  97  to  04  01  to  04 

36%  11%  0% 

Fleet  Size  During 

Study  Year 

8,722  5,991  6,075  6,066 

Corrosion  Cost  Growth  ‘90  to  04  as  a 
Constant  Compounding  Annual  Rate 

5.23% 

Figure  3-1,  Role  of  Direct  Corrosion  Maintenance  in  AF  O&M  Budget,  graphically  illustrates  the  impact 
of  corrosion  maintenance  on  the  budget.  It  shows  quite  clearly  that  the  reduction  in  corrosion  maintenance 
expenditures  in  the  1990  -  1997  period  of  shrinking  defence  budgets  was  slower  than  the  drop  in  the 
overall  budget,  and  once  the  budgets  started  to  recover,  the  corrosion  maintenance  costs  grew  quickly  and 
have  remained  a  cost  driver  within  the  O&M  Budget. 
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Figure  3-1:  Role  of  Direct  Corrosion  Maintenance  in  the  AF  O&M  Budget  (in  Millions). 


3.3  SPECIFIC  COST  ANALYSIS 

Whereas  the  previous  section  provided  total  USAF  direct  corrosion  maintenance  costs  for  everything 
except  Real  Property  and  Real  Property  Installed  Equipment  and  its  impact  within  the  total  USAF  budget, 
the  remainder  of  this  paper  addresses  aircraft  related  corrosion  maintenance,  the  main  driver  of  corrosion 
costs  and  the  main  concern  of  the  Air  Force.  First,  we  shall  discuss  methodologies  and  results  for  each  of  the 
individual  studies,  specifically  examining  the  reasoning  supporting  certain  key  decisions  in  establishing 
methodologies  and  the  results  achieved.  Then,  we  shall  focus  on  two  means  of  evaluating  the  costs  of  aircraft 
corrosion  maintenance: 

•  Overall  (aggregate)  weapon  system  wide  (fleet)  corrosion  maintenance  costs;  and 

•  The  per-aircraft  corrosion  maintenance  costs  within  a  weapon  system  type. 

3.3.1  Developing  a  Cost  Analysis  Methodology 

In  developing  a  cost  analysis  methodology,  it  was  apparent  that  two  key  goals  had  to  be  met.  First,  we  had  to 
capture  costs  associated  with  all  aspects  of  corrosion  maintenance;  and  second,  we  had  to  ensure  that  we 
captured  all  of  the  costs  associated  with  each  aspect  consistently  across  the  entire  USAF.  (The  discussion 
which  follows  applies,  in  most  part,  to  all  of  the  different  systems  and  sub-systems  considered  throughout  the 
four  studies,  but  for  the  purposes  of  this  chapter  we  shall  limit  the  discussion  to  aircraft.)  Since  we  were 
limited  to  examination  of  “direct  corrosion  maintenance”  the  corrosion  prevention  activities  and  their  costs 
which  have  to  be  considered  so  carefully  and  thoroughly  during  the  design  and  manufacturing  phases  of  an 
aircraft’s  life  were  not  considered  during  these  cost  studies.  Nor  were  the  engineering  and  management 
activities  involved  in  ensuring  that  a  thorough  and  effective  corrosion  prevention  and  control  program  is  in 
effect  for  each  weapon  system  in  the  USAF.  Finally,  the  Real  Property  and  Real  Property  Installed 
Equipment  which  are  needed  to  establish  effective  corrosion  prevention  and  control  programs  were  excluded 
from  these  studies  because  the  Military  Construction  Program  and  the  Civil  Engineering  programs  that  create 
these  entities  are  totally  separate  from  the  aircraft  maintenance  communities. 
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3.3. 1.1  Aspects  of  Corrosion  Maintenance 

Corrosion  maintenance  whether  performed  at  the  depot  or  the  field  level,  can  be  considered  as  a  cyclic 
process,  and  can  be  visualized  as  a  continual  circle  containing  three  essential  elements:  Clean,  Inspect,  and 
Repair. 

The  clean  aspect  is  essentially  concerned  with  two  crucial  elements  of  a  corrosion  program.  The  first  is  to 
periodically  remove  atmospheric  or  environmental  contaminants  -  which  are  frequently  hygroscopic  - 
from  the  surface  thus  hoping  to  prevent  the  formation  of  an  electrolyte  which  is  essential  to  creation  of  a 
corrosion  cell.  The  second  is  to  provide  a  clean  surface  so  as  to  enhance  the  ability  to  perform  the  next 
essential  element,  inspection.  In  some  instances,  this  cleaning  process  may  include  the  removal  of  protective 
coating  systems  so  that  the  inspection  can  take  place. 

The  inspection  requirement  for  corrosion  control  is  simply  to  ensure,  via  whichever  inspection  method  is 
most  appropriate  to  the  problem  at  hand,  that  corrosion  is  (or  is  not)  present  in  or  on  the  surface  of  interest. 

Finally,  the  third  aspect  of  the  maintenance  program  is  repair  of  corrosion  damage.  This  is  easily  the  most 
complex  of  the  three.  It  includes  rectification  of  the  corrosion  damage  through  either  replacement  of  the 
corroded  part  or  removal  of  the  corrosion  from  the  metal  part.  If  necessary,  faying  surface  sealant  or 
sealant  for  wet  installation  of  fasteners  or  some  similar  method  for  isolation  of  dissimilar  metals  must  be 
applied.  Then  the  protective  coating  system  (which  probably  includes  surface  etch,  primer,  and  top-coat 
application)  must  be  renewed. 

All  of  the  above  assume  that  one  has  gained  access  to  the  surface  under  consideration,  so  that  a  final  step 
is  required  in  that  the  aircraft  must  be  returned  to  an  operational  configuration  after  the  maintenance  is 
completed. 


3.3. 1.2  Capturing  All  Related  Costs 

This  section  describes  the  analysis  process  employed  to  ensure  that  all  appropriate  data  were  collected  and 
analyzed  properly.  A  multi-dimensional  cost  database  was  built,  as  the  data  for  these  studies  were  collected. 
The  dimensions  were  weapons  system,  cost  category,  and  location.  This  allowed  the  database  to  be  used  to 
answer  corrosion  cost  questions  for  specific  weapons  systems,  locations,  or  cost  categories.  The  cost 
categories  included  on-equipment  maintenance,  off-equipment  maintenance,  washing,  painting,  spares, 
inspections,  hazardous  material  handling  and  disposal,  and  special  facilities  and  processes.  Figure  3-2  is  a 
graphic  representation  of  this  database.  The  multi-dimensional  database  was  used  to  develop  the  cost  model 
matrix.  Along  the  system  axis  are  shown  the  weapons  systems  or  sub-systems  that  are  accumulating 
corrosion-related  maintenance  costs.  Along  the  location  axis  are  the  geographic  or  functional  places  where 
the  costs  are  accrued,  and  along  the  cost  category  axis  are  the  corrosion-related  maintenance  process 
elements  that  account  for  the  cost. 
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Weapon  System 


Figure  3-2:  Three-Dimensional  Data  Base  Illustration. 

Figure  3-3  (below)  illustrates  the  methodologies  that  were  used  to  fill  the  individual  cells  of  the  cost 
model  matrix.  Starting  at  the  bottom  of  the  figure,  the  man-hours  consumed  in  painting  F-16  aircraft  in 
each  of  the  commands  that  operate  F-16s  are  collected  from  each  base.  The  man-hour  total  for  each  base  is 
multiplied  by  the  appropriate  dollars  per  man-hour  figure,  obtained  from  AFI  65-503,  U.S.  Air  Force  Cost 
and  Planning  Factors,  and  placed  in  the  cell  for  that  base.  We  used  the  summary  cost  for  all  grades  from 
Table  A33-1  for  extracting  the  labor  hour  costs  from  AFI  65-503.  When  all  bases  have  been  analyzed  for 
all  operating  commands,  the  figure  will  be  entered  in  the  F-16  “command”  cell  of  the  slice  in  the  matrix 
labeled  “paint  hours”.  When  the  costs  of  painting  for  F-16s  at  depot  and  contractor  repair  facilities  are 
calculated,  they  will  also  be  added  to  the  appropriate  cells.  After  all  paint  hours  accumulators  are  entered, 
the  total  labor  cost  associated  with  painting  F-16s  can  be  obtained  from  summing  the  three  location  axis 
cells  for  F-16  paint  hours. 
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Figure  3-3:  Methodology  Illustration. 

The  cost  matrix  developed  for  these  studies  lends  itself  to  ready  feedback  to  the  data  collection  system. 
If  any  cell  in  the  matrix  is  empty,  that  cell  must  be  individually  analyzed  to  determine  what  pre-planned 
cost  element  has  not  been  completed.  It  is  entirely  possible  that  some  of  the  cost  elements  will  be  empty; 
however,  this  methodology  ensures  that  only  cost  elements  that  are  appropriately  empty  will  be  so.  That  is, 
no  cost  element  cell  can  inadvertently  be  left  empty.  Additionally,  any  element  of  the  cost  of  corrosion 
that  is  gathered  by  some  methodology  not  directly  recorded  in  dollars  will  be  an  empty  cell  until  it  has 
been  analyzed  and  an  appropriate  dollar  figure  applied.  This  methodology  ensures  that  man-hour  figures 
or  number  of  spares,  for  instance,  are  not  entered  inadvertently  instead  of  the  applicable  dollar  figure. 

3.3. 1.3  Corrosion  Maintenance  Definition 

In  establishing  the  data  collection  methodologies  for  the  four  studies,  it  was  apparent  that  everyone 
responding  to  a  request  for  data  had  to  consider  the  same  elements  in  the  corrosion  process  as  had  been 
agreed  to.  Accordingly,  the  following  definition  of  the  elements  of  the  USAF  corrosion  prevention  and 
control  program  were  adopted  and  employed  in  all  four  of  the  Cost  of  Corrosion  studies: 
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•  Cleaning  to  remove  surface  contaminants  or  to  facilitate  inspection. 

•  Stripping  of  protective  coatings  (regardless  of  purpose). 

•  Inspection  to  detect  corrosion  or  corrosion  related  damage. 

•  Treatment  of  corrosion  damage  (corrosion  removal,  sheet  metal  or  machinist  work,  replacement, 
etc.). 

•  Application  of  surface  treatment  (Alodine,  other  surface  etch). 

•  Application  of  faying  surface  sealant  (or  similar  sealing  for  corrosion  protection). 

•  Application  of  protective  coatings  (regardless  of  reason). 

•  Time  spent  gaining  access  to  and  closure  from  parts  requiring  any  of  the  above  activities. 

•  Preparation  and  clean-up  activities  associated  with  any  of  the  above. 

All  time  and  materials  consumed  in  performing  any  of  these  activities  were  considered  to  be  “direct 
corrosion  maintenance”  for  the  purposes  of  the  Cost  of  Corrosion  studies. 


3.3. 1.4  Obtaining  Data  to  Complete  the  Studies 

Virtually  all  of  the  data  required  to  complete  the  studies  were  obtained  through  interviews  with  appropriate 
personnel  at  the  various  bases,  depots,  and  contractor  sites  where  USAF  equipment  is  maintained. 

The  field  level  maintenance  data  were  collected  in  a  worksheet  that  was  sent  to  every  field  maintenance 
base  (except  Air  National  Guard  bases  which  were  handled  in  a  different  way  due  to  the  exceptionally 
large  number  of  such  bases)  by  their  respective  major  command  corrosion  manager.  We  had  an  amazing 
response  rate  of  almost  100%  on  the  questionnaires  prepared  and  sent  out  in  this  manner  (the  actual 
questionnaire  used  in  the  2004  study  is  available  at  an  appendix  to  Reference  [1]).  In  the  1990  study, 
we  had  not  used  the  questionnaire  -  instead  attempting  to  rely  on  REMIS  data  as  the  source  of  field  level 
data.  Subsequent  studies  used  the  questionnaire,  and  it  was  shown  that  this  resulted  in  data  at  least  twice  as 
extensive  as  had  been  collected  with  the  automated  system. 

Depot  data  were  collected  solely  by  interviews.  Most  of  these  data  were  based  on  discussions  with  depot 
engineers  regarding  the  Maintenance  Requirements  Review  Board  (MRRB)  documentation  for  their  weapon 
system.  The  MRRB  documents  are  based  on  an  annual  review  of  all  of  the  actions  completed  on  a  particular 
aircraft  type  during  the  preceding  year.  The  actions  are  then  recorded  in  the  brochure  and,  for  the  most  part, 
projected  as  the  requirements  for  the  next  review.  This  analysis,  as  it  becomes  the  basis  for  all  of  the 
approved  actions  for  the  upcoming  year  within  the  depot  maintenance  community,  contains  the  best  possible 
identification  of  all  of  the  actions  completed  during  the  immediately  prior  year.  The  discussions  with  the 
depot  engineers  then  became  one  of  identifying  the  tasks  which  involved  corrosion  maintenance.  Obviously, 
there  was  more  to  it  than  that,  but  these  reviews  identified  the  majority  of  the  costs  associated  with  depot 
corrosion  maintenance  on  aircraft. 

3.3.2  Fleet  Corrosion  Costs 

Figure  3-4  presents  the  total  fleet  costs  for  various  weapon  systems  for  each  of  the  four  Cost  of  Corrosion 
Studies.  The  aircraft  fleets  are  grouped  by  the  managing  Air  Logistics  Center. 
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4  Study  Fleet  Cost  Comparison,  in  04  $'s  (in  tousands) 


Figure  3-4:  Total  Costs  for  Fleets  in  ‘04  Dollars  (in  Thousands). 

Obviously,  when  examining  the  corrosion  costs  of  a  particular  weapon  system  fleet  there  are  two  driving 
factors,  namely  the  corrosion  maintenance  cost  per  aircraft,  and  the  size  of  the  aircraft  fleet.  Table  3-3, 
Total  Aircraft  Costs  by  Weapon  Systems  Fleet,  on  the  following  page,  presents  the  data  from  Figure  3-4  in 
table  format  and  presents  not  just  the  total  fleet  cost  for  each  study  but  also  the  fleet  size  for  each  study 

[5],  [6],  [7],  [8]. 

Six  of  the  bottom  seven  aircraft  on  the  list  have  been  retired  from  the  USAF  operational  fleet  altogether,  and 
the  C-141  costs  had  dropped  so  dramatically  with  the  curtailment  of  Programmed  Depot  Maintenance  due  to 
its  ongoing  retirement,  that  the  corrosion  maintenance  costs  have  essentially  gone  to  zero.  It  is  important  and 
useful  to  examine  the  changes  in  the  total  corrosion  maintenance  costs  of  the  weapon  system  fleets  that  are 
still  active  within  the  Air  Force.  It  is  very  clear  that  the  costs  for  corrosion  maintenance  on  the  C-135  fleet 
are  the  most  important  driver  of  total  costs,  making  up  35%  of  the  total  costs  attributable  to  aircraft.  This  is 
actually  a  drop  from  the  2001  study,  where  the  C-135  fleet  accounted  for  40%  of  the  total  costs.  Even  with 
the  portion  down  to  35%,  this  at  first  seems  an  extremely  high  percentage  of  the  overall  aircraft  corrosion 
costs.  However,  the  C-135  is  in  fact  the  oldest  fleet  in  the  Air  Force,  which  as  of  September  2003  had  an 
average  age  of  42.4  years,  and  the  C-135  fleet  is  six  times  the  size  of  the  B-52  fleet,  the  next  oldest  fleet, 
at  an  average  age  of  41.8  years. 

It  is  of  note,  however,  that,  because  the  B-52  fleet  is  still  operated  by  the  USAF,  the  corrosion  costs 
associated  with  it  are  included  in  Table  3-4,  which  suggests  that  the  B-52  is  essentially  unchanged  from 
study  to  study  after  1990.  However,  the  B-52  fleet  has  experienced  significant  change  in  the  force  structure. 
That  is,  the  B-52  fleet  was  dramatically  reduced  in  size  after  the  1990  study;  and  the  retired  aircraft  were, 
in  fact,  the  oldest  and  most  expensive  to  maintain. 
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Table  3-3:  Total  Corrosion  Costs  by  Weapon  Fleet,  in  ‘04  Dollars  (in  Thousands). 


In  04  $’s,  in  Thousands 

Aircraft 

Total  Costs  by  Fleet 

Fleet  Size  by  Year 

Type 

1990 

1997 

2001 

2004 

1990 

1997 

2001 

2004 

C-135 

$122,459 

$220,670 

$324,334 

$351,070 

731 

602 

582 

576 

B-l 

1,366 

7,870 

10,106 

17,047 

96 

95 

93 

67 

B-2 

1,805 

1,016 

21 

21 

B-52 

103,221 

42,453 

31,502 

45,174 

254 

94 

94 

94 

E-3 

3,988 

21,307 

24,001 

35,096 

34 

32 

32 

32 

CLS 

4,263 

14,911 

17,428 

31,070 

180 

380 

236 

199 

Misc 

9,827 

3,872 

343 

530 

A-10 

27,619 

4,655 

16,476 

75,365 

644 

375 

366 

359 

F-16 

18,345 

16,899 

39,371 

61,885 

1433 

1513 

1381 

1361 

F-117 

498 

1,202 

55 

55 

T-37 

2,457 

1,431 

2,466 

1,907 

606 

420 

415 

333 

T-38 

14,133 

25,653 

21,073 

16,401 

807 

451 

490 

489 

C-5 

18,354 

112,294 

118,738 

109,215 

127 

126 

126 

126 

C-17 

7,351 

19,662 

76 

109 

C-130 

148,781 

55,117 

84,985 

120,388 

737 

694 

691 

672 

F-15 

25,154 

35,560 

45,896 

74,999 

877 

737 

737 

734 

Helo’s 

5,235 

2,709 

6,666 

24,086 

233 

215 

205 

200 

U-2 

1,381 

2,540 

35 

34 

J-Stars 

5,850 

2,765 

9 

16 

A-7 

1,726 

365 

A-37 

372 

67 

F-4 

28,974 

906 

F-5 

78 

7 

OV-10 

3,709 

78 

F-lll 

45,054 

8,339 

270 

37 

C-141 

74,002 

110,134 

28,413 

2,622 

270 

220 

102 

59 

Totals  with 
Retired  Fleets 

$649,292 

$680,002 

$792,318 

$997,382 

Totals  ‘04 
Active  Fleets 

$495,376 

$561,529 

$763,905 

$991,995 

8722 

5991 

6075 

6007 
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Table  3-4:  Per  Aircraft  Costs  for  All  Aircraft  Types  in  ‘04  Dollars  (in  Thousands). 


In  04  $’s, 

in  Thousands 

Per  AC  Costs 

Fleet  Size  by  Year 

1990 

1997 

2001 

2004 

1990 

1997 

2001 

2004 

C-135 

$168 

$367 

$557 

$609 

731 

602 

582 

576 

B-l 

14 

83 

109 

254 

96 

95 

93 

67 

B-2 

86 

48 

21 

21 

B-52 

406 

426 

335 

481 

254 

94 

94 

94 

E-3 

117 

666 

750 

1,097 

34 

32 

32 

32 

CLS 

24 

39 

74 

156 

180 

380 

236 

199 

Misc 

29 

7 

343 

530 

A-10 

43 

12 

45 

210 

644 

375 

366 

359 

F-16 

13 

11 

29 

45 

1,433 

1,513 

1,381 

1,361 

F-117 

9 

22 

55 

55 

T-37 

4 

3 

6 

6 

606 

420 

415 

333 

T-38 

18 

57 

43 

34 

807 

451 

490 

489 

C-5 

145 

891 

942 

867 

127 

126 

126 

126 

C-17 

97 

180 

76 

109 

C-130 

202 

79 

123 

179 

737 

694 

691 

672 

F-15 

29 

48 

62 

102 

877 

737 

737 

734 

Helo’s 

22 

13 

33 

120 

233 

215 

205 

200 

U-2 

39 

75 

35 

34 

J-Stars 

670 

173 

9 

16 

A-7 

5 

365 

A-37 

6 

67 

F-4 

32 

906 

F-5 

11 

7 

OV-10 

48 

78 

F-lll 

167 

225 

270 

37 

C-141 

274 

501 

279 

44 

270 

220 

102 

59 

All  Fleets 

$74 

$114 

$131 

$164 

‘04  Active 
Fleets 

$57 

$94 

$126 

$164 

8,722 

5,991 

6,075 

6,007 
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3.3.3  Per  Aircraft  Corrosion  Cost  Comparisons 

The  section  that  follows  further  develops  the  costs  of  corrosion  maintenance  related  to  aircraft,  and  examines 
the  corrosion  maintenance  costs  on  an  individual  aircraft  basis.  As  can  be  seen  from  the  figure  below  (Figure 
3-5),  there  is  a  significant  difference  in  the  costs  for  bomber,  cargo,  and  tanker  aircraft  types  and  for  the 
attack  and  fighter  aircraft  types.  When  data  is  presented  in  table  format  all  the  data  is  included,  but  when  the 
costs  per  aircraft  are  presented  in  chart  formats,  they  will  often  be  separated  into  these  groupings. 

Per  Aircraft  Cost  Comparison 


> 

o 


6 


Figure  3-5:  Per  Aircraft  Cost  Comparison,  ‘04  Dollars  (in  Thousands). 


It  is  worth  noting  that  while  the  C-135  fleet  accounts  for  roughly  35%  of  the  total  USAF  aircraft  fleet 
corrosion  costs,  it  is  not  the  most  expensive  aircraft  to  maintain  on  a  per  aircraft  basis.  The  most  expensive 
to  maintain  on  a  per  aircraft  basis  is  the  E-3,  followed  by  the  C-5.  The  E-3  fleet  is  much  younger  than  the 
C-135,  at  an  average  age  of  23.8  years,  but  as  a  707  airframe,  it  has  many  of  the  problems  associated  with 
the  C-135,  plus  the  added  burden  of  the  large  radome  attached,  and  while  the  C-5,  like  the  E-3,  is  about 
half  the  age  of  the  C-135,  at  an  average  age  of  23.56  years,  it  is  also  the  larger  aircraft  with  an  empty 
weight  over  3.5  times  that  of  the  C-135. 

3.3.4  USAF  Depot  Costs 

Table  3-5  presents  total  depot  costs  by  study  year.  The  first  column  is  an  identifier  for  each  of  the  USAF 
aircraft  major  maintenance  depots  (OC  -  Oklahoma  City,  OK;  00  -  Ogden,  UT;  SM  -  Sacramento,  CA; 
SA  -  San  Antonio,  TX;  and  WR  -  Warner  Robins,  GA.  Due  to  internal  USAF  reorganizations,  depot 
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operations  at  San  Antonio  and  Sacramento  were  closed  after  the  1997  study).  It  is  quite  obvious  from  the 
magnitude  of  these  numbers  that  the  cost  of  corrosion  maintenance  at  the  depots  is  the  main  driver  for 
corrosion  maintenance  costs  overall  and  in  particular  for  aircraft. 


Table  3-5:  Total  Depot  Costs  in  ‘04  Dollars  (in  Thousands). 


Total  Depot  Costs 

1990 

1997 

2001 

2004 

oc 

$220,441 

$295,539 

$398,297 

$454,765 

oo 

92,809 

44,107 

158,076 

323,018 

SM 

130,205 

28,639 

SA 

46,773 

129,697 

WR 

221,603 

191,936 

271,583 

249,182 

Totals 

$711,832 

$689,917 

$827,955 

$1,026,965 

The  figure  below  (Figure  3-6)  makes  very  plain  in  a  graphical  format  the  changes,  not  only  in  overall  cost, 
but  also  in  the  structure  of  the  depot  maintenance.  The  Air  Force  has  gone  from  five  depots  to  only  three, 
but  the  corrosion  work  requirements  remain,  and  despite  dropping  from  five  ALCs  to  three,  the  overall 
costs  have  increased. 


Depot  Costs  Per  StucV 
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Figure  3-6:  Depot  Costs  in  ‘04  Dollars  (in  Thousands). 


The  following  table,  Table  3-6  Detailed  Depot  Costs,  provides  the  depot  costs  by  more  detailed  cost 
elements  from  study  to  study.  Overall  these  costs  have  increased  43%  since  1990  -  that  despite  significant 
decreases  in  forces.  Costs  have  increased  23%  at  the  depots  between  2001  and  2004.  Most  of  the  increase 
from  the  previous  study  has  been  in  depot  paint  costs.  See  Section  3.4  for  a  discussion  of  why  costs  have 
increased  as  they  have. 
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Table  3-6:  Detailed  Depot  Costs  in  ‘04  Dollars  (in  Thousands). 


Depot  Cost,  Detailed  1990, 1997 


1990 

1997 

Repair 

Paint 

Total 

Repair 

Paint 

Other 

Total 

oc 

$179,674 

$40,767 

$220,441 

$220,482 

$67,290 

$7,766 

$295,539 

oo 

90,283 

2,526 

92,809 

7,001 

9,569 

27,537 

44,107 

SM 

122,318 

7,888 

130,205 

4,438 

1,652 

22,549 

28,639 

SA 

43,497 

3,276 

46,773 

80,035 

46,868 

2,795 

129,697 

WR 

203,573 

18,030 

221,603 

148,187 

15,064 

28,685 

191,936 

Total 

$639,334 

$72,488 

$711,832 

$460,143 

$140,441 

$89,332 

$689,917 

Depot  Cost,  Detailed  2001,  2004 

2001 

2004 

Repair 

Paint 

Total 

Repair 

Paint 

Total 

OC 

$305,2691 

$93,036 

$398,297 

$132,788 

$321,977 

$454,765 

oo 

143,190 

14,885 

158,076 

65,780 

257,237 

323,018 

WR 

299,688 

41,895 

271,583 

43,953 

205,229 

249,182 

Total 

$678,138 

$19,816 

$827,955 

$242,521 

$784,444 

$1,026,965 

The  non-depot  costs  increased  38%  from  2001  to  2004,  and  part  of  that  increase  in  maintenance  cost  can 
be  attributed  to  improvements  in  data  collection  methodologies  and  command  personnel  cooperation. 
However,  unlike  the  changes  in  methodology  between  1997  and  2001  when  the  study  changed  from  using 
on-line  databases  as  a  data  source  for  organizational  maintenance  costs,  to  command  generated  responses, 
there  were  very  few  changes  in  methodology  between  the  current  study  and  the  2001  study.  The  majority  of 
the  vast  increase  in  costs  can  be  attributed  to  the  sharp  increase  in  labor  costs  for  Blue  Suit  maintenance, 
which  increased  from  roughly  $25  per  hour  to  $37  per  hour.  (See  the  2004  Cost  of  Corrosion  Final  Report, 
[1],  for  a  discussion  of  the  source  of  these  rates.) 


3.4  EXAMINATION  OF  COST  DRIVERS 

The  data  collected  over  the  course  of  four  Cost  of  Corrosion  Studies  and  the  results  presented  in  this  report, 
have  painted  a  largely  unambiguous  picture  of  rapidly  increasing  corrosion  maintenance  costs.  In  fact, 
a  fortune  teller  would  have  a  clear  picture  of  future  cost  growth  based  on  the  data  thus  far  presented. 
However,  to  thoroughly  cloud  the  clarity,  one  need  only  attempt  to  explain  why  corrosion  maintenance  costs 
have  grown  as  rapidly  as  they  have.  Namely,  have  the  costs  for  corrosion  maintenance  grown  due  to  an 
increased  need  for  the  maintenance  itself,  driven  perhaps  by  the  effects  of  age  and  environment,  or  are  other 
explanations  required?  Has  the  need  for  corrosion  maintenance  grown?  It  is  reasonable  to  observe  the  clearly 
increasing  costs  for  corrosion  maintenance  and  conclude  that  age  and  use  and  environment  have  led  to  an 
ever  increasing  need  for  corrosion  control  maintenance,  and  the  ever  increasing  level  of  maintenance 
required  has  led  to  the  observed  increasing  costs.  But,  does  the  data  collected  support  this  interpretation? 
As  the  previous  sections  have  made  clear,  the  majority  of  the  costs  for  corrosion  maintenance  are  related  to 
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Programmed  Depot  Maintenance  (PDM)  costs,  thus,  answers  to  the  nature  of  the  increasing  costs  will  be 
sought  via  an  examination  of  depot  aircraft  corrosion  maintenance  costs. 

3.4.1  Examination  of  Depot  Cost  Drivers 

The  data  collected  over  the  three  most  recent  Cost  of  Corrosion  Studies  were  examined  to  determine  if  it 
were  possible  to  identify  an  increasing  maintenance  requirement.  This  set  of  data  was  chosen  because: 

1)  The  1990  study  did  not  provide  the  same  level  of  detail  as  the  subsequent  studies  (the  goal  of 
determining  the  total  cost  of  corrosion  maintenance  for  the  first  time  ever  rather  than  developing  the 
detailed  cost  elements  in  a  consistent  manner);  and 

2)  The  vast  change  in  force  structure  between  1990  and  1997  would  skew  the  examination. 

Two  maintenance  elements  were  examined,  addressing  the  main  cost  drivers  in  every  corrosion  cost  study 
-  depot  level  paint  and  repair.  The  following  figures,  Figure  3-7  and  Figure  3-8,  present  the  work  load 
associated  with  painting  and  repairing  aircraft  at  the  depots  for  the  years  1997,  2001,  and  2004. 


Figure  3-7:  Paint  Man-Hours. 
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Figure  3-8:  Repair  Labor. 


3.4.2  Paint 

The  following  figure  presents  an  examination  of  depot  paint  man-hours  -  that  is  the  hours  for  the  “strip 
and  repaint”  or  the  “scuff  sand  and  repaint”  tasks  for  each  aircraft  type.  The  conclusion  to  this  chart  is  that 
there  is  no  obvious  growth  in  the  level  of  effort  necessary  to  paint  aircraft  at  the  depots  over  the  course  of 
the  past  three  studies,  but  in  fact  the  labor  requirements  for  painting  has  remained  amazingly  stable. 

3.4.3  Repair 

The  steady  labor  requirement  for  painting  aircraft  at  the  depots  is  perhaps  not  a  surprise,  once  the  requirement 
to  strip  and  repaint  most  aircraft  has  been  levied  and  a  process  developed,  there  is  no  real  requirement  for 
increasing  labor  hours  to  accomplish  this  activity.  If  there  is  an  age,  mission,  and  environmental  driver  for 
rapidly  growing  corrosion  maintenance,  it  should  appear  in  the  repair  aspect  of  depot  maintenance. 
The  following  figure  presents  the  labor  associated  with  corrosion  repair. 

Again,  Figure  3-8  appears  to  present  a  picture  of  fairly  consistent  corrosion  repair  labor  requirements. 
Figure  3-9  below  presents  the  reported/calculated  corrosion  percentage  of  depot  effort  over  time,  again 
suggesting  a  picture  of  steady  corrosion  work  requirements,  rather  than  a  continuously  growing  proportion 
of  the  overall  depot  maintenance  requirement. 


3-16 


RTO-AG-AVT -1 40 


ANALYSIS  AND  COMPARISON  OF 
COST  OF  CORROSION  MAINTENANCE  RESULTS 


1900  1907  190B  1900  2300  2301  2302  2303  2304  2305 


K0135  RTT  — ■ —  B4  &52  E-3 

ArlO  — F-10O  — I — G5A  - G5B 

0130  E  P-15  A  0141  FUI 


Figure  3-9:  Corrosion  Percentage  of  Depot  Maintenance. 


3.4.4  Labor  Rates 

What  then  explains  the  rapid  increase  in  corrosion  maintenance  costs,  if  the  amount  of  actual  labor  fails  to 
explain  the  rapid  cost  growth?  The  following  chart  presents  the  changes  in  the  depot  labor  rates  from  study 
to  study,  and  a  clear  upward  trend  in  the  rates  is  very  evident. 

It  is  clear  from  Figure  3-10,  that  depot  labor  rates  are  increasing  sharply,  while  corrosion  maintenance 
measure  in  hours  is  largely  constant.  The  increase  in  labor  rates  is  clearly  the  major  driver  of  the  sharp 
increase  in  corrosion  maintenance  costs. 
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Figure  3-10:  Depot  Sales  Rates  Trend  Over  Time. 

The  fact  that  costs  have  risen  sharply,  not  due  to  increased  workload,  but  due  to  increasing  depot  sales 
rates,  does  not  preclude  an  aging  and  environmental  corrosion  effect  on  costs.  The  depot  sales  rate 
includes  the  costs  for  materials  and  supplies,  and  the  nature  of  aging  aircraft  -  old  parts  with  changing 
manufacturers,  etc.,  can  mean  that  at  least  part  of  the  increase  in  rates  is  a  function  of  the  aging  fleets. 

A  further  concern  is  the  methodology  of  the  study  and  the  effect  rising  rates  can  have.  That  is,  the  depot 
costs  for  the  studies  are  dependent  on  the  hours  allocated  to  tasks  via  the  MRRB  process.  With  the  Depot 
Sales  Rates  rising  rapidly,  it  is  reasonable  to  expect  pressure  to  control  the  hours  for  repairs.  It  is  further 
possible  to  envision  greater  hours  being  necessary  to  accomplish  a  task  on  the  depot  floor  than  are  approved, 
but  with  the  increasing  rates  making  up  the  difference  between  the  hours  expended  and  the  hours  charged. 
As  very  anecdotal  evidence,  at  least  one  corrosion  manager  was  told  by  a  contractor  (off  the  record)  that  they 
(the  aircraft  management)  can  scrutinize  the  package  of  hours,  but  if  the  hours  are  cut  the  rates  will  rise  to 
compensate.  Thus,  in  contradiction  to  much  of  this  section,  it  is  possible,  despite  the  evidence  to  the  contrary, 
that  corrosion  work  is  increasing  and  that  that  work  is  reflected  in  the  costs,  and  the  interaction  between  rates 
and  hours  yields  a  true  cost  picture;  but  a  confusing  one  when  either  is  examined  independently.  On  the  other 
hand,  the  increasing  sales  rate  might  be  driven  by  health  care  costs,  previous  year  cost  overruns,  etc.  - 
all  beyond  the  purview  of  the  corrosion  maintenance  costs  study. 


3.5  CONCLUSIONS 


Having  now  had  four  separate  cost  of  corrosion  studies  accomplished  over  a  fourteen  year  span  and 
performed  using  essentially  the  same  techniques  has  allowed  the  generation  of  a  number  of  comparative 
analyses  [9], [10].  The  more  significant  among  these  were: 

•  Over  the  fourteen-year  period,  the  cost  of  corrosion  maintenance  has  grown  more  than  25%  above 
the  cost  of  inflation.  Most  of  this  cost  growth  has  occurred  in  the  aging  aircraft  fleets. 


•  Corrosion  maintenance  has  consumed  an  ever-increasing  amount  of  the  USAF  O&M  budget 
(2.86% -3.88%). 


3-18 


RTO-AG-AVT -1 40 


NATO 

OTAN 


ANALYSIS  AND  COMPARISON  OF 
COST  OF  CORROSION  MAINTENANCE  RESULTS 


•  For  corrosion  cost  trends  to  be  most  meaningful,  Force  Structure  changes  must  be  considered. 

•  Corrosion  prevention  activities  consumed  27%  of  corrosion  maintenance  dollars. 

•  The  depot  level  Paint  and  Repair  man  hours  have  remained  essentially  constant  over  the  timeframe 
1997-2004. 

•  The  corrosion  percentage  of  the  total  depot  repair  hours  has  remained  essentially  constant  over  the 
last  seven  years. 

•  The  depot  labor  rate  has  escalated  dramatically  since  1997,  and  especially  since  2001. 

•  The  depot  labor  rate  increase  is  not  a  result  of  a  dramatic  increase  in  direct  labor  cost;  rather  it 
appears  to  be  a  result  of  greatly  increased  overhead  costs.  Causes  of  these  increases  were  not  a 
specific  data  collection  goal  of  the  present  study;  however,  the  authors  would  speculate  that  there  are 
two  significant  causes  of  this  growth.  The  cost  of  replacement  parts  for  aging  aircraft  has  increased  a 
great  deal  as  the  Original  Equipment  Manufacturers  have  moved  on  to  other  projects,  and  the  parts 
now  have  to  be  provided  by  second  tier  suppliers  at  greatly  increased  cost.  In  addition,  the  costs  of 
processes  of  corrosion  maintenance  have  increased  dramatically  with  the  advent  of  increased 
demand  for  environmental  and  OSHA  compliance. 
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4.1  INTRODUCTION 

Since  corrosion  can  evolve  from  initial  discontinuity  states  (e.g.,  constituent  particles)  present  within 
metallic  materials,  these  modified  states  have  to  be  taken  into  account  when  carrying  out  a  structural  life 
assessment  since  they  can  affect  both  crack  nucleation  and  growth.  Therefore,  it  is  necessary  to  carry  out  a 
damage  characterization  on  naturally  corroded  components.  Thus  once  a  corroded  aircraft  component  is 
disassembled  and  the  corrosion  products  removed  (depending  on  the  type  of  corrosion),  the  damage  that  is 
present  can  be  determined  using  a  number  of  different  techniques;  optical  microscopy,  laser  scanning 
confocal  microscopy,  scanning  electron  microscopy  and  x-ray.  This  section  reviews  the  methods  typically 
used  in  this  characterization  work  and  illustrates  the  type  of  information  that  can  be  obtained. 


4.2  OPTICAL  METHODS 

The  only  technique  that  is  capable  of  characterizing  the  different  damage  states  present  for  all  types  of 
corrosion  (pitting,  exfoliation,  intergranular,  etc.)  is  optical  microscopy  [1],[2].  To  document  the  damage, 
sections  should  be  taken  from  the  affected  areas,  cold  mounted  and  progressively  polished  using  standard 
metallurgical  practices,  examples  of  which  are  shown  in  Figure  4-1.  It  is  essential  to  mount  the  sections 
for  polishing  using  a  cold  resin  in  order  not  to  affect  the  corrosion  damage. 


(a)  Images  from  naturally  corroded  2024-T3  fuselage  lap  joints. 


(b)  Image  from  exfoliated  7178-T6  upper  wing  skins. 

Figure  4-1:  Optical  Micrographs  Showing  the  Modified  Discontinuity  States 
from  Naturally  Corroded  Components  that  were  Progressively  Polished. 
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From  this  type  of  study,  the  growth  of  different  types  of  damage  can  be  estimated,  which  could  then  be  used 
to  more  accurately  predict  the  life  of  components  that  are  susceptible  to  corrosion.  For  example,  a  damage 
characterization  study  was  carried  out  on  corroded  lap  joints  in  which  sections  were  taken  and  progressively 
polished  [1].  From  the  different  images,  corrosion  pit  sizes  were  measured  taking  into  account  the  presence 
of  intergranular  attack.  The  results,  shown  in  Figure  4-2,  indicated  that  as  the  thickness  loss  increased  the  pit 
shape  tended  to  become  elongated  (shallow  but  long).  As  can  be  seen  from  this  figure,  as  the  thickness  loss 
increased,  the  pit  shapes  tended  to  take  on  a  high  aspect  ratio,  shallow  but  long.  The  exception  to  this  trend 
was  the  pits  that  were  present  at  the  base  of  environmentally  assisted  cracks,  which  occurred  in  the  presence 
of  a  sustained  stress,  EACSS,  and  have  been  referred  to  as  pillowing  cracks.  Previous  studies  have  shown  that 
these  cracks  usually  occurred  in  areas  where  the  thickness  loss  was  small  and  only  a  small  pit  was  present  at 
the  faying  surfaces.  Since  the  material  thinning  was  high  in  the  area  examined  during  this  study,  it  is 
assumed  that  these  large  pits  developed  over  time  after  the  environmentally  assisted  crack  had  nucleated. 


Width  (pm) 

Figure  4-2:  Corrosion  Pit  Sizes  Measurements  from  Optical  Micrographs 
of  Naturally  Corroded  Components  Progressively  Polished. 

The  other  microscopic  techniques,  laser  scanning  confocal  microscopy  and  scanning  electron  microscopy 
are  capable  of  determining  small  changes  in  the  surface  topography.  However  one  disadvantage  to  using 
these  techniques  is  that  the  damage  that  is  present  must  be  on  a  direct  line  of  sight  in  order  to  measure  its 
size,  which  means  intergranular  cracking  or  corrosion  cannot  be  detected.  This  type  of  cracking  must  be 
taken  into  account  since  the  material  affected  by  it  is  incapable  of  carrying  any  stress.  Therefore  this 
material  would  not  have  an  influence  on  any  pits  in  the  immediate  vicinity  of  the  intergranular  cracking 
and  thus  the  stress  concentration  at  the  base  of  each  pit  would  be  lower  than  if  the  material  surrounding  the 
pit  was  undamaged.  For  example,  as  can  be  seen  from  Figure  4-3,  if  the  intergranular  crack  is  not  taken  into 
account  the  pit  width  and  depth  would  be  346  pm  (0.0136  inch)  and  159  pm  (0.00626  inch),  respectively. 
However,  the  presence  of  the  intergranular  crack  would  increase  the  number  of  pits  from  one  to  three  and  the 
dimensions  of  the  largest  of  these  “new”  pits  would  be  74  pm  (0.00291  inch)  wide  and  64  pm  (0.00252  inch) 
deep,  which  is  a  significant  decrease.  This  decrease  would  tend  to  delay  the  onset  of  cracking  by  reducing 
the  stress  concentration  at  the  base  of  the  pit. 
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(b) 

Figure  4-3:  Difference  in  Pit  Depth  and  Width  Due  to  Presence  of  Intergranular  Cracks  - 
(a)  Shape  of  pit  if  intergranular  cracks  ignored  (pit  shape  determined  by  laser 
scanning  confocal);  (b)  Shape  of  pits  when  intergranular  cracks  are  taken 
into  account  (assume  the  material  circled  has  been 
removed  either  by  flaking  or  dissolution). 


4.3  X-RAY  CHARACTERIZATION 

The  final  technique,  x-ray,  can  only  be  used  to  document  the  surface  topography  and  thickness  loss 
associated  with  corrosion  pitting.  By  using  the  cleaning  process  mentioned  above  to  ensure  that  the  corrosion 
products  are  removed  from  the  pits  in  the  affected  areas,  x-ray  techniques  can  accurately  document  the 
surface  topography  present.  After  digitizing  the  radiographs  and  with  the  aid  of  the  appropriate  software, 
the  average  and  maximum  thickness  loss  can  be  determined  in  the  affected  area  as  well  as  the  pit 
distribution,  as  shown  in  Figure  4-4.  From  these  types  of  plots,  trends  can  be  determined  for  the  mode  of 
pit  growth.  For  example,  the  pit  distributions  shown  in  Figure  4-4,  obtained  from  2024-T3  corroded  lap 
joints,  demonstrate  that  as  the  average  thickness  loss  within  an  aluminum  skin  increases,  the  scatter  in  pit 
size  decreases,  indicating  that  the  pit  shape  becomes  more  uniform. 
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Thickness  Loss  (inch) 


(a)  Average  thickness  loss  on  gauge  length  of  4.85%  in  a  0.0516  inch  thick  skin. 
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(b)  Average  thickness  loss  on  gauge  length  of  7.60%  in  a  0.0516  inch  thick  skin. 
Figure  4-4:  Histogram  Plot  of  Thickness  Loss  of  Different  Coupons. 
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5.1  INTRODUCTION 

Pit  formation  is  a  concern  for  integrity  of  components  of  aircraft  for  many  reasons  as  cited  in  Chapter  13. 
Pits  not  only  form  local  discontinuities  (MDS  -  Modified  Discontinuity  States)  but  also  serve  as  the  nucleus 
of  cracks  under  both  sustained  loading  and  cyclic  loading  of  structural  components. 

In  corrosion  fatigue  conditions,  several  studies  have  shown  greater  increase  in  fatigue  crack  growth  rates 
compared  to  “baseline”  fatigue  conditions.  Although  major  efforts  have  been  expended  to  understand  the 
crack  propagation  behavior  of  materials,  a  few  studies  have  focused  on  the  crack  nucleation  stage  in  the 
overall  fatigue  process.  McAdam  first  suggested  that  corrosion  induced  pits  might  act  as  stress  concentrators 
from  which  cracks  could  form  [l]-[3].  A  large  number  of  chemical  or  electrochemical  factors  such  as 
potential,  passive  film,  pH,  and  composition  of  environment  are  found  to  affect  the  pitting  corrosion  fatigue 
process.  As  well,  mechanical  factors  such  as  stress  range,  frequency,  stress  ratio  (R),  load  waveform  and 
metallurgical  factors  such  as  material  composition,  microstructure,  heat  treatment,  and  grain  orientation  can 
influence  pitting  corrosion  fatigue  processes.  Nucleation  of  cracks  from  corrosion  pits  was  observed  by 
many  researchers  [1]-[19]  including  the  works  of  Hoeppner  [20]-[21],  McAdam  [22],  and  Goto  [23]  in  heat- 
treated  carbon  steel,  and  Muller  [24]  in  several  steels.  As  well,  in  NaCl  environment,  lowering  of  the  fatigue 
life  due  to  the  generation  of  pits  in  carbon  steel  [21], [22]  and  7075-T6  Aluminum  alloy  [6],[21]  was 
observed  under  corrosion  fatigue  conditions. 

Once  the  pit  forms,  the  rate  of  pit  growth  is  dependent  mainly  on  the  chemical  composition  of  the  material, 
the  microstructure  of  the  material,  temperature,  duration  of  attack,  local  solution  conditions,  and  the  state  of 
stress.  Cracks  have  been  observed  to  form  from  pits  under  cyclic  loading  conditions.  Therefore,  to  estimate 
the  total  corrosion  fatigue  life  of  a  structural  component  made  of  a  given  material  it  is  of  great  importance  to 
develop  some  realistic  models  to  establish  the  relationship  between  pit  propagation  rate  and  the  state 
of  stress.  This  will  also  be  discussed  in  Chapter  13.  Furthermore,  pitting  corrosion  in  conjunction  with 
externally  applied  mechanical  stresses,  for  example,  cyclic  stresses,  has  been  shown  to  severely  affect  the 
integrity  of  the  oxide  film  as  well  as  the  fatigue  life  of  a  metal  alloy.  To  understand  and  estimate  the  effects 
of  pitting  as  well  as  to  formulate  repair  procedures  on  components  where  pitting  corrosion  has  been  detected 
it  is  necessary  to  be  able  to  characterize  the  pits. 

5.2  PITTING  CORROSION 

Pitting  is  a  form  of  localized  corrosion  that  proceeds  because  of  local  cell  action  once  the  pitting  potential 
has  been  attained  under  a  given  set  of  conditions  for  a  given  material  in  a  given  chemical  environment. 
It  is  involved  in  causing  serious  integrity  concerns  related  to  several  of  the  items  noted  above. 

The  autocatalytic  reaction  involved  in  pitting  corrosion  produces  cavities/EDS  (Evolving  Discontinuity 
States)  beginning  at  the  surface  and  taking  a  myriad  of  shapes  and  sizes  depending  on  both  the 
microstructure  of  the  material  and  the  electrolyte  and  various  electrochemical  factors.  One  of  the  items  to 
be  dealt  with  in  this  chapter  is  the  importance  of  attempting  to  characterize  pitting  corrosion.  This  needs  to 


RTO-AG-AVT-140 


5-1 


PITTING  CORROSION:  MORPHOLOGY  AND  CHARACTERIZATION 


be  done  in  order  to  evaluate  the  requirement  for  removal  of  pitting  once  it  is  discovered,  to  analyze  the 
significance  of  it  in  a  corrosion  and  corrosion  fatigue  design  system  and  to  assure  safety  can  be  maintained 
even  if  pits  of  a  certain  character  are  present  but  not  found  in  non-destructive  inspection  for  one  reason  or 
another. 

Temperature  and  time  of  exposure  are  critical  parameters  involved  in  the  thermodynamics  and  kinetics  of 
pitting  corrosion.  The  cavities/EDS  that  form  may  or  may  not  become  filled  with  corrosion  products. 
Pitting  processes  often  proceed  in  growth  by  a  combination  of  both  intergranular  attack  and  dissolution 
of  the  pit  “walls”.  As  the  pits  are  evolving  they  are  referred  to  as  Evolving  Discontinuity  States  (EDS). 
If  the  process  is  fixed  at  time  t  the  state  is  referred  to  as  a  Modified  Discontinuity  State  (MDS). 
The  characterization  of  both  the  EDS  and  the  MDS  has  been  of  concern  to  scientists  and  engineers  since 
the  study  of  pitting  corrosion  began. 

Pitting  occurs  when  an  electrolyte  begins  to  allow  the  transport  of  ions  between  an  anode  and  cathode. 
Only  a  small  amount  of  metal  is  corroded  and  this  is  usually  referred  to  as  localized  attack.  The  anticipation 
of  pitting  on  structural  members  is  a  critical  factor  in  maintaining  component  integrity  and  safety  in  some 
cases. 

Inspection  and  characterization  of  pits  in  laboratories  and  in  field  applications  is  a  challenging  endeavor. 
This  is  done  to  establish  the  shape  and  general  morphology  of  pits  and  to  establish  their  surface  dimensions 
and  shape.  Pit  depths  can  be  measured  using  a  calibrated  microscope  focused  first  on  the  top  of  the  pit  and 
then  on  the  bottom  of  the  pit.  More  discussion  of  characterization  of  pits  will  follow. 

Efforts  have  been  made  to  treat  the  rate  of  corrosion  pitting  penetration  into  materials  statistically.  All  the 
models  known  to  date  involve  expressions  for  depth  or  area  of  pits,  thus  emphasizing  the  need  for 
characterization.  For  example,  equations  have  been  developed  to  predict  the  perforation  of  boiler  tubes, 
buried  steel  pipelines,  critical  components  of  aircraft  and  related  areas.  There  is  much  work  underway  on 
pitting  in  both  power  plants  and  pipelines  at  present.  The  characterization  of  pitting  has  been  of  major 
concern  to  various  types  of  power  plants  for  many  years. 

In  the  airframe  (both  fixed  wing  and  rotary  wing)  and  aero-engine  industry  pitting  has  been  recognized  as 
a  potential  safety  issue  for  some  time  and  produces  obvious  maintenance  concerns.  Until  recently  both 
USAF  and  the  USA  FAA  did  not  consider  pitting  or  other  mechanisms  of  corrosion  as  safety  concerns. 
Since  the  Aloha  Airlines  accident  of  1988  this  has  changed  and  in  1998  the  FAA  started  requiring  design 
for  corrosion  as  a  threat  to  structural  integrity.  However,  most  companies  and  government  agencies  are 
still  in  the  embryonic  stage  with  regard  to  design  for  pitting  corrosion  and  similar  threats.  In  addition, 
the  USAF  is  in  the  process  of  modifying  Mil  Handbook  1530  to  include  corrosion  as  a  consideration  in 
design  for  structural  integrity. 

The  efforts  of  Bob  Jeal  and  David  Hoeppner  in  moving  toward  a  HOLISTIC  Structural  Integrity  design 
framework  (1985)  [25], [26]  has  influenced  some  companies  and  government  agencies  to  move  toward  a 
HOLSIP  framework.  The  Canadian  Department  of  National  Defence  (DND),  led  by  efforts  at  NRC-IAR, 
has  done  an  extensive  amount  of  work  to  establish  methods  for  characterizing  corrosion  and  developing 
models  to  validate  its  prediction  on  aircraft  structures.  In  addition,  the  British  Royal  Navy  and  Air  Force 
through  their  ESVRE  (Establish,  Sustain,  Validate,  Recover,  Exploit;  ES<Air>  Structures  Support  Group 
-  UK)  has  implemented  tools  to  design  for  corrosion  effects  in  structural  integrity  and  to  maintain  aircraft 
structures  through  their  program.  JAXA  (the  Japanese  Aerospace  Laboratory)  and  the  Japanese  equivalent 
to  the  USA  Occupational  Health  and  Safety  efforts  have  begun  implanting  design  for  corrosion.  Many  of 
the  activities  mentioned  are  discussed  in  annual  HOLSIP  (Holistic  Structural  Integrity  Processes)  meetings 
that  have  been  held  since  2002.  (See  www.holsip.com).  These  organizations  as  well  as  AP/ES,  and  the 
University  of  Utah  have  done  much  research  on  attempting  to  characterize  pits  and  incorporate  them  into 
models. 
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It  has  been  shown  that  the  rate  of  penetration  of  pits  in  aluminum  exposed  to  water  follows  a  cube  root 
curve.  The  following  equation  represents  Godard’s  model: 


"max. 


C(t) 


1/3 


(1) 


where:  d  =  maximum  pitting  depth 
t  =  time 

C  =  a  parameter  related  to  the  combination  of  material  and  environment 

The  importance  of  an  expression  such  as  that  above  is  that  it  provides  a  means  of  estimating  the  depth  of 
pits  from  knowledge  of  the  time  of  exposure.  Thus  it  is  very  useful  in  models  to  estimate  the  significance 
of  corrosion  pits  in  affecting  structural  integrity.  The  use  of  this  expression  is  discussed  more  in  Chapter 
13.  A  diagram  depicting  how  this  equation  usually  plots  from  data  is  shown  below  in  Figure  5-1. 


Exposure  time 

Figure  5-1:  Schematic  Diagram  Showing  the  Relationship 
Between  Penetration  Depth  and  Exposure  Time. 

Equations  incorporating  the  model  above  have  been  used  extensively  in  models  for  pitting  corrosion 
fatigue  as  will  be  discussed  in  a  later  section  of  this  report.  The  greatest  challenge  in  using  the  expression 
above,  or  similar  ones,  is  in  determining  the  pit  depth.  A  brief  discussion  of  how  this  pit  characterization 
has  been  attempted  is  presented  below.  In  attempting  to  detect  corrosion  pits  and  characterize  their  size 
and  shape  many  approaches  have  been  used. 

5.2.1  Pit  Characterization 

Early  workers  studying  pitting  used  various  optical  techniques  to  attempt  to  characterize  pits.  It  became  clear 
that  this  was  not  acceptable  since  it  was  virtually  impossible  to  capture  the  depth  and  complex  shape  of  pits 
below  a  surface.  Optical  techniques  did  prove  useful  for  area  determination  related  to  surface  area.  But  it  was 
recognized  by  most  researchers  that  the  most  important  parameter  related  to  assessing  pit  criticality  was  the 
depth.  This  dimension  also  is  used  extensively  in  maintenance  for  corrosion  and  rework  considerations. 
Thus,  in  recent  years  more  emphasis  has  been  placed  on  developing  methods  of  determining  pit  depth  and 
shape.  The  following  methods  have  been  more  extensively  used  in  recent  years: 
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1)  Sectioning; 

2)  Replication  and  examination  in  scanning  electron  microscopes; 

3)  Examination  of  pit  profiles  subsequent  to  fracture  or  sectioning; 

4)  Use  of  confocal  microscopy;  and 

5)  Eddy  current  probes  of  various  types. 

Obviously  any  destructive  technique  on  actual  components  is  not  that  useful.  Thus  some  rework  or  “blend” 
methods  suggest  or  require  attempting  to  use  visual  or  other  NDI  as  corrosion  pits  are  blended  out  and  then 
specifying  a  depth  for  additional  removal  of  material  to  assure  any  remaining  pit  induced  degradation  will 
also  be  removed. 

In  research  at  the  University  of  Utah  over  the  last  25  years  confocal  microscopy  has  proved  the  most  useful 
to  determine  pit  depth,  and  pit  shape  to  some  extent,  but  does  require  observation  in  a  laboratory  setting. 
Thus  it  is  not  useful  for  field  use  at  present.  Many  challenges  with  respect  to  evaluation  of  the  threat  of 
pitting  to  structural  integrity  arise  in  the  field  after  pits  have  either  caused  a  major  failure  or  have  been 
detected  in  areas  of  components  where  they  were  not  expected  and  were  not  considered  in  the  original 
structural  integrity  evaluation.  The  determination  of  pit  depth  remains  a  great  challenge  in  these  situations. 

The  ASTM  G461  Standard  Guide  for  the  “Examination  and  Evaluation  of  Pitting  Corrosion”  is  one  of  the 
most  advanced  descriptions  of  how  to  characterize  pitting.  This  is  one  of  the  major  starting  points  for  all 
those  interested  in  characterizing,  evaluating  and  modeling  pitting  corrosion.  The  ASTM  standard  G152 
entitled  “Standard  Terminology  Relating  to  Corrosion  and  Corrosion  Testing”  is  important  to  obtain  and 
use  in  characterizing  pitting  corrosion  as  well  as  all  forms  of  corrosion.  Figure  5-2  below  shows  how  pits 
may  be  classified  by  density,  shape  and  size  in  the  standard.  In  addition,  Figure  5-3  shows  the  cross- 
sections  and  the  variation  according  to  the  standard  G46.  The  Advisory  Circular  AC  43 -4 A  also  has  a  way 
to  classify  pits  [27].  However  it  tends  to  be  very  qualitative  in  nature  and  tends  to  concentrate  on  repair  of 
pitting  as  well  as  other  corrosion  mechanisms.  The  document  classifies  pitting  as  light  when  at  a  depth  of 
0.025  mm  (0.001  inch)  maximum.  Moderate  pitting  is  viewed  as  potentially  0.25  mm  (0.010  inch)  and 
notes  this  type  of  damage  is  usually  removed  by  “extensive  mechanical  sanding”.  It  does  little  to  clarify 
what  “extensive  mechanical  sanding”  is  and  how  deep  or  extensive  it  must  be  done.  Pages  124-5  of 
reference  27  do  state  some  guidelines  but  don’t  emphasize  the  issue  of  characterizing  pitting  corrosion 
[28].  One  of  their  statements  is  that  the  “pit  has  been  cleaned  up  to  the  extent  that  all  loose  corrosion 
products  have  been  removed”.  Of  course  they  do  not  mention  the  important  issue  of  tunneling  often 
connected  with  pits  and  the  issue  of  intergranular  attack  and  cracking  that  occurs  with  pit  formation. 
Thus,  due  diligence  must  be  exercised  when  removing  by  blending  and  sanding  to  “eliminate”  pits. 
Much  more  effort  must  be  expended  on  characterizing  pits  by  NDI  methods  such  as  eddy  current 
techniques  or  others  in  order  to  assure  all  traces  of  corrosion  pitting  degradation  have  been  eliminated. 


1  ASTM  Standard  G46,  Guide  for  the  Examination  and  Evaluation  of  Pitting  Corrosion,  AMERICAN  SOCIETY  FOR 
TESTING  AND  MATERIALS,  100  Barr  Harbor  Dr.,  West  Conshohocken,  PA,  USA,  Approved  on  a  regular  basis. 

2  ASTM  Standard  G15,  Standard  Terminology  Relating  to  Corrosion  and  Corrosion  Testing,  AMERICAN  SOCIETY  FOR 
TESTING  AND  MATERIALS,  100  Barr  Harbor  Dr.,  West  Conshohocken,  PA,  USA,  Approved  on  a  regular  basis. 


5-4 


RTO-AG-AVT -1 40 


PITTING  CORROSION:  MORPHOLOGY  AND  CHARACTERIZATION 


A 

DENSITY 


1 


2 


3 


4 


5 


2.5  x  103/m2 


1  x  1 04/ m2 


•  • 
•  * 


5  x  104/m2 


1  x  105/m2 


B  C 

SIZE  DEPTH 


0.  5  mm 


2 


0 *  4  mm 


# 


2.0  mm 


2 


0.8  mm 


8.0  mm 


2 
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Figure  5-2:  ASTM  Standard  G46  Showing  Means  of  Characterizing 
Pit  Density,  Size,  and  Depth  (Copyright  ASTM). 
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Horizontal 


Vertical 


MicratructuTal 

Orientation 


Variations  in  cross  sectional  shape  of  pits,  (ASTM  G  46) 

Figure  5-3:  ASTM  Standard  G46  Portion  Showing  Variation  of  Pit  Character  (Copyright  ASTM). 


5.2.2  Examples  of  Pitting  Encountered  in  Components 

In  the  design  of  aircraft,  damage  due  to  corrosion  mechanisms,  and  especially  pitting,  has  not  been 
considered  as  a  criterion  for  determining  either  Structurally  Significant  Location  (SSL)  or  Structurally 
Significant  Items  (SSI).  Although  most  airframes,  and  power  plants,  have  a  Corrosion  Prevention  and 
Control  Program  (CPCP)  they  are  designed  for  integrity  under  either  the  safe  life  or  damage  tolerant 
paradigms.  Neither  of  these  has  considered  corrosion  in  a  critical  way  other  than  to  use  a  CPCP. 
Thus  stress  or  damage  related  allowables  are  generally  not  available  for  the  various  corrosion  mechanisms. 
For  example,  if  one  were  to  query  what  the  corrosion  or  corrosion  fatigue  pitting  allowable  is  for  a  given 
component  it  would  not  likely  be  available.  This  is  unfortunate  since  if  corrosion  pitting  is  found  the  only 
alternative  becomes  a  repair  to  attempt  to  remove  all  of  the  pitting  even  though  that  is  difficult  on  many 
occasions.  The  CPCP  approach  has  provided  some  measure  of  protection  and  control  but  has  proved  to  be 
inadequate.  For  this  reason  corrosion  often  is  detected  by  diligent  maintenance  personnel  or  it  becomes  a 
recognized  problem  only  when  a  failure  has  occurred  in  areas  of  components  where  it  was  not  anticipated. 
Inspections  often  are  “of  opportunity”  and  neither  quantified  nor  directed  for  corrosion.  The  issue  of 
directed  NDI  (Non-Destructive  Inspection)  does  occur  after  a  problem  has  been  identified  by  one  means  or 
another.  In  order  to  quantify  and  direct  the  inspections  the  following  must  be  specified  and  placed  in  the 
maintenance  manuals  to  some  degree: 

1)  An  indication  of  the  exact  type  of  corrosion  being  looked  for  should  be  specified.  (What  to  look 
for!) 
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2)  The  location  which  is  to  be  inspected  must  be  clearly  spelled  out.  (Where  to  look!) 

3)  The  specific  inspection  equipment  and  method  should  be  specified.  (How  to  look!) 

4)  Either  the  time  of  use  or  flight  cycles  or  both  should  be  specified  in  order  to  specify  when  to  look. 

5)  The  frequency  of  inspections  and  time  between  inspections  should  be  specified.  (Repeat  inspection 
interval  for  corrosion-how  often  to  look) 

6)  The  detection  threshold  for  the  type  of  corrosion  should  be  specified. 

7)  The  Probability  Of  Detection  (POD)  for  the  type  of  corrosion  should  be  specified. 

In  the  case  of  pitting  corrosion  the  items  above  often  are  not  defined  until  an  accident,  an  incident,  or  an 
unexpected  detection  has  occurred  and  is  viewed  as  critical  to  safety.  At  that  point  the  above  often  have 
been  defined.  In  addition,  detailed  repair  procedures  often  are  developed  at  that  point  as  well. 

The  following  is  an  example  of  unexpected  pitting  corrosion  on  a  “non-critical  component”  detected  in 
service.  The  Cl 30  aircraft,  used  in  many  countries  throughout  the  world,  was  found  to  have  cracking  in  a 
fitting  that  is  in  the  rear  of  the  aircraft  and  is  referred  to  as  either  the  “Porkchop”  fitting  or  the  “hockey  stick 
fitting”.  Which  reference  is  used  is  a  function  of  the  country  in  which  the  problem  was  discovered.  Some 
indicated  the  problem  was  due  to  stress  corrosion.  This  is  not  viewed  likely  since  the  component  experiences 
cyclic  loads.  When  both  DND,  Canada,  and  the  New  Zealand  forces  were  experiencing  cracking  of  the 
component  they  decided  to  have  competent  failure  analysis  labs  evaluate  the  cracked  fittings  further. 
Thus,  the  Aerospace  and  Maritime  Research  Laboratory  (AMRL)  in  Melbourne,  Australia  and  the  Quality 
Engineering  Test  Establishment  (QETE)  in  Gatineau,  Quebec,  Canada  performed  failure  analyses  on  the 
subject  components.  Additional  failure  analysis  was  done  by  the  University  of  Utah  Quality  and  Integrity 
Design  Laboratory  (QIDEC)  and  IAR  (Institute  of  Aerospace  Research)  in  Ottawa,  Ontario,  Canada. 
Figure  5-4  and  Figure  5-5  show  two  views  of  the  pits  that  nucleated  the  fatigue  cracks.  In  addition,  growth 
rings  typical  of  fatigue,  in  this  case  most  likely  environmentally  assisted  fatigue  crack  propagation,  are  also 
clearly  apparent.  AMRL  and  QETE  were  both  helpful  in  identifying  the  true  failure  mode  in  this  case. 
The  subject  component  had  not  been  identified  as  a  structurally  significant  item.  The  cracking  was  found 
initially  by  diligent  maintenance  personnel.  Subsequent  to  the  discovery  of  the  corrosion  pitting  as  the  source 
of  the  cracks  a  program  was  put  into  place  to  monitor  the  area  in  question  for  corrosion  thereby  preventing 
the  rampant  formation  of  both  corrosion  pits  and  fatigue  cracking.  This  was  a  significant  aid  to  all  the  forces 
flying  this  particular  transport  aircraft. 


RTO-AG-AVT-140 


5-7 


PITTING  CORROSION:  MORPHOLOGY  AND  CHARACTERIZATION 


ORGANIZATION 


Figure  5-4:  Fracture  Surface  of  Cl  30  “Porkchop”  Fitting  that  Unexpectedly 
Failed  from  Pitting  that  Transitioned  into  Cracks. 


(Photo  by  Ms.  Amy  Taylor,  and  David  W.  Hoeppner,  University  of  Utah,  1999.  Crack 
started  at  a  pit  at  the  lower  right  corner  and  propagated  by  corrosion 
fatigue  mechanisms.  This  was  commonly  observed.) 


Origin  st  piL  Note  growth 
rings  indicate  of  fatigue. 


Figure  5-5:  A  Second  View  of  the  Fracture  Surface  of  Cl  30  “Porkchop”  Fitting 
that  Unexpectedly  Failed  from  Pitting  that  Transitioned  into  Cracks. 

(Photo  by  Ms.  Amy  Taylor,  and  David  W.  Hoeppner,  University  of  Utah,  1999.  In  this  view  the  crack 
nucleated  at  the  lower  left  corner  at  a  pit  and  propagated  by  corrosion  fatigue.  Note  the  growth  rings 
as  the  crack  propagates  from  the  lower  left  toward  the  upper  right  corner  of  the  photograph.) 
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Figure  5-6  and  Figure  5-7  above  show,  respectively,  the  formation  of  fatigue  cracks  at  corrosion  pits  and 
how  fatigue  cracks  are  observed  to  link  pitting.  It  has  been  known  for  some  time  that  both  these  occur. 
Thus,  corrosion  pitting  often  creates  multiple  site  damage.  The  characterization  studies  done  recently  at 
the  UU  QIDEC  laboratories  have  been  instrumental  in  identifying  features  of  pitting  that  are  useful  in 
modeling  (see  Chapter  7  and  references  [27]-[49]). 


Machined 

notch. 


Probable 
origins 
of 

cracks. 


Figure  5-6:  View  Showing  Corrosion  Pits  Nucleating  Cracks. 


Fatigue  crack  joining 
two  pits.  This  is  a 
common  occurrence. 


Figure  5-7:  View  Showing  Other  Pits  with  Fatigue  Cracks  Propagating  Between  Them. 

Figure  5-8(a)  below  shows  the  frequently  observed  occurrence  of  either  sustained  load  or  cyclic  load 
induced  cracks  forming  and  linking  pits.  This  has  significant  implications  in  formulating  repair  practices 
and  in  developing  acccurate  models  to  predict  corrosion  pit  growth  rates  and  incorporating  them  into 
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models.  On  the  other  hand  Figure  5-8(b)  shows  a  view  of  cracks  in  the  bottom  of  pits.  This  observation 
was  made  quite  frequently.  (Although  not  visisble  in  this  photo  cracks  also  were  observed  in  pit  walls. 
This  too  was  frequently  observed). 


Note  cracks  within  pits.  This  is  often 
observed  from  pits  in  the  field  and 
laboratory.  These  cracks  have  been 
observed  to  be  both  intergranular  and 
fatigue  induced.  > 


(a)  (b) 

Figure  5-8:  Views  in  the  Notch  of  Corrosion  Fatigue  Specimens  Tested  in  the  QIDEC  Laboratory 
at  the  University  of  Utah  (2000).  Alloy  was  7075-T6  tested  in  3.5%  salt  water. 


Figure  5-9  below  shows  an  example  of  an  image  of  pits  taken  in  a  confocal  microscope.  The  confocal 
microscope  has  been  very  successful  in  allowing  the  determination  of  pit  depth  and  more  clarity  on  the  shape 
of  pits  as  well  (see  Ref.  [49]  for  more  general  descriptions  of  the  use  of  the  confocal  microscope  to 
characterize  pits.  This  is  in  additon  to  many  other  references  cited  herein).  Another  example  of  the 
characterization  of  pits  is  shown  in  Figure  5-10.  In  this  case  the  confocal  microscope  was  used  in 
conjunction  with  the  SEM  (Scanning  Electron  Microscope)  to  characterize  the  depth  and  shape  of  corrosion 
pits  developing  under  corrosion  fatigue  test  conditions.  These  tools  proved  invaluable  in  their  ability  to  assist 
in  characterizing  the  depth  and  shape  for  use  in  modeling  efforts  as  described  in  Chapter  7  of  this  report. 
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Confocal  image 


Black  and  white  image  of 
location  of  confocal  image 


Figure  5-9:  Post  Corrosion  Exposure  of  30  Hours,  d~0.0012"  (30  mm)  of  Pit:  Left  image  shows 
typical  confocal  image  with  variation  in  color  showing  depth  -  red  indicates  the  deepest 
area  of  the  pit;  Image  on  right  shows  area  where  confocal  image  was  taken. 
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Pits  #  19  and  21  joined 
with  maximum  depth  of 
37.8  jum.  Therefore,  after 
80k  cycles,  both  pits  were 
quantified  to  have  a  depth 
of  37.8  pm. 


Xl00  0031  25 kV  500J->rn 


(b) 

Figure  5-10:  SEM  Photos  Showing  Pits  Developed  Under  Corrosion  Fatigue  Conditions: 
(a)  After  60,000  Cycles;  and  (b)  After  80,000  Cycles.  Vertical  arrows  indicate 
loading  direction.  Depth  of  pits  determined  by  confocal  microscopy. 

(Material  was  7075-T6  tested  in  ASTM  3.5%  NaCI  solution). 


5.3  CONCLUDING  REMARKS 

This  chapter  has  described  various  techniques  for  characterizing  pitting  corrosion.  Pitting  has  been 
observed  to  occur  much  more  frequently  than  envisioned  in  early  design  of  critical  components  of  fixed 
wing  and  rotary  wing  aircraft.  In  some  cases  it  has  proved  fatal  due  to  lack  of  its  consideration  in  the 
original  design  and  lack  of  an  ability  to  characterize  it  once  it  has  been  observed  to  occur.  Some  repair/ 
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blend/sanding  techniques  are  commonly  used  in  maintenance  to  attempt  to  eliminate  pitting.  This  in  a 
sense  has  avoided  the  critical  task  of  attempting  to  characterize  pitting  corrosion  in  terms  of  both  depth 
and  shape,  and  particularly  shape  below  a  surface.  Thus,  even  though  some  NDI  techniques  have  been 
used  to  attempt  to  assure  that  all  detected  pitting  has  been  removed  once  it  has  been  found  in  critical  areas 
on  critical  components,  much  more  work  on  quantification  of  NDI  procedures  to  both  detect  pitting  and 
completely  characterize  it  are  needed.  In  addition,  much  more  exploration  and  quantification  of  NDI  for 
pitting  corrosion  detection  is  needed.  This  included  definition  of  the  detection  thresholds  of  various  NDI 
practices  for  use  in  maintenance  and  original  design.  In  addition,  the  probability  of  detection  for  various 
NDI  practices  employed  to  characterize  pits  also  must  be  determined  and  included  in  both  as  well. 

Another  issue  that  is  greatly  needed  in  the  future  is  the  education  of  engineering  students  to  deal  with  all 
types  of  corrosion  on  aircraft  including  pitting  corrosion.  This  field  has  been  sorrowfully  neglected  by  the 
aviation  industry  in  terms  of  going  beyond  the  typical  CPCP  (Corrosion  Prevention  and  Control  Program). 
Some  progress  in  this  later  area  has  been  made  but  the  engineering  schools  throughout  the  world  still  do 
not  include  enough  education  on  corrosion  and  how  to  design  for  its  occurrence  (this  is  true  of  almost  all 
designs  and  not  just  aircraft).  The  continued  development  of  the  HOLSIP  concepts  (Holistic  Structural 
Integrity  Design  Processes)  are  providing  much  guidance  on  how  to  deal  with  all  the  issues  mentioned. 
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Chapter  6  -  CORROSION  MORPHOLOGY: 
INTERGRANULAR  CORROSION  AND  EXFOLIATION 

Nicholas  C.  Bellinger 

Institute  for  Aerospace  Research 
National  Research  Council  Canada 
Ottawa,  Ontario 
CANADA 


6.1  INTRODUCTION 

Intergranular  corrosion  in  highly  textured  aluminum  alloys,  such  as  those  used  in  aircraft  structures, 
can  cause  severe  flaking  of  the  surface  grains  in  a  process  commonly  referred  to  as  exfoliation.  This  chapter 
shows  typical  examples  of  this  type  of  corrosion  and  describes  investigations  carried  out  at  the  National 
Research  Council  Canada  to  characterize  the  damage. 


6.2  CHARACTERISTICS  AND  DOCUMENTATION 

Exfoliation  corrosion,  or  exfoliation,  is  defined  as  corrosion  that  proceeds  laterally  from  the  sites  of 
“initiation”  along  planes  parallel  to  the  surface,  generally  at  grain  boundaries,  forming  corrosion  products 
that  force  metal  away  from  the  body  of  the  material,  giving  rise  to  a  layered  appearance  [1].  In  other 
words,  exfoliation  is  a  form  of  severe  intergranular  corrosion,  which  occurs  at  the  boundaries  of  grains 
elongated  in  the  rolling  or  extrusion  direction.  Generally,  exfoliation  corrosion  occurs  when  there  is  a 
combination  of  three  factors:  a  highly  directional  microstructure,  a  preferential  anodic  path  and  a  specific 
type  of  corrosive  environment.  In  aircraft  materials  exfoliation  corrosion  is  most  common  in  the  heat- 
treatable  Al-Zn-Mg-Cu  (7000  series),  Al-Cu-Mg  (2000  series),  and  Al-Mg  alloys,  but  it  has  also  been 
observed  in  Al-Mg-Si  alloys  [2].  The  generation  of  exfoliation  corrosion  products  forces  layers  apart  and 
causes  the  metal  component  to  swell.  Flakes  of  metal  may  be  pushed  up  and  may  even  peel  from  the  surface. 
The  results  from  this  particular  study  also  indicated  that  the  depth  of  penetration  for  the  exfoliation  present 
was  small  and  there  was  very  little  intergranular  corrosion  present  below  the  main  area  of  exfoliation. 

To  document  the  damage  caused  by  exfoliation  corrosion,  sections  were  taken  from  service  exposed  7178- 
T6  upper  wing  skins  from  retired  Boeing  707  aircraft  [3].  As  outlined  in  Chapter  4,  these  sections  were 
cold  mounted  and  progressively  polished  to  determine  the  damage  state.  An  image  of  this  section  along 
with  the  NDI  and  polishing  results  are  shown  in  Figure  6-1.  It  is  interesting  to  note  how  the  damage 
morphology  substantially  changed  over  a  small  distance,  1.067  mm  (0.042  inches),  from  very  little 
intergranular  corrosion  to  considerable  amounts  of  exfoliation.  Although  very  little  intergranular  corrosion 
was  present  below  the  observed  exfoliation,  as  can  be  seen  from  the  arrows  in  Figure  6-1,  the  intergranular 
corrosion  that  was  present  was  located  very  close  to  the  maximum  exfoliation  depth.  This  suggests  that  if 
this  area  of  the  wing  skin  was  repaired  the  intergranular  corrosion  would  probably  also  be  removed. 

Another  section  that  was  taken  from  an  upper  wing  skin  contained  both  visible  exfoliation  and  a  repaired 
(ground-out)  area.  An  image  of  this  section  along  with  the  NDI  and  polishing  results  are  shown  in  Figure  6-2. 
Although  visible  exfoliation  was  clearly  present  outside  of  the  repaired  area,  no  damage  was  detected  within 
the  area.  It  is  interesting  to  note  that  as  the  polishing  progressed  the  severity  of  the  exfoliation  decreased  to 
intergranular  corrosion,  which  extended  into  the  repaired  area.  Whether  the  intergranular  corrosion  at  this 
depth  was  present  before  the  repair  process  was  carried  out  could  not  be  determined. 
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(a)  Photograph  of  section  showing 
locations  of  polishing. 


(b)  Ultrasonic  inspection 
results. 


(c)  Second  polishing  that  removed  1.118  mm  (0.044  inch)  from  the  first  polishing. 


(d)  Third  polishing  that  removed  1.067  mm  (0.042  inch)  from  the  second  polishing. 


(e)  Fourth  polishing  that  removed  1.041  mm  (0.041  inch)  from  the  third  polishing. 


(f)  Fifth  polishing  that  removed  1.118  mm  (0.044  inch)  from  the  fourth  polishing. 


(h)  Sixth  polishing  that  removed  1.092  mm  (0.043  inch)  from  the  fifth  polishing.  It  should  be 
noted  that  additional  polishing  revealed  similar  damage  to  that  found  in  the  sixth  polishing. 


Figure  6-1:  Results  from  the  Progressive  Polishing  Carried  Out  on  Specimen  362-B-S4-1  that 
Contained  Visible  Exfoliation  (arrows  indicate  the  location  of  the  deepest  intergranular  attack). 
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(a)  Photograph  of  section 
showing  locations  of  polishing. 


(b)  Ultrasonic  inspection 
results. 


(c)  First  polishing. 


(d)  Fourth  polishing  that  removed  a  total  of  3.15  mm  (0.124  inch)  from  the  first  polishing. 


(e)  Fifth  polishing  that  removed  a  total  of  1.189  mm  (0.0468  inch)  from  the  fourth  polishing. 
The  “indent”  is  the  result  of  a  repair  procedure  that  was  carried  out  to  remove  previous 
exfoliation  damage.  Note  the  intergranular  corrosion  that  is  present  below  the  indent. 


(f)  Tenth  polishing  that  removed  a  total  of  4.902  mm  (0.193  inch)  from  the  fifth  polishing. 


Figure  6-2:  Results  from  the  Progressive  Polishing  Carried  Out  on  Specimen  362-B-S4-2 
that  Contained  both  Visible  Exfoliation  and  a  Repaired  (Ground-Out)  Area 
(arrows  indicate  the  location  of  the  deepest  intergranular  attack). 
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A  section  was  taken  from  a  7178-T6  upper  wing  skin  that  did  not  contain  any  visible  exfoliation,  cold 
mounted  and  progressively  polished,  the  results  of  which  are  shown  in  Figure  6-3.  As  can  be  seen  from 
this  figure,  intergranular  corrosion  was  present  in  the  fastener  area,  which  was  detected  by  the  ultrasonic 
inspection  technique.  This  result  demonstrated  the  sensitivity  of  the  ultrasonic  techniques  to  detect  small 
levels  of  intergranular  corrosion.  It  should  also  be  mentioned  that  if  a  repair  procedure  were  to  be  carried 
out  in  this  area  it  is  highly  unlikely  that  all  the  intergranular  corrosion  would  be  removed,  which  is  a 
requirement. 


(a)  Photograph  of  section 
showing  locations  of  polishing. 


(b)  Ultrasonic  inspection 
results. 


(c)  Fourth  polishing  that  removed  a  total  of  2.59  mm  (0.102  inch)  from  the  first  polishing. 

Figure  6-3:  Results  from  the  Progressive  Polishing  Carried  Out  on  Section  B 
Taken  from  Specimen  362-B-S4-1  that  did  Not  Contain  any  Visible  Exfoliation 
(arrows  in  (c)  indicate  the  location  of  the  deepest  intergranular  attack). 

Another  study  was  carried  out  on  exfoliated  integrally  stiffener  extruded  7075-T6511  upper  wing  skins 
(that  is  fasteners  were  not  present)  [3].  Wing  skins  that  were  accidentally  subjected  to  an  age  degradation 
process  while  in  storage  were  used  in  this  study.  However  it  was  determined  that  the  damage  sustained  from 
this  process  was  representative  of  the  damage  that  occurred  in  service.  Sections  were  taken  from  exfoliated 
areas;  cold  mounted  and  progressively  polished  using  standard  metallurgical  techniques  to  determine  the 
origin  of  the  exfoliation  as  well  as  to  characterize  the  damage  present.  Some  of  the  results  are  shown  in 
Figure  6-4  and  Figure  6-5.  From  this  characterization  study  it  was  found  that  the  intergranular  corrosion, 
which  developed  into  exfoliation,  originated  at  a  modified  discontinuity  state  (corrosion  pit)  that  evolved 
from  the  age  degradation  process. 
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(a)  Photograph  of  section  SC3-1A. 


(b)  Photomicrograph  showing  exfoliation  present  in  section.  Note  corrosion  pit 
(square)  that  was  present,  which  may  have  started  the  intergranular  corrosion. 

Figure  6-4:  Exfoliation  Present  Along  S-T  Direction  7075-T6  Upper  Wing  Skin. 
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(a)  Photograph  of  section  SC5-3E. 


(b)  Photomicrograph  of  exfoliation  present  in  section  after 
first  polish.  Note  presence  of  corrosion  pit  (circle). 


(c)  Photomicrograph  of  exfoliation  present  after  second  polish  in  same  area  as  (b). 

Figure  6-5:  Exfoliation  Present  Along  S-T  Direction  of  Section  Taken  from  7075-T6  Upper  Wing  Skin. 
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Chapter  7  -  CORROSION  MORPHOLOGY: 
CORROSION  PILLOWING  AND  CRACKING 

Nicholas  C.  Bellinger 

Institute  for  Aerospace  Research 
National  Research  Council  Canada 
Ottawa,  Ontario 
CANADA 


7.1  INTRODUCTION 

This  section  examines  the  corrosion  induced  distortion  of  aircraft  skins  commonly  referred  to  as 
“Pillowing”,  which  involves  plastic  deformation  and  in  extreme  cases  cracking  in  lap  joints.  Examples  of 
pillowing  and  pillowing  induced  cracking  in  some  typical  commercial  transport  aircraft  are  shown.  It  is 
suggested  that  both  the  associated  stresses  and  the  cracking  that  arises  due  to  these  stresses  should  be 
taken  into  account  during  the  assessment  of  structural  integrity.  References  are  provided  to  literature  that 
explores  these  suggestions  in  more  detail. 

7.2  THE  PILLOWING  PHENOMENON 

The  majority  of  fuselage  lap  joints  consist  of  an  outer  and  inner  skin  fabricated  from  aluminum  alloy 
2024-T3  joined  together  with  multiple  rows  of  countersunk  rivets,  Figure  7-1,  as  well  as  an  adhesive  layer. 
During  the  operation  of  an  aircraft  the  adhesive  layer  can  deteriorate  and  disbond  allowing  moisture  to 
migrate  between  the  skins.  This  moisture  can  in  turn,  breakdown  the  material  protective  system  resulting 
in  the  formation  of  crevice  corrosion.  As  the  corrosion  forms,  the  skins  between  the  rivets  are  forced  apart 
due  to  the  presence  of  the  corrosion  products.  A  chemical  analysis  on  corrosion  samples  taken  from  service- 
exposed  lap  joints  indicated  that  the  insoluble  product  contained  a  mix  of  oxides,  primarily  aluminum  oxide 
trihydrate,  which  has  a  molecular  volume  ratio  of  6.454  times  that  of  pure  aluminum  [1].  It  is  this  high 
molecular  volume  ratio  that  is  responsible  for  the  deformation  of  the  riveted  skins  in  a  joint  resulting  in  the 
appearance  commonly  referred  to  as  “pillowing”. 


Inner  skirh^  j 

1  i 

[  „ 
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V 

1  Outer  skin 

Figure  7-1:  Schematic  of  Typical  Longitudinal  Boeing  Lap  Joint 
(Dimensions  are  in  inches  -  1  inch  =  25.4  mm). 
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The  most  common  procedure  is  to  inspect  the  fuselage  joints  visually  from  the  aircraft  exterior.  Typically 
inspectors  look  at  the  lap  joint  surfaces  for  traces  of  corrosion  products,  and  for  corrosion  pillowing 
deformation,  most  often  with  the  aid  of  a  flashlight.  Figure  7-2,  Figure  7-3  and  Figure  7-4  show  typical 
images  of  pillowing  obtained  using  an  optical  inspection  method,  known  as  D-Sight™,  designed  to 
enhance  the  appearance  of  the  surface  perturbations.  The  fundamental  assumption  is  that  corrosion  is  not 
significant  unless  the  inspector  is  able  to  see  shadows  cast  by  the  deformed  surface.  Unfortunately,  there  is 
no  data  on  the  Probability  Of  Detection  (POD)  for  corrosion  pillowing  using  visual  inspection. 


(a)  No  corrosion  indications. 


(b)  Corrosion  is  present  within  the  joint  which  is  indicated  by 
a  bright  to  dark  change  in  an  area  of  the  grayscale  image. 

Figure  7-2:  Enhanced  Visual  Inspection  Results  (D-Sight™)  of  Fuselage  Lap  Joints. 
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Figure  7-3:  Various  D-Sight™  Images  Showing  Degree  of  Pillowing 
for  Different  Level  of  Material  Thickness  Loss  (ML). 


Figure  7-4:  D-Sight™  Images  Showing  Pillowing  Caused  by  Corrosion  Products. 


7.2.1  Mathematical  Model  of  Pillowing 

The  unaided  visual  non-destructive  inspections  used  to  detect  corrosion  pillowing  in  fuselage  lap  joints  are 
not  capable  of  determining  the  level  of  corrosion  within  a  joint.  Therefore  to  determine  if  a  correlation 
existed  between  the  amplitude  of  the  pillowing  deformation  of  the  outer  skin  of  a  lap  joint  to  the  degree  of 
corrosion  inside  the  joint  a  mathematical  model  was  developed  [2].  The  model  assumed  that  the  corrosion 
product  was  distributed  within  the  joint  so  as  to  exert  a  uniform  lateral  pressure  on  the  fuselage  skins. 
It  was  also  assumed  that  the  joint  was  symmetrical  about  its  mid-plane  and  thus  only  the  outer  skin  was 
modeled.  The  closed- form  classical  plate  theory  of  Timoshenko  and  Krieger  was  used  to  calculate  the 
deformation  of  the  outer  skin  supported  by  equidistant  rivets  and  subjected  to  a  uniform  lateral  pressure 
[3].  In  order  to  better  understand  the  effect  that  the  rivet  spacing  ratio  had  on  corrosion  pillowing, 
the  deformed  shapes  of  plates  with  various  rivet  spacing  ratios  were  calculated  and  the  results  are  plotted 
in  Figure  7-5.  The  results  showed  that  as  the  rivet  spacing  increased,  the  relative  deflections  at  the  shorter 
edges  decreased  while  those  at  the  longer  edges  increased,  which  can  significantly  reduce  the  probability 
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of  detecting  the  corrosion  visually.  This  suggests  that  the  detection  limit  for  joints  with  a  high  rivet 
spacing  ratio  may  be  significantly  larger  than  the  maximum  allowed  10%  thickness  loss. 


(a)  Rivet  spacing  of  1.0. 


(c)  Rivet  spacing  of  2.0. 
Figure  7-5:  Effect  of  Rivet  Spacing  Ratio  on  Pillowing  Ratio  [4]. 


It  should  be  mentioned  that  although  this  section  has  concentrated  on  the  effect  that  corrosion  pillowing 
has  on  the  stress  state  in  fuselage  lap  joints,  this  phenomenon  is  present  in  any  area  of  an  aircraft  where 
corrosion  is  contained  between  two  fixed  surfaces  and  the  subsequent  increase  in  stress  occurs  where  the 
material  is  restricted  from  deforming. 


7.3  PILLOWING  CRACKS 

Following  the  finite  element  analysis  [4],  non-surface  breaking  cracks  were  found  in  a  number  of  naturally 
corroded  joints  removed  from  both  retired  and  operational  aircraft,  Table  7-1.  These  cracks  were  identified 
using  either  x-ray  non-destructive  inspection  techniques  or  when  some  of  the  joints  were  disassembled  and 
the  corrosion  products  removed.  As  can  be  seen  from  Table  7-1,  cracks  were  found  in  a  number  of  different 
locations  on  various  aircraft  with  diverse  operating  lives.  For  the  A3 00  incident  a  service  bulletin  was  found 
that  was  issued  in  1982  by  Airbus  Industrie  [5].  The  bulletin  described  the  discovery  of  numerous  cracks 
around  the  rivet  holes  of  a  corroded  lap  joint  that  resulted  in  a  “star-shape”  pattern. 
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Table  7-1:  Recorded  Incidences  of  Pillowing  Cracks. 


Type  of  Aircraft 

Hours/Cycles 

Location  of  Crack 

Layer 

WFU*  / 
CUT** 

Lion 

38,040/31,370 

33R/BS589-609 

First 

Dec.  92  / 
Sept.  93 

B727-235 

55,640/48,660 

4R/BS1100 

Second 

Sept.  92  / 
May  93 

B727-200 

D  Check 

S30/BS1090 

First 

In  Service  / 
Aug.  95 

B727-100 

61,890/54,150 

S19R/BS600-640 

Second 

July  94  / 
July  96 

B727-90C 

72,400  /  56,700 

S19-26L  /  BS440 

First 

In  Service  / 
Oct.  95 

B727-235 

56,870/49,530 

S19R/BS700-720 

First 

Mar.  92  / 
Feb.  93 

A300(AD) 

10,400/6,940 

S31L  /  FR26-31 

First 

In  Service  / 
Oct.  81 

B727-295 

61,854/55,465 

S19R/BS660-680 

First 

Jan.  90  / 
Feb.  98 

B727-295 

63,349  /  55,676 

S19R  /  BS720A-720B 

First 

Aug.  89  / 
Feb.  98 

B707(Bueno) 

- 

Floor  to  Skin  Joint 

First 

In  Service 

B707-3J6C 

26,545/  11,448 

S20R  /  BS590-600H  +10 

- 

Feb.  97  / 
Jan.  99 

*  WFU-Date  aircraft  was  withdrawn  from  service. 
**  CUT-Date  when  lap  joint  was  cut  from  aircraft. 


The  presence  of  these  non-surface  breaking  cracks,  referred  to  as  pillowing  cracks,  has  raised  concerns 
into  the  effect  they  could  have  on  the  structural  integrity  of  corroded  fuselage  lap  joints  [6].  Visual 
examinations  of  lap  joint  faying  surfaces  that  were  cleaned  of  corrosion  products  revealed  that  pillowing 
cracks  could  extend  to  approximately  one-quarter  to  one-half  the  rivet  pitch. 

To  determine  the  failure  mode  of  these  pillowing  cracks,  a  number  of  cracks  were  examined  using  both 
optical  and  scanning  electron  microscopy  [4], [7], [8].  The  following  observations  were  made: 

•  Pillowing  cracks  tended  to  occur  in  groups  (i.e.,  “star-shape”  pattern  cracks  at  more  than  one  rivet 
hole),  which  did  not  normally  penetrate  through  the  thickness.  The  cracks  always  occurred  on  the 
side  of  the  hole  that  was  affected  by  the  increased  stress  due  to  the  pillowing  and  tended  to 
propagate  into  the  pillowed  region  Figure  7-6. 

•  The  crack  faces  that  were  pried  open  contained  corrosion  products  and  showed  extensive 
intergranular  fracture  with  numerous  secondary  cracking,  Figure  7-7. 

•  A  number  of  the  cracks  had  multiple  nucleation  sites.  Although  these  sites  could  not  be  determined, 
they  were  evidently  based  on  the  different  crack  planes  present,  Figure  7-8. 
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•  The  crack  growth  through  the  thickness  was  not  perpendicular  to  the  faying  and  outer  skin 
surfaces  but  occurred  at  an  angle,  Figure  7-9. 

•  Some  of  the  fracture  surfaces  contained  fatigue  striations  near  the  crack  edge  where  the  corrosion 
was  light,  Figure  7-10  and  suggests  that  once  these  cracks  form,  they  may  continue  to  grow  under 
fatigue  loading. 


(b)  X-ray  micrograph  showing  cracks  in  LI  Oil  lap  joint. 

Figure  7-6:  Various  Images  Showing  the  Typical  Star-Shape 
Pattern  Associated  with  Pillowing  Cracks. 
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(a)  Scanning  electron  micrograph 
of  crack  face. 


(b)  Optical  micrograph  obtained 
from  progressive  polishing. 


Figure  7-7:  Micrographs  Showing  the  Intergranular  Cracking  with  Numerous  Secondary  Cracks. 


Figure  7-8:  Micrographs  Showing  Multiple  Crack  Nucleation  Sites. 
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Figure  7-9:  Optical  Image  of  Pillowing  Crack  Showing  Angled  Crack  Growth. 
(Note  that  the  crack  occurred  away  from  the  edge  of  the  hole  but  is  still 
within  the  highly  stressed  area  caused  by  the  corrosion  pillowing.) 


Figure  7-10:  Scanning  Electron  Micrographs  Showing  Fatigue  Striations 
that  were  Found  on  the  Fracture  Surfaces  on  Some  Pillowing  Cracks. 


With  the  discovery  of  pillowing  cracks  and  the  fact  that  Wanhill  discovered  these  cracks  at  every  fastener 
hole  in  an  area  of  about  one  bay  length  (500  mm)  [9],  it  is  proposed  that  the  term  Multi-Site  Damage 
(MSD)  should  include  corrosion,  since  the  effect  that  pillowing  cracks  may  have  on  structural  integrity 
could  be  similar  to  fatigue  crack  MSD. 
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Chapter  8  -  FRETTING  CORROSION  AND  FATIGUE 

David  W.  Hoeppner 

Professor  and  Director,  Quality  and  Integrity  Design  Engineering  Center  (QIDEC) 
Mechanical  Engineering  Department,  University  of  Utah 
Salt  Lake  City,  Utah 
USA 


8.1  INTRODUCTION 

Virtually  all  mechanical  joints  of  fixed  wing  aircraft,  rotary  wing  aircraft,  engine  and  propulsion  systems, 
gearbox  and  other  electrical  and  mechanical  components  of  aircraft  are  susceptible  to  the  occurrence  of 
fretting  fatigue.  The  complexities  of  fatigue  design,  either  safe-life  or  damage  tolerant  or  HOLSIP  (Holistic 
Structural  Integrity  Processes),  are  enough  to  challenge  the  most  talented  technical  personnel.  Add  to  that  the 
occurrence  of  fretting  and  truly  complex  phenomena  occur  that  require  a  fully  comprehensive  structural 
integrity  design  policy. 

Fretting  fatigue  was  originally  discovered  in  the  early  part  of  the  20th  century.  Since  that  time  a  great  deal 
of  work  has  been  done  to  understand  the  mysteries  of  fretting  fatigue.  As  well,  engineers  have  devoted  a 
significant  effort  to  studying  fretting  fatigue  to  be  able  to  cope  with  the  potentially  deleterious  effects  it 
may  have  on  the  life  of  engineering  components. 

Fretting  is  a  phenomenon  that  involves  both  environmental  effects  (corrosion  in  metals)  and  wear. 
Thus,  it  is  a  complex  phenomenon.  Figure  8-1  shows  some  of  the  parameters  involved  in  fretting  fatigue. 
When  it  acts  with  cyclic  loading  on  engineering  components  the  result  frequently  is  to  either  shorten  the 
fatigue  life  or  to  lower  the  fatigue  design  allowable. 


Normal  pressure,  PN 
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•  variable  load  amplitude 
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Figure  8-1 :  A  Depiction  of  the  Large  Number  of  Parameters  that  may  be  Involved  in 
Fretting  Fatigue  (the  view  shown  in  the  upper  left  depicts  single  sided  contact 
but  many  contacts  are  double  sided)  -  from  Hoeppner,  1991. 


Historically  three  approaches  have  been  employed  in  fretting  fatigue  studies  as  shown  in  Figure  8-2  below. 
One  approach  is  to  perform  fretting  fatigue  testing  by  simulating  the  contact  or  fastening  conditions. 
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The  fretting  fatigue  test  results  thus  generated  are  used  to  determine  the  fretting  fatigue  life  reduction  factor 
Kff.  Although  this  approach  has  been  to  introduce  a  fretting  fatigue  life  reduction  factor  into  the  fatigue 
design  process  this  is  not  always  a  satisfactory  procedure.  A  second  approach  is  to  develop  the  fatigue 
structural  allowables  by  testing  the  mechanical  joints  and  including  fretting  considerations  in  these  tests 
including  the  alleviation  or  prevention  schemes.  Another  approach  is  to  use  a  fretting  protection  and  control 
plan  to  focus  on  potentially  blocking  the  occurrence  of  fretting  or  to  prevent  the  propagation  of  cracks  from 
fretting  damage  areas.  This  approach  simulates  fretting  damage  that  will  assist  in  developing  greater 
understanding  of  the  basic  mechanisms  of  fretting  which  in  turn  will  lead  to  the  development  of  standardized 
fretting  fatigue  test  methods.  In  addition,  this  approach  will  help  to  find  some  preventive  systems  to  alleviate 
fretting  fatigue  problems  on  structural  components.  This  mechanistic  approach  also  will  be  useful  to  develop 
inspection  systems.  Some  investigators  are  coupling  damage  tolerance  concepts  to  fretting  studies  to  assist  in 
more  accurate  tracking  of  damage  as  well  as  setting  more  realistic  inspection  intervals.  Therefore,  one  of  the 
needs  for  improved  fretting  fatigue  resistance  is  the  development  of  adequate  experimental  procedures  to 
simulate  fretting  fatigue  phenomena. 
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Figure  8-2:  Historical  Perspective  of  Approaches  to  Fretting  Fatigue  Design  Studies. 


8.2  MECHANISMS  OF  FRETTING 

Fretting  is  believed  to  rupture  the  protective  oxide  films  of  the  metal  alloys  that  are  in  contact  although  the 
influence  of  oxide  film  is  brief  in  the  subsequent  degradation  mechanism  of  fretting.  Therefore,  it  is 
commonly  believed  that  the  first  stage  of  fretting  is  adhesive  contact  of  the  asperities  on  contact  surfaces 
[1].  Microscopic  plastic  deformation  of  the  contacting  asperities  in  relative  motion  may  result  in  the 
nucleation  of  cracks.  In  addition,  metal  transfer  may  occur  from  one  surface  to  another  depending  on  the 
hardness  and  the  relative  displacement  of  the  contacting  surfaces.  The  production  of  fretting  debris  and  the 
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oxidation  of  the  fresh  surface  may  result  in  the  build-up  of  oxides  on  the  contacting  surfaces.  These  may 
result  in  the  formation  of  pits  on  the  contacting  surfaces.  These  damages  may  very  well  accelerate  the 
nucleation  of  cracks.  Depending  on  the  contact  stress  state  the  nucleated  cracks  may  result  in  early 
propagation  in  a  rapid  manner.  Contact  stresses  are  high  enough  to  significantly  influence  crack 
propagation.  The  cracks  may  propagate  at  various  rates  and  angles.  Subsequent  final  propagation  of  cracks 
may  depend  on  the  bulk  stress  alone  rather  than  on  the  contact  stress.  As  the  crack  grows  into  the  material, 
a  depth  is  reached  beyond  which  the  contact  stresses  have  little  or  no  influence  and  the  applied  cyclic 
stresses  play  a  dominant  role.  Therefore,  the  fretting  process  can  be  divided  into  four  stages  viz.  nucleation 
of  cracks,  early  propagation  of  cracks  by  contact  stress  state,  final  propagation  of  cracks  by  bulk  stress  and 
instability  resulting  in  the  decreased  fatigue  life.  The  aforementioned  fretting  process  is  dependent  on 
many  different  variables  such  as  material  microstructure,  stress  state,  environment,  relative  slip  amplitude, 
and  contact  pressure. 

The  theories  related  to  nucleation  of  fretting  fatigue  cracks  are  usually  based  on  the  adhesive  contact  of  the 
asperities  as  well  as  the  cracks  that  form  sub-surface.  Displacements  that  are  “small”  on  a  macroscopic 
scale  are  very  large  when  acting  on  asperities.  Relative  movement  of  adhesively  bonded  asperities  results 
in  plastic  or  near-plastic  strains  around  asperities.  The  importance  of  the  formation  of  oxides  may  be  based 
on  their  affect  on  adhesive  contacts.  Oxides  usually  prevent  direct  metal  contact  and  reduce  coefficient  of 
friction  by  rolling.  However,  under  certain  conditions,  such  as  the  presence  of  discontinuities  and/or 
sliding  motion,  cracks  could  nucleate  sub-surface. 

Dependent  upon  nucleation  and  contact  stress  state  it  has  been  observed  that  after  a  specific  time,  fretting 
contact  no  longer  affects  the  fatigue  life.  This  implies  that  nucleation  occurs  very  early.  In  addition,  it  should 
be  noted  that  fatigue  life  reduction  occurs  only  after  a  specific  amount  of  fretting  damage  and  the  nucleated 
crack  must  be  large  enough  to  propagate  under  bulk  stress  alone  [2]. 


8.3  FRETTING  FATIGUE  IN  AIRCRAFT  JOINTS 

Fretting  fatigue  has  been  observed  as  a  potential  degradation  mechanism  in  aircraft  structural  components 
[3].  Many  cracks  have  been  found  to  originate  at  fasteners  and  on  faying  surfaces.  Cracks  may  form  due  to 
fretting  mechanisms  from  one  or  more  rivet  holes  leading  to  the  concept  of  multiple-site  damage. 
Evidence  supports  that  elimination  of  fretting  with  adhesives  greatly  increases  fatigue  life  [4].  Also,  it  has 
been  observed  that  cracks  appear  in  lugs  much  sooner  if  fretting  is  present.  In  addition,  failures  observed 
originating  at  areas  of  fretting  damage  often  occur  away  from  fastener  holes.  Figure  8-3  shows  a  schematic 
of  the  design  methods  proposed  in  the  past  by  Hoeppner  [4],  [5]  to  minimize  the  effect  of  fretting  fatigue  in 
aircraft  joints.  In  addition,  the  methods  to  alleviate  fretting  fatigue  challenge  in  aerospace  components  are 
provided  in  the  next  section. 
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Figure  8-3:  An  Illustration  of  an  Approach  that  has  been  Used 
to  Design  for  Fretting  Fatigue  Resistant  Aircraft  Joints  (4, 5). 


8.4  REDUCTION  OR  PREVENTION  METHODS 

The  following  are  some  methods  that  can  be  employed  to  reduce  the  problem  of  fretting  fatigue  in  aircraft 
joints  [5].  It  is  important  that  a  surface  integrity  engineering  plan  be  developed  to  assure  the  integrity 
desired  for  fretting  fatigue  resistance.  The  items  listed  below  will  all  fall  within  a  typical  surface  integrity 
engineering  plan. 

I  -  Design 

a)  Prevent  all  relative  motion  of  the  surfaces. 

b)  Prevent  the  surfaces  from  contacting. 

c)  Surface  roughness  changes  that  may  involve  either  an  increase  or  decrease  in  roughness  depending  on 
the  conditions  of  interest. 

d)  Surface  hardness  changes  that  may  involve  either  an  increase  or  decrease  in  hardness. 

The  most  common  approach  appears  to  be  to  increase  the  hardness  of  the  component  whose  life  is  being 
affected. 

II  -  Mechanical  Methods 

a)  Shot  peening. 

b)  Vapour  blasting. 
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c)  Bead  blasting. 

d)  Surface  rolling. 

e)  Dimpling  of  the  surface. 

These  methods  include  processes  that  cold  work  the  surface  to  increase  hardness  and  introduce  residual 
surface  compressive  stresses. 

III  -  Coatings 

a)  Hard  metal  coatings. 

b)  Soft  metal  coatings. 

c)  Polymer  coatings. 

There  are  multiple  purposes  to  coatings.  One  is  that  they  provide  a  separation  of  surfaces  that  are  in 
contact.  Another  is  that  the  coating  may  become  sacrificial  to  the  fretting  fatigue  loading  such  as  in  some 
shims  or  bushings.  Coatings  can  be  hard  or  soft  depending  on  the  overall  purpose  that  is  desired  which 
varies  with  design  application.  On  occasion  the  coating  will  be  selected  to  provide  a  lower  sliding 
frictional  behavior.  This  usually  involves  extensive  trial  and  error  evaluation. 

IV  -  Lubricants 

a)  Solid  lubricants. 

b)  Greases. 

c)  Oils. 

In  the  case  of  lubricants  they  too  have  purposes  that  vary  with  the  design  application.  In  some  cases  they 
provide  hydrodynamic  lubrication  and  thus  provide  a  film  between  the  surfaces  that  actually  maintains 
separation.  In  addition,  even  if  hydrodynamic  lubrication  is  not  attained  the  lubricant  may  provide  separation 
and  a  concomitant  reduction  in  contact  force  which  decreases  the  propensity  for  fretting.  Lubricants  also 
provide  for  significant  reductions  in  dynamic  or  sliding  friction  which  also  has  been  noted  to  reduce  fretting 
thereby  reducing  fretting  fatigue  life  reduction.  Some  lubricants  also  assist  in  fretting  debris  removal  which 
is  important  to  aiding  the  reduction  of  fretting  induced  surface  damage.  In  some  cases  it  has  been  noted  that  a 
temperature  reduction  occurs  by  the  use  of  lubricants  thereby  decreasing  the  fretting  surface  damage  as  well. 
Each  case  of  lubrication  provides  it  unique  challenge  and  to  date  no  general  design  rules  have  emerged  that 
are  reliable  for  all  fretting  fatigue  cases. 

V  -  Surface  Treatments 

a)  Anodization. 

b)  Ion  implants. 

c)  Sulphidization. 

d)  Phosphatization. 

Surface  treatments,  similar  to  the  discussions  under  III  and  IV  above,  can  have  varying  beneficial  effects 
based  on  the  same  general  principals.  They  have  the  added  potential  benefit  of  providing,  in  some  cases, 
compressive  surface  residual  stresses  that  also  can  significantly  enhance  fretting  fatigue  resistance. 

VI  -  Influence  of  Substances  Used  in  Aircraft  Joints 

a)  Faying  Surface  Sealants: 

•  ADHESIVE  types  can  significantly  increase  fretting  fatigue  life. 
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•  FLEXIBLE  sealants  can  decrease  fretting  fatigue  life. 

•  Increasing  sealant  thickness  decreases  fretting  fatigue  life. 

b)  Adhesives: 

•  Can  significantly  improve  fatigue  life  even  if  fretting  does  not  occur. 

•  Curing  an  adhesive,  then  assembling  the  joint  can  decrease  fatigue  life  due  to  decreased  friction. 

c)  Penetrants: 

•  Usually  reduce  fatigue  life  but  can  have  no  affect  or  increase  life. 

•  Penetrants  applied  after  joint  assembly  can  easily  enter  joints  depending  upon  the  type  of  faying 
surface  sealant. 

VII  -  Palliatives  Tested  in  Aircraft  Joints 

a)  Cold  working  can  significantly  improve  joint  fatigue  life. 

b)  Solid  lubricants  escape  from  the  joint  or  are  wiped  away. 

c)  Teflon  usually  decreases  fatigue  life  due  to  load  transfer  to  fastener  shanks. 


8.5  SUMMARY 

In  summary,  adhesion  based  mechanisms  of  fretting  fatigue  appear  to  be  most  common  and  fretting 
contact  significantly  increases  stress  at  and  near  the  surface. 

It  should  be  noted  that  palliative  effectiveness  is  extremely  CASE  SPECIFIC  as  noted  in  the  above 
discussions  and  only  methods  which  induce  surface  residual  compressive  stresses  consistently  increase 
fretting  fatigue  life.  Moreover,  evidence  shows  that  fretting  fatigue  is  a  pervasive  mode  of  failure  with 
riveted  aircraft  joints  and  many  contact  related  joints  in  gas  turbine  engines  and  helicopter  applications. 
Furthermore,  methods  which  reduce  fretting  in  aircraft  joints  often  do  not  increase  the  fatigue  life  as  a 
reduction  in  coefficient  of  friction  requires  more  load  to  be  taken  by  the  fastener  shank  in  the  case  of 
mechanical  fasteners.  It  is  desirable  that  in  time  more  specific  design  guidelines  be  established. 
Regrettably  no  extensive  long-term  studies  of  the  phenomenon  of  fretting  fatigue  have  been  undertaken  in 
any  NATO  or  other  country  in  which  the  efforts  have  been  focused  in  fretting  fatigue.  There  have  been 
studies  in  some  laboratories  around  the  world  where  the  focus  has  been  on  the  general  phenomenon  of 
fretting  fatigue.  Many  studies  from  these  laboratories  are  reported  in  the  general  bibliography  provided 
after  the  references.  Those  interested  in  the  progress  on  this  important  subject  should  go  to  the  entire  series 
of  publications  of  the  International  Symposia  on  Fretting  Fatigue.  Undoubtedly  future  meetings  of  that 
body  will  provide  much  continuing  insight  into  fretting  fatigue.  Finally  it  is  important  to  note  that  Japan 
assembled  the  first  group  of  fretting  fatigue  workers  to  produce  a  fretting  fatigue  test  standard.  This  too  is 
mentioned  in  the  general  bibliography.  In  recent  months  the  ASTM  has  produced  a  draft  fretting  fatigue 
standard  that  is  currently  being  voted  on  by  the  ASTM  E9  membership.  Hopefully  these  recent 
developments  will  bode  well  for  the  future  production  of  much  more  understanding  of  the  fretting  fatigue 
phenomenon,  much  more  reliable  data  to  allow  comparison  of  fretting  fatigue  data  between  various 
laboratories,  and  effective  design  guidelines  for  the  anticipation,  elimination  of  and  control  of  fretting 
fatigue  of  aircraft  structures. 
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Chapter  9  -  ENVIRONMENTALLY  ASSISTED 
CRACK  GROWTH  OF  METALLIC  ALLOYS 
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9.1  INTRODUCTION 

Environmentally  Assisted  Cracking  (EAC)  of  metal  alloys  is  one  of  the  most  fascinating  and  challenging 
time  dependent  mechanisms  of  degradation  that  may  lead  to  failure  of  aircraft  components  in  use  today. 
The  cause  of  environmentally  assisted  cracking  is  related  to  corrosion  mechanisms.  This  effect  is  one  of 
the  four  major  time  dependent  or  time  related  failure  mechanisms.  The  other  three  being  fatigue,  creep, 
and  wear.  When  combinations  of  the  failure  mechanisms  occur  the  challenge  for  engineers  and  scientists 
becomes  vexing.  Corrosion,  when  combined  with  fatigue,  produces  a  phenomenon  that  is  called  corrosion 
fatigue.  It  is  defined  as  when  corrosion  and  fatigue  occur  simultaneously.  Note  it  does  not  define  the 
sequential  occurrence  when  corrosion  may  occur  prior  to  fatigue  or  vice  versa.  The  objective  of  this 
chapter  is  to  present  the  key  issues  involved  in  environmentally  assisted  cracking  and  its  relationship  to 
the  integrity  of  aircraft  components. 


9.2  PHENOMENOLOGICAL  ASPECTS  OF  EAC 

Environmentally  assisted  cracking  of  metal  alloys  used  in  aircraft  occurs  under  two  major  conditions,  viz.: 

1)  Sustained  loading;  and 

2)  Cyclic  loading  (fatigue). 

For  many  years  the  former  has  been  referred  to  as  stress  corrosion  cracking.  There  is  an  effort  underway 
throughout  the  technical  community  to  refer  to  these  as  follows: 

1)  Environmentally  assisted  cracking  under  sustained  loading;  and 

2)  Environmentally  assisted  cracking  under  cyclic  loading. 

9.2.1  EAC  Under  Sustained  Loading 

The  science  of  corrosion  is  very  extensive  and  it  is  well  known  that  thermodynamics  and  kinetics  control  this 
most  interesting  electrochemical  phenomenon.  See  Roberge  [1],[2],[3]  and  Fontana  and  Green  [4]  for 
detailed  information  about  corrosion.  Figure  9-1  shows  a  typical  manner  in  which  data  are  presented  for 
environmental  effects  of  crack  growth  under  sustained  loading.  The  plot  represents  time  to  failure  for  a 
defined  failure  condition  for  all  conditions  at  a  given  temperature.  The  plot  has  often  been  referred  to  as  the 
stress  corrosion  cracking  plot,  but  hydrogen  embrittlement  data  may  also  be  presented  in  this  manner.  In  the 
fields  of  both  polymers  and  ceramics,  data  plotted  in  this  manner  is  often  referred  to  as  “static  fatigue”  data 
but  this  is  not  recommended.  The  asymptote  that  may  develop  at  the  lower  right  is  referred  to  as  the  stress 
corrosion  cracking  threshold.  It  is  very  important  to  mention  that  the  effects  are  very  sensitive  to  both 
chemical  composition  and  grain  orientation  in  most  aircraft  alloys.  Thus,  materials  characterization  programs 
must  include  extensive  evaluation  to  both  uncracked  and  precracked  specimens  of  the  alloy  under 
consideration.  In  addition,  evaluations  of  manufacturing  in  relation  to  orientation  effects  also  must  be 
considered.  For  example,  when  machining  all  care  must  be  taken  not  to  expose  short  transverse  grain 
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boundaries  or  parting  planes  in  either  castings  or  forgings.  It  is  imperative  that  chemical  environment  maps 
related  to  positions  in  aircraft  be  prepared.  These  will  define  the  severity  of  the  chemical  environment  and 
temperature  related  to  the  location  in  the  aircraft.  Some  companies  actually  test  materials  in  “severe” 
environments  to  attempt  to  assure  a  “conservative”  approach.  Some  military  agencies  and  companies  have 
actually  attempted  to  do  environmental  tracking  with  various  types  of  environmental  measuring  devices. 
This  is  leading  to  much  more  precise  definition  of  the  actual  environment  at  the  location  of  interest. 


units,  sec.,  etc. 


Stress  corrosion 
cracking  threshold*. 

Oscc  Or  Kjscc 


I 


Figure  9-1:  Plot  of  Applied  Stress  or  Stress  Intensity  versus  Time 
at  Sustained  Load  in  a  Given  Environment  for  a  Given  Material. 


9.2.2  EAC  Under  Cyclic  Loading 

Fatigue  has  been  studied  since  the  early  1800  period  and  much  of  the  activity  has  centered  around  mechanics 
applications  of  either  stress  or  strain  versus  cycles  or  reversals  to  failure  as  depicted  in  Figure  9-2. 
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Legend:  CA  or  VA,  temperature, 
type  of  loading,  type  of  control, 
frequency,  wave  form,  unnotched  or 
notched,  chemical  environment,  tmf, 
manufacturing  process,  basic 
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*Notc-usually  log 
scales. 
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Figure  9-2:  Basic  Diagram  for  Presentation  of  Fatigue  Response  (see  Hoeppner  [5]). 


ASTM  defines  corrosion  fatigue  in  El 823  as  follows: 

“Corrosion  fatigue  is  the  process  by  which  fracture  occurs  prematurely  under  conditions  of 
simultaneous  corrosion  and  repeated  cyclic  loading  at  lower  stress  levels  or  fewer  cycles  than 
would  be  required  in  the  absence  of  the  corrosive  environment.”  ASTM  El  823  [6].  Note  in  the 
definition  the  application  of  corrosion  and  cyclic  loading  occurs  simultaneously.  Some  recent 
studies  reported  in  the  literature  actually  do  not  apply  to  the  process  of  corrosion  fatigue  in  that 
they  involve  corrosion  prior  to  the  fatigue  loading.  The  researchers  who  report  this  are  evaluating 
what  is  often  referred  to  as  prior  corrosion  plus  fatigue  or  corrosion  +  fatigue. 

In  1972  Hoeppner  [7]  suggested  the  corrosion  fatigue  process  needs  to  be  evaluated  in  a  systems  framework 
such  as  shown  in  Figure  9-3.  Later  work  suggested  this  might  be  referred  to  within  a  Holistic  Structural 
Integrity  Process  Paradigm  (HOLSIP  -  see  www.holsip.com).  The  reason  this  is  important  for  corrosion 
fatigue  as  well  as  other  time  dependent  interactions  of  failure  mechanisms  is  the  complexity  of  the  processes 
involved  and  the  need  to  formulate  methods  of  life  estimation/prediction  to  establish  structural  integrity  over 
the  component  life  of  interest.  With  corrosion  this  is  particularly  important  due  to  the  different  types  of 
corrosion  that  may  occur  on  structures  in  the  field  and  the  insidious  nature  of  the  degradation.  Furthermore, 
if  the  fatigue  and  corrosion  fatigue  processes  are  divided  into  four  phases  of  nucleation,  short  crack 
propagation,  long  crack  propagation,  and  final  instability/failure  as  has  been  suggested  by  Hoeppner  [8]  then 
the  types  of  corrosion  important  in  nucleation  can  be  different  than  those  involved  in  propagation. 
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Figure  9-3:  The  Systems  View  of  Corrosion  Fatigue  (see  Hoeppner  [5]  and  [7]). 


9.2.3  Sources  of  Information 

Corrosion  fatigue  studies  were  first  reported  by  Haigh  [9]  in  1917  and  followed  by  McAdam  during  1926  - 
1930  [10]-[13].  Gough  and  Sopwith  [14]-[17]  published  extensively  on  the  topic  from  1932  -  1946.  One  of 
the  first  meetings  devoted  to  environmental  aspects  of  fatigue  was  the  ASTM  symposium  entitled 
“the  Effects  of  Complex  Load  Histories  and  Chemical  Environments  on  Fatigue”  [18].  In  1971  a  major 
symposium  sponsored  by  NACE  was  held  on  corrosion  fatigue  at  the  U.  of  Connecticut  and  the  proceedings 
were  published  by  NACE.  The  proceedings  from  that  symposium  contain  many  key  papers  on  the  work  to 
that  time  [19].  Duquette  provided  an  extensive  review  of  corrosion  in  that  volume  [20].  In  more  recent  years 
NACE  has  held  another  meeting  on  environmental  effects  and  the  proceedings  of  that  symposium  are 
noteworthy.  In  addition  to  the  research  work  by  Professor  Pierre  Roberge  (e.g.,  Refs  [l]-[3])  he  also  manages 
an  important  web  site  which  is  one  of  the  most  valuable  resources  on  corrosion  (www.corrosion- 
doctors.org). 


9.3  THE  HOLISTIC  APPROACH  TO  EAC 

The  systems  view,  or  more  recently  the  HOLISTIC  view,  of  corrosion  fatigue  [5], [7]  can  be  viewed  as 
shown  in  Figure  9-3.  All  of  the  basic  elements  of  the  fatigue  systems  view  are  included  in  this  figure  and 
the  key  issues  of  the  chemical  environment  are  added.  It  now  becomes  important  for  the  engineer 
interested  in  designing  a  component  to  anticipate  the  chemical  environments  that  the  component  will  be 
exposed  to  along  with  the  mechanical  load/force  spectra  and  these  issues  must  be  incorporated  into  the  life 
estimation  and  all  aspects  related  to  it.  In  a  manner  similar  to  what  the  fatigue  community  has  done  to 
standardize  load  spectra  for  applications,  and  certainly  as  a  minimum  to  define  the  force  spectrum  to  the 
highest  degree  possible,  so  the  chemical  environmental  spectrum  must  now  be  understood  and  defined  as 
well.  This  is  needed  since  the  chemical  environment  composition,  type  of  exposure,  frequency  of  loading, 
and  electrochemical  parameters  are  all  involved  in  determining  the  type  of  corrosion  that  will  result  and 
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the  resultant  detailed  mechanism  of  corrosion  fatigue.  To  complicate  matters  some  components  will 
experience  chemical  exposure  and  loading  where  corrosion  mechanism  overlap  will  occur.  In  other  words, 
pitting  may  be  a  dominant  nucleation  mechanism  and  a  bona  fide  Mode  I  crack  may  form  from  the  pit 
growth  and  become  either  an  environmentally  accelerated  short  crack  or  a  long  crack. 

Although  there  are  some  laboratories  in  the  world  that  control  the  chemical  environment  for  “baseline”  or 
reference  fatigue  data  for  a  given  set  of  test  parameters  this  is  rare  to  this  writer’s  knowledge.  Most 
laboratories  use  the  term  “lab  air”  or  some  equivalent  without  defining  what  lab  air  means.  In  the  fatigue 
test  community  and  corrosion  community  this  has  been  known  to  be  inadequate  since  it  has  been  known 
for  many  years  that  the  chemistry  of  the  lab  air  can  significantly  alter  the  quality  and  reliability  of  the 
resultant  data.  Some  laboratories  take  great  care  to  maintain  control  over  the  standard  environment  in 
which  they  obtain  their  baseline  fatigue  data. 

Part  of  the  justification  for  the  above  relates  to  the  fact  that  little  work  has  been  done  to  either  characterize 
the  chemical  environments  encountered  by  most  aircraft  components  or  to  adopt  rational  methods  to  deal 
with  those  environments  in  their  sustained  loading  and  fatigue  design  methods.  This  has  been  markedly 
improving  in  recent  years.  The  manner  in  which  most  companies  and  government  agencies  have  tried  to 
deal  with  corrosion  fatigue  is  to  use  a  CPCP  (Corrosion  Prevention  and  Control  Program).  However,  it  is 
well  known  in  the  structural  design  community  that  this  has  serious  shortcomings  since  the  corrosion 
protection  systems  may  break  down  and  must  be  replaced  or  repaired.  In  addition,  where  corrosion  is 
detected  either  by  astute  maintenance  personnel  or  by  failures  or  both  the  damage  caused  by  corrosion  or 
corrosion  fatigue  degradation  must  now  be  repaired  or  the  component  must  be  replaced.  This  is  often 
referred  to  as  the  “find  it  and  fix  it  approach”.  Many  engineers  rely  on  the  detection  of  corrosion  as  part  of 
a  poorly  defined  and  directed  maintenance  and  inspection  program  to  assure  the  integrity  of  components 
from  the  ravages  of  corrosion  fatigue.  This  is  not  an  acceptable  design  practice  and  today  the  knowledge 
base  on  corrosion  and  corrosion  fatigue  is  such  that  a  design  approach  of  “anticipate  and  manage”,  similar 
to  fatigue  and  damage  tolerance,  can  and  should  be  used.  This  is  part  of  the  HOLSIP  approach. 


9.4  IMPLICATIONS  FOR  AIRCRAFT  STRUCTURAL  INTEGRITY 

Most  fatigue  design  has  been  done  assuming  that  materials  used  are  homogeneous,  continuous  and 
isotropic  media.  This  allows  engineers  to  apply  principles  of  solid  mechanics  and  makes  the  challenges  of 
design  tractable  using  stress  and  strain  and  fracture  mechanics  techniques.  In  addition,  surfaces  are  often 
assumed  to  be  perfect  or  to  be  in  an  ideal  state  and  the  materials  are  assumed  to  be  free  of  all  types  of 
corrosion.  Corrosion  is  often  thus  classed  as  a  defect  or  a  flaw.  As  indicated,  when  corrosion  is  found  on 
critical  components  it  must  either  be  removed  or  the  component  must  be  replaced,  or  we  operate  the 
component  at  much  higher  risk  in  terms  of  integrity.  Many  aspects  of  this  idealized  paradigm  have  been 
discussed  by  Hoeppner  and  others  in  many  past  and  relatively  recent  papers  [7]. 

In  a  large  body  of  work  culminating  in  a  paper  at  a  recent  ICAF  meeting  (International  Committee  on 
Aeronautical  Fatigue)  Hoeppner  pointed  out  that  corrosion  /  corrosion  fatigue  may  cause  any  or  all  of  the 
following  conditions  to  occur  when  components  are  operating  in  corrosion  producing  conditions: 

1)  Reduction  of  section  size  with  a  concomitant  increase  in  stress.  Global  or  local. 

2)  Production  of  stress  concentration.  Local. 

3)  Nucleation  of  cracks.  Local ,  possibly  global.  Source  of  multiple-site  cracking. 

4)  Production  of  corrosion  debris.  This  may  result  in  surface  pillowing  in  some  cases  by  various 
means,  which  may  significantly  change  the  stress  state  and  structural  behavior.  Local  and  global. 

5)  Creation  of  a  situation  that  causes  the  surfaces  to  malfunction.  Local  and  global. 
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6)  Cause  Environmentally  Assisted  Crack  Growth  (EACG)  under  cyclic  (Corrosion  fatigue)  or 
sustained  loading  (Stress  Corrosion  Cracking  -  SCC)  conditions.  Local. 

7)  Create  a  damage  state  that  is  missed  in  inspection  when  the  inspection  plan  was  not  developed  for 
corrosion  or  when  corrosion  is  missed.  Local  and  global. 

8)  Change  the  Structurally  Significant  Item  (SSI)  due  to  the  creation  of  a  damage  state  not  envisioned 
in  the  structural  damage  analysis  or  fatigue  and  strength  analysis.  If  the  SSI  is  specified,  for 
example,  by  location  of  maximum  stress  or  strain,  then  the  corrosion  may  cause  another  area(s)  to 
become  significant.  Local  or  global. 

9)  Create  an  embrittlement  condition  in  the  material  that  subsequently  affects  behavior.  Local  or 
global. 

10)  Create  a  general  aesthetic  change  from  corrosion  that  creates  maintenance  to  be  done  and  does 
damage  to  the  structure.  Local  or  global. 

11)  Corrosion  maintenance  does  not  eliminate  all  the  corrosion  damage  and  cracking  or  the  repair  is 
specified  improperly  or  executed  improperly  thus  creating  a  damage  state  not  accounted  for  in  the 
design.  Local  or  global. 

12)  Generation  of  a  damage  state  that  alters  either  the  durability  phase  of  life  or  the  damage  tolerant 
assessment  of  the  structure  or  both. 

13)  Creation  of  a  Widespread  Corrosion  Damage  (WCD)  state  or  a  state  of  corrosion  that  impacts  the 
occurrence  of  Widespread  Fatigue  Damage  (WFD)  and  its  concomitant  effects.  This  has  been 
observed  in  many  applications  from  automobile  frames  to  aircraft  wings  or  fuselage  segments,  etc. 

The  types  of  corrosion  vary  widely  and  depending  on  which  author  you  read  and  study  it  appears  there  are 
at  least  8  and  up  to  14  types  of  corrosion.  Thus,  the  thermodynamics  vary  widely  and  activation  energies 
to  nucleate  a  given  mechanism  have  been  found  to  vary  with  numerous  input  parameters.  For  this  reason, 
in  those  cases  where  the  attempts  have  been  made  to  deal  with  the  potential  fatigue  life  reduction  or 
fatigue  allowable  stress/strain  reduction  in  a  given  environment  the  investigators  often  resort  to  response 
testing  and  produce  results  similar  to  those  shown  in  Figure  9-4. 
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Figure  9-4:  Similar  to  Figure  9-1  Except  the  Effect  of  a  Deleterious  Environment  is  Shown  (see  Hoeppner  [7]). 
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The  general  effects  first  observed  by  Haigh,  Gough  et  ah,  and  McAdam  and  now  many  others  [19]-[33] 
are  as  follows: 

•  The  fatigue  limit,  if  it  truly  existed  in  a  baseline  situation,  is  eliminated  as  depicted  in  Figure  9-4. 
The  consequences  of  this  are  extremely  significant  if  a  component  has  been  designed  for  “infinite 
life”  since  it  now  becomes  a  clearly  finite  life  or  limited  life  part. 

•  At  a  given  stress  or  strain  the  expected  life  to  failure  is  reduced. 

•  At  a  given  life  the  stress  or  strain  allowable  is  reduced. 

•  In  the  fatigue  crack  propagation  realm  the  chemical  environment  accelerates  fatigue  crack 
propagation  at  a  given  stress  intensity  level. 

•  The  fatigue  crack  propagation  threshold  is  reduced  and  may  not  exist  at  all. 

•  Embrittlement  occurs  during  crack  nucleation  and  all  phases  of  crack  propagation.  Thus,  corrosion 
fatigue  crack  fracture  surfaces  take  on  a  faceted  appearance  similar  to  Stress  Corrosion  Cracking 
(SCC).  In  many  metallic  alloys  it  is  difficult  if  not  impossible  to  determine  a  fractographic 
difference  between  environmentally  assisted  crack  growth  under  cyclic  loading  and  that  which 
occurs  under  sustained  static  loading. 

•  The  amount  of  scatter  in  data  is  potentially  altered  in  various  portions  of  the  stress/strain  versus 
cycles  to  failure  diagram  under  corrosion  fatigue  conditions.  The  amount  of  the  change  has  been 
noted  to  vary  considerably  but  usually  decreases. 

Figure  9-5  shows  the  basic  effect  of  a  deleterious  chemical  environment  on  fatigue  crack  propagation. 
Extensive  studies  of  the  effect  of  environment  and  load  spectra  were  undertaken  in  related  to  significant 
concern  about  aircraft  structural  integrity  by  Hoeppner  et  al.  [32]  and  Hall  et  al.  [22]  on  fatigue  crack 
propagation  in  the  early  1970  period.  Many  studies  on  the  effect  of  chemical  environments  on  fatigue  crack 
propagation  have  been  conducted  since  that  time  and  data  are  now  included  in  many  handbooks. 
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Figure  9-5:  Diagram  Depicting  the  Potential  Effect  of  a  Deleterious  Chemical  Environment 
on  Fatigue  Crack  Propagation  (the  amount  of  the  effect(s)  is  dependent 
on  numerous  parameters  mentioned  in  Figure  9-4). 
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When  fatigue  crack  propagation  data  such  as  shown  in  Figure  9-5  are  evaluated  using  fracture  mechanics 
concepts  the  data  are  usually  plotted  on  a  da/dN  versus  AK  set  of  axes  as  shown  in  Figure  9-6  above. 


AK,  MPa  m 


Figure  9-6:  A  Depiction  of  Fatigue  Crack  Propagation  Data  Plotted  on  da/dN  versus  AK  Axes 
(Note  the  potentially  significant  effect  of  a  chemical  environment  is  shown  in  the  left  dashed  line). 

The  figure  shows  the  general  trend  when  a  chemical  environment  may  influence  the  fatigue  crack 
propagation  behavior  of  a  component  in  the  field.  The  dashed  red  lines  on  the  upper  left  of  the  figure 
indicate  potential  lines/bands  of  data  from  the  environmental  effects.  In  addition  to  the  potential  effects 
shown,  the  fatigue  crack  growth  threshold  also  may  be  modified  by  the  environment  and  generally 
lowered.  Furthermore,  significant  effects  of  the  environment  have  been  observed  on  short  crack 
propagation  rates.  This  is  very  significant  when  attempting  to  assess  the  role  of  short  cracks  in  Multiple 
Site  Damage  (MSD)  and  the  potential  for  crack  link  up  and  the  effects  on  structural  integrity.  It  is  clear 
from  an  observation  of  Figure  9-6  that  a  major  impact  from  the  acceleration  of  fatigue  crack  propagation 
may  occur  and  alter  the  time  or  cycles  between  inspection  intervals  of  components  and  thereby 
significantly  alter  the  integrity  assessment.  Many  ways  have  been  proposed  for  assessing  the  potential 
impact  of  the  environmental  effects.  Chapter  13  discusses  more  aspects  of  this. 

In  recent  years  the  aviation  industry  has  devoted  much  attention  to  introducing  design  and  integrity 
practices  into  aircraft  structural  integrity  programs.  This  is  in  part  related  to  recognition  of  the  significance 
of  the  problems  of  corrosion  and  corrosion  fatigue  as  they  relate  to  integrity  after  the  Aloha  Airlines 
Accident  in  1988.  The  commercial  and  military  aircraft  fleet  surveys  subsequent  to  the  event  led  to  an 
understanding  that  these  two  degradation  modes  were  much  more  serious  than  originally  envisaged. 
Thus,  all  the  structural  integrity  programs  are  being  modified  to  deal  with  corrosion  and  corrosion  fatigue 
along  with  fatigue,  damage  tolerance  and  residual  strength  issues. 

The  need  to  understand  the  potential  for  the  occurrence  of  corrosion  and  corrosion  fatigue  on  structural 
components  is  critical.  Thus,  to  even  begin  the  assessment  of  this  potential  the  technical  community  needs 
to  know  the  following: 
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•  The  chemical  environment  likely  to  be  encountered  on  the  structure  of  interest  at  the  location  of 
interest; 

•  The  material  from  which  the  component  is  manufactured; 

•  The  orientation  of  the  critical  forces  (loads)  applied  externally  and  internally  with  respect  to  the 
critical  directions  in  the  material; 

•  The  susceptibility  of  the  material  to  occurrence  of  a  given  type  of  corrosion; 

•  The  temperature  of  exposure  of  the  component; 

•  The  type  of  forces  applied  (i.e.,  sustained  force  {SCC}  or  cyclic  force  (constant  force  amplitude 
or  variable  force  amplitude  corrosion  fatigue); 

•  The  type  of  exposure  to  the  chemical  environment  (i.e.,  constant,  intermittent,  concomitant  with 
the  forces  (corrosion  fatigue  or  stress  corrosion  cracking)  or  sequentially  with  force  (corrosion/ 
fatigue  or  corrosion-fatigue); 

•  The  rates  of  corrosive  attack; 

•  The  potential  influence  of  the  effects  of  corrosion  on  fatigue  crack  nucleation  and  propagation; 

•  The  impact  of  any  related  corrosion  degradation  on  residual  strength; 

•  The  type(s)  of  corrosion  encountered; 

•  The  means  of  inspecting  for  corrosion  at  the  locations  of  interest; 

•  Models  to  assist  and  guide  the  estimation  of  lives  and  lives  between  inspection  and  maintenance 
intervals  where  corrosion  fatigue  will  be  a  major  failure  consideration; 

•  The  potential  for  Widespread  Corrosion  Damage  (WCD)  to  occur;  and 

•  The  potential  impact  of  corrosion  on  the  occurrence  of  Widespread  Fatigue  Damage  (WFD)  and  its 
impact  on  structural  integrity. 


9.5  CONCLUDING  REMARKS 

Based  on  today’s  understanding  of  both  corrosion  and  corrosion  fatigue  the  technical  community  can 
effectively  deal  with  these  issues  in  a  component  integrity  and  reliability  program.  Some  companies  and 
government  agencies  are  deeply  immersed  in  this  at  present. 

Obviously  the  above  list  is  formidable  but  the  assessment  of  these  items  is  possible  to  some  degree  to  make 
the  estimation  or  prediction  of  the  effects  of  corrosion  more  accurate  than  they  have  been  to  date.  To  assist  in 
making  Prevention  and  Control  and  Prediction  and  Management  of  corrosion  fatigue  more  realistic  in  the 
future  engineers  will  have  to  be  educated  with  respect  to  the  phenomenon.  In  addition  more  models  will  need 
to  be  developed.  The  issue  of  modeling  has  not  been  addressed  extensively  in  this  chapter  but  other  papers 
by  Hoeppner,  Bellinger,  Mills,  Liao  et  al.  and  others  (see  Chapters  13,  14,  17,  18  and  19  of  this  document  for 
more  detailed  descriptions  of  modeling  and  quantitative  treatment  of  environmental  effects  on  fatigue  crack 
propagation)  have  focused  on  this  issue. 

At  present  few  U.S.  or  Canadian  Universities  require  a  basic  undergraduate  class  in  corrosion  and  related 
electrochemistry  principles  for  most  undergraduate  engineering  students.  Most  engineers  get  a  two  to  three 
day  exposure  in  their  basic  material  science  class  that  is  often  the  only  requirement  beyond  inorganic 
chemistry  dealing  with  either  corrosion  or  wear.  Of  course  chemical  engineers  tend  to  study  more 
chemistry  but  many  also  do  not  study  either  electrochemistry  or  corrosion  as  a  basic  requirement.  Various 
technical  bodies  have  attempted  to  rectify  this  situation  but  to  date  have  been  unsuccessful.  A  part  of  the 
education  must  deal  with  the  issues  that  impact  structural  integrity  to  enhance  quality  and  reliability  of 
components  critical  to  many  areas  of  industry  and  government.  To  this  end  there  is  no  doubt  that  engineers 
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will  have  to  learn  much  more  about  the  physics  of  failure  including  as  many  aspects  of  corrosion  and 
fatigue  as  possible.  This,  of  course,  must  be  coupled  with  the  study  of  tribology  and  creep  as  well. 

Corrosion  fatigue  is  one  of  the  major  considerations  now  recognized  as  a  major  failure  prevention  issue  on 
products.  With  energy  issues  becoming  more  and  more  important  relative  to  the  survival  of  the  planet  the 
issue  of  corrosion  fatigue,  along  with  other  failure  mechanisms,  will  become  even  more  critical  to  the 
future  integrity  of  products.  The  last  100  years  or  so  have  produced  great  strides  in  both  understanding  and 
designing  for  the  anticipation  and  management  of  corrosion  fatigue.  The  next  100  years  will  undoubtedly 
produce  many  more  advances. 
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10.1  INTRODUCTION 

To  determine  the  effect  that  exfoliation  has  on  the  fatigue  strength  of  upper  wing  skins,  fatigue  tests  need  to 
be  carried  out  on  coupons  that  contain  this  type  of  damage.  Since  it  is  difficult  to  obtain  naturally  exfoliated 
wing  skins  because  maintenance  procedures  require  that  exfoliated  areas  be  ground  out  to  remove  the 
damage,  an  accelerated  artificial  exfoliation  protocol  is  required  to  create  the  damage  in  specimens  needed  to 
carry  out  material  testing.  The  methods  developed  by  the  National  Research  Council  of  Canada  to  simulate 
exfoliation  damage  in  a  controlled  laboratory  environment  are  briefly  reviewed  in  this  short  note. 


10.2  METHODOLOGY 

The  ASTM  G34  EXCO  Standard  Test  Method  [1]  was  developed  to  determine  the  susceptibility  of  7XXX 
and  2XXX  series  material  to  exfoliation.  The  EXCO  solution  has  been  successful  in  generating  near 
surface  exfoliation  at  holes  that  were  originally  machined  in  the  wing  skin  material.  However,  the  results 
were  inconsistent  when  the  process  was  applied  to  newly  manufactured  material  as  well  as  new  holes 
machined  in  old  material.  In  an  effort  to  produce  exfoliation  more  consistently,  it  was  suggested  that  a 
compressive  load,  emulating  the  predominant  upper  wing  skin  flight  loading,  be  applied  to  the  specimens. 
It  was  proposed  that  due  to  the  Poisson  effect  the  induced  compressive  stress,  which  would  occur  along 
the  LT  direction,  would  cause  a  tensile  stress  in  the  ST  direction  making  the  exposed  grain  boundaries 
along  a  machined  edge  more  susceptible  to  intergranular  corrosion  (i.e.,  exfoliation).  A  proof-of-concept 
rig  [2]  was  designed  to  introduce  a  static  compressive  load  into  simple  specimens,  Figure  10-1,  which 
would  be  sectioned  and  progressively  polished  to  characterize  the  exfoliation  damage  generated. 
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DIMENSIONS  IN  INCHES 


(a)  Compression  rig. 


(b)  Detailed  specimen  drawing. 


(c)  Specimen  placement  in 
compression  rig. 


(d)  Exfoliation  produced  at  countersink  side  of 
wing  skin  after  28  days  of  exposure  to  EXCO  / 
compressive  load  combination  for 
new  hole  /  old  material. 


Figure  10-1:  Configuration  of  Compression  Rig  Set-Up  and 
an  Example  of  the  Exfoliation  Damage  Produced. 


10.3  RESULTS 

The  polishing  results  showed  the  presence  of  large  pits,  which  appeared  prior  to  the  formation  of 
intergranular  corrosion,  Figure  10-2.  These  large  pits,  which  are  not  normally  found  in  natural  exfoliation, 
have  been  attributed  to  the  initial  pH  level  of  the  EXCO  solution  [3].  During  the  first  24  hours  of  the 
EXCO  test,  the  solution  (234  g  of  NaCl,  50  g  of  KN03  in  water,  6.3  mL  of  concentrated  HN03,  70%  and 
dilute  to  1  L)  is  highly  acidic,  starting  at  a  pH  of  0.4  and  gradually  stabilizing  at  a  pH  of  3.2.  To  eliminate 
this  initial  acidity,  the  EXCO  solution  was  modified  to  produce  an  initial  pH  level  of  3.2,  which  would 


10-2 


RTO-AG-AVT -1 40 


SIMULATING  CORROSION  DAMAGE:  EXFOLIATION 


remain  constant  over  an  extended  period  of  time  [3].  The  new  protocol,  known  as  the  Aluminum-Nitrate- 
Chloride  Immersion  Test  (ANCIT)  [3],  was  developed  that  consists  of  235  g  of  NaCl,  60.6  g  of  KN03, 
5.31  g  of  A1C13-6H20  in  water  and  diluted  to  1  L. 


Figure  10-2:  Optical  Micrographs  Showing  Large  Pits  Generated  by  EXCO  Solution. 


When  the  ANCIT  solution  was  used  to  generate  exfoliation  at  the  countersink  of  a  hole  in  an  upper  wing 
skin,  the  damage  produced  was  considered  light,  in  that,  the  surface  of  the  wing  showed  only  a  slight  bulge. 
The  results  from  the  polishing  showed  the  absence  of  the  large  pits  that  were  present  in  the  EXCO  tests. 
The  ANCIT  tests  resulted  in  similar  damage  to  that  present  in  naturally  exfoliated  wing  skins,  as  shown  in 
Figure  10-3. 


(a)  Artificial  exfoliation  (ANCIT). 


(b)  Natural  exfoliation. 

Figure  10-3:  Examples  of  ANCIT  Generated  Artificial  Exfoliation  and  Natural  Exfoliation. 


To  artificially  introduce  exfoliation  in  undamaged  wing  skins,  the  surface  of  the  test  area  within  the  hole 
was  scratched  with  a  probe  to  provide  a  nucleation  site  for  the  damage,  after  which  the  steel  fastener  was 
installed.  In  addition,  the  fastener  can  be  modified  according  to  Figure  10-4  in  order  to  introduce 
exfoliation  damage  at  specific  locations  along  the  countersink  of  a  fastener  hole.  The  top  surface  paint  in 
the  area  of  the  fastener  holes  was  removed  and  double  sided-sealant  tape  was  used  to  mask  off  the  area 
that  would  be  exposed.  A  syringe  was  then  used  to  deliver  the  different  solutions  to  the  area  of  interest  by 
moving  the  plunger  periodically  to  force  fresh  solution  into  the  test  region.  The  double-sided  tape  was 
used  to  seal  the  syringe  in  order  to  prevent  leakage  of  the  solution.  Figure  10-5  shows  an  image  of  the 
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syringes  in  which  one  contained  the  EXCO  solution  while  the  other  held  the  ANCIT  solution  and  the 
sealant  tape  that  was  located  at  two  fastener  holes,  which  prevented  leakage. 


Figure  10-4:  Modification  Made  to  Steel  Fastener  to  Introduce 
Exfoliation  at  Different  Locations  Along  the  Countersink. 


Figure  10-5:  Typical  Set-Up  for  Accelerated  Exfoliation  Protocol. 

During  the  development  of  the  accelerated  protocol,  it  was  determined  that  the  exfoliation  damage  that 
was  generated  could  continue  to  grow  after  a  solution  is  removed.  To  prevent  this  continuous  growth,  it  is 
recommended  that  the  specimens  should  be  tested  within  a  reasonable  time  frame.  An  alternative  to  this 
quick  turn-around  is  to  develop  a  protocol  that  would  arrest  the  growth  such  as  de-humidification  and  pH 
neutralization.  It  is  also  recommended  that  specimens  be  stored  in  a  freezer  to  prevent  further  growth. 
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11.1  INTRODUCTION 

The  ability  to  discover  the  accumulation  of  corrosion  products  hidden  within  a  built-up  structure  is  as 
important  as  being  able  to  measure  the  damage  so  that  appropriate  repair  and  corrective  actions  can  be 
determined. 

Today’s  robotic  assembly  of  aerospace  structures  tends  to  remove  the  surface  deformations  due  to  hand 
assembly  resulting  in  very  smooth  surfaces  and  making  the  visualization  of  surface  disturbances  easier. 
Once  located  there  remains  the  issue  of  determining  where  in  the  assembled  layers  the  damage  actually 
lies. 

Hand-held  eddy  current  devices  are  basic  tools  used  to  perform  spot  measurements  to  determine  depth  of 
corrosion  damage.  Machined  blocks  or  sheets  of  the  identical  material  are  used  to  create  calibration 
standards  for  setting  up  the  eddy  current  device.  The  calibration  standards  are  thus  representing  a  machined 
thickness  loss  as  corrosion  damage.  The  issue  is  that  the  machining  results  in  flat  bottom  circles  or  squares 
with  straight  edges  which  are  not  fully  representative  of  real  damage.  When  the  standard  consists  of 
machined  sheets  assembled  together  into  a  multi-layered  structure  an  air  gap  is  created  between  the  sheets 
at  the  machined  sites  which  is  also  not  realistic. 

The  simulation  of  corrosion  pillowing  will  thus  be  divided  into  two  parts: 

1)  Techniques  to  generate  surface  deformations  that  simulate  pillowing;  and 

2)  Those  employed  to  artificially  represent  the  internal  damage  to  make  the  simulation  sufficiently 
realistic. 

It  should  be  noted  that  to  visualize  the  pillowing  of  the  outer  skin  surface  on  some  of  the  lap  joint  examples 
herein  an  enhanced  optical  technique  has  been  employed.  The  D-Sight™  images  were  obtained  through  the 
use  of  a  D  Sight  Aircraft  Inspection  System  (DAIS)  -250C  (corrosion)  inspection  head.  The  DAIS  are  no 
longer  available  commercially  but  the  technique  remains  a  significant  tool  for  visualizing  subtle  surface 
deformations  characteristic  of  corrosion  pillowing  not  normally  detectable  by  un-aided  close  visual 
inspection  techniques. 


11.2  SURFACE  DEFORMATION 

Figure  11-1  shows  the  results  of  ray  tracings  depicting  corrosion  damage  of  increasing  severity  when  a 
rivet-to-rivet  and  rivet  row  spacing  ratio  of  1.0  is  modeled. 


RTO-AG-AVT-140 


11  -1 


SIMULATING  PILLOWING  CORROSION  DAMAGE 


ORGANIZATION 


flillmli' 

HIMUIIII 

iHiiiimi 

iiiniii 

mmr\ 

lUil'MIt 

hiiMiiu 

wintiiiil 

Figure  1 1  -1 :  Modeling  (Ray  T racings)  of  Corrosion  Pillowing  at  2,5,10  and  1 5  %  Thickness  Loss. 

As  manufacturers  choose  to  construct  joints  with  two  or  more  rows  of  mechanical  fasteners  and  then  space 
them  at  varying  intervals  the  characteristic  deformation  of  these  arrangements  must  be  understood  so  that 
any  simulation  will  be  true  to  their  response  to  the  forces  of  corrosion  damage.  The  Finite  Element  Models 
(FEM)  shown  in  Figure  11-2  depict  rivet  to  row  spacing  ratios  from  1.0  to  2.0  and  are  accompanied  by 
sample  images  of  corroded  joints.  The  rivets  and  rows  in  the  Boeing  727  joint  are  nominally  at  1.0 
although  the  holes  were  drilled  by  hand  not  machine.  This  ratio  results  in  the  classic  “pillow”  with  the 
sheet  constrained  at  the  four  corners.  The  Lockheed  L1011  joint  top  and  middle  row  spacing  is  at  1.5 
whereas  the  middle  and  bottom  rows  are  at  1:1.  This  results  in  a  “wave”  when  observed  along  the  length 
of  the  joint.  Both  examples  above  are  three-row  joints.  The  McDonnell  Douglas  DC-9  joint  is  a  two-row 
joint  (the  top  row  of  rivets  actually  fastens  separate  internal  “finger”  doublers).  The  skin  is  very  much 
constrained  along  the  rivet  rows  and  the  result  is  that  the  skin  must  deform  in  a  continuous  wave  that  can 
only  be  observed  when  viewed  perpendicular  to  the  joint  with  the  aid  of  optical  means  sensitive  to  very 
small  displacements.  It  must  be  stated  that  such  close  rivet  spacing  makes  the  eddy  current  technique 
difficult  if  not  impossible  to  apply  between  the  rivets.  Additionally,  protruding  head  rivets  can 
dramatically  reduce  the  inspectable  area  even  on  a  1:1  ratio  joint.  Protruding  head  rivets  also  interfere  with 
the  normal  practice  of  using  grazing  light  to  create  shadows  to  detect  pillowing  as  they  cast  the  dominant 
shadows  and  limit  the  unobstructed  viewing  area. 
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(a)  Rivet  Spacing  1.0 


(b)  Rivet  Spacing  1.5 


B727 


L1011 


(c)  Rivet  Spacing  2.0  DC-9 

Figure  11-2:  FEM  Models  of  Varying  Fastener  and  Row  Spacings  and  Sample  DAIS  Images. 


With  the  above  considerations  in  mind,  methods  were  sought  to  allow  the  surface  characteristics  of  early 
corrosion  damage  for  various  lap  joint  constructions  to  be  quickly  simulated  and  studied  at  the  smallest 
damage  levels. 

11.2.1  Mechanically  Controlled  Deformation 

Much  like  the  recent  developments  in  re-configurable  discrete-die  tooling  that  controls  the  displacement  of 
a  field  of  individual  pins  to  form  sheet  materials  for  aerospace  structures,  devices  have  been  built  to 
mechanically  deform  joints  to  simulate  varying  levels  of  faying  surface  damage.  The  intention  was  to  be 
able  to  control  the  deformation  between  fasteners  and  create  reference  masters  for  optical  inspection 
techniques.  The  device  illustrated  in  Figure  11-3,  Figure  11-4,  Figure  11-5  and  Figure  11-6  relied  on  two 
screw-driven  wedges  moving  equally  (in  opposite  directions)  against  stationary  wedges  attached  to  an 
internal  carriage  that  mounted  an  array  of  hemispherically  shaped  pins  in  contact  with  the  inner  surface  of 
the  skin  sheet.  The  sheet  was  riveted  to  the  top  plate  of  the  apparatus  and  the  pins  were  located  at  holes 
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through  the  top  plate  that  corresponded  with  the  centroid  between  the  evenly  spaced  rivets.  Small  amounts 
of  displacement  could  be  accommodated  but  obtaining  an  even  deformation  across  the  entire  array  proved 
impossible  due  to  bending  of  the  carriage  and  sticking  of  the  wedges.  Smaller  areas  were  successfully 
deformed  and  employed  to  cast  dimensionally  stable  silicone  surface  replicas  that  themselves  were  used  as 
masters  for  evaluating  the  sensitivity  of  enhanced  optical  pillowing  detection  devices. 


Figure  11-3:  Schematic  View  of  Dual-Ramp  Pin-Pressure  Pillowing  Simulator. 


Figure  11-4:  Top  View  of  Mechanical  Pillowing  Simulator. 


Figure  11-5:  Side  View  of  Mechanical  Pillowing  Simulator. 
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Figure  11-6:  Close-Up  Side-View  of  Pin  Contact  with  Underside  of  Skin  Sheet 


11.2.2  Hydraulic  Pillowing 

Another  way  of  developing  surface  deformations  to  simulate  corrosion  pillowing  is  by  fabricating  the 
structure  with  an  inflatable  bladder  located  between  the  layers.  Many  fuselage  joints  are  constructed  with 
faying  surface  sealants  or  adhesive  layers.  The  bladder  was  no  thicker  than  these  layers. 

The  bladder  edges  and  perimeters  around  each  fastener  hole  are  sealed  before  lap  joint  assembly  and  a  port 
is  provided  into  the  bladder.  A  vacuum  is  drawn  through  the  port  to  remove  all  air  before  a  liquid  is 
introduced  under  pressure.  Simple  single-bladder  lap  joints  were  fabricated  and  pumped  to  various 
pressures/skin  deflections  using  hydraulic  fluid  or  water.  To  produce  examples  with  permanent 
deformations  at  various  simulated  damage  levels  the  bladder  was  pumped  with  a  low  temperature  casting 
metal  (i.e.,  Cerrobend  which  becomes  a  liquid  at  70°C  (158°F))  that  was  allowed  to  cool  and  solidify. 
Waxes  were  also  liquefied,  pumped  and  allowed  to  solidify. 

More  complex  structures  can  also  be  fabricated  with  bladders  between  the  skins  and  the  stringer,  tear 
straps,  doublers  and  beauty  strips.  Therefore  damage  in  all  or  only  selected  areas  may  be  simulated  and  the 
external  surface  effects  observed  and  recorded. 

The  sequence  of  images  shown  in  Figure  11-10  illustrates  one  complete  pressurization  cycle  for  a  lap  joint 
fabricated  with  two  0.045  inch  (1.14  mm)  2024-T3  skins  and  depicted  in  Figure  11-7,  Figure  11-8  and 
Figure  11-9.  The  lap  joint  was  hand  riveted  and  thus  not  completely  flat.  After  being  deformed  to  a 
maximum  fluid  pressure  of  80  psi  (551  kilopascals)  the  outer  surface  returned  to  its  original  condition 
when  the  pressure  was  released. 


Figure  11-7:  Sketch  of  Lap-Joint  with  Hydraulic  Pillowing  Bladder. 
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Figure  11-8:  Overall  View  of  Rear  Surface  of  Hydraulic  Pillowing  Lap-Joint  with  Stringer. 


Figure  11 -9(a):  Close-Up 
of  Bladder. 


Figure  11 -9(b):  Close-Up  of 
Vacuum/Hydraulic  Port. 
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Start  0  psi 


40  psi 


60  psi 


80  psi 


End  0  psi 


Figure  11-10:  DAIS  Images  of  One  Pressure  Cycle  on  a  Hydraulic  Pillowing  Lap  Joint. 


It  should  be  noted  that  the  surface  deformation  of  the  hydraulic  pillowing  joint  at  80  psi  appears  similar  to 
the  ray  tracing  model  for  10%  thickness  loss  shown  in  Figure  11-1. 
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11.3  PILLOWING  DAMAGE  INTERNAL  SIMULATION 

In-service  damaged  structure,  if  available,  exhibits  only  the  current  level  of  corrosion  pillowing.  Damage 
formation  and  progression  are  best  understood  by  applying  artificially  accelerated  corrosion  processes  to 
pristine  original  or  purpose-built  new  structures.  The  advantage  of  using  original  structure  is  that  the  alloys, 
protective  coatings  and  faying  surface  sealants  are  to  the  manufactures  exact  specifications.  In  either  case  the 
corrosion  can  be  monitored  from  the  beginning.  With  multiple  samples  some  can  be  sacrificed  to  teardown 
analysis.  It  is  the  teardown  and  investigation  of  the  damage  that  assists  in  the  understanding  of  corrosion 
pillowing,  its  simulation  and  its  implications  with  respect  to  structural  integrity. 

Figure  11-11  shows  a  typical  two-layer  lap  joint  calibration  standard  with  machined  areas  on  the  inner 
surfaces  of  the  outer  and  inner  skin.  The  circular  areas  were  milled  to  specified  depths  to  represent  varying 
levels  of  corrosion  damage  as  thickness  losses.  As  stated  in  the  introduction,  this  type  of  eddy  current 
calibration  standard  suffers  from  being  non-representative  of  the  internal  characteristics  of  the  natural 
corrosion  damage  found  on  an  aircraft.  Direct  comparison  for  damage  assessment  is  therefore  difficult. 


Outer 

Skin 


Figure  11-11:  Schematic  of  7075-T6  Lap  Joint  NDI  Calibration  Standard  for  Eddy 
Current  with  Machined  Thickness  Loss  Simulating  Crevice  Corrosion  Damage. 

Figure  11-12  shows  a  robotized  eddy  current  scan  image  of  the  entire  joint  area  on  the  lap  joint  standard 
shown  in  Figure  11-11.  A  line  (profile)  has  been  taken  from  left  to  right  through  the  area  between  the  top 
and  center  rows  of  rivets.  Such  profiles  are  generated  at  each  of  four  frequencies  (2,  4,  7  and  12  kHz)  used 
to  scan  both  the  standard  and  the  suspect  corroded  structure.  The  calibration  panel  has  machined  areas  of 
known  material  loss  in  both  the  front  and  back  layers  ranging  from  0.0015”  (0.038  mm)  to  a  maximum  of 
0.012”  (0.305  mm)  which  provide  a  distinctive  profile  related  to  the  material  loss.  By  comparing  the 
deflections  in  the  profile  line  from  the  corroded  panels  and  from  the  calibration  panel  images  it  is  possible 
to  estimate  the  amount  of  material  loss  due  to  corrosion. 
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Figure  11-12:  Baseline  Absolute  Eddy  Current  Scan  of  NDI  Calibration  Standard  Joint  at  7  kHz. 


The  technique  described  above  is  simple  but  problematic.  The  areas  of  machined  thickness  loss  are  easy  to 
detect  because  they  do  not  represent  internal  damage  features  such  as  corrosion  product,  surface 
topography,  sealants  or  protective  coatings.  Also,  the  standard  would  not  represent  the  external  features  of 
surface  deformation  or  “pillowing”  that  result  from  corrosion  product  accumulation  and  volumetric 
increase  of  that  product.  Pillowing  can  cause  “lift-off’  difficulties  with  the  eddy  current  probe  contact  with 
the  surface.  Figure  11-13  shows  the  outer  surface  of  a  lap  joint  undergoing  accelerated  corrosion  where 
only  the  inner  “faying”  surfaces  are  being  corroded.  The  outer  surface  is  protected  by  a  paint  system. 
The  damage  is  approaching  10%  thickness  loss  yet  the  eddy  current  scan  of  this  specimen,  Figure  11-14, 
is  not  as  easy  to  evaluate  as  the  calibration  standard. 


Figure  11-13:  DAIS  Image  of  Accelerated  Corrosion  Pillowing 
Following  387  Days  (9288  Hours)  of  Salt  Fog  Exposure. 
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Figure  11-14:  Absolute  Eddy  Current  Scan  of  Accelerated  Corrosion  Panel  at 
7  kHz  After  387  Days  (9288  Hours)  of  Salt  Fog  Exposure  to  Faying  Surfaces. 


Note  the  effect  of  the  stringer  attached  to  the  center  row  of  rivets.  This  area  of  the  outer  skin  is  pillowed 
more  than  the  upper  and  lower  rivet  rows  because  all  the  deformation  (pillowing)  must  be  outwards  due  to 
the  stiffness  supplied  by  the  stringer.  The  inner  skin  at  the  upper  and  lower  rivet  rows  can  be  deformed 
inwards  and  thus  the  outer  surface  deformation  is  less,  when  compared  to  the  middle  row,  for  the  same 
damage  level.  Note  also  the  similarity  to  the  ray  tracing  model  for  15%  shown  in  Figure  11-1. 

Figure  11-13  illustrates  the  ultimate  method  for  simulating  corrosion  pillowing  that  being  the  accelerated 
corrosion  of  the  subject  joint  design.  The  effort  is  very  labour  intensive  and  the  results  cannot  be  predicted. 
Protection  of  the  surfaces  that  are  not  to  be  corroded  is  key  while  the  specimen  must  be  configured  such  that 
periodic  inspections  can  be  conducted  to  determine  the  presence  and  level  of  corrosion  activity.  Typically, 
months  of  continuous  salt  fog  environmental  conditioning  are  required  to  initiate  internal  damage  and, 
as  shown  in  Figure  11-13,  more  than  a  year  was  required  to  attain  approximately  15%  thickness  loss  damage. 

11.3.1  Pillowing  Measurement 

Whereas  the  accelerated  corrosion  lap  joint  shown  in  Figure  11-13  shows  uniform  damage  the  simple  two- 
layer  lap  shown  in  Figure  11-15  is  more  typical  of  natural  damage  found  in  service  in  that  the  damage  is 
not  uniform  throughout.  Prior  to  disassembly  this  corroded  joint  was  measured  to  determine  the  skin 
deformation  that  upon  teardown  could  be  more  directly  related  to  the  assessed  internal  damage. 
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Figure  11-15:  Lap  Joint  Panel  (2024  T3,  0.040  inch,  1.016  mm  Thick  Skins). 


The  table  of  measurements  below  is  in  two  parts.  The  measurements  were  taken  with  a  deep  throat 
micrometer  and  three  measures  were  averaged  for  each  result.  The  top  group  of  measurements  is  of  the  total 
thickness  measured  at  the  locations  shown  in  the  drawing  above,  for  the  three  rows.  The  bottom  group  of 
measurements  is  the  pillowing  (theoretical  pristine  lap  thickness  deducted  from  values  in  top  table). 


Table  11-1:  Pillowing  Measurements  of  the  Two-Layer  Lap  Joint  Shown  in  Figure  11-15. 


1st 

Layer  0.040 

1 

2 

3 

4 

5 

6 

7 

8 

9 

10 

11 

a 

0.108 

0.097 

0.098 

0.096 

0.104 

0.095 

0.096 

0.095 

0.094 

0.089 

0.092 

b 

0.096 

0.097 

0.096 

0.092 

0.095 

0.093 

0.094 

0.098 

0.099 

0.092 

0.091 

c 

0.092 

0.096 

0.094 

0.092 

0.093 

0.100 

0.097 

0.105 

0.095 

0.091 

0.092 

2nd  0.040 

Layer 

Zero  0.001 

1 

2 

3 

4 

5 

6 

7 

8 

9 

10 

11 

a 

0.027 

0.016 

0.017 

0.015 

0.023 

0.014 

0.015 

0.014 

0.013 

0.008 

0.011 

b 

0.015 

0.016 

0.015 

0.011 

0.014 

0.012 

0.013 

0.017 

0.018 

0.011 

0.010 

c 

0.011 

0.015 

0.013 

0.011 

0.012 

0.019 

0.016 

0.024 

0.014 

0.010 

0.011 
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11.3.2  Machined  Simulation 

Careful  teardown  and  corrosion  product  removal  was  applied  to  both  natural  and  artificially  corroded 
structures  to  enable  the  interrogation  of  the  damaged  area.  The  exposed  corrosion  product  was  removed  by 
use  of  a  chemical  process  to  avoid  further  mechanically  induced  abrasive  damage.  The  chemical  cleaning 
process  permitted  a  better  appreciation  for  the  surface  topography  on  the  remaining  metal.  The  teardown 
and  cleaning  also  pointed  to  the  fact  that  the  clamp-up  provided  by  the  rivets  means  that  the  last  locations 
to  suffer  corrosion  damage  within  the  joint  are  those  nearest  the  fasteners. 

The  objection  to  the  flat-bottomed  machined  thickness  loss  areas  used  on  the  typical  calibration  standard 
(Figure  11-11)  was  first  addressed  by  creating  an  Electric  Discharge  Machining  (EDM)  tool  electrode  that 
incorporated  a  rough  face.  When  this  rough-faced  tool  was  worked  to  the  desired  depth  the  result  would  be 
a  surface  topography  emulating  the  surface  condition  previously  observed  on  the  cleaned  corroded 
specimens.  A  calibration  standard  prepared  in  this  way  would  thus  be  more  realistic  [1]. 

The  inner  surface  of  a  CNC  machined  sheet  shown  in  Figure  11-16  incorporates  the  observations  and 
thickness  loss  values  from  disassembled  and  cleaned  corroded  lap  joint  skins.  The  maximum  thickness  loss 
is  in  the  zone  between  the  fasteners  and  tapers  towards  the  edges  and  fastener  locations.  The  as-machined 
condition  for  various  thickness  loss  or  damage  levels  is  shown  in  Figure  11-17.  The  CNC  machined  surfaces 
were  then  hand  sculpted  to  give  them  unique  surface  topographies.  These  coarsely  roughened  areas  were 
then  lightly  sandblasted  to  better  represent  corrosion  surface  damage,  Figure  11-18.  This  technique  is  an 
improvement  on  the  EDM  method  since  the  topographies  are  unique. 


Figure  11-16:  Faying  Surface  of  One  2024-T3  Skin  for 
a  Simulation  of  Crevice  Corrosion  and  Pillowing. 
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Figure  11-17:  CNC  Machined  Corrosion  Damage  Thickness  Loss  to  Three  Depths  (30,  50  and  10  %). 
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Figure  11-18(a):  Machined  Areas  Hand-Ground.  Figure  11-1 8(b):  Surface  Sandblasted. 


The  sandblasted  surface  offers  more  natural  exposure  to  the  aluminum  grains  and  grain  boundaries  in 
comparison  to  the  surface  following  the  milling  and  grinding.  Without  sandblasting  the  corrosive  attack 
would  be  more  likely  to  advance  along  the  small  scratches  remaining  from  the  machining. 

The  machined  and  artfully  sculpted  surfaces  were  then  subjected  to  a  short  period  of  accelerated  corrosion. 
Although  attack  by  both  ANCIT  and  EXCO  solutions  was  tried  the  best  results  were  achieved  through 
exposure  to  Copper  Assisted  Salt  Fog  (CASS). 

Once  the  “corroded”  areas  were  individually  prepared  the  voids  were  packed  with  aluminium  oxide  to  the 
volume  required  by  the  thickness  loss  and  the  calibration  standard  was  assembled  by  attaching  the  inner 
sheet  which  was  not  machined.  Assembly  with  the  corrosion  product  in  situ  proved  very  difficult  especially 
in  the  proper  formation  of  the  shop  head  of  the  rivets.  Special  tooling  was  devised  to  deform  and  squeeze  the 
skins  together  so  that  successful  riveting  could  be  achieved.  The  loose  aluminium  oxide  powder  also  posed  a 
problem  as  it  shifted  during  assembly.  Figure  11-19  shows  the  assembled  joint.  Figure  11-20  shows  a  later 
more  successful  pillowing  simulation  joint. 
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Figure  11-20:  DAIS  Image  of  Machined  Simulation  Panel  with  Corrosion  Product  Included. 


11.3.3  Pillowing  C  racks 

One  of  the  insidious  effects  of  corrosion  pillowing  is  the  development  of  non-surface-breaking,  high 
aspect  ratio  cracks  originating  on  the  faying  surfaces  (inner  surfaces  and  thus  not  visually  detectable). 
Whereas  fatigue  cracks  may  originate  from  fastener  holes  and  run  longitudinally  due  to  hoop  stresses 
under  cyclic  pressurization,  these  “pillowing  cracks”  are  driven  by  tensile  forces,  originate  away  from  the 
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fastener  holes  and  they  can  grow  in  any  direction.  To  date  this  feature  has  not  been  simulated  in  a  lap  joint 
calibration  standard  but  the  phenomenon  has  been  demonstrated  in  an  accelerated  corrosion  process. 

The  lap  joint  illustrated  in  Figure  11-21  was  assembled  with  one  aluminium  and  one  clear  acrylic  skin. 
The  two  skins  were  assembled  with  screws  not  rivets  and  the  assembly  was  exposed  to  a  corrosive 
environment.  The  acrylic  skin  panel  was  intended  to  facilitate  visualizing  and  documenting  the  damage 
onset  and  progress  of  the  accelerated  corrosion  process. 


Figure  11-21:  Al/acrylic  Hybrid  Lap  Joint  After  15  Days  Exposure  to  EXCO  Solution. 

Figure  11-22  shows  the  outer  surface  of  the  aluminium  skin  before  and  after  exposure  to  the  corrosive 
environment.  Unexpectedly  this  set-up  helped  in  recognizing  the  formation  of  pillowing  induced  cracks, 
as  shown  in  Figure  11-23. 


Figure  11-22:  DAIS  Images  of  Aluminum  Outer  Skin 
Front  Surface:  (a)  Before;  and  (b)  After  Corrosion. 
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Figure  11-23:  Cracks  in  Acrylic  Inner  Skin  Caused  by  the  Force  of  Corrosion  Product  Accumulation. 


11.3.4  Wing  Plank  Simulated  Corrosion  Damage  Calibration  Standard 

The  lessons  learned  in  modelling  and  teardown  used  to  facilitate  the  fabrication  of  fuselage  lap  joint 
pillowing  calibration  standards  were  applied  to  thicker  plate  material  to  provide  standards  for  general, 
spot  and  pitting  corrosion  in  the  machined  step  joint  on  wing  skin  material  (7075-T6).  Figure  1 1-24  shows 
the  two  adjacent  87-inch  (221  cm)  long  wing  planks.  A  sketch  of  the  three  locations  for  the  various  damage 
sites  is  shown  in  Figure  11-25.  The  Bottom  Of  Top  (BOT)  and  Top  Of  Bottom  (TOB)  sites  were  assembled 
with  the  mandated  sealant  applied  once  the  damage  had  been  introduced.  The  Bottom  Of  Bottom  (BOB) 
sites  were  unique  in  that  the  inserted  corrosion  product  had  to  remain  in  place  and  this  was  achieved  by  using 
an  adhesive. 


Figure  11-24:  Wing  Planks. 
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Bottom  of  Bottom  (BOB) 


Figure  11-25:  Location  of  Damage  Sites. 

The  thickness  of  each  plank  was  measured  adjacent  to  each  damage  site  and  these  local  measurements 
were  used  to  determine  the  amount  of  material  to  be  removed.  For  “area”  corrosion  damage  sites  a  0.375 
inch  (9.5  mm)  diameter  end  mill  was  used  to  remove  material  down  to  within  a  few  thousands  of  an  inch 
from  the  final  desired  dimension.  This  small  thickness  was  left  so  that  the  surface  could  include  some 
gross  topographical  roughness  without  exceeding  the  desired  mean  thickness.  Blending  from  the  flat 
bottom  of  the  milled  site  to  the  level  of  the  surrounding  undamaged  surface  was  done  by  hand  with  a 
Dremel  tool  and  high  speed  steel  bits.  Artificial  corrosion  of  the  surface  was  induced  to  provide  the  micro¬ 
roughness  associated  with  natural  corrosion  damage  and  the  period  of  exposure  was  controlled  to  match 
the  severity  of  the  thickness  loss  (Figure  11-26). 


Area  flat-bottom  end  milled  to  near  full 
depth. 

“Artistic”  blend-out  to  full  thickness. 

Note  also  “Artistic”  macro  surface 
roughness  features  and  less  blending 
towards  fasteners  in  appreciation  of 
less  damage  due  to  clamp-up. 


Figure  11-26:  Typical  “Area”  Damage  Site  Preparation  Prior  to  Corrosion  Solution  Application. 

Smaller  features  were  included  such  as  minor  Surface  Corrosion  (SCOS)  and  corrosion  pits  (Figure  11-27). 
Only  the  area  and  surface  corrosion  sites  were  back-filled  with  corrosion  product.  In  this  case  the  corrosion 
product  used  was  harvested  from  naturally  occurring  corrosion  of  identical  material. 
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Figure  11-27(a):  Corroded  SCOS  Damage  Site.  Fi9ure  H-27(b):  Corroded  Pit. 

The  “SCOS”  damage  was  machined  entirely  by  hand  and  the  depth  measured  by  a  dial  gauge  with  a  needle 
nose  attachment.  The  “Pit”  damage  sites  were  counter-bored  by  hand  and  the  depth  measured  by  dial  gauge. 

As  described  above,  the  lessons  earned  in  developing  lap  joint  pillowing  and  corrosion  simulation 
calibration  masters  has  permitted  the  simulation  of  similar  damage  in  wing  plank  joints. 

As  a  complimentary  development  to  the  wing  plank  corrosion  joint,  a  wing  plank  joint  was  prepared  with 
induced  cracks  to  challenge  the  current  tools  and  techniques  used  to  detect  them.  With  special  tooling,  forced 
overload  cracks  could  be  inserted  at  any  fastener  hole,  run  in  any  direction  and  the  length  of  the  crack  could 
be  controlled.  Ultimately  both  simulated  corrosion  and  crack  damage  could  be  combined  in  one  wing  plank 
joint. 


11.4  CONCLUSIONS 

It  has  been  demonstrated  that  corrosion  occurring  between  the  faying  surfaces  of  aluminum  aircraft 
structures  introduces  damaging  stresses.  These  stresses  are  due  in  part  to  the  loss  of  thickness  of  the 
structural  skins  and  to  the  accumulation  of  high  volume  corrosion  products  between  the  skins. 
Both  contribute  to  plastic  deformation  and  cracking  of  the  skins.  This  plastic  deformation  has  been  referred 
to  as  pillowing  and  it  is  usually  most  pronounced  in  the  outer  layer  of  skin  where  it  is  seen  as  an  undulating 
surface  profile.  The  amplitude  of  the  undulations  is  a  direct  indication  of  the  severity  of  corrosion  and  of  the 
loss  of  thickness  of  the  associated  metal  sheets.  However,  quantitative  measurement  of  thickness  loss 
requires  that  carefully  prepared  calibration  standards  be  available.  A  number  of  methods  have  been 
developed  to  produce  the  standards  and  perform  these  calibrations,  employing  either  optical  or  electro¬ 
magnetic  methods.  These  methods  have  been  described  and  their  merits  and  limitations  have  been  explained. 
Of  particular  concern  is  that  pillowing  induced  cracking  often  occurs  on  the  inside  surfaces  of  the  skins  and 
is  therefore  not  seen  during  direct  visual  examination.  This  makes  the  assessment  of  corrosion  severity  of 
particular  importance,  and  thus  reinforces  the  need  for  accurate  calibration  of  the  available  detection 
methods.  It  is  also  important  to  be  able  to  simulate  the  corrosion  that  occurs  in  service  in  a  well  controlled 
laboratory  environment. 

11.5  REFERENCES 
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Chapter  12  -  SURFACE  TOPOGRAPHY  INFLUENCES 
ON  STRUCTURAL  LIFE  PREDICTION 
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Analytical  Processes  /  Engineered  Solutions,  Inc. 

Saint  Louis,  Missouri 
USA 

12.1  WHAT  IS  SURFACE  TOPOGRAPHY?  AN  INTRODUCTION 

Topography  describes  the  complex  form  of  a  surface— the  undulations  which  make  up  its  character. 
Topography  comes  in  all  shapes  and  forms;  what  is  true  for  the  surface  of  our  planet  is  also  true  for  the 
surfaces  of  engineered  structures.  If  you  have  ever  driven  across  the  Flint  Hills  in  south-eastern  Kansas, 
you  probably  recognize  that  the  only  indicator  you  have  that  you  are  climbing  a  hill  is  that  the  engine  rpm 
goes  up  ever  so  slightly.  These  hills  have  little  in  common  with  the  hills  of  south-eastern  Kentucky,  yet  on 
an  ordinary  road  atlas,  they  are  labeled  “hills”  just  the  same.  It  is  not  until  you  look  at  these  regions  on  a 
topographic  map  that  the  differences  become  clear.  In  an  engineered  structure,  sometimes  topography  is 
important,  and  other  times  it  is  not.  When  we  produce,  for  example,  a  residual  strength  analysis, 
the  assumption  of  a  pristine  surface  is  the  norm.  For  many  types  of  analyses  and  under  many  criteria,  this 
is  acceptable.  However,  surface  integrity  is  often  critical  to  proper  function  of  a  structure.  Ignoring  the 
form  of  a  surface,  or  the  deviation  of  a  surface  from  its  intended  form,  either  from  improper  machining, 
accidental  damage,  wear,  or  corrosion,  can  have  profound  structural  implications. 

A  cursory  scan  of  basic  fatigue  design  textbooks  will  reveal  fatigue  life  “knock-down  factors”  that  are  a 
function  of  machined  surface  roughness.  Sometimes  you  will  even  find  “knock-down  factors”  for 
corrosion.  What  these  two  factors  (machined  surface  roughness  and  corrosion)  have  in  common  is  surface 
topography  that  casts  aside  any  assumption  of  a  perfectly  flat  surface. 

To  focus  on  corrosion,  the  impacts  it  can  have  on  structural  integrity  are  clear.  Corrosion  can  greatly 
accelerate  the  time  to  fatigue  crack  nucleation;  it  can  accelerate  the  propagation  rates  of  fatigue  cracks  both 
chemically  and  mechanically;  it  can  alter  intended  load  paths.  The  place  where  the  topography  of  a  surface 
affected  by  corrosion  is  most  important  is  in  the  nucleation  phase  of  fatigue  cracks  (or  EAC)  and  in  the 
propagation  of  these  cracks,  particularly  at  smaller  sizes  (dimensions  to  come!).  That  is  where  the 
discussions  for  this  section  will  be  focused.  This  chapter  will  also  address  many  questions,  such  as: 

•  Why  is  topography  important  to  consider? 

•  How  do  we  measure  it? 

•  How  do  we  use  the  information? 

•  What  is  the  influence  of  topography  on  fatigue  life  calculations? 

12.2  THE  IMPORTANCE  OF  TOPOGRAPHY 

High-fidelity  fatigue  analyses  must  take  surface  condition  into  account.  To  be  able  to  model  the  physical 
processes  of  failure,  and  to  become  more  holistic,  we  must  understand  complex  interactions  between 
surfaces  and  applied  stress,  both  external  and  residual.  The  effects  of  corrosion  morphology  on  fatigue  have 
long  been  recognized.  Studies  of  the  geometric  “stress  riser”  influence  of  corrosion  on  fatigue  response 
started  long  ago,  dating  back  to  the  1920s  for  aluminum  alloys  [1],[2]  and  back  to  the  mid- 1800s  on  steels 
used  in  the  railroad  industry.  These  works  continued  in  earnest  through  the  1960s  [3], [4], [5],  1970s  [6], 
1980s  [7], [8],  1990s  [9], [10], [11], [12], [13]  and  into  the  2000s  [14], [15], [16], [17], [18], [19], [20].  The  stress 
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risers  related  to  corrosion  damage  are  directly  related  to  topography.  If  “uniform  corrosion”  was  indeed 
uniform,  there  would  be  no  topography,  only  constant  removal  of  material  that,  from  a  fatigue  analysis 
perspective,  could  conveniently  be  handled  by  assuming  a  uniform,  wholesale  increase  in  applied  stress 
with  no  complex  stress  concentrations.  But,  as  experience  shows,  even  “general  attack”  of  a  surface  in  an 
aluminum  alloy  is  characterized  by  roughness  and  waviness.  Consider  the  profile  below,  which  is  a  trace  of 
an  aluminum  surface  subject  to  general  attack  (Figure  12-1). 


256pm  Sect.  211 


Figure  12-1:  Line  Profile  of  Aluminum  Surface  that  has  Suffered  from  General  Attack. 

The  general  attack  profile  has  quite  different  characteristics  than  a  surface  subjected  to  pitting  (see  Figure 
12-2).  However,  the  structural  implications  can  be  similar,  especially  relative  to  a  machined  surface. 
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Figure  12-2:  Line  Profile  of  Aluminum  Surface  that  has  Suffered  from  Pitting  Attack. 


Even  exfoliation,  long  considered  a  uniform  material  loss  with  no  associated  stress  concentration,  shows 
topographies  that  look  very  similar  to  general  attack;  in  places,  the  exfoliation  damage  may  also  contain 
pitting.  Regardless  of  the  topography  that  is  present,  it  is  safe  to  say  that  in  many  cases,  assuming  a  loss  of 
material  sans  stress  concentration  (i.e.,  beyond  that  of  net  section  stress  increase)  is  inadequate,  especially 
in  fatigue  assessments  (see  Chapters  6,  10  and  15)  for  detailed  discussion  regarding  exfoliation). 


12.3  MEASURING  SURFACE  TOPOGRAPHY 

As  with  many  technologies,  one  of  the  biggest  hurdles  one  must  overcome  is  the  difference  between  being 
able  to  measure  something  in  the  laboratory  versus  measuring  that  same  parameter  in  the  field. 
For  measuring  surface  topography  in  the  laboratory,  we  might  have  laser  confocal  microscopes,  or  laser 
profilometers,  or  stylus  profilometers.  We  might  cross-section  a  sample  and  use  some  sort  of  image 
analysis  software  to  define  the  surface  profile.  Clearly,  we  have  many  tools  available  to  us  to  generate 
high  fidelity  surface  profile  information,  in  2D  and  in  3D.  Translating  that  capability  into  the  field  is  much 
more  difficult,  however. 

Using  aircraft  structure  as  an  example,  much  of  the  corrosion  in  which  we  are  interested  is  hidden,  such  as 
within  lap  joints  or  down  the  bore  of  fastener  holes.  In  2000,  the  USAF  launched  Phase  II  of  the  of 
Corrosion  Fatigue  Structural  Demonstration  program,  and  a  portion  of  that  program  sought  to  understand 
the  relationship  between  the  outputs  of  conventional  NDT  methods,  such  as  X-ray,  ultrasound,  and  eddy 
current,  and  the  surface  topography  information  required  to  feed  structural  effects  models.  DSTO 
Australia  went  down  a  similar  path  in  the  same  time  frame  when  developing  their  ‘Process  Zone  Model’ 
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for  modeling  exfoliation/fatigue  interactions  [21], [23].  The  conclusion  at  that  time  was  that  although  the 
‘Process  Zone’  was  very  successful  at  modeling  the  influence  of  exfoliation  on  fatigue  response,  the  level 
of  detail  required  for  the  corrosion  damage  morphology  was  well  beyond  what  could  be  delivered  by 
available  NDT  methods. 

Figure  12-3  shows  an  example  of  data  extracted  from  a  field-supportable  eddy-current  scan  of  a  lap  joint 
compared  with  a  scan  down  the  same  line  using  laser  profilometry.  The  eddy-current  scan  has  a 
500-micron  resolution,  and  the  laser  scan  has  a  resolution  of  25  microns.  Although  the  eddy-current  data  is 
suitable  for  estimating  basic  thickness  loss,  it  does  not  provide  the  spatial  resolution  necessary  for  high 
fidelity  fatigue  analyses  (determined  in  this  study  to  be  25  microns).  The  eddy-current  data  in  this  example 
would  miss  finer  details  associated  with  pitting,  or  instance.  Keep  in  mind  that  not  every  analysis  would 
require  high-fidelity  topography  information. 


s,  in. 

Figure  12-3:  Eddy-Current  Line  Scan  Compared  with  Laser  Profile  for  Same  Location. 

To  try  and  bridge  the  gap  between  NDT  capability  and  structural  analysis  requirements  for  corrosion,  studies 
have  been  undertaken  to  see  if  the  parameters  necessary  for  surface  topography  determination  can  be 
inferred  from  the  global  thickness  loss  determined  by  eddy-current.  One  example  is  shown  in  Figure  12-4, 
where  the  roughness  of  corroded  samples  does  indeed  correlate  to  global  thickness  loss.  Note  the  roughness/ 
thickness  loss  relationship  also  varies  by  product  thickness,  as  one  might  expect. 
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Figure  12-4:  Surface  Roughness  Related  to  Corrosion  Thickness  Loss  (the  solid,  dashed 
and  dotted  lines  represent  approximate  power  law  curve  fits  for  each  initial 
product  thickness,  0.040”,  0.045”  or  0.050  -  0.063”). 


As  mentioned  in  the  chapter  on  exfoliation/fatigue  modeling,  there  is  benefit  to  be  gained  from  pursuing 
these  types  of  relationships  for  common  engineering  materials.  The  ‘Process  Zone  Model’  fell  victim  to 
this  lack  of  information.  Time  would  be  well  spent  trying  to  understand  limit  states  of  surface  roughness 
and  damage  morphologies  for  various  alloys  in  a  variety  of  product  forms  and  grain  orientations. 


12.4  TOPOGRAPHY  AND  FATIGUE  ANALYSIS 

As  this  section  and  countless  case  studies  from  field  failures  show,  local  topography  of  a  surface  can  be 
critical  to  a  structure’s  fatigue  resistance.  At  the  same  time,  not  every  structure  is  fatigue  critical  or  even 
corrosion  fatigue  critical.  The  ability  to  consider  topography  in  fatigue  analysis  is  another  tool  we  can  use 
to  determine  the  susceptibility  of  structure  to  certain  types  of  damage,  either  in  the  design  stage  or  in  the 
sustainment  phase  of  a  structure’s  life. 

In  aircraft,  many  classification  criteria  exist  for  determining  what  is  a  primary  structural  element, 
a  structurally  significant  item,  a  fracture  critical  component,  etc.  We  can  combine  this  knowledge  with  an 
understanding  of  stress  levels,  local  details,  and  material  properties  to  gain  an  understanding  of  which 
structure  might  be  vulnerable  to  damage  (typically  cracking)  and  which  will  require  inspection  during  use 
to  ensure  safety.  This  template  clearly  exists  for  fatigue,  and  the  methods  now  exist  to  expand  this 
capability  to  include  corrosion  (although  the  philosophy  in  the  industry  still  seems  to  lag  technical 
capability). 

The  first  step  -  well  before  we  figure  out  how  much  detailed  corrosion  topography  we  can  gather  -  is  to 
determine  what  we  need  to  gather.  This  is  a  function  of  the  structure’s  susceptibility  to  corrosion/fatigue 
(surface  topography  is  much  more  important  to  fatigue  analysis  than  it  is  to  residual  strength  analysis). 
Structural  requirements  should  define  the  NDT  requirements.  At  the  design  stage,  if  the  NDT  cannot 
provide  what  we  need,  or  if  the  inspection  requirement  proves  to  be  too  burdensome,  then  a  redesign 
would  likely  be  in  order.  In  the  sustainment  stage,  a  gap  between  NDT  requirement  and  NDT  capability 
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might  force  us  into  determining  some  sort  of  gap-filling  algorithm  that  transforms  NDT  capability  into  the 
type  of  information  we  need  with  reasonable  confidence  (as  shown  earlier  in  Figure  12-4). 

Determining  what  we  need  to  gather  (and  the  locations  for  which  we  need  to  gather  the  corrosion 
information)  is  part  of  corrosion  criticality  analyses  and  corrosion  tolerance  assessments.  And  as  we  stated 
above,  the  capability  exists  today  to  do  this  type  of  activity  with  far  more  fidelity  than  it  is  currently  being 
practiced. 

The  methods  put  into  practice  at  APES  are  centered  on  determining  surface  topography  correction  factors 
that  are  used  in  conjunction  with  conventional  fatigue  analyses.  These  essentially  take  the  form  of 
‘beta  corrections’  to  the  stress  intensity  solution  for  a  crack  growing  from  a  flat  surface.  If  the  crack  is 
emanating  from  a  deep  pit,  for  instance,  the  presence  of  that  pit  will  amplify  the  stress  intensity  the  crack 
sees.  From  an  analytical  standpoint,  this  increase  in  K  translates  into  an  increase  in  crack  growth  rate, 
which  further  translates  into  a  decrease  in  fatigue  life  from  that  crack  size  to  failure  compared  to  the 
‘uncorroded’  baseline  condition. 

As  with  traditional  beta  solutions,  finite  element  technology  allows  us  to  build  families  of  beta  correction 
curves  for  various  ‘typical’  surface  topography  conditions  from  varying  degrees  of  general  attack  to 
increasing  depths  and  shapes  of  pitting.  In  addition,  it  is  possible  to  develop  these  beta  solutions  for  any 
structural  detail  if  that  level  of  fidelity  is  warranted.  Figure  12-5  shows  a  simplified  example  of 
beta  corrections  for  the  two  surface  profiles  shown  earlier  in  this  section  (refer  back  to  Figure  12-1  and 
Figure  12-2). 


Skin  1 

Skin  2 


XD 


0  0.01  0.02  0.03  0.04  0.05 

crack  length,  in. 

Figure  12-5:  Sample  Correction  Factors  for  Corroded  Surfaces  as  a  Function  of  Crack  Length. 


The  graph  plots  normalized  stress  intensity  for  the  two  profiles,  the  normalized  value  being  the  stress 
intensity  of  a  crack  emanating  from  a  corroded  surface  divided  by  the  stress  intensity  of  the  same  crack 
emanating  from  a  flat  surface.  Two  things  stand  out  from  the  figure  -  neither  of  which  should  be  all  that 
surprising.  First  of  all,  when  the  crack  is  small,  the  influence  of  the  corrosion  is  quite  large.  This  effect 
dissipates  quite  rapidly  as  the  crack  extends  away  from  the  surface,  but  the  effect  never  really  goes  away 
(normalized  value  does  not  reach  unity).  Second,  the  ‘pitted’  surface  (Skin  2)  has  a  much  more  severe 
initial  correction  factor  associated  with  it  than  does  the  general  attack  surface  (Skin  1). 

One  can  also  examine  these  beta  corrections  from  a  probabilistic  sense,  wherein  a  family  of  corrections 
(Figure  12-6)  for  corrosion  can  be  determined  by  placing  cracks  of  varying  sizes  at  different  locations 
(x-coordinate  along  surface  ‘Sl_2’  in  Figure  12-6)  along  a  corroded  surface. 
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Figure  12-6:  Family  of  Beta  Corrections  for  Corrosion  for 
Various  Cracks  Along  a  Line  of  Surface  Topography. 


More  severe  topography  gives  rise  to  higher  beta  correction  factors,  to  the  point  in  fact  that  very  sharp  pits 
(such  as  those  which  might  attack  the  short-transverse  grain  direction  of  a  structural  aluminum  alloy, 
for  instance),  can  effectively  be  modeled  as  cracks  of  equivalent  depth.  This  tends  to  be  a  slightly  aggressive 
treatment  of  pitting  effects  on  fatigue,  but  for  certain  pit  morphologies,  this  assumption  appears  to  work 
reasonably  well. 

The  original  pitting  model  developed  by  APES,  Inc.  was  based  on  a  small  study  driven  by  DSTO/AMRL 
of  Australia  [23].  The  work  involved  pitting/fatigue  in  7050-T7451  aluminum  alloy,  a  material  common  in 
their  F/A-18  aircraft.  In  this  limited  study,  planform  views  of  two  pits  were  lifted  from  fractographs, 
and  these  shapes  were  recreated  using  two-dimensional  finite  element  analysis  (2D-FEA).  These  analyses 
confirmed  that  sharp,  deep  pits  could  be  modeled  as  cracks  of  equivalent  depth. 

As  can  be  seen  from  Figure  12-7  and  Figure  12-8,  these  planforms  were  of  quite  different  shape,  but  they 
produced  very  similar  stress  states  and  stress  intensity  factors,  which  was  a  result  of  similar  pit  radii  at  the 
very  tip  (bottom)  of  the  pit. 
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Shallow,  Wide  Pit 


Crack  Length  from  Bottom  of  Pit,  in. 

(b) 

Figure  12-7:  (a)  Shows  the  Von  Mises  Stress  Contours  for  the  Wide  Pit  with  a  0.001  Inch  Pit  at  the 
Base;  and  (b)  Shows  How  the  SIFs  Compare  Between  FEA  and  the  Analytic  2D-PC  Model. 
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Figure  12-8:  (a)  Shows  the  Von  Mises  Stress  Contours  for  the  Narrow  Pit  with  a  0.001  Inch  Pit  at 
the  Base;  and  (b)  Shows  How  the  SIFs  Compare  Between  FEA  and  the  Analytic  2D-PC  Model. 

In  Figure  12-7,  the  Von  Mises  stress  contours  are  shown  for  a  wider  ‘shallow’  0.004  inch  (100  micron)  pit 
with  a  0.001  inch  (25  micron)  crack  at  the  base.  Similar  models  were  built  which  varied  crack  depth  from 
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this  same  pit  geometry,  with  crack  lengths  approaching  0.1  inch  (250  microns).  The  stress  intensity  factors 
at  the  crack  tip  (which  would  be  influenced  by  the  pit)  were  compared  with  a  simple  model  that  treated  the 
pit  as  a  crack  of  equivalent  depth  to  which  the  real  crack  was  added.  Figure  12-7  shows  the  comparison 
between  the  FEA  model  of  the  real  pit  +  crack  (labeled  as  FEA)  and  the  assumption  that  the  pit  is  simply 
an  extension  of  a  2D  crack  (labeled  as  Analytic).  The  Stress  Intensity  Factors  (SIFs)  at  all  combinations  of 
pit  depth  and  crack  length  are  within  1%  of  each  other. 

This  exercise  was  repeated  with  a  narrower  and  deeper  pit  (0.007  inch,  175  microns).  Figure  12-8  shows 
similar  plots  for  this  other  pit  geometry.  Again,  the  differences  between  FEA  and  simplified  model  were 
negligible,  and  so  the  original  APES  pitting  model,  which  we  now  call  the  2D  Pit/Crack  (2D-PC)  model 
was  born. 

Later  work  with  the  US  Air  Force  [24], [25]  saw  the  pitting  models  expand  and  benefit  from  3D  Finite 
Element  Analysis  (3D-FEA),  which  generated  beta  correction  factors  for  cracks  next  to  hemispherical 
corrosion  pits.  In  essence,  the  use  of  3D-FEA  created  a  less  severe  option  to  the  pit-as-crack  model 
developed  using  the  2D-FEA  (see  Figure  12-9). 
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Figure  12-9:  Comparison  of  Sample  3D  and  2D  Beta  Correction  Factors  for  Pitting. 


12.5  TOPOGRAPHY  INFLUENCES  ON  FATIGUE  LIFE  CALCULATIONS 

No  one  clear  cut  answer  exists  for  the  effects  of  surface  topography  on  fatigue  life  calculations.  However, 
it  is  clear  just  from  service  failures  alone  that  corrosion,  for  example,  causes  structures  to  fail  much  sooner 
than  expected.  Perhaps  one  of  the  most  telling  examples  of  the  effects  of  surface  topography  on  fatigue  life 
calculations  comes  from  the  modeling  of  exfoliation  corrosion.  In  the  chapter  on  exfoliation  fatigue 
modeling  (see  Chapter  15),  the  observation  was  made  that  exfoliation  is  typically  just  considered  a  material 
loss  issue,  wherein  it  can  be  modeled  as  a  simple  reduction  in  component  thickness.  This  approach  is 
reasonable  for  strength  and  stability  calculations.  And  while  the  impact  that  this  thinning  has  on  fatigue  life 
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computations  is  real  and  noticeable,  the  reduction  in  life  arrived  at  by  this  modeling  approach  misses  a  very 
key  physical  interaction,  namely:  the  surface  is  far  from  pristine.  It  is  in  fact  quite  tortuous  with  many  pit-like 
discontinuities  (referenced  earlier).  These  pit-like  discontinuities  are  what  drive  the  often-dramatic  life 
reductions  seen  in  cases  of  exfoliation/fatigue  interactions.  It  is  worth  presenting  Figure  12-10  as  part  of  this 
discussion,  although  it  is  repeated  in  Chapter  15.  In  this  chart,  experimental  exfoliation  fatigue  data  is  plotted 
alongside  three  different  modeling  approaches: 

1)  Thickness  loss  only; 

2)  Thickness  loss  in  conjunction  with  beta  corrections  from  2D-FEA;  and 

3)  Thickness  loss  in  conjunction  with  beta  corrections  from  3D-FEA. 

The  most  important  thing  to  recognize  in  this  example  is  that  when  one  considers  thickness  loss  as  the  only 
influencing  factor,  then  life  capability  is  over-predicted  by  a  factor  of  four,  consistently,  at  all  thickness  loss 
levels  examined.  Only  by  including  the  effects  of  surface  topography  do  the  computed  fatigue  lives  approach 
those  of  the  experiment. 


Figure  12-10:  Cycles  to  Failure  vs.  %  Thickness  Loss  for  Exfoliated  Coupons  (Note  that  only  by 
incorporating  pitting  into  the  model  do  the  post-dieted  fatigue  lives  approximate  those  of 
the  coupons.  Assuming  area  loss  only  is  extremely  unconservative  (factor  of  four)). 
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13.1  INTRODUCTION 

The  combined  effects  of  corrosion  and  cyclic  loading  have  been  shown  to  produce  cracks  from  corrosion 
pits  and  pits  have  frequently  been  the  source  of  cracks  on  components  operating  in  fleets  of  aircraft.  Once 
the  pit,  or  group  of  pits  form,  the  rate  of  pit  growth  is  dependent  mainly  on  the  material,  environmental 
conditions,  temperature,  and  type  and  state  of  stress.  Therefore,  to  estimate  the  total  corrosion  fatigue  life 
of  a  component,  it  is  of  great  importance  to  develop  realistic  models  to  establish  the  component  life  in 
these  situations  and  to  formulate  methods  by  which  designers  and  operators  know  likely  sources  of  pitting 
early  in  the  design  and  fleet  operation.  In  this  manner  the  structurally  significant  items  can  be  classed  by 
susceptibility  to  pitting  corrosion  fatigue  as  well  as  conventional  fatigue  criteria.  Therefore,  to  understand 
this  phenomenon,  some  models  based  on  Pitting  Corrosion  Fatigue  (PCF)  mechanisms  and  understanding 
have  been  proposed  in  the  past  and  new  ones  are  emerging. 

It  is  important  to  note  that  both  pitting  theory  and  crack  growth  theory  have  been  used  in  pitting  corrosion 
fatigue  model  development.  The  first  known  conceptual  (notional)  model  was  presented  in  1971  (see  the 
lead  paper  by  Hoeppner  in  [6])  and  subsequently  the  pit  growth  rate  theory  proposed  by  Godard  was 
combined  with  fatigue  crack  growth  concepts.  Following  this  basic  idea  a  few  models  have  been  proposed. 

This  chapter  presents  some  examples  of  critical  pitting  corrosion  fatigue  situations  in  aircraft,  discusses 
the  framework  of  the  PCF  models  to  date,  presents  some  applications  of  the  models,  and  discusses  current 
work  underway.  Additionally,  some  recommendations  are  made  related  to  future  work  needed  to  enhance 
structural  integrity  and  minimize  degradation  of  aircraft  due  to  this  failure  mechanism. 

The  phases  of  life  of  a  structure  may  be  classified  as  follows  [1]: 

•  Formation  or  nucleation  of  damage  by  a  specific,  physical  or  corrosion  damage  process  interacting 
with  the  fatigue  process  if  appropriate.  Corrosion  and  other  processes  may  act  alone  to  create  the 
damage.  A  transition  from  the  nucleation  stage  to  the  next  phase  must  occur.  Phase 

•  Microstructurally  dominated  crack  linkup  and  propagation  (“short”  or  “small”  crack  regime). 
Phase  L2. 

•  Crack  propagation  in  the  regime  where  either  LEFM,  EPFM,  or  FPFM  may  be  applied  both  for 
analysis  and  material  characterization  (the  “long”  crack  regime).  Phase  L3. 

•  Final  instability.  Phase  L4. 

Thus,  the  total  life  (LT)  of  a  structure  is  LT  =  Li+L2+L3+L4.  Figure  13-1  presents  a  depiction  of  the 
degradation  process.  The  regions  shown,  e.g.,  1,  2,  3,  and  4,  illustrate  the  portion  of  life,  on  the  abscissa, 
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and  the  corresponding  growth  in  discontinuity  size  plotted  schematically  on  the  ordinate.  This  paper 
concentrates  on  the  phases  Li  and  L2.  That  is,  the  corrosion  process  that  results  in  the  generation  of  a  specific 
form  of  corrosion  generating  a  specific  form  of  discontinuity  that  is  not  necessarily  a  crack  like  discontinuity, 
and  the  development  of  short  cracks  and  their  propagation.  The  requirement  of  the  community  to  develop 
design  methods  to  deal  with  corrosion  or  other  degradation,  fatigue,  creep,  and  wear,  is  essential  and  some  of 
the  elements  are  depicted  in  Figure  13-2.  This  figure  illustrates  that  most  of  the  quantitative  methods  that 
have  been  developed  used  the  concepts  of  mechanics  of  materials  with  an  incorporation  of  fracture 
mechanics  [2]. 


The  degradation 
process 


Life 


A=  "FIRST"  detectable  crack 

1.  Nucleation  phase,  "NO  CRACK" 

2.  "SMALL  CRACK"  phase-steps  related  to  local 
structure  (Anisotropy) 

3.  Stress  dominated  crack  growth,  LEFM,  EPFM 

4.  Crack  at  length  to  produce  instability 


Figure  13-1:  A  Depiction  of  the  Degradation  Process  (after  Hoeppner  [1],  [40]). 
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METHODS  FOR  EACH  LIFE  PHASE 


"SMALL  CRACK"  STRESS  DOMINATED  FAILURE 

NUCLEATION  GROWTH  CRACK  GROWTH  (FRACTURE) 


Material  failure 
mechanism  with 
appropriate 
stress/strain 
life  data 


Nucleated 
discontinuity 
(not  inherent) 
type,  size,  location 
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extraneous 
effects 
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dominated 
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compressive 
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Appropriate 

stress  intensity 
factor 
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Effects  of 
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•Stress  state 
•Environment 
•Spectrum 
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t 
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Figure  13-2:  Methods  for  Each  Life  Phase  (after  Hoeppner  [1],  [40]). 


NOTE:  Initiation  as  frequently  used  by  the  technical  community  is  usually  part  of  the  nucleation 
(or  formation),  short  crack  growth,  and  stress  dominated  crack  growth  phase  of  life.  One  is  never  sure 
however  how  much  of  the  life  is  taken  up  by  the  traditional  use  of  the  “initiation”  concept.  To  avoid  this  we 
have  used  the  term  initiation  herein  only  to  refer  to  the  beginning  of  a  specific  degradation  process  such  as 
corrosion,  fatigue,  or  initiation  of  crack  propagation.  As  depicted  in  Figure  13-1  what  often  is  referred  to  as 
“initiation”  is  life  to  a  certain  detectable  crack  size  or  damage  size.  This  is  a  critical  distinction  in  that  use  of 
“first”  crack  detection  concepts,  or  related  on  condition  evaluation  terms,  forces  the  designer  to  think  about 
inspectability  and  detectability  of  specific  forms  of  degradation.  As  well,  it  is  imperative  that  the  technical 
community  develop  an  understanding  of  the  nucleation  and  growth  phases  of  degradation  processes. 


13.2  EFFECTS  OF  CORROSION  ON  STRUCTURAL  INTEGRITY  OF 
AIRCRAFT 

The  issue  of  the  effects  of  corrosion  on  structural  integrity  of  aircraft  has  been  a  question  of  concern  for 
some  time  [3]-[38].  The  potential  effects  are  many  and  they  can  be  categorized  as  follows.  In  the  discussion 
below  the  use  of  the  terms  global  and  local  refers  to  the  likely  extent  of  the  corrosion  on  the  surface  of  a 
component.  Global  means  the  corrosion  would  be  found  on  much  of  the  component  whereas  local  means  the 
corrosion  may  be  localized  to  only  small,  local  areas: 

1)  Reduce  the  section  with  a  concomitant  increase  in  stress.  Global  or  local 

2)  Produce  a  stress  concentration.  Local. 

3)  Nucleate  cracks.  Local,  possibly  global  Source  of  multiple-site  cracking. 
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4)  Produce  corrosion  debris.  This  may  result  in  surface  pillowing  by  various  means,  which  may 
significantly  change  the  stress  state  and  structural  behavior.  Local  and  global. 

5)  Create  a  situation  that  causes  the  surfaces  to  malfunction.  Local  and  global. 

6)  Cause  Environmentally  Assisted  Crack  Growth  (EACG)  under  cyclic  (corrosion  fatigue)  or  sustained 
loading  (SCC)  conditions.  Local. 

7)  Create  a  damage  state  that  is  missed  in  inspection  when  the  inspection  plan  was  not  developed  for 
corrosion  or  when  corrosion  is  missed.  Local  and  global. 

8)  Change  the  structurally  significant  item  due  to  the  creation  of  a  damage  state  not  envisioned  in  the 
structural  damage  analysis  or  fatigue  and  strength  analysis.  If  the  SSI  is  specified,  for  example, 
by  location  of  maximum  stress  or  strain,  then  the  corrosion  may  cause  another  area(s)  to  become 
significant.  Local  or  global. 

9)  Create  an  embrittlement  condition  in  the  material  that  subsequently  affects  behavior.  Local  or 
Global. 

10)  Create  a  general  aesthetic  change  from  corrosion  that  creates  maintenance  to  be  done  and  does 
damage  to  the  structure.  Local  or  global. 

11)  Corrosion  maintenance  does  not  eliminate  all  the  corrosion  damage  and  cracking  or  the  repair  is 
specified  improperly  or  executed  improperly  thus  creating  a  damage  state  not  accounted  for  in  the 
design.  Local  or  global. 

12)  Generate  a  damage  state  that  alters  either  the  durability  phase  of  life  or  the  damage  tolerant 
assessment  of  the  structure  or  both. 

13)  Create  a  Widespread  Corrosion  Damage  (WCD)  state  or  a  state  of  corrosion  that  impacts  the 
occurrence  of  Widespread  Fatigue  Damage  (WFD)  and  its  concomitant  effects.  (See  References  [3], 
[5],  [6],  [15],  [17],  [28],  [29],  [30],  [34],  [35],  [36],  [37],  [38]  for  more  information). 

The  question  of  whether  corrosion,  corrosion  fatigue  and  stress  corrosion  cracking  are  safety  concerns  or  just 
maintenance/economic  concerns  has  been  a  point  of  discussion  related  to  aircraft  structural  integrity  for  over 
30  years.  Nonetheless,  a  great  deal  of  the  aircraft  structural  integrity  community  believes  that  corrosion 
related  degradation  is  just  an  economic  concern.  It  was  with  this  situation  in  mind  that  Campbell  and  Lahey 
[14]  and  Wallace,  Hoeppner  and  Kandachar  [15]  pursued  the  presentation  of  technical  facts  and  knowledge 
to  illustrate  the  potential  for  a  safety  issue  as  well  as  a  maintenance/economic  issue.  Finally,  Hoeppner  et  al. 
[30]  reviewed  failure  data  obtained  from  the  USAF,  USN,  US  Army,  FAA,  and  the  NTSB  related  to  aircraft 
incidents  and  accidents  in  the  USA  between  1975  andl994.  The  review  evaluated  further  the  potential  for 
corrosion  and  fretting  related  degradation  to  be  significant  safety  issues.  Recently,  several  instances  of  pitting 
corrosion  in  aircraft  and  helicopter  components  have  been  identified  as  critical  safety  issues  as  discussed  in 
the  following  section. 


13.3  EXAMPLES  OF  PITTING  CORROSION  INCIDENTS 

A  survey  was  performed  of  incidents  and  accidents  of  aircraft  and  helicopters  caused  by  pitting  corrosion, 
where  an  incident  is  any  damage  to  the  aircraft  and/or  injuries  to  passengers  and  crew  and  an  accident  is  loss 
of  the  aircraft  and/or  fatal  injuries  to  passengers  and  crew.  Data  were  taken  from  the  NTSB  and  FAA  web¬ 
sites,  which  include  their  databases  of  all  aircraft  incidents  and  accidents  since  1983.  It  was  determined  that 
of  the  91  incidents  and  accidents  found  under  corrosion,  seven  of  them  gave  the  cause  of  failure  as  pitting 
corrosion. 

Unfortunately,  it  has  been  found  that  there  are  problems  in  reporting  the  causes  of  the  incidents  and 
accidents  in  the  NTSB  and  FAA  in  that  the  real  cause  of  an  incident  or  accident  is  not  reported  properly 
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and,  therefore,  does  not  show  up  in  the  database.  For  example,  in  reading  through  some  of  the  incidents 
and  accidents  caused  by  corrosion,  it  was  found  in  the  text  that  the  real  cause  of  failure  was,  more 
specifically,  due  to  pitting  corrosion  or  exfoliation.  But  those  words  were  not  highlighted  so  that  incident 
or  accident  did  not  show  up  in  a  search  of  pitting  corrosion  or  exfoliation.  This  makes  the  validity  of 
numbers  of  incidents  and  accidents  caused  by  pitting  corrosion  questionable  due  to  the  fact  that  additional 
incidents  and  accidents  may  be  listed  under  different  causes  and/or  more  general  causes.  Also  included  in 
the  survey  were  the  three  Embraer  120  incidents  involving  propeller  blades,  the  Aero  Commander  680 
lower  spar  cap,  and  the  F-18  trailing  edge  flap  failure.  These  civilian  and  military  incidents  and  accidents 
were  all  due  to  pitting  corrosion  as  shown  in  Table  13-1.  When  these  examples  are  taken  with  the  general 
information  cited  in  the  previous  references  they  clearly  show  that  corrosion  related  degradation  is  a 
significant  safety  issue  in  the  assurance  of  structural  integrity  of  aircraft. 


Table  13-1:  Pitting  Corrosion  Incidents  of  Aircraft  and  Helicopters. 


Aircraft 

Location  of 
Failure 

Cause 

Incident 

Severity 

Place 

Year 

From 

Bell  Helicopter 

Fuselage,  longeron 

Fatigue,  corrosion 
and  pitting  present 

Serious 

AR,  USA. 

1997 

NTSB 

DC-6 

Engine,  master 
connecting  rod 

Corrosion  pitting 

Fatal 

AK,  USA. 

1996 

NTSB 

Piper  PA-23 

Engine,  cylinder 

Corrosion  pitting 

Fatal 

AL,  USA. 

1996 

NTSB 

Boeing  75 

Rudder  Control 

Corrosion  pitting 

Substantial 
damage  to 
plane 

WI,  USA. 

1996 

NTSB 

Embraer  120 

Propeller  Blade 

Corrosion  pitting 

Fatal  and 
serious,  loss 
of  plane 

GA,  USA. 

1995 

NTSB 

Gulfstream 

GA-681 

Hydraulic  Line 

Corrosion  pitting 

Loss  of  plane, 
no  injuries 

AZ,  USA. 

1994 

NTSB 

L-1011 

Engine,  compressor 
assembly  disk 

Corrosion  pitting 

Loss  of  plane, 
no  injuries 

AK,  USA. 

1994 

NTSB 

Embraer  120 

Propeller  Blade 

Corrosion  pitting 

Damage  to 
plane,  no 
injuries 

Canada 

1994 

NTSB 

Embraer  120 

Propeller  Blade 

Corrosion  pitting 

Damage  to 
plane,  no 
injuries 

Brazil 

1994 

NTSB 

F/A-18 

Trailing-Edge  Flap 
(TEF)  Outboard 
Hinge  Lug 

Corrosion  pitting, 
fatigue 

Loss  of  TEF 

Australia 

1993 

AMRL 

Mooney- 
Mooney  20 

Engine,  interior 

Corrosion  pitting, 
improper  approach 

Minor  injuries 

TX,  USA. 

1993 

NTSB 

Aero 

Commander 

680 

Lower  Spar  Cap 

Corrosion  pitting 

Fatal 

Sweden 

1990 

Swedish 

CAA 
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Therefore,  the  potential  regrettable  occurrence  of  accidents  from  corrosion  related  crack  nucleation  is  a 
constant  threat  to  aircraft  safety.  The  following  quote  from  the  recent  NATO  RTO  conference  on  fatigue 
in  the  presence  of  corrosion  [38]  adds  some  understanding  to  the  need  for  greater  effort  to  understand  the 
potential  role  of  the  effects  of  corrosion  on  structural  integrity. 

“Some  of  the  workshop  papers  discussed  the  significance  of  corrosion-fatigue  as  a  safety  issue  or 
an  economic  issue.  There  is  ample  data  to  support  the  contention  that  it  is  definitely  an  economic 
issue.  There  is  also  ample  data  to  support  the  contention  that  it  has  not  been  a  significant  safety 
problem.  However,  the  problem  is  certainly  a  potential  safety  concern  if  maintenance  does  not 
perform  their  task  diligently.  In  addition,  management  must  continuously  update  established 
maintenance  and  inspection  practices  to  address  additional  real-time  degradation  threats  for 
aircraft  operated  well  beyond  their  initial  design  certification  life.  The  economic  issue  alone  is 
sufficient  to  motivate  the  support  of  research  and  development  that  can  reduce  the  maintenance 
burden.  This  research  will  also  reduce  the  threat  of  catastrophic  failure  from  the  corrosion 
damage.  ”  (Lincoln,  J.,  Simpson,  D.,  Introduction  to  Reference  [38]) 

Another  quote  from  a  different  reference  also  sheds  further  light  on  this  issue  (Reference  [36],  Page  1-1). 

“At  the  present  time,  structural  life  assessments,  inspection  requirements,  and  inspection  intervals, 
are  determined  by  Durability  and  Damage  Tolerance  Assessments  (DADTAs)  using  fracture 
mechanics  crack  growth  techniques  in  accordance  with  the  Aircraft  Structural  Integrity  Program 
(ASIP).  These  techniques  do  not  normally  consider  the  effects  of  corrosion  damage  on  crack 
initiation  or  crack  growth  rate  behavior.  Also,  these  techniques  do  not  account  for  multiple  fatigue 
cracks  in  the  DADTAs  of  the  structural  components  susceptible  to  WFD.  For  aircraft  that  are  not 
expected  to  have  significant  fatigue  damage  for  many  years,  such  as  the  C/KC-135,  this  approach 
has  severe  limitations  since  it  does  not  account  for  corrosion  damage  or  WFD.  The  impact  of 
corrosion  damage  and  WFD  on  stress,  fatigue  life,  and  residual  strength  must  be  understood  to 
ensure  maintenance  inspections  and  repair  actions  are  developed  and  initiated  before  serious 
degradation  of  aircrew/aircraft  safety  occurs.  ” 

Thus,  the  community  now  clearly  recognizes  the  potential  impact  of  corrosion  related  degradation  on 
structural  integrity  of  aircraft.  The  need  to  understand  the  potential  for  the  occurrence  of  corrosion  on  aircraft 
components  is  critical.  Thus,  to  even  begin  the  assessment  of  this  potential  the  community  needs  to  know  the 
following: 

•  The  chemical  environment  likely  to  be  encountered  on  the  structure  of  interest  at  the  location  of 
interest; 

•  The  material  from  which  the  component  is  manufactured; 

•  The  orientation  of  the  critical  forces  (loads)  applied  externally  and  internally  with  respect  to  the 
critical  directions  in  the  material; 

•  The  susceptibility  of  the  material  to  a  given  type  of  corrosion; 

•  The  temperature  of  exposure  of  the  component; 

•  The  type  of  forces  applied,  i.e.,  sustained  force  or  cyclic  force  (constant  force  amplitude  or  variable 
force  amplitude); 

•  The  type  of  exposure  to  the  chemical  environment,  i.e.,  constant,  intermittent,  concomitant  with 
the  forces  (corrosion  fatigue  or  stress  corrosion  cracking)  or  sequentially  with  force  (corrosion/ 
fatigue  or  corrosion-fatigue); 

•  The  rates  of  corrosion  attack; 

•  The  potential  influence  of  the  effects  of  corrosion  on  fatigue  crack  nucleation  and  propagation; 

•  The  impact  of  any  related  corrosion  degradation  on  residual  strength; 
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•  The  potential  for  Widespread  Corrosion  Damage  (WCD)to  occur;  and 

•  The  potential  impact  of  corrosion  on  the  occurrence  of  Widespread  Fatigue  Damage  (WFD)  and 
its  impact  on  structural  integrity. 

In  corrosion  fatigue  conditions,  several  studies  showed  greater  increase  in  fatigue  crack  growth  rates 
compared  to  “baseline”  fatigue  conditions.  Although  major  efforts  were  expended  to  understand  the  crack 
propagation  behavior  of  materials,  a  few  studies  have  focused  on  the  crack  nucleation  stage  in  the  overall 
fatigue  process  [39] -[41].  Me  Adam  first  suggested  that  corrosion  induced  pits  might  act  as  stress 
concentrators  from  which  cracks  could  form  [42].  A  large  number  of  chemical  or  electrochemical  factors 
such  as  potential,  passive  film,  pH,  and  composition  of  environment  are  found  to  affect  the  pitting 
corrosion  fatigue  process.  As  well,  mechanical  factors  such  as  stress  range,  frequency,  stress  ratio  (R), 
and  load  waveform  and  metallurgical  factors  such  as  material  composition,  microstructure,  heat  treatment, 
and  orientation  can  influence  pitting  corrosion  fatigue  process.  Nucleation  of  cracks  from  corrosion  pits 
was  observed  by  many  researchers  including  Hoeppner  [39] -[41],  Goto  [43]  in  heat-treated  carbon  steel, 
and  Muller  [44]  in  several  steels.  As  well,  in  NaCl  environment,  lowering  of  the  fatigue  life  due  to  the 
generation  of  pits  in  carbon  steel  [45]  and  7075-T6  aluminum  alloy  [46]  was  observed  under  corrosion 
fatigue  conditions. 

Once  the  pit  forms,  the  rate  of  pit  growth  is  dependent  mainly  on  the  material,  local  solution  conditions 
and  the  state  of  stress.  Cracks  have  been  observed  to  form  from  pits  under  cyclic  loading  conditions. 
Therefore,  to  estimate  the  total  corrosion  fatigue  life  of  an  alloy,  it  is  of  great  importance  to  develop  some 
realistic  models  to  establish  the  relationship  between  pit  propagation  rate  and  the  state  of  stress. 
Furthermore,  pitting  corrosion  in  conjunction  with  externally  applied  mechanical  stresses,  for  example, 
cyclic  stresses,  has  been  shown  to  severely  affect  the  integrity  of  the  oxide  film  as  well  as  the  fatigue  life 
of  a  metal  or  an  alloy.  Therefore,  to  understand  this  phenomenon,  some  models  based  on  pitting  corrosion 
fatigue  mechanisms  have  been  proposed  as  discussed  below. 


13.4  PITTING  CORROSION  FATIGUE  MODELS 

Linear  Elastic  Fracture  Mechanics  (LEFM)  concepts  are  widely  used  to  characterize  the  crack  growth 
behavior  of  materials  under  cyclic  stresses  in  different  environmental  conditions.  It  is  important  to  note  that 
both  pitting  theory  and  crack  growth  theory  have  been  used  in  the  model  development  as  follows.  Pit  growth 
rate  theory  proposed  by  Godard  is  combined  with  the  fatigue  crack  growth  concepts.  The  time  (or  cycles  or 
both)  to  nucleate  a  Mode  I  crack  from  a  pit  (under  cyclic  loading)  could  be  modeled  using  LEFM  concepts. 
Based  on  this  idea,  a  few  models  [41],  [47]-[49]  were  proposed.  All  of  the  models  assume  hemispherical 
geometry  for  the  pit  shape  and  the  corresponding  stress  intensity  relation  is  used  to  determine  the  critical  pit 
depth  using  the  crack  growth  threshold  (AKth)  that  is  found  empirically.  For  a  hemispherical  pit  geometry, 
these  models  provide  “a  reasonable  estimate”  for  the  total  corrosion  fatigue  life.  Details  of  these  models  are 
presented  in  Table  13-2.  The  applicability  of  the  proposed  pitting  corrosion  fatigue  models  in  practical  cases 
is  discussed  in  the  next  section. 
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ORGANIZATION 


Table  13-2:  Pitting  Corrosion  Fatigue  Models. 


Proposed 

By 

Summary 

Description 

Advantages/ 

Limitations 

1 

Hoeppner 
(1971  - 
current) 

•  Proposed  a  model  to 
determine  critical  pit 
depth  to  nucleate  a 
Mode  I  crack  under 
pitting  corrosion 
fatigue  conditions. 

•  Combined  with  the  pit 
growth  rate  theory  as 
well  as  the  fatigue 
crack  growth  curve 

fit  in  a  corrosive 
environment,  the 
cycles  needed  to 
develop  a  critical  pit 
size  that  will  form  a 
Mode  I  fatigue  crack 
can  be  estimated. 

•  Using  a  four  parameter  Weibull  fit, 
fatigue  crack  growth  threshold  (AKth) 
was  found  from  corrosion  fatigue 
experiments  for  the  particular 
environment,  material,  frequency, 
and  load  spectrum. 

•  The  stress  intensity  relation  for  surface 
discontinuity  (half  penny  shaped 
crack)  was  used  to  simulate 
hemispherical  pit,  i.e., 

k=uT(|)' 

Where,  a  is  the  applied  stress,  a  is  the  pit 
length,  and  Q  is  the  function  of  a/2c,  Sty. 

•  Using  the  threshold  determined 
empirically,  critical  pit  depth  was 
found  from  the  stress  intensity 
relation  mentioned  above. 

•  Then,  the  time  to  attain  the  pit  depth 
for  the  corresponding  threshold  value 
was  found  using: 

*  -  (f)J 

where,  t  is  the  time,  d  is  the  pit  depth, 
and  c  is  a  material/environment 
parameter. 

•  This  model  provides 
a  reasonable 
estimate  for 
hemispherical 
geometry  of  the  pits. 

•  This  model  is 
useful  to  estimate 
the  total  corrosion 
fatigue  life  with 
knowledge  of  the 
kinetics  of  pitting 
corrosion  and 
fatigue  crack 
growth. 

•  This  model  did  not 
attempt  to  propose 
mechanisms  of 
crack  nucleation 
from  corrosion  pits. 

•  This  model  is  valid 
only  for  the 
conditions  in  which 
LEFM  concepts  are 
applicable. 

•  Material  dependent. 

2 

Lindley 
et  al. 

(1982) 

•  Similar  to  Hoeppner’ s 
model,  a  method  for 
determining  the 
threshold  at  which 
fatigue  cracks  would 
grow  from  the  pits 
was  proposed. 

•  Pits  were  considered  as  semi-elliptical 
shaped  sharp  cracks. 

•  Used  Irwin’s  stress  intensity  solution 
for  an  elliptical  crack  in  an  infinite 
plate  and  came  up  with  the  relationship 
to  estimate  threshold  stress  intensity 
values  related  to  fatigue  crack 
nucleation  at  corrosion  pits,  i.e., 

AKth  = 

•  The  proposed  stress 
intensity  relation 
can  be  used  in 
tension  -  tension 
loading  situations 
where  stress 
intensity  for  pits 
and  cracks  are 
similar. 

r  /  /\i.64“i Vi 

i+i-470O  J 
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2 

Lindley 
et  al. 

(1982) 

(cont’d) 

where,  Ag  is  the  stress  range,  a  is  the 
minor  axis,  and  c  is  the  major  axis  of  a 
semi-elliptical  crack. 

•  From  the  observed  pit  geometry, 
i.e.,  for  a/c  ratio,  threshold  stress 
intensity  can  be  calculated. 

•  For  the  corresponding  a/c  ratio, 
critical  pit  depth  can  be  estimated. 

•  Critical  pit  depths 
for  cracked 
specimens  can  be 
estimated  using  the 
existing  threshold 
stress  intensity 
values. 

•  This  model  is  valid 
only  for  the 
conditions  in  which 
LEFM  concepts  are 
applicable. 

•  Material  dependent. 

3 

Kawai  and 

Kasai 

(1985) 

•  Proposed  a  model 
based  on  estimation  of 
allowable  stresses 
under  corrosion 
fatigue  conditions  with 
emphasis  on  pitting. 

•  As  corrosion  is  not 
usually  considered  in 
developing  S-N 
fatigue  curves,  a 
model  for  allowable 
stress  intensity 
threshold  involving 
corrosion  fatigue 
conditions  was 
proposed. 

•  Considered  corrosion  pit  as  an 
elliptical  crack. 

•  Based  on  experimental  data  generated 
on  stainless  steel,  new  allowable 
stresses  based  on  allowable  stress 
intensity  threshold  was  proposed, 
i.e., 

a  _  Akaii 

^  <Ta11  T7  fZu - 

F-V^max 

where,  AKall  can  be  determined  from  a 
da/dN  vs.  AK  plot  for  a  material,  hmax 
is  the  maximum  pit  depth,  and  F  is  a 
geometric  factor. 

•  Using  this  model, 
allowable  stress  in 
relation  to 
corrosion  fatigue 
threshold  as  a 
function  of  time 
can  be  estimated. 

•  Material  dependent. 

•  This  model  is  valid 
only  for  the 
conditions  in  which 
LEFM  concepts  are 
applicable. 

4 

Kondo 

(1989) 

•  Corrosion  fatigue  life 
of  a  material  could  be 
determined  by 
estimating  the  critical 
pit  condition  using 
stress  intensity  factor 
relation  as  well  as  the 
pit  growth  rate 
relation. 

•  Pit  diameter  was  measured 
intermittently  during  corrosion  fatigue 
tests. 

•  From  test  results,  corrosion  pit  growth 
law  was  expressed  as 

o  n  ,1/3 

2c  a  Cp  t 

where,  2c  is  the  pit  diameter,  t  is  the 
time,  and  Cp  is  an  environment/ 
material  parameter. 

Then,  critical  pit  condition  (AKp)  in 
terms  of  stress  intensity  factor  was 
proposed  by  assuming  pit  as  a  crack. 

•  The  aspect  ratio 
was  assumed  as 
constant. 

•  Material  and 
environment 
dependent. 
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4 

Kondo 

(1989) 

(cont’d) 

AK„=2.24  <r^ma/Q 

where,  aa  is  the  stress  amplitude,  a  is 
the  aspect  ratio,  and  Q  is  the  shape 
factor. 

•  Critical  pit  condition  was  determined 
by  the  relationship  between  the  pit 
growth  rate  theory  and  fatigue  crack 
growth  rates. 

1/3 

c  =  cp  (N/f)^ 

where,  N  is  the  number  of  stress 
cycles,  f  is  the  frequency,  and  2c  is  the 
pit  diameter. 

•  The  pit  growth  rate  dc/dN  was 
developed  using  AK  relation  as  given 
below: 

d°/dN  =  ^]c//-1«2^2e-2(2.24aJ4A^-4 

dc/dN  was  determined  using 
experimental  parameter  Cp. 

•  Finally,  the  critical  pit  size  2Ccr  was 
calculated  from  the  stress  intensity 
factor  relation,  i.e., 

2Ccr  =  (2Q/tc<x)(  AKp/2.24ca)2 

13.5  THE  VALIDITY  OF  PITTING  CORROSION  FATIGUE  (PCF)  MODELS 

In  this  section,  two  of  the  PCF  models  proposed  in  the  past  viz.  Hoeppner  [41],  and  Kawai  and  Kasai  [48] 
are  examined  to  illustrate  the  applicability  of  these  models  in  practice.  Hoeppner  in  1979  proposed  the  first 
model  to  estimate  the  time  or  cycles  for  a  pit  to  reach  the  critical  pit  depth  to  nucleate  a  Mode  I  crack 
under  pitting  corrosion  fatigue  conditions  based  on  the  conceptual  framework  presented  in  1971.  It  was 
proposed  that  with  the  pit  growth  rate  theory  as  well  as  data  from  fatigue  crack  growth  experiments  in  a 
corrosive  environment,  the  cycles  needed  to  develop  a  critical  pit  size  that  will  form  a  Mode  I  fatigue 
crack  can  be  estimated.  Using  this  model,  the  pit-to-crack  transition  length  and  cycles  to  failure  for  various 
stresses  can  be  determined.  However,  currently,  there  are  many  unknowns  for  the  analysis  of  an  aircraft 
component  to  estimate  accurately  the  fatigue  life  under  PCF  conditions.  For  example,  for  any  material, 
no  attempt  has  been  made  to  date  to  determine  the  rate  of  pitting  growth  and  the  size  of  pits  at  various 
times.  This  is  necessary  to  determine  the  Phase  1  life  (Li,  time  or  cycles  to  nucleate  pits)  of  a  component 
under  PCF  conditions.  Once  the  pits  are  formed,  it  is  necessary  to  estimate  the  time  or  cycles  for  the  pits  to 
reach  a  critical  condition  or  critical  depth  to  nucleate  fatigue  cracks  from  those  pits  (L2).  First,  the  transition 
of  pits  to  “short”  cracks  occurs  and  then  cracks  will  grow  to  “long”  cracks  [50].  Therefore,  the  time  or  cycles 
to  form  “short”  cracks  from  fatigue  nucleated  pits  and  propagation  to  mode  I  cracks  needs  to  be  determined 
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to  estimate  the  Phase  2  life  (L2)  of  a  component.  To  accurately  estimate  the  PCF  life  of  a  component  using 
the  model  proposed  by  Hoeppner,  the  following  information  is  necessary  to  estimate  the  Phase  1  and  the 
Phase  2  of  the  total  fatigue  life: 

•  The  material; 

•  The  geometry; 

•  The  predicted  maximum  stress  on  the  part; 

•  The  realistic  chemical  environment  around  the  part; 

•  The  loading  spectra; 

•  A  reasonable  value  for  maximum  stress  on  the  part; 

•  The  time  or  cycles  to  nucleate  pits  (Li)  -  can  be  estimated  from  pit  growth  rate  experimental  data 
at  different  stress  levels  including  the  predicted  maximum  stress  on  the  part; 

•  Quantified  depth  of  pits  from  either  damage  tracking  or  failure  analysis  or  both; 

•  “Short”  crack  behavior  of  the  material,  such  as  fatigue  crack  growth  rate  data  in  the  “short”  crack 
regime  and  the  “short”  crack  threshold  stress  intensity  value; 

•  The  Mode  I  fatigue  crack  growth  rate  data  in  a  realistic  corrosive  environment  including  empirical 
parameters,  C  and  n; 

•  Certain  material  parameters,  such  as  the  Mode  I  threshold  stress  intensity  value  as  a  function  of 
frequency,  environment,  waveform,  and  R  value;  and 

•  Fatigue  crack  propagation  data  for  evaluating  the  effect  of  prior  corrosion  on  the  fatigue  crack 
propagation  behavior  of  the  component. 


As  mentioned  in  Table  13-2,  Kawai  and  Kasai  proposed  a  model  to  estimate  allowable  stresses  based  on 
the  allowable  stress  intensity  threshold.  They  recognized  that  large  safety  factors  are  often  used  in 
determining  allowable  stresses  because  considerations  like  corrosion  are  often  neglected  in  S-N  curves. 
Knowing  the  allowable  stress  intensity  threshold  (Kan)  determined  from  corrosion  fatigue  experiments  and 
the  maximum  pit  depth  (hmax)  measured  from  corrosion  pit  growth  rate  experiments  for  a  given  “machine- 
material-environment  system”,  the  allowable  stress  at  which  the  particular  component  can  be  operated  is 
determined  using  the  following  relation: 


Act 


all 


(1) 


where  AKall  can  be  determined  from  a  da/dN  vs.  AK  plot  for  a  material,  hmax  is  the  maximum  pit  depth, 
and  F  is  a  geometric  factor. 

Combining  these  two  models,  two  approaches  are  suggested  to  estimate  the  total  fatigue  life  of  a  component 
under  PCF  conditions  as  discussed  below. 


The  first  approach  needs  data  from  either  failure  analysis  or  extensive  experimentation  on  the  design 
problem  of  interest.  Both  approaches  are  vital.  Assuming  that  the  failure  analysis  of  a  component  revealed 
that  the  fatigue  crack  originated  from  a  pit  and  because  of  it  fracture  occurred,  then,  the  depth  of  the  pit  (a) 
could  be  measured.  The  quantified  pit  depth  can  be  correlated  to  the  pit  growth  rate  curve  for  the  material 
and  the  time  or  cycles  to  nucleate  the  size  of  the  pit  measured  from  failure  analysis  can  be  determined 
(Phase  1,  Li).  From  this,  an  estimate  of  the  stress  value  for  pit-to-crack  transition  corresponding  to  the 
measured  pit  depth  (from  fracture  analysis)  can  be  made.  The  critical  crack  size  for  instability  (ac)  can  be 
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calculated  for  the  given  value  of  KIC  for  the  material  as  well  as  the  maximum  applied  stress  for  the 
component.  Then,  ‘a’  can  be  used  in  the  calculation  as  the  initial  crack  size  and  knowing  the  stress  intensity 
threshold  value,  as  well  as  ac,  the  total  number  of  cycles  to  failure  can  be  estimated  using  the  Paris  relation  as 
explained  in  the  later  part  of  this  section. 

The  second  approach  involves  determining  the  pit-to-crack  transition  length  under  various  stresses  using 
the  stress  intensity  threshold  value  from  fatigue  crack  growth  experiments  as  explained  in  the  following 
steps. 

13.5.1  Pit-to-Crack  Transition 

This  is  performed  to  determine  the  critical  size  of  pit  in  terms  of  pit  depth  that  would  transition  to  a  crack 
(not  necessarily  a  Mode  I  crack)  for  different  stresses.  The  stress  values  that  could  be  used  in  the  calculation 
are: 


a)  The  estimated  maximum  applied  stress  that  the  component  would  be  subjected  to;  and 

b)  The  ultimate  stress  for  the  material  in  question. 

From  Hoeppner’s  pitting  corrosion  fatigue  model,  the  following  equation  can  be  used  to  determine  the 
critical  pit  depth: 


KSf  =  1.1a  V  7i  (a/Q) 


(2) 


where: 

Ksf  =  Stress  intensity  factor  for  a  surface  discontinuity  (MPaVm) 
a  =  Applied  stress  (MPa) 

a  =  Size  of  the  pit  in  terms  of  pit  depth  (pm  or  m) 

Q  =  f  [(a/2c,  tensile  yield  stress  (aty))]  (dimensionless) 

In  this  calculation,  it  can  be  assumed  that  Ksf  is  equal  to  the  “short”  crack  stress  intensity  threshold  (AKscth) 
for  the  material.  It  is  recommended  that  the  value  of  AKscth  be  used  because  the  pit-to-crack  transition  first 
would  result  in  a  non-Mode  I  crack,  that  is  in  the  “short”  crack  region.  It  is  important  to  note  that  there  is 
no  standard  value  for  the  AKscth  in  the  “short”  crack  region  for  a  particular  material  as  there  is  no  standard 
test  method  to  measure  the  fatigue  crack  growth  rates  in  this  regime.  Therefore,  this  value  can  either  be 
determined  by  conducting  “short”  fatigue  crack  growth  experiments  or  determined  from  literature  for  a 
specific  material.  The  shape  parameter,  Q,  for  a  surface  crack  can  be  assumed  depending  on  the  pit 
morphology.  For  different  stress  levels,  ranging  from  the  estimated  applied  stress  for  the  component  to  the 
ultimate  stress  of  the  material,  the  critical  pit  depth  4 a’  that  would  enable  the  transition  of  the  pit  to  a 
“short”  crack  can  be  determined.  The  resultant  value  of  ‘a’  can  be  compared  with  the  measured  depth  of 
the  pit  from  the  failure  analysis  of  a  similar  component,  if  there  is  any.  Moreover,  the  calculated  value  of 
‘a’  can  be  correlated  to  the  experimentally  generated  pit  growth  rate  curve  to  estimate  the  phase  1  life  (Li). 
Then,  equation  (1)  can  be  used  to  determine  the  critical  crack  size  for  instability  (ac)  given  the  value  of  KIC 
for  the  material  as  well  as  the  maximum  applied  stress  for  the  component. 

After  this,  the  total  cycles  to  failure  under  corrosion  fatigue  conditions  can  be  estimated  as  discussed 
below. 

13.5.2  Estimation  of  Fatigue  Cycles  to  Failure 

The  total  fatigue  cycles  to  failure  under  corrosion  fatigue  conditions  can  be  estimated  using  the  well- 
known  Paris  relation  as  given  below: 
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da/dN  =  C  AKn  (3) 

Where  da/dN  is  the  rate  of  crack  growth  per  cycle  (m/cycle),  ‘C’  and  ‘n’  are  empirical  parameters,  and  AK 
is  the  stress  intensity  range  (MPaVm). 

The  fatigue  crack  growth  data  per  ASTM  647  standard  is  needed  for  the  component.  From  this,  a  plot  of 
da/dN  vs.  AK  can  be  made.  Also,  to  estimate  the  fatigue  life,  the  initial  discontinuity  size,  in  this  case, 
the  initial  pit  depth  is  needed.  This  is  in  fact  the  size  of  the  pit-to-crack-transition  as  determined  from  step 
1 .  This  can  be  calculated  for  various  stress  values  as  discussed  in  step  1 .  Starting  with  the  initial  size  of  the 
pit-to-crack-transition  that  is  considered  as  the  initial  crack  size,  first,  Ksf  (that  is  assumed  to  be  equal  to 
AK)  can  be  calculated  for  equal  change  or  increment  of  crack  size  (Aa)  at  a  particular  stress  level  using 
equation  (2).  Then,  the  plot  of  da/dN  vs.  AK  for  the  component  can  be  used  to  find  the  corresponding 
crack  growth  rate  per  cycle  (da/dN)  for  each  calculated  AK.  Knowing  the  value  of  da/dN,  AN  can  be 
calculated  from  [Aa/(da/dN)].  This  iterative  process  will  be  continued  until  the  critical  crack  length  (ac)  is 
reached.  The  critical  crack  size  (ac)  can  be  calculated  for  different  applied  stresses  for  the  given  KIC  for  the 
material  using  equation  (2)  as  discussed  in  step  1 .  Then,  the  total  number  of  fatigue  cycles  is  added  over 
all  of  the  increments  of  Aa  up  to  the  critical  crack  size  at  a  particular  stress  level.  This  procedure  can  be 
repeated  for  various  stress  levels  and  the  total  fatigue  cycles  to  failure  can  be  compared. 

The  accuracy  of  the  estimation  can  be  improved  if  fatigue  crack  growth  rate  data  under  realistic  corrosive 
environments  are  used  in  calculating  the  total  cycles  to  failure.  As  well,  the  data  on  the  effect  of  prior 
corrosion  on  the  fatigue  crack  propagation  also  can  help  in  getting  more  accurate  estimation.  The  following 
case  study  is  provided  to  illustrate  the  applicability  of  the  PCF  models  described  above  in  estimating  the 
fatigue  life  of  a  component. 


13.6  CASE  STUDY 

13.6.1  Background  Information  [51] 

A  landing  gear  shock- strut  cylinder  was  subjected  to  fatigue  tests  with  an  applied  internal  pressure  of 
41.4  MPa  (6  Ksi)  and  an  R- value  of  zero  in  the  laboratory  air  environment.  The  cylinder  (wall  thickness 
‘t’  =  5.59  mm  or  0.22  in.  and  inner  radius  =  44.5  mm  or  1.75  in.)  was  made  from  a  die  forging  of 
7075-T73  aluminum  alloy  material.  The  KIc  value  for  7075-T73  is  about  32.6  MPaVm.  After  30,000 
cycles,  fracture  occurred  along  the  parting  plane  as  shown  in  Figure  13-3.  Subsequent  failure  analysis 
revealed  numerous  pits  on  the  internal  surface  of  the  cylinder.  Figure  13-4  shows  a  transverse  section 
through  one  of  these  pits.  The  depth  of  the  pit  was  quantified  at  about  6  mils,  or  0.15  mm.  Also,  as  shown 
in  Figure  13-5  the  fracture  surface  revealed  a  semi-circular  fatigue  crack  that  originated  from  a  pit  on 
the  internal  surface  of  the  cylinder.  The  crack  depth  (a)  and  crack  width  (2c)  were  found  to  be  4.32  mm 
(0.17  in.)  and  9.65  mm  (0.38  in.)  respectively  [52].  The  nominal  hoop  stress  at  the  fracture  location  was 
calculated  at  about  331.2  MPa  (48  ksi).  The  calculated  hoop  stress  was  about  68%  of  the  parent  material 
ultimate  strength  and  80%  of  the  nominal  design  stress  (414  MPa  or  60  ksi)  for  the  component. 
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Figure  13-3:  Fracture  Along  the  Parting  Plane  of  7075-T73  Shock-Strut  Cylinder. 


Figure  13-4:  A  Transverse  Section  of  a  Pit  on  the  Inner  Surface  of  the 
Shock-Strut  Cylinder  (Note  a  fatigue  crack  nucleated  from  the  pit). 


Figure  13-5:  A  Semi-Circular  Crack  Originated  from  a  Pit  that  was  Found  on  the  Inner 
Surface  of  the  Shock-Strut  Cylinder  (shown  by  an  arrow  pointing  a  circle). 
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As  there  is  no  data  available  with  regard  to  the  pit  growth  rate  for  7075-T73,  the  Phase  1  life,  that  is,  the 
time  or  cycles  to  nucleate  the  pit,  from  which  the  crack  formed  resulting  in  fracture  of  the  cylinder  cannot 
be  estimated.  In  addition,  fatigue  crack  growth  rate  data  for  7075 -T73  in  a  realistic  environment  is  not 
available  to  estimate  the  number  of  fatigue  cycles  for  fracture  of  the  cylinder.  However,  fatigue  crack 
growth  rate  data  for  7075-T73  in  a  laboratory  environment  will  be  used  in  the  estimation.  Therefore, 
with  the  available  information  from  the  failure  analysis,  the  applicability  of  the  PCF  models  proposed  by 
Hoeppner  [41]  and  Kawai  and  Kasai  [48]  to  the  shock-strut  cylinder  is  demonstrated  below. 

13.6.2  Calculation  of  Critical  Stress  Intensity  Factor  at  Fracture 

From  equation  (2),  the  critical  stress  intensity  factor  at  fracture  can  be  calculated.  Considering  the  measured 
crack  depth  value  from  the  failure  analysis  as  ‘a’,  the  calculated  ah00p  as  a  and  Q  is  assumed  as  2.48, 
the  critical  stress  intensity  factor  at  fracture  is  found  to  be  26.95  MPaVm.  However,  as  mentioned  before, 
the  KIc  value  for  7075-T73  was  about  32  MPaVm.  The  lower  KIc  value  at  fracture  could  be  attributed  to 
numerous  pits  that  were  found  on  the  surfaces  of  the  cylinder. 

13.6.3  Estimation  of  Pit  to  Crack-Transition  Length 

Using  equation  (2)  from  Hoeppner’s  PCF  model,  the  pit-to-crack  transition  can  be  estimated.  For  a  =  ah00p 
=  331.2  MPa,  Ksf  =  AKscth  =  0.75  MPaVm  (for  7075-T6  from  ref.  50),  the  pit-to-crack-transition  length  is 
determined  to  be  0.0035  mm. 

13.6.4  Estimation  of  Fatigue  Cycles  to  Failure 

Considering  the  pit-to-crack-transition  length  (0.0035  mm)  as  the  initial  crack  size  and  the  measured  crack 
depth  from  the  failure  analysis  (4.32  mm)  as  the  critical  crack  size,  the  number  of  fatigue  cycles  to  failure 
once  the  pit  is  transitioned  to  a  crack  is  determined  as  shown  in  Table  13-3.  The  procedure  outlined  in  the 
previous  section  is  used  in  estimating  the  number  of  cycles  to  failure.  The  fatigue  crack  growth  rate  data 
for  7075-T73  is  used  in  determining  da/dN  for  each  calculated  AK.  As  determined  from  Table  13-3, 
the  estimated  number  of  cycles  to  failure  is  20,793.  When  it  is  compared  to  the  actual  cycles  to  fracture 
from  testing,  that  is,  30,000  cycles,  it  is  a  reasonable  estimate. 
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Table  13-3:  Fatigue  Life  Estimation  for  the  Shock-Strut  Cylinder. 


a 

* 

<1 

II 

* 

Aa 

da/dN*** 

Avg.  da/dN 

AN 

Ntotal 

m 

MPa*m1/2 

m 

m/cycle 

m/cycle 

cycles 

cycles 

3.35E-06* 

0.75075** 

2.54E-12 

5.03E-04 

9.1996 

0.0005 

5.08E-08 

2.5401  E-08 

19684 

19684 

1.00E-03 

12.9885 

0.0005 

2.03E-06 

1.0414E-06 

480 

20164 

1.50E-03 

15.8987 

0.0005 

5.08E-07 

0.00000127 

394 

20558 

2.00E-03 

18.3532 

0.0005 

2.03E-05 

1.0414E-05 

48 

20606 

2.50E-03 

20.5160 

0.0005 

1 .65E-05 

1.8415E-05 

27 

20633 

3.00E-03 

22.4717 

0.0005 

1 .27E-05 

1 .4605E-05 

34 

20667 

3.50E-03 

24.2702 

0.0005 

1 .02E-05 

0.00001143 

44 

20711 

4.00E-03 

25.9444 

0.0005 

2.54E-06 

0.00000635 

79 

20790 

4.32E-03**** 

26.9614 

0.00032 

0.000216 

0.00010922 

3 

20793 

*  The  calculated  pit-to-crack  transition  length  based  on  Hoeppner’s  PCF  model  (considered  as  the 
initial  crack  length). 

**  The  “short”  crack  stress  intensity  threshold  (AKscth)  for  7075-T6  from  reference  (50). 

***  Determined  from  the  plot  of  da/dN  vs.  AK  for  7075-T73. 

****  rphe  measured  crack  depth  from  the  fracture  surface  of  the  shock-strut  cylinder  (considered  as 
the  critical  crack  length). 

13.6.5  Estimation  of  the  Allowable  Stress 

Using  the  model  proposed  by  Kawai  and  Kasai,  the  allowable  stress  at  which  the  shock-strut  cylinder  can 
be  operated  is  determined  using  equation  (1).  In  this  equation,  AKan  (allowable  stress  intensity  threshold 
value)  is  considered  equal  to  the  “long”  crack  threshold  stress  intensity  value  for  7075-T73,  that  is, 
5  MPaVm  (from  [51]).  The  geometric  factor  ‘F’  is  assumed  as  1.  The  quantified  depth  of  pit  (6  mils,  or 
1.5e-04  m)  on  the  inner  surface  of  the  cylinder  from  failure  analysis  is  considered  as  hmax,  that  is, 
the  maximum  pit  depth.  Substituting  these  values  in  equation  (1),  the  estimated  allowable  stress  at  which 
the  shock-strut  cylinder  can  be  operated  is  determined  to  be  230.3  MPa.  It  is  about  30%  lower  when 
compared  to  the  calculated  hoop  stress  (331.2  MPa)  at  the  fracture  location  of  the  shock-strut  cylinder. 


13.7  SUMMARY  AND  CONCLUSIONS 

This  chapter  reviewed  some  PCF  models  and  discussed  their  usefulness  and  limitations  in  estimating  the 
total  fatigue  life  of  a  component.  The  applicability  of  PCF  models  was  demonstrated  with  a  realistic  case 
study  involving  the  fatigue  failure  of  a  landing  gear  shock-strut  cylinder.  Some  examples  of  critical  pitting 
corrosion  fatigue  incidents  in  aircraft  and  helicopter  components  were  provided  to  illustrate  the  significance 
of  developing  more  realistic  models  to  address  this  particular  failure  mechanism.  To  accomplish  this,  fatigue 
growth  rate  data  in  a  realistic  environment  need  to  be  generated.  Also,  the  material’s  response  to  nucleation 
of  pits  and  their  growth  rate  under  various  stresses  and  environments  should  be  studied.  In  recent  years 
extensive  research  at  the  University  of  Utah  has  been  performed  by  numerous  students  for  their  Ph.D. 
degrees  and  various  post  doctoral  associates. 
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14.1  INTRODUCTION 

Since  actual  lap  joints  contain  free  edges  and  stiffeners,  which  cannot  be  modeled  using  the  closed- form 
solution,  finite  element  techniques  have  been  developed  to  model  an  actual  aircraft  lap  joint.  This  model 
included  the  effects  of  the  hoop  stress  from  the  pressurization  of  the  fuselage,  the  rivet  pre-stress  caused 
by  the  rivet  installation  as  well  as  the  corrosion  pillowing  stress.  The  fuselage  curvature  was  ignored  for 
all  the  analyses  that  were  performed  during  this  program.  Since  it  was  assumed  that  a  linear  relationship 
existed  between  the  different  loads,  three  finite  element  models  were  generated  for  each  load  and  the 
resultant  stresses  were  added  together. 


14.2  MODEL  DEVELOPMENT 

All  the  finite  element  models  were  generated  with  first-order  brick  elements.  It  was  assumed  for  the  hoop 
stress  model  that  some  of  the  load  transfer  would  be  due  to  friction  under  the  rivet  heads,  which  was 
simulated  by  merging  the  nodes  in  these  areas.  Since  lap  joints  contain  stiffeners,  the  joints  were  not 
symmetrical  about  their  mid-planes  and  thus  both  skins  had  to  be  modeled.  Initially,  a  constant  pressure  of 
6.89  kPa  (1  psi)  was  applied  to  both  the  outer  and  inner  skins  of  the  joint.  The  resulting  volume  under  the 
deformed  shape,  Vfem,  was  determined  using  an  iterated  integral: 

Vfem  =  Jc  baKx,y)dx^dy  (1) 


where  (a,  b)  and  (c,  d)  are  the  intervals  of  integration  along  the  x-  and  y-axes  respectively,  over  the  length 
of  the  joint  for  which  the  volume  was  to  be  calculated.  In  computing  the  iterated  integrals,  y  was  held 
constant  while  integrating  with  respect  to  x  (vice-versa  in  the  second  case).  Simpson’s  1/3  and  3/8  rule  [1] 
were  used  depending  on  the  number  of  nodes  to  be  evaluated.  Then,  assuming  a  thickness  loss,  ti0,  given  a 
specific  percentage  of  corrosion,  the  actual  volume  required  by  the  corrosion  products,  Vreq  can  be 
determined  using  Equation  2: 


req 


(2) 


To  obtain  this  volume,  the  pressure  between  the  rivets  in  the  initial  finite  element  analysis  was  multiplied 
by  the  ratio,  Preq,  given  in  Equation  3: 


req 


(3) 


Since  the  free  edges  of  a  lap  joint  are  usually  sealed  (either  by  paint  or  a  sealant)  to  prevent  moisture  from 
entering  the  joint,  the  volume  of  corrosion  products  is  less  than  that  present  around  the  rivet.  Therefore, 
the  pressure  is  decreased  from  the  rivets  to  the  free  edge  to  simulate  this  reduction  in  corrosion  products  [2]. 
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14.3  RESULTS 


The  results  indicated  that  the  stress  in  the  vicinity  of  the  upper  rivet  row  in  the  outer  skin  and  the  lower 
rivet  row  in  the  inner  skin,  which  are  the  critical  locations  in  terms  of  cracking  for  the  respective  skins  in  a 
typical  two  layer  aircraft  joint,  increases  as  the  pillowing  increased,  as  shown  in  Figure  14-1. 


Figure  14-1:  Effect  of  Increased  Corrosion  Pillowing  on  Critical  Rivet  Row  of  Respective  Skins  [1]. 


A  comparison  was  also  made  between  the  increase  in  stress  caused  by  an  equivalent  thinning  of  the  outer 
skin  and  that  caused  by  pillowing,  Figure  14-2.  The  results  showed  that  pillowing  had  a  greater  influence  on 
the  stress  in  a  joint  as  compared  to  the  effective  thickness  loss  alone.  This  larger  influence  is  a  significant 
finding,  since  it  has  been  previously  assumed  that  by  reducing  the  skin  thickness  and  increasing  the  crack 
growth  rate,  the  effect  of  corrosion  on  fuselage  lap  joints  can  be  adequately  taken  into  account.  However, 
this  simple  assumption  can  result  in  non-conservative  life  estimates  that  can  increase  the  risk  of  premature 
cracking.  The  finite  element  results  also  showed  that  pillowing  could  change  the  location  of  the  maximum 
principal  stress  within  a  lap  joint  [2].  This  finding  has  raised  concerns  since  the  new  critical  location  could 
occur  in  an  area  that  is  not  normally  inspected  for  cracks,  again  increasing  the  risk  that  these  cracks  could 
remain  undetected. 


14-2 


RTO-AG-AVT -1 40 


NATO 

OTAN 


MODELING  CORROSION  STRUCTURAL  IMPACT:  PILLOWING 


Hoop+Pre  Hoop+Pre  Hoop+Pre  Hoop+Pre 
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Loss  +Thickness 

Loss 

Figure  14-2:  Effect  on  Stress  Caused  by  Reduction  of  Outer  Skin 
Thickness  as  Compared  to  Pillowing  (10%  Thickness  Loss)  [2]. 


The  finite  element  results  also  showed  that  the  stress  along  the  outer  surface  of  the  outer  skin  in  the  vicinity 
of  the  critical  rivet  row  could  become  compressive  at  the  holes  when  the  thickness  loss  in  a  corroded  lap 
joint  increased  to  above  10%,  Figure  14-3  [3].  This  smaller  stress  along  the  outer  surface  raised  concerns 
about  the  nucleation  and  growth  of  cracks  in  the  presence  of  corrosion  pillowing. 


(a)  Non-corroded  lap  joint,  includes  (b)  Corroded  lap  joint  showing  approximate  location 

hoop  stress  and  rivet  interference.  of  neutral  axis  (dashed  line)  for  10%  thickness 

loss.  Loading  includes  hoop  stress,  rivet 
interferences  and  corrosion  pillowing. 

Figure  14-3:  Stress  Plot  for  Non-Corroded  and  Corroded  Lap  Joints. 
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To  examine  this  effect,  a  fracture  mechanics  analysis  was  carried  out  using  finite  element  techniques  [4]. 
A  number  of  straight- fronted- through  cracks  were  examined  for  joints  containing  two  levels  of  corrosion, 
5%  and  10%  thickness  loss  and  with  a  crack  located  at  the  critical  rivet  row.  The  results  showed  that  the 
stress  intensity  factors  along  the  inner  and  outer  surface  of  the  outer  skin  diverged  as  the  thickness  loss 
increased,  Figure  14-4.  As  can  be  seen  from  this  figure,  the  stress  intensity  factor  for  the  crack  edge  along 
the  faying  (inner)  surface  increased  as  the  pillowing  increased  while  that  at  the  crack  edge  along  the  outer 
surface  decreased.  This  difference  in  the  two  surfaces  suggests  that  the  crack  edge  located  along  the  faying 
surface  would  grow  more  rapidly  in  the  direction  of  the  row  of  rivets  than  through  the  thickness  resulting 
in  a  semi-elliptical  crack  front  with  a  high  aspect  ratio  as  shown  in  Figure  14-5. 


Figure  14-4:  Non-Dimensional  Stress  Intensity  Plot  of  Outer  Surface,  z  =  0.00  and  Inner  (Faying)  Surface, 
1.14  mm  (0.045  inch)  of  Outer  Skin  for  Single  Crack  Length  of,  3.84  mm  (0.151  inch),  where 
Ko  is  the  Stress  Intensity  Factor  of  a  Through  Crack  Without  Corrosion  (K0  =  cWrca)  [4]. 


Figure  14-5:  Suggested  Shape  of  Cracks  in  the  Presence  of  Pillowing  [4]. 
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15.1  INTRODUCTION 

Corrosion  is  a  persistent  threat  to  aircraft  structural  integrity,  yet  existing  structural  integrity  methodologies 
tend  to  treat  corrosion  in  a  questionable  manner.  The  safety  factors  employed  in  the  safe  life  approach  prove 
to  be  unreliable.  The  practice  in  the  damage  tolerance  approach  that  large  assumed  crack  sizes  ‘cover’  the 
influence  of  corrosion  might  be  valid  in  some  cases,  but  there  are  many  cases  where  that  assumption  is 
invalid  or  just  unaffordable. 

Thus,  the  aviation  community  needs  methods  that  properly  account  for  the  physical  effects  of  corrosion  on  a 
structure.  Part  of  this  need  is  driven  by  the  desire  to  reduce  maintenance  costs  and  increase  aircraft 
availability,  and  part  of  it  is  driven  by  emerging  regulatory  requirements,  such  as  the  recent  US  Federal 
Aviation  Administration  proposed  rulemaking  on  Widespread  Fatigue  Damage  (WFD)  [1]  and  the  recent 
notices  for  proposed  rulemaking  issued  regarding  damage  tolerance  for  rotorcraft  [2]  and  engine  life-limited 
parts  [3]. 

This  chapter  specifically  studies  the  latest  advances  in  the  modeling  of  exfoliation/fatigue  interactions 
using  Finite  Element  Analysis  (FEA)  and  fracture  mechanics  methods. 

Exfoliation  corrosion,  defined  as  a  severe  Intergranular  Corrosion  (IGC)  (ASTM  G15-97a),  is  one  of  the 
most  common  corrosion  forms  found  in  aircraft  structures  [4], [5];  however,  its  significance  has  long  been 
undermined  as  merely  a  warning  of  other  insidious  failure  modes  such  as  Stress  Corrosion  Cracking 
(SCC)  or  as  only  a  threat  to  static  strength  or  stability.  To  illustrate  this  perception,  even  the  ASM  Handbook 
on  Corrosion  [6]  explains  that  exfoliation  itself  is  not  of  concern  because  it  is  a  surface  phenomenon  that  is 
“easily  detectable”,  that  “proceeds  to  only  a  limited  depth”,  and  that  “does  not  result  in  sudden  failures”  as 
does  SCC.  This  view  is  unsatisfactory  for  a  number  of  reasons: 

•  Aircraft  structural  members  have  been  completely  consumed  by  exfoliation  corrosion  thus 
nullifying  the  limited  depth  argument. 

•  Many  aircraft  structural  components  that  suffer  from  exfoliation  corrosion  (such  as  stringers  and 
internal  surfaces  of  wing  skins)  are  hidden  from  view  and  are,  as  a  consequence,  not  readily 
inspectable. 

•  Exfoliation  damage  has  been  shown  to  cause  sufficient  stress  concentrations  to  nucleate  multiple 
fatigue  cracks  [7] -[9]. 

•  Studies  have  shown  that  fatigue  crack  growth  rates  through  exfoliated  material  can  be  higher  than 
in  uncorroded  material  [10]-[13]. 
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The  studies  referenced  above  did  much  to  explain  the  degree  by  which  exfoliation  affected  the  fatigue 
performance  of  aircraft  structural  aluminum  alloys,  but  they  did  not  delve  into  the  modeling  of  exfoliation 
and  fatigue  interactions  other  than  to  account  for  increases  in  crack  growth  rate  due  to  thickness  loss. 

In  general,  exfoliation  effects  on  static  properties,  such  as  buckling,  yielding,  and  bearing  strength,  can  be 
conservatively  modeled  by  simply  considering  exfoliation  corrosion  as  a  thickness  loss.  However, 
as  illustrated  by  the  following  factors,  the  modeling  of  the  exfoliation  effect  on  the  fatigue  response  is 
much  more  complicated: 

1)  Multiple  cracking  mechanisms  -  fractography  has  shown  that  fatigues  cracks  could  start  from: 

a)  Pits  on  the  bottom  of  the  exfoliated  surface; 

b)  Tip  of  intergranular  corrosion;  and 

c)  A  particle  or  grain  denuded  by  IGC/exfoliation  [14], [15]. 

2)  Complex  exfoliation  morphology  -  particularly,  when  exfoliation  occurs  in  a  complicated  geometry, 
like  near  or  under  a  countersunk  hole  in  a  lap  joint. 

3)  Loading  spectrum  -  some  tests  showed  that  exfoliation  had  a  benign  effect  on  the  fatigue  life  when 
the  structure  is  under  a  compression-dominated  spectrum  loading,  like  a  representative  loading  for 
upper  wing  skin  [14]-[16].  Other  tests  showed  that,  under  the  severest  constant  amplitude  loading, 
i.e.,  R  =  -1,  the  exfoliation  dramatically  reduced  the  fatigue  life  [17]. 

In  addition,  the  difference  between  artificial  and  natural  exfoliation  is  not  completely  understood.  These 
differences,  where  they  exist,  may  also  affect  the  applicability  of  some  models  developed  using  the 
artificial  corrosion  data  to  a  natural  exfoliation  situation. 

This  chapter  introduces  two  types  of  exfoliation  and  fatigue  models: 

1)  The  Defence  Science  and  Technology  Organisation  (DSTO)  process  zone  model;  and 

2)  The  National  Research  Council  Canada  (NRC)  exfoliation  model. 

15.2  DSTO  PROCESS  ZONE  MODEL 
15.2.1  Original  DSTO  Research 

Clark,  et  al.  [18]  conceptualized  the  process  zone  model  in  1998.  Their  hypotheses  supported  the  view  of 
Mills  [8]  that  the  discontinuities,  which  violate  the  surface  integrity,  are  key  fatigue-related  concerns  with 
exfoliation.  Mills  joined  Clark  and  Sharp  in  2000  -  2001  to  further  develop  data  to  support  the  original 
process  zone  model  presented  in  various  publications  [19]-[20]. 

The  process  zone  in  exfoliation  and  fatigue  seeks  to  explain  the  rapid  drop  in  fatigue  life  exhibited  in  the 
early  stages  of  corrosion  damage.  The  ‘zone’  was  found  to  be  a  pit-like  intrusion  with  intergranular  cracking 
at  the  tip  (see  Figure  15- 1(a).  This  microscopic  pit-plus-crack  combination  is  at  the  base  of  the  exfoliated 
region,  and  it  travels  with  the  exfoliation  as  the  damage  deepens  to  a  severe  level  (see  Figure  15- 1(b). 
The  efforts  at  DSTO  focused  on  determining  how  exfoliation  attacked  2024-T351  and  7075-T651  alloys 
subjected  to  an  ASTM  EXCO  environment  (ASTM  Standard  G34). 
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Figure  15-1:  (a)  Schematic  of  the  Process  Zone  Model;  and  (b)  Variation 
of  the  Process  Zone  with  Exposure  Time  to  EXCO  (after  [19]). 


The  pit-like  intrusions  were  of  particular  interest  because  they,  more  than  any  other  feature,  supported  the 
process  zone  model.  Note  the  convincing  image  of  the  ‘process  zone’  shown  in  Figure  15-2  [19]. 
This  specimen,  exposed  for  48  hours,  shows  a  classic  pit-like  fatigue  crack  origin  along  with  the  general 
thinning  associated  with  advanced  exfoliation. 


Figure  15-2  :  Pitting  and  Exfoliation  at  Crack  Nucleation  Site 
in  Specimen  Exposed  48  Hours  to  EXCO  (after  [20]). 
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Pit  sizes  tended  to  reach  a  maximum  of  100  microns  (0.0039  inch)  in  the  2024  alloy  [21].  Moreover,  many 
of  the  pits  showed  small  intergranular  cracks  (0.001  inch  or  25  microns)  at  their  bases,  which  is  not  at  all 
surprising  since  exfoliation  propagates  along  intergranular  paths. 

In  the  original  work,  DSTO  conducted  fatigue  modeling  of  these  experimental  results  using  FASTRAN  II. 
In  FASTRAN  II,  the  process  zone  was  represented  by  a  notch  and  crack  combination  with  sizes  derived 
from  experimental  observations  of  pit  and  intergranular  crack  sizes  for  various  corrosion  stages. 
For  modeling  the  corrosion  damage  in  7075-T651  dogbone  coupons,  Clark  et  al.  [19]  examined  cases  where 
the  process  zone  was  represented  by  a  pit  ranging  in  depth  from  20  -  100  pm  and  an  intergranular  crack 
ranging  in  depth  from  10-30  pm  emanating  from  the  base.  The  corrosion  damage  was  generated  using  the 
EXCO  solution  for  2  to  245  hours.  The  coupons  were  then  subjected  to  a  constant  amplitude  loading 
(R  =  0.1,  <^max=  240  MPa)  until  failure.  Figure  15-3  displays  experimental  results  together  with  those  from 
the  three  FASTRAN  based  process  zone  models.  Model  (4a),  which  forms  the  upper  bound,  was  based  on  an 
initial  process  zone  made  up  of  a  notch  (representing  the  pit)  with  a  size  between  20-  100  pm  and  a  10  pm 
crack  at  the  tip.  Model  (4b)  varies  notch  (pit)  size  with  a  20  pm  crack,  and  Model  (4c)  varies  notch  (pit)  size 
with  a  30  pm  crack.  As  can  be  seen  from  Figure  15-3,  all  models  give  slightly  unconservative  results,  close 
to  the  experimental  data. 


Figure  15-3:  Predicted  7075-T6  Fatigue  Life  vs.  ASTM  EXCO  Corrosion 
Time  Using  the  ‘Process  Zone’  Model  and  FASTRAN  [19]. 


As  part  of  these  same  studies  [20],  the  authors  also  investigated  other  models  for  estimating  the  influence 
of  exfoliation  on  fatigue  response.  These  models  included: 

1)  Treating  exfoliation  as  a  semi-elliptical  crack  with  the  same  dimensions  as  the  2D  slice  through 
the  corrosion. 

2)  Treating  exfoliation  as  a  semi-circular  crack  with  depth  equal  to  that  of  the  exfoliation. 

3)  Treating  the  exfoliated  region  as  a  blended  region.  The  model  assumed  the  presence  of  a  typical 
inclusion-sized  starter  crack  (a  =  3  pm  and  c  =  9  pm)  at  the  base  of  the  blended  region. 
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As  might  be  expected,  the  first  two  models  produced  extremely  conservative  results.  The  third  model 
produced  -  as  expected  -  seriously  unconservative  analytical  results. 

15.2.2  Studies  of  the  Process  Zone  Model  at  APES 

In  2003,  APES  began  working  with  the  DSTO  Process  Zone  model,  as  it  fit  well  within  the  surface 
integrity  effects  models  that  the  company  was  developing  to  address  corrosion  and  fatigue  interactions. 
The  primary  difference  between  the  activities  at  DSTO  and  APES  was  that  DSTO  attributed  the  crack-like 
discontinuities  necessary  for  a  fracture-mechanics  based  analysis  to  intergranular  cracking  at  the  tip  of  the 
exfoliation  process  zone,  whereas  APES  modeled  the  failure  scenario  by  assuming  that  the  material  Initial 
Discontinuity  State  (IDS)  could  be  related  to  the  second  phase  constituent  particles  present  in  high- 
strength  aluminum  alloys.  These  particles  are  often  associated  with  fatigue  failure  of  uncorroded  material 
in  the  laboratory,  and  the  hypothesis  was  that  the  distribution  of  the  particle  sizes  provided  a  reasonable 
starting  crack  size  distribution  for  crack  growth  analyses. 

Also,  where  DSTO  used  a  notch  model  in  FASTRAN  II,  APES  used  beta  correction  capabilities  in  the 
crack  growth  code,  AFGROW,  to  simulate  the  effect  of  a  pit  on  the  IDS  (this  now  becomes  the  process 
zone). 

So,  for  the  APES  analyses  (conducted  by  Mills  et  al.  [22]-[23])  the  growth  of  the  IDS  was  influenced  by 
surface  integrity  effects  models  for  pitting  (solutions  based  on  both  2D-FEA  and  3D-FEA  models  of  pits 
were  used)  and  by  the  general  thinning  associated  with  gross  exfoliation.  This  revised  analytical  approach 
was  applied  to  the  same  data  sets  as  the  original  DSTO  work  discussed  previously. 

For  fatigue  life  post-dictions  of  the  2024-T351  data  from  DSTO  (R  =  0.1,  <Jmax  =  240  MPa),  the  ninety 
percentile  (90%)  IDS  from  the  size  distribution  was  used  (Note:  derivation  of  the  IDS  distribution  is  beyond 
the  scope  of  this  chapter,  but  it  has  been  presented  in  the  literature  in  the  past  [22]-[23]).  The  90%  IDS  value 
for  2024-T351  was  found  to  be  25.4  microns  (0.001  inch)  and  was  selected  because  that  value  produced  a 
life  post-diction  that  correlated  to  one  pristine  fatigue  life  (2,268,668  cycles)  data  point  within  10%. 

This  IDS  size  was  then  coupled  with  various  models  and  levels  of  corrosion  damage  for  each  test  specimen 
to  produce  post-dictions  of  the  experimental  fatigue  lives.  The  corrosion  damage  for  the  specimens  was 
modeled  as  a  combination  of  a  corrosion  pit  60  microns  (0.0027  inch)  deep,  which  represented  a  typical  size 
of  the  process  zone  from  the  DSTO  fractography  work  discussed  previously,  and  the  corresponding 
thickness  loss  for  that  specimen.  Three  pitting  models  were  selected  for  post-diction: 

•  None:  Only  thickness  loss  was  taken  into  account  (net  section  stress  increase); 

•  2D-FEA:  Where  (in  addition  to  thickness  loss)  a  process  zone  pit  is  treated  as  a  sharp  crack  of 
equivalent  depth  and  influences  an  adjoining  IDS  with  an  aspect  ratio  of  1.0;  and 

•  3D-FEA:  Where  (in  addition  to  thickness  loss)  a  hemispherical  pit  influences  the  stress  intensity 
factors  of  an  adjoining  IDS. 

These  various  initial  states  were  modeled  in  AFGROW  as  general  surface  cracks  using  FEA-based  beta 
corrections  to  account  for  the  pits  and  higher  stress  multiplication  factors  and  reduced  thicknesses  to 
account  for  the  thickness  loss  to  produce  the  fatigue  life  estimates. 

The  results  are  summarized  in  Figure  15-4  and  show  that  by  assuming  only  thickness  loss,  fatigue  life  is 
over-estimated  by  a  factor  of  four.  This  clearly  reinforces  the  DSTO  conclusions  that  it  is  necessary  to 
include  the  effects  of  surface  integrity  to  capture  the  appropriate  degradation  in  life.  Figure  15-4  shows 
that  the  experimental  results  are  bounded  by  the  3D-FEA  estimates,  which  treat  the  pits  as  hemispherical 
notches,  and  the  more  severe  2D-FEA  estimates,  which  treat  the  pits  as  sharp  cracks.  On  average,  the  3D- 
FEA  estimates  produce  a  ratio  of  computed  life  to  experimental  life  of  1.08,  and  the  2D-FEA  estimates 


RTO-AG-AVT-140 


15-5 


EXFOLIATION  CORROSION  AND  FATIGUE  MODELING 


ORGANIZATION 


produce  a  computed  to  experimental  life  ratio  of  0.69.  Although  the  3D-FEA  produced  the  best  results 
based  on  the  average,  only  the  2D-FEA  results  captured  the  most  aggressive  cracking  behavior. 


Figure  15-4:  Cycles  to  Failure  vs.  Percent  Thickness  Loss  for  Exfoliated  Coupons  (Note  that  only 
by  incorporating  pitting  into  the  models  do  the  post-dieted  fatigue  lives  approximate  those 
of  the  coupons.  Assuming  area  loss  only  is  extremely  unconservative  (factor  of  4)). 

The  most  important  message  that  can  be  derived  from  this  effort  is  that  if  exfoliation  is  treated  as  simply  a 
general  thinning  of  material  for  analytical  purposes,  then  expect  the  assessments  to  be  dangerously 
unconservative.  Exfoliation  is  closely  related  to  corrosion  pitting,  and  this  fact  should  be  exploited  in 
modeling  considerations.  It  was  obvious  from  the  laboratory  experiments  that  even  small  levels  of 
exfoliation  damage,  with  barely  any  perceptible  thickness  loss,  have  profound  effects  on  fatigue  life  in 
laboratory  experiments.  Therefore,  susceptibility  to  exfoliation  is  not  the  same  as  structural  vulnerability. 
‘Mild’  exfoliation  can  be  almost  as  damaging  to  structural  fatigue  performance  as  ‘severe’  exfoliation. 

15.2.3  Studies  of  the  Process  Zone  Model  at  NRC 

Liao  et  al.  also  examined  the  ‘process  zone’  concept  using  AFGROW  [17].  Since  AFGROW  does  not 
have  a  starter  notch  model,  the  ‘process  zone’  was  simplified  as  a  semi-elliptical  crack  with  a  depth  of 
120  pm  on  the  substrate  material  (i.e.,  similar  to  DSTO  Model  4(b)),  in  which  the  exfoliation  layer  was 
removed  and  the  net  stress  was  increased  correspondingly.  Because  the  real  aspect  ratio  of  the  corrosion 
pit  was  unknown,  different  crack  aspect  ratios  were  used  in  the  analysis.  The  analytical  results  are 
presented  in  Figure  15-5(a),  along  with  the  DSTO  test  results.  It  is  shown  that  the  ‘process  zone’  concept 
can  be  implemented  using  AFGROW  to  provide  similar  life  estimations  for  the  DSTO  specimens, 
especially  with  aspect  ratio  of  1.0  to  2.0. 
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(a)  DSTO  artificially  exfoliated  (b)  NRC  naturally  exfoliated 

7075-T6  specimens.  7075-T6  specimens. 

Figure  15-5:  Predicted  7075-T6  Fatigue  Life  vs.  Exfoliation 
Depth  Using  the  ‘Process  Zone’  Model  and  AFGROW  [17]. 


However,  in  an  example  in  [17],  the  ‘process  zone’  model  largely  over-estimated  the  life  of  the  naturally 
exfoliated  7075-T6511  coupons  under  a  fully  reversed  cyclic  load  (R  =  -1)  (test  details  are  described  in 
Section  3.3,  Example  2),  even  with  the  upper  limit  of  pit  depth  of  100  pm,  plus  remote  stress  increased 
based  on  the  maximum  depth  of  exfoliation  (determined  by  ultrasonic  Non-Destructive  Inspection  (NDI)), 
the  model  still  over-estimated  the  lives,  Figure  15-5(b).  The  over-estimation  might  be  caused  by  the 
following  factors: 

•  Differences  between  natural  and  artificial  corrosion  such  as: 

a)  The  exfoliation  area  or  volume  in  the  naturally  exfoliated  NRC  specimens  were  mostly  larger 
than  those  in  the  DSTO  EXCO  specimens*;  and 

b)  Natural  and  artificial  corrosion  may  have  produced  different  hydrogen  embrittlement  effects 
in  the  material,  which  could  affect  the  crack  nucleation  and  small  crack  growth. 

•  High  compression  loads  may  cause  local  buckling  or  delamination  in  the  natural  exfoliation 
damage,  which  in  turn  may  affect  the  fatigue  life.  It  is  also  difficult  to  model  the  fatigue  crack 
growth  behavior  under  the  stress  ratio  R  =  -1  due  to  crack  closure  effects. 

In  general,  the  major  limitation  of  the  ‘Process  zone’  model  is  that  detailed  fractography  is  needed  to 
determine  how  the  depth  of  exfoliation  changes  with  time,  and  to  determine  when  the  growth  of  the 
‘process  zone’  stabilizes.  For  these  reasons,  DSTO  abandoned  the  ‘Process  Zone’  model  around  2001. 
However,  the  disconnect  between  current  NDI  capabilities  and  the  physical  material  features  that  are 
critical  to  fatigue  response  under  corrosion  conditions  is  not  a  new  issue.  The  same  argument  could  be 
made  for  trying  to  detect  and  assess  pitting  corrosion. 

A  large  research  program  in  the  USAF  from  2003  -  2006  (the  Corrosion  Effect  on  Structural  Integrity) 
encountered  this  same  difficulty.  The  proposed  action  at  that  time  was  to  build  a  “library  of  damage”, 
wherein  the  subtle  damage  details  could  be  inferred  from  the  macro  “indications”  derived  from  NDI  and 
derived  from  the  construction  of  an  alloy’s  microstructure  and  grain  orientation.  This  approach  was 


*  The  ASTM  EXCO  solution  was  found  too  corrosive  for  7000  series  aluminum  alloys,  which  during  the  first  24  hours  of  the 
test,  the  EXCO  solution  is  highly  acidic,  starting  at  pH  0.4  and  gradually  stabilizing  at  pH  3.2  [24].  This  explains  why  the 
EXCO  often  produce  extensive  corrosion  pits  at  the  beginning,  and  then  takes  a  long  time  to  produce  less  IGC  than  natural 
exfoliation.  An  aluminum  chloride  modified  EXCO  solution,  i.e.,  ANCIT  [24],  starts  the  corrosion  test  at  pH  3.2  and  creates 
more  aggressive  attack  along  grain  boundaries.  The  ANCIT  has  been  found  to  repeatedly  produce  more  representative 
exfoliation  to  aluminum  alloys  [24], [25]. 
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reasonable,  and  it  is  unfortunate  that  this  work  was  not  pursued  in  earnest.  Regardless,  it  is  still  needed  to 
develop  high-fidelity  corrosion  structural  effects  models  to  understand  the  important  aspects  of  the  failure 
mechanisms.  It  is  impossible  to  evolve  towards  more  holistic  assessment  mechanisms  without  understanding 
the  physics  of  failure. 

Another  apparent  limitation  is  that  for  exfoliation  corrosion  around  fastener/rivet  holes.  As  originally 
presented  in  the  literature,  it  is  difficult  to  use  the  ‘Process  Zone’  model  where  cracks  nucleate  from  the 
countersink  or  bore  surface.  However,  exfoliation  at  fastener  holes  often  has  attendant  with  it  pitting  down 
the  bore  of  the  holes.  In  these  cases,  it  may  be  possible  to  analyze  failure  progression  through  a  pitting 
analysis  (at  the  bore  of  the  hole)  coupled  with  an  increase  in  net  section  stress  due  to  exfoliation. 


15.3  NRC  EXFOLIATION  MODEL 
15.3.1  Finite  Element  Model 

A  three  dimensional  (3D)  Finite  Element  (FE)  model  was  developed  to  determine  the  local  stress/strain 
distribution  of  fastener  specimens.  In  the  model,  a  “soft  inclusion”  technique,  which  was  previously 
developed  and  verified  at  NRC  to  simulate  Compression  After  Impact  (CAI)  in  composite  structures  [26] 
was  applied  to  simulate  the  exfoliation  present  in  the  specimen.  The  basic  assumptions  associated  with  the 
soft  inclusion  are: 

•  Exfoliated  area,  simulated  by  a  soft  inclusion  with  reduced  stiffness,  has  some  load  carrying 
capability; 

•  Soft  inclusion  is  an  isotropic  material;  and 

•  Soft  inclusion  can  have  uniform  depth  or  irregular  geometry  as  corrosion. 

A  calibration  and  validation  for  the  ‘soft  inclusion’  model  was  carried  out  using  smooth  coupon  specimens 
and  Photoelastic  Correlation  (PEC)  measurements  [27].  A  technique  to  automatically  generate  the  3D 
geometry  of  the  ‘soft  inclusion’  (damage  zone)  from  the  NDI  input  was  developed  using  the  PATRAN 
Command  Language  (Figure  15-6(a)).  Non-linear  FE  analysis  was  then  performed  to  analyze  the  non¬ 
linear  bending  effect  due  to  exfoliation  [27].  The  calibrated  results,  as  shown  in  Figure  15-6(b),  indicated 
that: 

1)  Different  Young  modulus  (E)  reduction  should  be  used  for  different  exfoliated  area  to  match  FE 
with  the  PEC;  and 

2)  70%  E  reduction  led  to  numerical  results  that  matched  the  test  results. 

After  the  calibration,  the  ‘soft  inclusion’  based  FE  model  was  used  to  provide  the  local  stress  distribution 
for  fatigue  modeling.  In  addition,  the  ‘soft-inclusion’  model  has  been  successfully  applied  for  quantifying 
the  effects  of  the  exfoliation  on  the  residual  strength  (yielding  strength  and  buckling)  [27]. 
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(a)  FE  model  based  on  NDI  inputs. 


(b)  Calibration  of  soft-inclusion  stiffness. 


Figure  15-6:  FE  Modeling  Process  Using  NDI  Inputs  and  Modeling  Results  (Note:  Young’s 
modulus  E  loss  was  calibrated  in  between  50  -  70  %  by  non-linear  FE  analyses.  The  PEC 
measurements  were  performed  on  the  back  (non-corroded)  surface  of  the  coupon). 


Figure  15-7  presents  a  3D  FE  model  generated  for  a  corroded  specimen  with  exfoliation  damage. 
The  exfoliation  was  simulated  using  a  number  of  3D  elements  with  the  calibrated  Young’s  modulus  (E). 
The  thickness  of  the  soft  inclusion  was  set  by  the  maximum  depth  of  the  exfoliation  that  was  measured  by 
ultrasonic  inspection.  The  FE  analyses  were  carried  out  using  the  commercial  code  MSC/MARC  including 
contact  analysis  between  the  fastener  to  plate,  plate  to  flange,  and  flange  to  fastener. 


A  comparison  between  the  crack  nucleation  sites  in  an  exfoliated  specimen  with  the  location  of 
the  maximum  principal  stress  (gi,  max)  determined  from  the  FE  analysis  for  tension  loading  is  shown  in 
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Figure  15-8.  The  crack  nucleation  sites  are  located  near  the  1  o’clock  and  5  o’clock  positions.  The  FE 
analyses  were  carried  out  under  both  tension  and  compression  loading  in  order  to  obtain  the  local  stress 
results  for  fatigue  analysis. 


Figure  15-8:  Crack  Nucleation  Site  and  3D  FE  Analysis  Results. 

Recently,  the  MSC  PCL  based  automation  technique  was  further  improved  at  NRC  to  quickly  generate  a 
soft-inclusion  based  FE  model  for  different  degrees  of  exfoliation  corrosion  found  at  aircraft  rivet  holes 
[28].  Figure  15-9  presents  the  modeling  variables  that  can  be  changed  for  different  rivet  hole  models. 


User-defined  geometric  variables 

Damage  zone:  ellipsoid  short  and 
long  axes,  max  depth,  angle,  position 
Rivet  hole:  radius,  countersink  depth, 
countersink  angle 

Plate:  grip  length,  width,  radius,  grip 
length,  tapered  thickness 


Figure  15-9:  An  Example  FE  Model  Generated  by  NRC  Automation  Technique 
(the  soft  inclusion  and  rivet  have  been  removed  for  clarity)  [28]. 


15.3.2  Fatigue  Model  for  Rivet  Specimens 

From  the  existing  studies  on  exfoliation  kinetics,  the  crack-nucleating  pits,  IGC,  and  particles  or  grain 
boundaries  denuded  by  IGC  are  created  by  the  local  electrochemical  cells  of  precipitates  at  grain  boundaries 
[29].  From  a  mechanical  point  of  view,  the  corrosion  pit  and  denuded  particle  or  grain  could  easily  serve  as 
local  stress  concentrations.  The  tip  of  IGC  could  also  become  a  high  stress  site  when  the  IGC  dissolves 
precipitates  or  turns  into  the  next  layer  of  grains.  Since  upper  layers  of  exfoliated  materials  would  be  pushed 
and  flaked  away,  the  pit/IGC  discontinuities  on  the  exfoliation  sub-surface  would  remain  of  limited  depth 
depending  on  the  microstructure. 

Due  to  the  multiple  cracking  mechanisms  in  the  exfoliation  region  [16], [17],  it  is  difficult  to  use  a  single 
model  to  cover  all  of  them.  Also  due  to  the  complexity  of  the  pit/IGC  geometries,  plus  the  chemical 
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effects  on  material  properties,  it  is  very  difficult  to  accurately  determine  the  local  stress  distribution  for 
pit/IGC  tips,  and  the  stress  intensity  factors.  Simplifications  and  assumptions  are  needed  for  developing  an 
engineering  model.  A  common  simplification  is  to  consider  the  pit/IGC  as  a  pre-crack,  then  use  a  fracture 
mechanics  model  to  estimate  the  remaining  fatigue  life  with  the  prior  corrosion.  Two  examples  are 
presented  as  follows. 


Example  1:  Fatigue  Life  Analysis  for  Riveted  Specimens 

Fatigue  tests  were  carried  out  on  naturally  exfoliated  7178-T6  coupons,  using  a  constant  amplitude  loading 
(R  =  -1.67,  amax  =  12  ksi).  The  fractography  found  that  a  primary  crack  formed  from  a  corrosion  pit-like 
discontinuity  on  the  countersunk  surface  of  one  coupon.  This  coupon  was  cut  from  a  B707  wing  panel, 
with  5.4%  exfoliation  (i.e.,  max.  exfoliation  depth/nominal  thickness)  at  the  fastener  hole,  Figure  15-10. 


Figure  15-10:  Crack  Nucleation  Site  at  a  Colony  of  Corrosion  Pits  on  Countersunk  Surface. 


A  crack  growth  analysis  starting  from  the  pit-like  discontinuity  to  final  failure  was  first  carried  out  using 
3D  FE  analysis  results  and  AFGROW  [16].  The  pit-like  discontinuity  was  assumed  to  be  a  half-elliptical 
crack  with  dimensions  of  262  x  98  pm,  measured  from  the  SEM  image  (Figure  15-10).  Since  the  current 
version  of  AFGROW  does  not  have  a  crack  model  for  a  countersink  hole  filled  with  a  rivet,  a  straight  open 
hole  crack  model  was  used  for  the  crack  growth  analysis  along  with  corrected  beta  factors  from  FE, 
see  Figure  15-1 1(a).  Based  on  a  point  load  stress  intensity  solution,  the  beta  correction  factors  were 
calculated  by  AFGROW  using  the  normalized  stress  distribution.  This  stress  distribution  was  determined 
by  the  following  procedure.  First,  a  2D  FE  analysis  was  carried  out  on  the  straight  open  hole  model  and 
the  stress  distribution  along  the  assumed  crack  path  was  obtained.  For  the  countersink  hole  model 
(with  fastener),  the  stress  distribution  along  the  assumed  crack  path  was  obtained  from  the  3D  FE  analysis 
previously  described.  Then  the  ratio  of  the  stress  distribution  from  the  countersink  hole  to  that  of  the 
straight  hole  model  at  various  crack  length  intervals  was  determined.  Finally,  the  normalized  stress  values 
along  the  assumed  crack  path  were  calculated  by  dividing  each  ratio  by  the  ratio  at  the  crack  origin. 
The  normalized  stress  values  along  the  assumed  crack  path  are  presented  in  Figure  15-1 1(b). 
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Crack  model  at  countersink 
hole  with  fastener 


Crack  model  at  straight  hole 
without  fastener  (AFGROW) 
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(a)  Crack  model  for  AFGROW.  (b)  Normalized  stress  distribution  along  crack  path. 


Figure  15-11:  Crack  Model  for  Crack  Growth  Analysis. 


Using  the  NASGRO  material  model  (i.e.,  7178-T6  and  T651  Al,  [Plate  and  sheet;  L-T;  LA,  HHA]), 
AFGROW  calculated  the  crack  growth  life  from  the  pit-like  discontinuity  to  final  failure  as  179,217  cycles, 
which  is  about  33%  less  than  the  test  results.  This  conservative  prediction  can  be  attributed  to: 

1)  The  pit  to  crack  nucleation  life  was  not  included  in  the  analysis;  and 

2)  The  fatigue  life  scatter  including  possible  analytical  errors  due  to  the  complex  geometry  and  beta 
solutions. 

Overall  this  example  showed  that  assuming  a  pit  to  be  a  pre-crack  could  result  in  a  reasonable,  conservative 
fatigue  life  prediction. 


Example  2:  Fatigue  Life  Analysis  for  Smooth  Specimens 

In  a  previous  NRC  project,  dog  bone  specimens  were  manufactured  from  the  7075-T6511  upper  wing 
panels  of  C 141  aircraft  containing  natural  exfoliation.  The  maximum  depth  of  the  exfoliation  damage  was 
determined  by  ultrasonic  NDI.  A  number  of  fatigue  tests  were  carried  out  under  fully  reversed  constant 
amplitude  loading  (R  =  -1.0),  and  fractographic  analyses  were  performed  to  examine  the  cracking 
mechanisms  in  the  exfoliation  region. 

As  described  in  Section  15.2,  the  DSTO  ‘process  zone’  model  was  first  used  but  largely  overestimated  the 
fatigue  lives.  A  simplified  fatigue  model  was  proposed  at  NRC  to  estimate  the  remaining  fatigue  life  of  the 
corroded  specimens  [17].  In  this  model,  the  exfoliation  damage  was  assumed  as  a  surface  crack  with  a 
depth  that  was  presumably  available  from  an  NDI  or  grind-out  database.  The  initial  idea  of  the  model  was 
to  treat  the  exfoliation  damage  as  a  semi-elliptical  surface  crack  with  a  profile  that  would  approximate  the 
projection  of  the  exfoliation  zone  onto  the  plane  vertical  to  the  tensile  loading  direction.  Later  a  modified 
profile  with  reduced  crack  length  (exfoliation  width)  was  found  to  have  almost  the  same  stress  intensity 
factor  as  the  original  profile.  The  model  actually  used  a  modified  profile  and  was  calibrated  using  different 
crack  aspect  ratios  (i.e.,  same  depth  but  varying  length)  with  the  intention  to  seek  an  ‘effective  crack’  for 
providing  a  good  life  estimation.  The  calibrating  process  essentially  made  the  model  more  ‘effective’, 
so  the  simplified  model  is  also  called  the  ‘effective  crack’  model.  A  schematic  of  the  model  is  shown  in 
Figure  15-12(a).  It  should  be  noted  that  the  remote  stress  is  not  increased  by  the  material  loss  in  the 
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‘effective  crack’  model.  In  this  way,  the  pristine/design  stress  can  be  used  directly  in  this  mode  to  predict 
the  remaining  life. 


Actual  damage  width:  W 

(a)  ‘Effective  crack’  model 


Figure  15-12:  Cracking  Model  and  Life  Estimation  Using  Simplified  Fatigue  Model  [17]. 


Along  with  the  test  results,  the  fatigue  lives  estimated  by  the  ‘effective  crack’  model  are  presented  in  Figure 
15-12(b).  This  figure  indicates  that  with  crack  aspect  ratios  (crack  depth  /  half  crack  length,  a/c)  ranging 
from  0.2  -  2.0,  the  model  gave  good  estimation  of  the  range  of  the  fatigue  lives.  Particularly,  the  aspect  ratio 
a/c  =  0.33  was  found  to  give  the  best  representation  of  the  average  test  results.  Therefore,  the  ratio  a/c  =  0.33 
was  considered  as  an  ‘effective’  aspect  ratio  for  the  model  to  give  good  results  on  the  average  life.  To  apply 
the  model  to  other  structure  applications,  the  ‘effective’  crack  aspect  ratio  has  to  be  calibrated  using  coupon 
tests,  the  representative  spectrum  loading,  and  the  approach  developed  in  this  chapter. 


Example  3:  Probabilistic  Fatigue  Modeling 

In  practice,  conventional  NDI  techniques  still  have  difficulty  in  determining  the  exfoliation  depth  on  the 
wing  skin  without  disassembling  the  structures.  Advanced  NDI,  such  as  angled  ultrasonic,  may  be  able  to 
do  so  but  it  is  still  very  time-consuming  and  needs  further  development.  A  grin-out  database  provides  a 
practical  option  to  estimate  the  exfoliation  depth  without  disassembly.  In  this  estimation,  the  grind-out 
area  (width  and  depth)  is  assumed  to  be  equal  to  the  corrosion  damage  (width  and  depth).  As  an  example, 
a  grind-out  database  based  on  exfoliation  repair  records  for  some  large  transport  aircraft  is  shown  in 
Figure  15- 13(a).  This  figure  shows  that  a  large  scatter  is  associated  with  the  depth  or  width  data. 
To  address  this  scatter,  the  simplified  model  was  enhanced  with  probabilistic  techniques  in  order  to  handle 
the  exfoliation  depth  as  a  random  variable. 
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(a)  Grind-out  database  example. 


(b)  Fatigue  life  distribution  vs.  exfoliation  depth. 


Figure  15-13:  Probabilistic  Fatigue  Modeling  Based  on  a  Grind-Out  Database. 


For  demonstration  purposes,  the  exfoliation  depth  estimated  from  the  grind  out  database  (Figure  15- 13(a)) 
was  assumed  as  a  lognormal  distribution  with  a  Coefficient  Of  Variation  (COV)  of  54%.  A  MS  Excel  Visual 
Basic  for  Applications  (VBA)  program  was  developed  to  execute  the  Component  Object  Model  (COM) 
version  of  AFGROW  in  a  Monte  Carlo  simulation.  For  the  naturally  exfoliated  specimens,  the  fatigue  life 
distributions  were  obtained  by  the  Monte  Carlo  AFGROW  analysis  using  the  random  exfoliation  depth  and 
the  ‘effective’  aspect  ratio  of  0.33  for  the  surface  crack.  The  life  distributions  for  different  exfoliation  depth 
and  the  life  curves  for  the  10,  50,  and  90  percentiles  are  presented  in  Figure  15-13(b).  The  Monte  Carlo 
simulation  used  1000  trials  for  determining  each  life  distribution.  If  required,  safety  factor  or  risk  analysis 
could  be  carried  out  using  the  life  distributions,  which  are  not  available  from  the  traditional  fatigue  or 
damage  tolerance  analysis  without  corrosion  considerations. 


15.4  SUMMARY 

As  the  fractographic  analysis  revealed  multiple  cracking  mechanisms  from  exfoliation,  it  also  revealed 
the  difficulties  to  develop  an  ‘accurate’  fatigue  model.  Simplifications  and  assumptions  are  needed  for 
developing  an  engineering  fatigue  model. 

The  DSTO  modeling  showed  that  the  ‘process  zone’  model  gave  a  good  estimation  on  the  fatigue  life  of 
artificially  exfoliated  specimens,  but  its  applicability  for  fleet  problems  was  limited  to  simple  geometry 
and  by  lack  of  detailed  fractography  data  in  the  field.  A  simplified  ‘effective  crack’  model  was  proposed  at 
NRC  with  the  motivation  to  estimate  the  fatigue  life  using  the  exfoliation  depth  available  from  either  an 
NDI  or  grind-out  database.  It  was  shown  that  this  model  could  give  good  life  estimation  for  the  naturally 
exfoliated  specimens,  under  the  severest  constant  amplitude  loading  (R  =  -1). 

The  NRC  soft-inclusion  model  was  originally  developed  to  simulate  the  stiffness  reduction  and  quantify 
the  residual  strength  of  exfoliated  material,  but  it  can  also  provide  a  better  local  stress  distribution  for 
fatigue  modeling  purpose.  In  particular,  for  complex  geometry,  such  as  fastener  holes  where  the  majority 
of  exfoliation  was  found,  the  soft-inclusion  based  FE  and  fracture  mechanics  model  provided  reasonably 
well  life  estimation. 

Overall,  fracture  mechanics  based  models  could  provide  reasonable  prediction  of  the  remaining  fatigue 
life  of  prior-exfoliated  aluminum  alloys.  More  fundamental  work  including  characterization  of  exfoliation 
sub-surface  topography  could  build-up  a  database  for  the  topography  of  exfoliation  corrosion.  With  such  a 
database,  a  local  pit/IGC  model  may  be  developed  and  integrated  with  the  ‘Process  Zone’  or  ‘soft- 
inclusion’  model  to  provide  better  and  practical  life  prediction  for  corroded  structures. 
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16.1  INTRODUCTION 

While  current  design  and  maintenance  guidelines  and  procurement  specifications  provide  a  good  structural 
integrity  framework  for  new  aircraft  and  the  reassessment  of  existing  aircraft,  there  remains  a  risk  that 
Corrosion  Fatigue  Interaction  (CFI)  can  undermine  the  margins  of  safety  in  the  durability  or  damage 
tolerance  assessments  as  they  are  currently  performed.  This  statement  applies  to  all  forms  of  corrosion, 
including  pitting,  stress  corrosion  cracking,  crevice,  galvanic,  filiform,  and  exfoliation  corrosion.  It  also 
applies  to  all  forms  of  CFI,  some  of  which  may  be  dependent  on  the  geometry  and  other  features  of  the 
structural  component  in  question.  This  risk  is  unquantified,  because  most  manufacturers  and  operators 
treat  corrosion  and  fatigue  as  separate  issues  during  design,  and  they  assume  that  the  design  and  the 
maintenance  program  will  obviate  any  serious  interaction. 

There  might  be  several  reasons  why  some  people  believe  that  corrosion  fatigue  interaction  need  not  or 
cannot  be  taken  into  account.  They  are  summed  up  as  follows: 

a)  In  damage  tolerant  structure,  fatigue  cracks  will  be  detected  before  they  reach  critical  size,  and  so 
the  cause  of  the  fatigue  cracks  does  not  significantly  influence  the  risk  of  structural  failure. 

b)  In  safe  life  structure,  the  large  safety  margins  (scatter  factors)  applied  to  the  estimated  fatigue  life 
take  into  account  unknowns  such  as  corrosion. 

c)  While  corrosion  is  widespread  on  aircraft,  no  fatigue  cracks  are  found  at  corrosion  sites  and  no 
catastrophic  failures  have  recently  been  attributed  to  corrosion.  Hence  corrosion  is  thought  to  be 
an  economic  problem  but  not  a  safety  problem. 

d)  There  are  no  widely  accepted  models  for  predicting  the  onset  and  the  effects  of  corrosion  fatigue 
interaction  and  thereby  estimating  the  associated  risk. 

The  first  three  reasons  are  not  considered  to  be  valid.  With  regard  to  a),  if  corrosion  fatigue  interaction  is 
not  considered  in  damage  tolerance  analysis  some  potential  failure  modes  of  Structurally  Significant  Items 
(SSI)  will  be  overlooked,  and  some  components  that  should  be  regarded  as  SSI  will  not  be  analyzed. 
Consequently,  insufficient  components  will  be  included  in  the  targeted  inspection  program  and  some  of 
those  that  are  included  will  not  be  inspected  in  an  appropriate  manner. 

With  regard  to  b),  the  safety  factors  of  between  three  and  five  currently  in  use  for  safe  life  structure  derive 
primarily  from  the  variability  noted  in  accelerated  fatigue  tests  in  ambient  air  and  the  need  to  work  with 
small  sample  sizes.  They  do  not  make  a  specific  allowance  for  life  reduction  due  to  CFI  under  operating 
conditions.  Much  larger  factors  would  be  needed  for  this  purpose,  as  proposed  by  Schiitz  [1]. 


RTO-AG-AVT-140 


16-1 


MODEL  VALIDATION:  FUSELAGE  LAP  JOINTS 


With  regard  to  c),  the  high  annual  cost  of  corrosion  related  maintenance  -  estimated  to  be  over  $1B  in  the 
USAF  [2]  -  is  a  testament  to  the  underlying  danger  of  premature  structural  failure  due  to  corrosion  fatigue 
interaction.  Therefore,  it  is  difficult  to  see  how  a  general  argument  can  be  made  that  corrosion  only  presents 
an  economic  problem.  Fortunately,  catastrophic  structural  failures  in  aircraft  are  rare,  and  so  catastrophic 
failures  due  to  corrosion  fatigue  interaction  are  also  rare.  But  they  do  occur.  Furthermore,  a  thorough 
investigation  (failure  analysis)  is  needed  to  fully  understand  the  degradation  mechanisms.  In  most  cases  of 
corrosion,  this  is  not  necessary  or  cost-effective.  Therefore,  it  is  not  possible  to  generalize  that  corrosion 
found  in  service  on  highly  stressed  components  is  not  already  interacting  with  fatigue. 

The  last  reason,  d),  is  valid.  It  is  the  justification  for  the  considerable  effort  expended  in  the  USA  and 
Canada  over  many  years  to  investigate  ways  of  modeling  corrosion  fatigue  interaction  in  aircraft  structure. 
This  effort  has  been  driven  by  the  high  cost  of  corrosion  related  maintenance  in  terms  of  resources  and 
aircraft  down-time.  Modeling  of  corrosion  fatigue  interaction  is  expected  to  help  reduce  maintenance  costs 
and  improve  aircraft  availability.  If  successful,  it  will  provide  the  means  to  design  structure  with  tolerance 
to  this  form  of  degradation,  and  it  will  allow  alternative  responses  to  a  corrosion  occurrence  in  service  to 
be  evaluated.  The  ways  in  which  assessments  of  corrosion  fatigue  interaction  can  be  included  in  the 
Aircraft  Structural  Integrity  Programs  (ASIP)  followed  by  the  USAF  and  other  air  forces  were  outlined  in 
a  landmark  paper  by  Brooks  and  Simpson  [3]. 

Unfortunately,  the  modeling  of  corrosion  fatigue  interaction  is  a  difficult  topic,  even  for  simple 
components.  It  is  important  to  study  and  model  the  fundamental  mechanisms  of  such  interaction,  but  it  is 
also  important  to  use  traditional  engineering  methods  to  understand  and  model  it  at  the  component  level. 
This  section  presents  a  study  of  the  effects  of  corrosion  on  the  fatigue  characteristics  of  a  riveted  fuselage 
skin  splice.  This  is  a  complex  component  with  complex  failure  mechanisms,  including  a  failure  mode 
known  as  Multiple  Site  Damage  (MSD).  One  of  the  aims  of  the  study  was  to  determine  whether  it  might 
be  feasible  despite  this  complexity  to  construct  a  useful  empirical  model  of  the  effects  of  prior  corrosion 
on  fatigue  life  and  crack  growth  characteristics.  If  successful,  the  approach  could  be  cost-effective  to 
apply,  since  fuselage  skin  splices  are  one  of  the  most  widespread  and  corrosion-prone  structural  details  on 
transport  aircraft.  The  aim  was  achieved  by  manufacturing  and  fatigue  testing  a  specially  designed  splice 
specimen  under  controlled  conditions  to  produce  statistically  significant  results.  Fifty  percent  of  the  test 
specimens  were  pre-corroded.  The  test  program  is  outlined,  and  a  probabilistic  model  based  on  the  test 
results  is  proposed  that  could  be  used  in  durability,  damage  tolerance,  and  risk  analyses. 

16.2  EXPERIMENTAL  PROCEDURES 
16.2.1  Description  of  Lap  Splice  Specimen 

The  splice  element  is  a  single  shear  lap  splice  8.0  in.  (203.2  mm)  long  with  3  rows  of  5/32  in.  (4.0  mm) 
diameter  rivets  at  1  in.  (25.4  mm)  pitch  in  the  hoop  and  longitudinal  directions.  The  spliced  sheets  are 
0.040  in.  (1.0  mm)  thick  2024-T3  aluminum  alloy  clad  both  sides  without  any  other  surface  treatments. 
Single  shear  lap  splices  of  this  approximate  configuration  are  used  in  the  fuselages  of  the  KC-135, 
JSTARS,  C-130,  and  P-3  aircraft.  However,  in  this  study,  the  results  are  intended  for  the  development  of  a 
general  modelling  approach  and  should  not  be  applied  directly  to  any  specific  aircraft.  For  specific  studies, 
the  design  of  the  specimen  should  be  tailored  to  the  aircraft  splice  in  question,  taking  care  to  simulate 
correctly  the  out-of-plane  bending  stresses  and  the  load  transfer  from  cracked  regions. 

The  specimen  complete  with  the  clamping  plates  and  pins  used  to  mount  it  in  the  load  frame  is  shown  in  the 
drawing  and  photograph  in  Figure  16-1.  In  this  figure,  the  specimen  is  shown  with  the  splice  oriented  as 
though  being  viewed  from  outside  an  aircraft.  The  upper  sheet  in  this  view  is  the  countersunk  sheet. 
The  lower  sheet  is  referred  to  as  the  driven  sheet.  The  specimen  was  designed  to  simulate  the  stress 
conditions  and  MSD  failure  mode  experienced  by  fuselage  skin  splices.  Back-to-  back  strain  gauges  were 
placed  in  rows  1  in.  (25.4  mm)  above  and  below  the  splice  to  record  the  nominal  stress  distribution  across  the 
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specimen.  Additional  detail  on  the  specimen  and  the  general  procedure  for  adapting  the  MSD  specimen 
concept  to  a  specific  aircraft  splice  are  in  [4]. 
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Figure  16-1:  Lap  Splice  Specimen  with  Clamping  Plates  and  Loading  Pins 
(the  left-hand  drawing  shows  the  splice  as  it  would  appear  from  outside  an  aircraft). 


16.2.2  Preparation  of  Corroded  Specimens 

The  specimens  to  be  corroded  were  selected  randomly.  The  interior  of  the  splice  was  corroded  and  dried 
prior  to  fatigue  testing.  The  target  range  of  corrosion  severity  had  been  observed  in  several  lap  splices 
from  service  aircraft.  It  was  a  moderate  level  that  might  go  unnoticed  during  routine  visual  inspection  for 
corrosion  pillowing.  The  corrosion  procedure  was  developed  during  a  pilot  test  program.  It  was  not 
expected  to  simulate  accurately  the  iterative,  mainly  sequential  process  of  corrosion  and  fatigue  that 
occurs  on  aircraft  over  many  years  in  service.  However,  it  was  expected  to  provide  evidence  of  some  of 
the  mechanisms  of  interaction  of  corrosion  and  fatigue  in  service  and  to  provide  a  statistically  significant 
indication  of  the  effect  of  typical  corrosion  on  fatigue  characteristics.  More  information  on  the  corrosion 
procedure  and  its  simulation  of  service  corrosion  can  be  found  in  [5]. 

The  corrosion  build-up  inside  the  splice  caused  pillowing  distortion.  This  distortion  can  be  seen  clearly  in 
comparing  the  images  of  corroded  and  non-corroded  specimens  in  Figure  16-2,  which  were  obtained  using 
the  D  Sight  Aircraft  Inspection  System  (DAIS).  The  distortion  can  significantly  affect  the  stress  distribution 
in  a  splice,  and  has  been  modeled  in  other  work  at  the  National  Research  Council  (NRC)  Canada  [6]. 
Measurements  of  pillowing  distortion  were  used  to  monitor  the  level  of  corrosion  during  the  pre-corrosion 
process. 
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Figure  16-2:  D  Sight  Aircraft  Inspection  System  (DAIS)  Images  of  a  Lap 
Splice  Specimen  Before  Corrosion  (left)  and  After  Corrosion  (right). 


16.2.3  Fatigue  Testing 

Nine  non-corroded  and  nine  corroded  specimens  were  fatigue  tested.  The  approach  followed  ASTM 
guidelines  for  a  paired  comparison  test  program  [7]  as  far  as  practicable.  Various  other  precautions  were 
taken  to  minimize  nuisance  variables  that  might  mask  the  effects  of  corrosion  on  fatigue  characteristics. 

All  specimens  were  subjected  to  constant  amplitude,  uniaxial,  cyclic  loading  at  4  Hz  using  a  MTS  servo 
hydraulic  load  frame.  The  fatigue  test  was  load  controlled,  with  a  load  ratio  of  0.02.  After  cracks  emerged 
from  under  the  rivet  heads  they  were  measured  using  a  travelling  microscope.  The  tests  were  generally 
allowed  to  continue  until  cracks  had  developed  and  linked  up  across  the  full  width  of  the  splice. 
The  specimen  did  not  break  apart  at  this  point,  because  the  side  straps  carried  the  maximum  load.  A  few 
tests  were  terminated  earlier  for  various  reasons. 

16.2.4  Measurement  of  Corrosion  Damage 

In  the  case  of  fuselage  splices,  it  is  currently  difficult  to  measure  the  hidden  corrosion  damage  at  the 
faying  surfaces,  i.e.,  the  internal  contacting  surfaces,  accurately  and  with  high  resolution  using  Non- 
Destructive  Inspection  (NDI).  Therefore,  the  corrosion  damage  was  measured  throughout  each  sheet  after 
dismantling  the  splices.  An  efficient  method  of  doing  this  over  large  areas  was  developed  by  the  NRC 
several  years  ago,  and  procedures  have  been  progressively  improved.  It  involves  dismantling  the  splice 
and  removing  the  corrosion  products  chemically  from  each  sheet  (Figure  16-3).  Then  each  sheet  is 
radiographed  using  X-rays.  Various  calibration  pieces  of  known  thickness  are  included  in  the  radiograph. 
The  radiograph  is  digitized,  calibrated,  and  analyzed  using  custom  and  commercial  image  processing 
software.  Measurements  of  the  average  thickness  loss  in  specific  areas  of  interest  were  obtained  from  the 
grey  scale  versions  of  the  radiographs.  The  grey  scale  radiographs  were  also  colorized  to  provide 
calibrated  thickness  maps  for  general  study  and  comparison  with  NDI  (Figure  16-4).  The  X-ray  images  are 
presented  in  standard  orientation  for  this  work,  i.e.,  as  though  being  viewed  from  the  exterior  of  an 
aircraft.  Thus,  if  the  images  for  the  countersunk  and  driven  sheets  were  overlaid,  they  would  indicate  the 
total  distribution  of  corrosion  damage  at  the  faying  surfaces  of  the  splice. 
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Figure  16-3:  Faying  Surface  of  the  Countersunk  Sheet  of  Specimen 
#037  Before  and  After  the  Removal  of  Corrosion  Products. 
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Figure  16-4:  Pseudo-Colored  Digitized  X-Ray  (DXR)  Thickness  Maps  Showing  Corrosion 
Distribution  in  Countersunk  (upper  image)  and  Driven  (lower  image)  Sheets  of  Specimen 
#035  (higher  resolution  grey  scale  images  are  used  for  quantitative  analysis). 


The  measurements  obtained  from  radiographs  indicated  that  the  overall  average  thickness  loss  varied 
between  specimens.  The  average  thickness  loss  per  sheet  in  the  corroded  specimens  was  estimated  to  be  in 
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the  range  of  3%  to  6%.  The  term  “average  thickness  loss  per  sheet”  is  used  to  signify  that  the  data  is  a 
combined  average  of  both  sheets  in  a  given  location,  expressed  as  a  percentage  of  the  original  thickness  of 
one  sheet.  As  can  be  seen  from  the  example  of  an  X-ray  thickness  map,  the  depth  of  the  corrosion  damage 
in  some  locations  within  a  splice  was  much  higher  than  this  average  value. 


16.3  RESULTS  AND  DISCUSSION 

16.3.1  Failure  Modes 

All  non-corroded  specimens  failed  by  cracking  in  the  countersunk  sheet  along  the  upper  rivet  row.  The  set 
of  individual  crack  growth  curves  on  the  left  in  Figure  16-5  illustrates  the  typical  MSD  failure  mode  of  the 
non-corroded  specimens. 


MSD  SPECIMEN  #060  CRACK  GROWTH  CURVES 


MSD  SPECIMEN  #058  CRACK  GROWTH  CURVES 
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Figure  16-5:  Example  Sets  of  Individual  Crack  Growth  Curves 
for  Non-Corroded  (left)  and  Corroded  (right)  Specimens. 


Two  general  modes  of  failure  were  observed  in  the  corroded  specimens.  Firstly,  six  out  of  nine  specimens 
failed  by  cracking  in  the  countersunk  sheet  along  the  upper  rivet  row.  In  these  cases,  the  crack  pattern  was 
dominated  by  the  early  nucleation  of  cracks  at  one  location.  Thus  a  MSD  pattern  like  the  one  in  the  non- 
corroded  specimens  did  not  develop.  The  right  hand  graph  in  Figure  16-5  illustrates  this  mode  of  failure. 
Secondly,  three  out  of  nine  corroded  specimens  failed  by  cracking  in  the  driven  sheet,  just  below  or  along 
the  lower  rivet  row.  This  mode  of  failure  would  be  difficult  to  detect  on  an  aircraft.  Again,  the  crack 
pattern  was  dominated  by  the  lead  crack  in  each  case.  There  were  other,  less  obvious  differences  in  the 
failure  modes  of  the  corroded  and  non-corroded  specimens,  but  a  discussion  of  these  is  outside  the  scope 
of  this  paper. 

16.3.2  Empirical  Modelling  of  the  Effects  of  Corrosion  on  MSD  Crack  Growth  and 
Fatigue  Life 

For  the  purpose  of  modeling  the  experimental  data,  the  fatigue  life  of  a  specimen  was  divided  into  two 
parts:  the  life  to  the  detection  of  the  first  crack,  and  the  subsequent  life  to  failure  of  the  specimen.  While 
MSD  occurred  in  many  cases,  it  was  observed  that  the  cracks  invariably  linked  up  progressively  to  form  a 
single  crack  across  the  splice.  A  similar  phenomenon  has  been  observed  in  longitudinal  fuselage  skin 
splices  on  aircraft.  Therefore,  it  was  decided  to  investigate  the  possibility  of  characterizing  the  detectable 
crack  growth  in  a  splice  by  a  single  aggregate  crack  growth  curve.  Since  the  specimens  were  designed  not 
to  collapse  when  fully  cracked,  an  aggregate  crack  length  of  6  in.  (152.4  mm)  was  defined  as  failure.  If  the 
test  was  terminated  earlier,  as  was  the  case  with  some  corroded  specimens,  the  final  crack  length  was  used 
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without  adjustment.  Since  the  actual  length  of  the  first  crack  at  detection  varied  between  tests,  the  criterion 
for  first  detection  for  analytical  purposes  was  defined  as  an  aggregate  crack  length  of  0.5  in.  (12.7  mm). 
This  criterion  encompassed  the  actual  detection  of  the  first  crack  in  all  specimens  except  one,  and  is 
consistent  with  the  smallest  crack  in  a  splice  that  can  reliably  be  detected  in  service  using  eddy  current 
inspection. 

To  provide  an  overview  of  the  fatigue  test  results,  the  aggregate  crack  growth  curves  for  detectable  crack 
growth  are  presented  first.  These  are  in  Figure  16-6.  The  curves  were  constructed  by  summing  the  lengths 
of  all  detected  cracks  in  the  manner  indicated  in  the  sketch.  Each  curve  starts  at  the  length  at  which  the 
crack  was  actually  detected  during  the  fatigue  test.  The  single  point  is  for  a  test  that  was  terminated  as 
soon  as  the  first  crack  was  detected.  The  aggregate  crack  growth  curves  for  corroded  and  non-corroded 
specimens  are  fairly  closely  grouped,  except  for  the  curves  for  two  corroded  specimens.  As  yet,  no  reason 
has  been  found  for  treating  these  two  specimens  as  statistical  outliers,  and  so  they  have  been  included  in 
all  the  statistics  for  Corroded  Sample  A.  This  sample  excludes  only  the  specimen  with  the  single  point 
plot.  For  interest,  some  graphs  in  this  paper  include  comparative  statistics  for  a  Corroded  Sample  B  that 
excludes  the  specimen  with  the  longest  life. 


MSD  SPECIMENS  AGGREGATE  CRACK  GROWTH  CURVES 
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Figure  16-6:  Aggregate  Crack  Growth  Curves  for  Corroded  and  Non-Corroded  Specimens. 

The  mean  life  to  an  aggregate  crack  length  of  0.5  in.  (12.7  mm)  -  i.e.,  to  the  first  crack  -  is  presented  in 
Figure  16-7.  In  practice,  an  aggregate  crack  length  of  0.5  in.  (12.7  mm)  implied  two-sided  cracking  at  one 
rivet,  as  illustrated  in  the  sketch  in  the  figure.  The  central  bars  represent  the  mean  lives,  while  the 
accompanying  pairs  of  bars  represent  the  lower  and  upper  bounds  of  the  90%  confidence  interval. 
The  graph  shows  that  pre-corrosion  caused  a  statistically  significant  reduction  in  the  life  to  the  first  crack. 
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The  difference  in  mean  lives  indicates  a  44%  reduction  in  this  portion  of  the  life  of  the  splice. 
The  statistics  for  Corroded  Sample  B  indicate  a  54%  reduction. 


COMPARISON  OF  LOG  MEAN  LIVES  TO  0.5  IN.  AGGREGATE 
CRACK  SHOWING  90%  CONFIDENCE  INTERVALS 
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Figure  16-7:  Mean  Life  to  0.5  in.  Aggregate  Crack  with  90%  Confidence  Intervals. 


The  distribution  of  life  to  the  first  crack  is  presented  in  Figure  16-8.  The  graph  shows  the  experimental  data 
points  plotted  using  a  non-parametric  distribution  formula  -  i.e.,  one  that  does  not  require  any  prior 
assumption  concerning  the  shape  of  the  distribution.  The  graph  superimposes  the  continuous  curves  obtained 
by  fitting  a  Log  Normal  distribution  to  the  data.  These  Log  Normal  curves  are  the  probabilistic  models  of  the 
life  to  the  detection  of  the  first  crack  for  non-corroded  and  corroded  specimens.  The  probability  that  the  life 
to  the  first  crack,  Ni,  has  a  certain  value  can  be  represented  mathematically  as  follows: 

P(N1[x)  =  Fn1(x)  (1) 

where  FNi(x)  is  a  Log  Normal  cumulative  distribution  function  whose  mean  and  standard  deviation  are 
estimated  from  the  test  data.  FNi(x)  is  different  for  corroded  and  non-corroded  splices. 
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CUMULATIVE  PROBABILITY  DISTRIBUTION  OF  LIFE  TO  0.5  IN. 
AGGREGATE  CRACK 


- Non-corr.  Normal  Fit. 

♦  Non-corr.  Non-parametric. 

- Corr.  A'  Normal  Fit. 

■  Corr.  A*  Non-parametric. 

Life  to  0.5  in.  Agg.  Crack  (LoglO  Scale  -  Cycles) 


Figure  16-8:  Empirical  Models  of  Life  to  an  Aggregate  Crack  Length  of  0.5  in.  (12.7  mm). 

To  model  the  subsequent  period  of  detectable  crack  growth,  the  relationship  between  the  aggregate 
crack  growth  rate  per  cycle,  da/dN,  and  the  aggregate  crack  length,  a,  was  investigated  and  is  presented  in 
Figure  16-9.  The  left  hand  graph  shows  the  relationship  for  a  non-corroded  specimen.  The  right  hand  graph 
shows  the  relationship  for  a  corroded  specimen.  Similar  analyses  were  performed  for  every  specimen.  Linear 
regression  of  the  data  for  each  specimen  indicated  that  a  relationship  could  be  assumed  of  the  form: 

da/dN  =  Q.am  (2) 

where  m  and  Q  are  stochastic  variables.  This  second  phase  model  of  multiple  crack  growth  is  comparable 
to  the  one  proposed  in  [8]  for  a  single  crack  in  non-corroded  structure.  However,  the  analytical  approach 
developed  below  is  closer  to  the  one  used  in  [9]  for  the  Paris-Erdogan  equation. 


#048  AGGREGATE  CRACK  GROWTH  RATE  VS.  CRACK  LENGTH 


#035  AGGREGATE  CRACK  GROWTH  RATE  VS.  CRACK  LENGTH 


Figure  16-9:  Illustration  of  the  Relationship  Between  Aggregate  Crack  Growth  Rate  and 
Aggregate  Crack  Length  in  Non-Corroded  (left)  and  Corroded  Specimens  (right). 
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From  data  of  the  kind  illustrated  in  Figure  16-9,  distributions  for  the  exponent  “m”  were  estimated  for  the 
corroded  and  non-corroded  populations.  The  graph  in  Figure  16-10  shows  the  data  points  of  the  non- 
parametric  analyses.  The  superimposed  continuous  curves  are  Normal  distributions  estimated  from  the 
experimental  data.  The  Normal  fits  show  reasonable  agreement  with  the  non-parametric  analyses  for  both 
the  corroded  and  the  non-corroded  populations.  Similar  distributions  were  developed  for  the  parameter  Q 
and  are  shown  in  Figure  16-11.  Log  Normal  fits  were  assumed  in  this  case.  Based  on  these  assumed  curve 
fits,  the  probability  that  the  parameters  m  and  Q  in  Equation  (2)  have  certain  values  can  be  represented  by 
the  following  general  equations: 


P(m  [  x)  =  Fm(x)  (3) 

P(Q  [  x)  =  Fq(x)  (4) 

where  Fm(x)  is  a  Normal  cumulative  distribution  function  and  Fq(x)  is  a  Log  Normal  cumulative 
distribution  function.  The  means  and  standard  deviations  of  Fm(x)  and  Fq(x)  are  estimated  from  test  data. 
The  functions  will  be  different  for  non-corroded  and  corroded  specimens. 


CUMULATIVE  PROBABILITY  DISTRIBUTION  OF  AGGREGATE  CRACK 
GROWTH  RATE  EXPONENT 

■  Corr.  'A'  -  Non-parametric  ♦  Non-corr.  Non-parametric 
- Corr.  'A'  -  Normal  Fit  - Non-corr  Normal  Fit 


Figure  16-10:  Distribution  of  Exponent  ‘m’  in  Equation  da/dN  =  Q.am. 
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CUMULATIVE  PROBABILITY  DISTRIBUTION  OF  AGGREGATE  CRACK 
GROWTH  RATE  CONSTANT 


■  Corr.  'A'  -  Non-parametric  ♦  Non-corr.  Non-parametric 
- Corr.  'A'  -  Normal  Fit  - Non-corr  Normal  Fit 


Rate  Constant  Q  (Log  Scale) 


Figure  16-11:  Distribution  of  Constant  ‘Q’  in  Equation  da/dN  =  Q.am. 

Equations  (1)  to  (4)  together  represent  a  generalized  probabilistic  model  of  the  whole  fatigue  life  of  a 
splice.  The  cumulative  distribution  functions  of  aggregate  crack  length  at  given  values  of  the  total  life, 
Fa,  Ntotai(x),  could  be  estimated  from  this  model  using  a  Monte  Carlo  simulation.  This  would  involve 
repeated  numerical  integration  of  Equation  (2)  to  generate  a  large  sample  of  aggregate  crack  growth 
curves.  For  each  simulation  of  a  splice  fatigue  life,  the  parameters  Ni,  m,  and  Q,  would  be  sampled 
according  to  their  respective  distributions  using  a  random  number  method.  Assuming  constant  amplitude 
loading,  the  probability  of  failure  of  the  splice  after  a  certain  number  of  fatigue  cycles,  Ntotai?  would  be  the 
probability  that  the  crack  length  had  exceeded  the  failure  criterion: 

P(a  >  6  in.)  =  1  -  Fa,  Ntotai(x  =  6  in.)  (5) 

If  any  of  the  parameters  Ni,  m,  and  Q  were  found  to  be  related,  the  relationships  could  be  used  to  reduce  the 
variability  in  Fa?  Ntotai(X).  In  the  tests  reported  here,  there  was  statistically  significant  correlation  between  Q 
and  m  in  the  corroded  sample.  There  was  weaker  correlation  between  Q  and  m  in  the  non-corroded  sample. 

Damage  tolerance  inspections  of  a  fuselage  skin  splice  are  costly.  Equations  (1)  to  (5)  and  the  associated 
Monte  Carlo  simulation  could  be  used  to  help  in  selecting  an  inspection  threshold  and  interval  that  will 
provide  an  acceptably  low  risk  of  fatigue  failure  at  minimum  cost.  This  analysis  would  require  knowledge 
of  the  probability  of  crack  detection  (POD)  characteristics  of  the  chosen  method  of  non-destructive 
inspection. 

For  illustrative  purposes,  the  model  has  been  applied  in  a  simplified  way  using  the  mean  value  of  the 
parameters  N)  and  m  and  the  correlation  between  m  and  Q  to  estimate  the  mean  whole  life  to  failure. 
The  results  of  this  analysis  are  summarised  in  Figure  16-12.  The  reduction  in  mean  whole  life  due  to 
corrosion  was  32%.  The  model  predicted  29%.  In  Corroded  Sample  B  the  reduction  was  42%.  The  model 
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predicted  40%.  As  mentioned  earlier,  some  of  the  corroded  tests  were  terminated  early.  If  the  test  lives  had 
been  adjusted  to  compensate,  it  is  estimated  that  these  test  and  model  statistics  would  have  been  closer. 
The  relative  contributions  of  the  hidden  and  detectable  periods  of  crack  growth  are  shown  in  each  bar. 
The  graph  serves  to  confirm  that  there  are  no  major  inconsistencies  between  the  model  and  the  test  data. 
It  also  highlights  the  longer  period  of  detectable  crack  growth  in  corroded  specimens.  This  was  probably  due 
to  the  reduced  tendency  for  MSD  in  the  corroded  specimens. 


MEAN  WHOLE  LIFE  TO  AGGREGATE  CRACK  LENGTH  6  in.  (1 52.4  mm) 


450,000 
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8  250,000 
(5*  200,000 
150,000 
100,000 
50,000 
0 


Corr.  'A'  Reduction 
in  Mean  Whole  Life  : 
Model  29% 

Test  32% 

Corr.  'B'  Reduction  in 
Mean  Whole  Life: 
Model  40% 

Test  42% 


□  Life  from  Agg.  0.5  in. 
to  6  in. 

■  Life  to  Agg.  0.5  in. 


Non-  Non-  Corr.  'A'  Corr.  'A'  Corr.  'B'  Corr.  'B' 
Corr.  Corr.  Model  Test  Model  Test 

Model  Test 


Figure  16-12:  Graph  of  Mean  Whole  Life  to  an  Aggregate  Crack  Length  of  6  in.  (152.4  mm), 
Showing  the  Relative  Contributions  of  the  Hidden  and  Detectable  Periods  of  Crack  Growth. 


16.4  CONCLUSIONS 

This  section  has  described  an  experimental  procedure  that  has  been  developed  for  evaluating  the  effect 
of  prior  corrosion  on  the  fatigue  characteristics  of  longitudinal  fuselage  skin  splices  in  transport  aircraft. 
The  detailed  design  of  the  test  specimen  must  be  tailored  to  the  aircraft  splice  to  be  studied. 

It  has  been  shown  how  the  data  from  the  experimental  procedure  can  be  used  to  construct  a  probabilistic 
model  of  fatigue  life  and  crack  growth  in  a  splice  where  MSD  is  occurring.  The  model  is  applicable  to 
non-corroded  and  corroded  specimens. 

The  experimental  procedure  and  the  model  have  been  demonstrated  using  a  specimen  design  that  is 
approximately  representative  of  the  types  of  single  shear  lap  splices  that  are  in  use  on  several  military  and 
civil  transport  aircraft.  Despite  the  complexity  of  the  component  and  the  variability  of  corrosion,  statistically 
significant  test  results  were  obtained.  These  give  confidence  that  the  empirical  modeling  approach  could 
have  wide  applicability. 

The  test  data  indicate  that  prior  corrosion  reduced  the  mean  fatigue  life  to  the  detection  of  the  first  crack 
by  44%.  The  mean  whole  fatigue  life  was  reduced  by  a  lesser  amount,  32%,  because  corrosion  extended 
the  period  of  detectable  crack  growth.  This  extension  resulted  mainly  from  a  reduced  tendency  for  MSD  in 
corroded  specimens. 
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The  experimental  procedure  and  model  could  be  used  to  provide  key  input  data  for  the  durability  and 
damage  tolerance  analysis  of  a  fuselage  skin  splice.  By  taking  corrosion  fatigue  interaction  into  account  in 
this  way,  a  more  cost-effective  design  and  maintenance  policy  might  be  achieved  while  maintaining  or 
improving  safety. 
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Chapter  17  -  CORROSION  FATIGUE 
ANALYSIS  OF  AN  F-18  LONGERON 


Min  Liao,  Nicholas  C.  Bellinger  and  Jerzy  P.  Komorowski 

Institute  for  Aerospace  Research 
National  Research  Council  Canada 
Ottawa,  Ontario 
CANADA 


17.1  INTRODUCTION 

A  full  scale  F-18  wing  test  (FT245)  was  conducted  at  the  National  Research  Council  (NRC)  Canada  under 
the  International  Follow-On  Structural  Test  Project  (IFOSTP)  supported  by  The  Canadian  Forces  (CF)  and 
The  Royal  Australian  Air  Force  (RAAF).  During  the  test,  a  long  fatigue  crack  of  46  mm  (1.81  inch)  was 
discovered  on  the  right  hand  upper  Outboard  Longeron  (UOL)  of  the  centre  fuselage  at  2932  Simulated 
Flight  Hours  (SFH),  as  shown  in  Figure  17-1.  In  this  test,  the  fuselage  was  used  as  a  transition  structure,  and 
was  a  retired  United  States  Navy  (USN)  F-18  aircraft  that  had  been  in-service  for  ten  years  (1984  -  1994), 
Rutledge  et  al.  [1].  Extensive  corrosion  was  reported  on  the  UOL  by  the  US  Navy  (USN)  during  its  service 
life,  which  was  repaired  (blended  out)  [1].  During  the  full  scale  wing  test,  the  crack  in  the  component  was 
discovered  after  a  fairing  and  sealant  had  been  removed  to  perform  a  scheduled  life  enhancement  procedure. 
Corrosion  pits  were  found  in  the  area  near  the  apparent  crack  nucleation  site.  Since  the  full  scale  wing  test 
was  conducted  in  an  environmentally  controlled  facility,  it  was  reasonable  to  assume  that  these  pits  formed 
in-service  and  went  undetected  after  the  last  maintenance  cycle  prior  to  the  aircraft  being  retired. 
This  cracking  case  was  used  to  demonstrate  and  validate  the  applicability  of  a  Holistic  Structural  Integrity 
Process  (HOLSIP)  based  corrosion  fatigue  analysis  methodology  and  tool. 


Figure  17-1:  Fatigue  Crack  on  the  Right  UOL  of  F18  Central  Fuselage. 


17.2  CORROSION  FATIGUE  MODELING  FUNDAMENTALS 

In  HOLSIP,  corrosion  and  fatigue  can  act  not  only  concurrently  but  also  independently.  These  effects  are 
characterized  by  changes  to  the  crack  tip  stress  intensity.  Based  on  the  HOLSIP  concept,  a  computer  code 
ECLIPSE  -  Environmental  and  Cyclic  Life  Interaction  Predictions  for  in-Service  Evaluations  has  been 
developed  by  Analytical  Process  /  Engineered  Solutions  (APES)  Inc.,  Brooks  et  al.  [2]-[3].  ECLIPSE  uses 
fracture  mechanics  principles  to  formulate  stress  intensity  factor  solutions  as  follows,  Brooks  et  al.  [3]: 
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AK cyclic  =  PtA(T cyclic  4™ lQ  EnV)  C1) 

Aatime  =  PTAEM»e4m/Q  E ^  *>  EnV)  (2) 

where  AKcyciic  and  AKtime  are  driven  by  cyclic  and  time  dependent  mechanisms,  respectively;  J3T  is  the  total 
geometry  correction  which  is  a  function  of  geometry  and  crack  length;  A<jcydic  represents  the  cyclic  stress, 
and  AEtime  represents  the  environmental  cyclic  stress  (environment  spectrum)  that  is  a  function  of  time, 
sustained  stress,  environmental  exposure,  hydration  cycles  or  potentially  electro-chemical  processes; 
Q  is  the  crack  shape  parameter  that  is  also  a  significant  metric  to  accurately  account  for  the  aspect  ratio  of 
crack  depth  and  width.  5P  ( a,t,Env )  is  the  total  correction,  which  is  a  function  of  crack  length,  time, 
and  environment.  This  parameter  represents  the  effects  of  corrosion  or  corrosion  fatigue  interaction  on  AK , 
such  as  corrosion  related  thickness  loss,  local  geometric  stress  risers,  topography  change,  corrosion  induced 
sustained  stress,  and  corrosion  pillowing  stress,  etc.  Therefore,  ¥( a,t,Env )  has  different  expressions  for 
different  corrosion  mechanisms. 

The  total  crack  growth  is  determined  through  the  summation  of  the  cyclic  damage  and  other  time  dependent 
damage,  which  is  used  to  grow  an  Initial  Discontinuity  State  (IDS,  treated  as  a  crack  in  any  fracture 
mechanics  model)  to  final  instability.  Incremental  growth  rates  from  both  the  operational  stress  cycles  and 
the  age  degradation  effects  are  used  to  determine  a  combined  incremental  growth.  Therefore  the  total  crack 
length  is  expressed  as: 


aTotal  =  aiDS  +XZk/  and  Aa  =  Aa cyclic  +  Aatime  (3) 

where  aIDS  is  the  material,  geometric  or  manufactured  IDS  that  is  simulated  as  an  active  crack  in  HOLSIP, 
and: 


Aa 


cyclic 


^  da^ 


cyclic 


V  dt  j  time 


dt  =  g(AKtune)dt 


(4) 


Note  that  Aacyciic  is  expressed  in  the  cyclic  domain  while  Aatime  is  in  the  time  domain.  Since  a  relationship 
exists  between  cyclic  and  time  domains  for  each  increment  of  crack  growth,  the  summation  in  Equation  (3) 
could  be  performed  on  either  cyclic  or  time  domains.  For  the  cyclic  domain,  Equation  (3)  can  be  solved 
using  the  following  equation,  Brooks  et  al.  [3]: 


a  Total  a  IDS  "I" 


II 


da 

~dN 


y  cyclic 


dN  +\\\ 


da 

dt 


dtdN 


y  time 


=  am+\  f(AK„lt  )dN  +  J  J  g(AK ,m,)dtdN 


(5) 


In  ECLIPSE,  age  degradation  is  applied  at  each  integration  interval  and  the  relationship  between  cyclic  and 
time  domains  has  to  be  specified  to  determine  the  cycles  per  integration  interval.  The  corrosion  fatigue 
analysis  procedure  of  ECLIPSE  is  schematically  presented  in  Figure  17-2.  The  USAF  program,  AFGROW, 
is  linked  to  ECLIPSE  as  a  crack  growth  analyzer.  For  each  integration  interval,  J3T  and  d\a,t,Env) 
are  determined  and  updated  in  ECLIPSE,  and  then  the  appropriate  time-dependent  AEtime  parameters  (stress, 
beta  corrections,  etc.)  are  passed  to  AFGROW  to  calculate  the  crack  growth  for  the  next  integration  interval. 
The  input  parameters  required  by  ECLIPSE  are  also  shown  in  Figure  17-2. 
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Figure  17-2:  Corrosion  Fatigue  Analysis  Procedure  in  HOLSIP/ECLIPSE  [2]-[3]. 


17.3  INPUTS  FOR  CORROSION  FATIGUE  ANALYSIS 

The  input  parameters  for  ECLIPSE  were  prepared  based  on  the  data  and  assumptions  as  follows. 


17.3.1  Cracking  Scenario 

A  replica  was  taken  to  verify  that  the  crack  nucleated  from  corrosion  pits  (see  the  dotted  line  in  Figure  17-3) 
that  were  present  at  the  round  comer.  A  comer  crack  model  was  thus  added  to  ECLIPSE  in  order  to  simulate 
this  cracking  scenario.  The  combined  length  of  the  pits  along  the  thickness  direction  was  approximately 
0.63  mm  (0.0248  inch),  and  the  pit  depth  (shortest  dimension),  which  occurred  in  the  width  direction  was 
approximately  0.44  mm  (0.0172  inch). 


Figure  17-3:  Corrosion  Pits  and  Cracking  Scenario. 


17.3.2  Material  Models  (da/dN  and  IDS  Crack) 

The  UOL  material  was  7149-T73511  aluminum  extmsion  (L-T).  Ideally,  HOLSIP  would  require  physical 
measurements  and  a  metallurigcal  study  to  determine  the  IDS  distribution  presented  in  the  alloy.  However, 
due  to  the  unavailability  of  pristine  material,  it  was  decided  to  use  the  existing  fatigue  life  data  to  estimate 
the  IDS  value,  i.e.,  initial  crack  size,  of  this  alloy.  Crack  growth  data  from  the  full  scale  CF-18  fuselage 
test  (FT55)  conducted  at  Bombardier  Aerospace  were  used  to  estimate  the  initial  crack  size,  in  which  a 
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fatigue  crack  nucleated  at  the  same  location  of  the  UOL  but  in  that  case,  no  corrosion  was  present. 
The  crack  growth  data  from  the  FT55  test  are  presented  in  Figure  17-7.  Revised  Crack  Growth  Rate 
(CGR)  data  for  this  alloy,  which  were  originally  taken  from  the  NASGRO  material  database  and  modified 
by  APES  to  include  the  small  crack  growth  regime  using  the  method  developed  by  Brooks  et  al.  [4], 
was  employed  to  estimate  the  IDS  value.  The  geometry  for  the  initial  crack  on  the  comer  of  the  UOL  was 
assumed  to  have  a  quarter  circle  shape. 

To  determine  the  loading  spectmm,  the  readings  from  one  strain  gauge,  which  was  placed  on  the  UOL  in 
the  full  scale  fuselage  test  (FT55)  and  very  close  to  the  crack  nucleation  site,  was  used.  One  block  of  this 
spectmm  contained  8,369  cycles,  which  represented  326  SFH.  The  analytical  results,  labeled  as  HOLSIP 
(non-corroded)  are  presented  in  Figure  17-7,  which  indicates  that,  if  an  initial  crack  size  of  0.18  mm 
(0.0071  inches)  was  used,  the  non-corroded  analytical  results  are  very  close  to  the  test  (FT55).  This  initial 
crack  size  was  then  employed  for  the  following  corrosion  fatigue  analysis. 

17.3.3  Corrosion  Growth  Rate  and  Topography  ID 

The  corrosion  pits  were  assumed  to  have  developed  under  service  environments  and  cyclic  loading  during 
the  ten  years  of  service  in  the  USN.  It  has  been  shown  that  a  cube  root  power  law  can  effectively  describe 
the  corrosion  pit  growth  in  aluminum  alloys,  Godard  [5]  and  Hoeppner  [6].  Also,  Harlow  and  Wei  [7], 
and  Turnbull  [8]  demonstrated  that  this  power  law  could  be  derived  based  on  pit  growth  kinetics  and 
Faraday’s  law.  Thus,  the  cube  root  power  law  was  used  in  this  work  to  describe  the  corrosion  pit  growth 
rates: 


d  =  C(r)1/3  (6) 

where  d  is  the  maximum  pit  depth,  T  is  the  time,  and  C  is  a  parameter  related  to  the  material/ 
environment  combination.  Based  on  the  pit  depth  and  time  information  given  previously,  the  corrosion  pit 
growth  curve  was  estimated  (Figure  17-4).  It  has  been  demonstrated  that  the  topography,  i.e.,  surface 
roughness  of  a  corroded  surface,  has  an  effect  on  the  local  stress  states  around  a  pit/crack,  Brooks,  et  al. 
[2].  The  effect  was  quantified  using  the  StressCheck  finite  element  model  and  converted  to  stress  intensity 
factor  beta  factors  library.  The  software  ECLIPSE  used  what  is  termed  the  ‘Topography  ID’  to  represent 
different  beta  factors.  The  topography  IDs  are  in  increasing  order  of  severity  from  0  (0.0  mm  pit  in  depth 
or  no  topography  correction)  to  9  (1.0  mm  (0.040  inch)  pit  in  depth).  From  the  corrosion  pit  growth  curve 
(Figure  17-4),  the  pit  depth  for  every  year  was  obtained,  then  the  corresponding  ID  for  this  pit  depth  at  this 
year  was  interpolated  using  the  pre-defined  IDs  in  ECLIPSE.  The  resulting  topography  ID  used  in 
ECLIPSE  is  shown  in  Figure  17-5. 
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Figure  17-4:  Corrosion  Pit  Growth  Rate. 
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Figure  17-5:  Topography  ID  Used  in  ECLIPSE. 


17.3.4  Thickness  Loss 

The  thickness  loss  effect  is  included  in  ECLIPSE  through  the  time  related  correction,  W  (a,t,Env). 
Although  the  UOL  surface  had  been  blended  out  to  remove  damage  (surface  corrosion)  during  its  service 
life,  no  blending  marks  were  found  along  the  crack  path.  It  was  thus  decided  that  no  thickness  loss  would 
be  taken  into  account  in  the  corrosion  fatigue  analysis.  To  accurately  measure  the  thickness  of  the  present 
UOL  along  the  crack  path,  an  ultrasonic  technique  was  employed.  The  average  thickness  along  the  crack 
path  was  determined  to  be  3.12  mm  (0.123  inch). 

17.3.5  Loading  Spectrum 

During  the  NRC  full  scale  test,  two  aluminum  alloy  (7075-T6)  straps  were  used  to  repair  the  cracked  UOL 
and  the  test  resumed.  The  readings  from  two  strain  gauges,  placed  on  the  two  straps,  were  then  processed 
to  determine  the  loading  spectrum.  A  two  step  process  was  used: 

1)  The  nominal  stress  level  was  first  determined  based  on  the  total  loads  that  by-passed  the  UOL, 
which  can  be  calculated  by  assuming  that  the  UOL  was  completely  broken;  and 

2)  The  stress  level  at  the  fillet  where  the  pits  and  crack  nucleated  was  determined  by  applying  a 
combined  (tension  and  bending)  stress  concentration  factor  of  1.35  determined  by  Bombardier 
Aerospace  during  the  repair  disposition  process. 

Figure  17-6  illustrates  one  block  of  the  loading  spectrum,  which  includes  46,588  cycles  that  represent 
326  SFH. 
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Figure  17-6:  Loading  Spectrum  Obtained  from  Strain  Gauges. 


17.4  RESULTS 

Using  the  estimated  initial  crack  size  (0.18  mm,  0.0071  inches)  and  other  input  parameters  (corrosion 
growth,  thickness  loss,  etc.)  discussed  in  the  previous  section,  the  corrosion  fatigue  analysis  was  carried 
out  for  the  corroded  UOL  using  ECLIPSE.  This  analysis  was  carried  out  from  the  start  of  service  life 
(1984)  to  when  the  crack  was  found  during  the  wing  test.  It  should  be  noted  that  this  fuselage  had 
previously  accumulated  3,644  flight  hours  with  a  recorded  FLEI  (Fatigue  Life  Evaluation  Index)  of  0.309 
in  the  USN,  Rutledge  et  al.  [1].  This  usage  converted  to  the  full  scale  wing  test  hours  is  approximately 
1,446  SFH.  This  reduction  is  due  to  more  aggressive  loading  spectrum  applied  to  the  wing  test. 
The  results,  labeled  as  HOLSIP  (corroded),  from  the  corrosion  and  fatigue  analysis  are  shown  in  Figure 
17-7,  along  with  the  test  results  for  the  corroded  and  non-corroded  UOL.  This  figure  shows  that  the 
analytical  results  for  the  corroded  UOL  are  in  close  agreement  with  the  NRC  test  results. 
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Figure  17-7:  Life  Comparison  Between  Corroded  and  Non-Corroded  UOL. 


In  Figure  17-7,  the  result  of  a  Damage  Tolerance  (DT)  analysis  is  also  presented.  The  DT  analysis  was 
carried  out  using  AFGROW,  and  a  typical  initial  crack  size  of  1.27  mm  (0.050  inches/  It  is  shown  that  the 
typical  DT  analysis  clearly  underestimated  the  life  of  the  corroded  UOL,  without  including  the  corrosion 
effect. 


As  the  F-18  was  originally  designed  based  on  the  Safe  Life  (SL)  approach,  a  “Crack  Initiation”  software 
(CI89)  which  was  specifically  calibrated  for  the  CF-18  material  and  load  spectra,  was  used  to  estimate  the 
‘crack  initiation’  life  (time  to  a  crack  size  of  0.25  mm,  or  0.010  inches).  The  CI89  results,  labeled  as  SL, 
are  presented  in  Figure  17-7.  As  can  be  seen,  since  the  SL  approach  did  not  consider  corrosion  effects, 
its  predicted  life  is  longer  than  that  of  the  corroded  UOL,  but  less  than  the  life  of  non-corroded  UOL. 
Further  analysis  was  performed  to  continue  a  DT  analysis  (AFGROW)  from  the  0.010-inch  crack  to 
failure,  the  total  life  (i.e.,  sum  of  CI89  and  DT  lives)  is  presented  in  Figure  17-7,  labeled  as  SL+DT.  It  is 
shown  that  the  SL+DT  total  life  approach  overestimated  the  life  of  the  non-corroded  UOL,  while  the 
HOLSIP  approach  provided  a  result  close  to  that  of  the  test. 

In  summary,  both  analytical  and  test  results  showed  that  the  corrosion  pits  significantly  decreased  the  life 
of  the  UOL.  The  HOLSIP/ECLIPSE  analysis  provided  most  reasonable  results  for  both  corroded  and  non- 
corroded  cases. 


17.5  CONCLUSION 

A  corrosion  fatigue  analysis  using  HOLSIP/ECLIPSE  was  carried  out  to  assess  the  life  of  the  corroded 
UOL  of  an  F-18  aircraft,  in  which  the  concurrent  interaction  of  corrosion  and  fatigue  were  quantitatively 
taken  into  account.  The  analytical  results  were  compared  to  full  scale  test  results.  The  good  agreement 
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between  the  analytical  and  test  results  indicated  that  HOLSIP/ECLIPSE  is  a  promising  analytical  tool  for 
corrosion  fatigue  analysis  of  aircraft  structures.  The  HOLSIP  framework  has  potential  to  augment  and 
enhance  the  safe  life  and  damage  tolerance  approaches. 
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Chapter  18  -  HOLISTIC  STRUCTURAL  INTEGRITY 
ANALYSIS  FOR  CORROSION  IN  A  HUB  ON 
A  TRANSPORT  AIRCRAFT  FRAME 

Thomas  Mills  and  K.T.  Honeycutt 

Analytical  Processes  /  Engineered  Solutions,  Inc. 

Saint  Louis,  Missouri 
USA 


18.1  INTRODUCTION 

This  case  study  examines  the  failure  of  fuselage  frames  on  the  now-retired  USAF  C-141  aircraft. 
The  component  experiencing  the  problem  was  the  frame  at  Fuselage  Station  (FS)  998.  In  particular,  cracking 
was  occurring  in  a  hub  for  a  main  landing  gear  attachment  point  (Figure  18-1).  Special  concern  was  placed 
on  this  component  because  it  was  largely  expected  to  be  an  ‘infinite  life’  component,  at  least  in  the  area 
where  cracking  was  occurring.  The  discovery  of  cracks,  not  explained  by  any  analyses,  had  the  USAF 
confronting  a  very  likely  possibility  of  wholesale  frame  replacement  throughout  the  fleet,  which  would  have 
been  a  very  costly  option  in  terms  of  both  dollars  and  asset  availability.  Replacing  the  FS  998  frame  is  major 
surgery. 


Figure  18-1:  Drawing  of  Main  Frame  Landing  Gear  Hub. 


In  sight  of  the  financial  and  logistical  complexity  of  such  a  sizeable  fleet-wide  action,  the  decision  was 
made  to  include  analysis  of  this  component  in  a  1997  USAF  research  and  development  program  known  as 
the  Corrosion  Fatigue  Structural  Demonstration  Program  (CFSD).  Details  follow. 


18.2  FRACTURE  ANALYSIS 

As  with  any  structural  analysis,  it  is  good  to  start  with  determining  the  root  cause.  As  stated  above,  prior  to 
the  CFSD  program,  the  cracking  in  this  component  was  largely  unexplained.  Aircraft  teardown  and  failure 
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analysis  revealed  corrosion  pitting  at  the  crack  nucleation  site  of  the  failed  frames.  Beyond  this,  very  little 
information  was  known  about  the  nature  of  the  pitting  other  than  the  fact  that  corrosion  up  to  250  microns 
(0.01  inch)  deep  was  found  on  20-year  old  components.  This  provided  a  target  metric  for  the  holistic 
structural  integrity  analyses  discussed  in  the  next  section. 


18.3  HOLISTIC  STRUCTURAL  INTEGRITY  ANALYSES 

As  with  any  structural  fatigue  analysis,  it  is  necessary  to  understand  key  aspects  of  the  component,  such  as 
the  material,  geometry,  and  crack  driving  force.  Beyond  that,  to  practically  implement  a  solution,  we  need 
to  understand  usage  requirements,  inspection  capabilities,  and  other  factors. 

Fortunately,  the  frame  was  made  from  a  common  aerospace  structural  alloy,  7075-T6  aluminum.  Geometry 
was  easy  to  grasp,  and  the  failure  location  in  the  hubs  was  in  a  region  of  mild  stress  gradient,  so  constant 
tension  spectral  stresses  were  an  adequate  representation  of  the  component  loading.  Understanding  the  load 
spectrum  itself,  however,  was  more  challenging,  as  the  actual  load  spectrum  was  proprietary  and  not 
available.  The  best  we  could  do,  under  direction  of  the  C-141  Aircraft  Structural  Integrity  Program  (ASIP) 
manager,  was  to  use  the  MIL-A-008866B  specification  for  Nz  exceedances  during  landing,  and  generate  a 
blocked  and  randomized  landing  spectrum  (see  Figure  18-2)  for  30,000  spectrum  flight  hours  (one  lifetime) 
of  a  C-141  aircraft. 
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Figure  18-2:  Load  Spectrum  Used  in  Analysis. 


Fatigue  analyses  were  then  conducted  using  AFGROW  (a  publicly-available  crack  growth  code)  and  two 
different  starting  crack  sizes,  specifically: 

•  0.25  mm  (0.01  inch)  comer  crack  typical  of  ‘durability  analyses’;  and 

•  1.25  mm  (0.05  inch)  comer  crack  typical  of  ‘damage  tolerance  analyses’. 

These  two  cases  provided  ‘traditional’  bounds,  wherein  crack  sizes  typical  of  analyses  in  the  industry  were 
used.  These  two  cases  did  not  consider  geometric  corrosion  effects  on  crack  propagation,  which  is  also 
typical  of  industry  analyses. 
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The  other  critical  aspect  of  the  analysis,  to  trend  it  towards  ‘holistic’,  was  to  include  pitting.  In  the  models 
used,  the  presence  of  the  pit  amplifies  the  beta  solution  associated  with  the  crack,  which  causes  a  shift  in 
stress  intensity,  an  increase  in  crack  growth  rate,  and  a  decrease  in  fatigue  life. 

Additional  complexities  in  the  analysis  had  the  pit  grow  according  to  a  power  law  from  time  zero,  with  the 
end  condition  that  the  pit  reached  250  microns  (0.01  inch)  in  depth  at  20  years  (as  determined  by  the 
teardown  analysis  from  the  fleet).  This  is  a  conservative  approach,  as  pitting  most  likely  did  not  occur 
until  later  in  service  after  coating  breakdown. 

Figure  18-3  shows  the  results  of  the  demonstration  analyses.  In  practice,  the  fleet  was  experiencing 
failures  in  the  range  of  35,000  to  43,000  flight  hours.  Using  traditional  analysis  techniques  and  the 
common  durability  crack  size  of  0.25  mm  (0.01  inch),  the  hub  showed  flat  crack  growth  (practically 
speaking,  infinite  life).  On  the  other  extreme,  by  assuming  a  damage  tolerance  crack  size  of  1.25  mm 
(0.05  inch),  the  component  appeared  to  have  an  extremely  short  service  life,  which  results  in  a  heavy  and 
expensive  inspection  burden. 


Figure  18-3:  Crack  Growth  Analysis  of  Main  Landing  Gear 
Hub  Showing  Traditional  and  HOLSIP  Analyses. 


However,  by  including  corrosion  pitting  in  the  traditional  durability  analysis,  the  life  capability  is  reduced 
considerably  but  accurately  (less  than  with  damage  tolerance  assumptions)  and  estimates  structural 
capability  in  the  range  of  the  fleet  failures.  The  impact  of  corrosion  is  clear  and  further  demonstrates  the 
importance  of  holistic  structural  integrity  considerations  in  aircraft  maintenance,  and  also  illustrates  the 
power  of  these  methods  to  identify  corrosion-susceptible  structure  during  design. 


18.4  DISCUSSION 

In  the  case  of  FS  998  frame,  holistic  structural  integrity  methods  were  able  to  correlate  analysis  life  with 
field  failures  better  than  industry  standard  techniques.  The  inclusion  of  pitting  in  the  life  assessment 


RTO-AG-AVT-140 


18-3 


HOLISTIC  STRUCTURAL  INTEGRITY  ANALYSIS  FOR 
CORROSION  IN  A  HUB  ON  A  TRANSPORT  AIRCRAFT  FRAME 


captured  the  general  flavor  of  the  fleet  experience  and  provides  an  analytical  path  that  was  previously 
unavailable. 

The  lesser  consequences  of  failure  associated  with  this  location  on  the  frame  precluded  it  being  managed 
as  a  damage  tolerance  control  point  in  practice.  At  the  same  time,  the  sensitivity  of  this  area  to  pitting  also 
meant  that  considering  it  to  be  an  infinite  life  component  was  not  effective  either.  Inspections  for  pitting  in 
this  location  would  be  appropriate,  since  such  violations  of  surface  integrity  appear  to  be  a  critical 
precursor  to  the  evolution  of  fatigue  failure. 

This  case  study  provided  another  example  of  a  retrospective  corrosion  fatigue  failure  analysis  to  illustrate 
how  information  can  be  used  to  plan  inspections  for  the  appropriate  types  of  damage  in  lieu  of  wholesale, 
major  structural  replacements  across  an  entire  fleet.  The  methods  used  were  completely  compatible  with 
existing  methodologies  and  ideologies,  which  also  makes  it  possible  to  set  inspection  intervals,  for  instance, 
to  guard  against  cracks  that  may  form  from  previously  undetected  corrosion  (Note:  this  is  not  a  trivial 
location  to  access  for  the  purposes  of  inspection,  so  we  cannot  look  whenever  we  want). 

An  important  lesson  to  learn  from  this  case  study  is  that  the  most  efficient  capability  of  these  methods, 
from  both  safety  and  economic  perspectives,  will  only  be  realized  when  quantitative  evaluations  of  real¬ 
time  degradation  processes  are  proactively  entrenched  in  the  design  requirements  for  new  systems.  In  the 
same  way  that  damage  tolerance  assessments  can  identify  fracture  critical  structure,  corrosion  sensitivity 
analyses  can  identify  corrosion  critical  structures  and  lead  to  more  corrosion  tolerant  designs. 
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19.1  INTRODUCTION 

A  dynamic  component  in  the  main  rotor  system  of  a  helicopter  has  had  a  recurrent  cracking  problem, 
where  fracture  is  occurring  at  less  than  10%  of  the  part’s  rated  ‘safe  life.’  This  problem  is  not  unique  to  the 
operator  for  whom  this  assessment  was  conducted. 

The  component  in  question  is  made  of  a  high  strength  aluminum  alloy,  and  it  is  in  contact  with  a  stainless 
steel  retaining  ring.  During  this  study,  fractured  parts  were  recovered  from  two  different  helicopters  and 
were  subjected  to  a  detailed  fractographic  analysis  and  holistic  structural  integrity  analysis.  A  synopsis  of 
that  effort  has  been  provided  here  as  a  case  study  supporting  the  power  of  including  corrosion  effects  in 
analyses  not  only  for  sustainment,  but  for  design  as  well. 


19.2  FRACTURE  ANALYSIS 

Fracture  analysis  was  conducted  using  an  optical  stereoscope  and  an  optical  microscope.  The  fracture 
face  revealed  beach  marks  at  lower  magnification  (Figure  19-1)  and  striae  at  higher  magnification,  which 
indicated  fatigue  was  the  primary  crack  propagation  mechanism. 


Figure  19-1:  Optical  Micrograph  of  Fracture  Face  Showing  Beach  Marks. 
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River  marks  on  the  fracture  pointed  back  to  a  single  origin  at  a  corrosion  pit  (Figure  19-2)  that  was 
approximately  175  microns  deep  and  hemispherical  in  nature.  Other  surface  pitting  was  evident  in  areas 
adjacent  to  the  failure  location  (Figure  19-3). 


Figure  19-2:  Optical  Micrograph  Showing  Pitting  at  Origin  and  River  Marks  Emanating  from  Region. 


Figure  19-3:  Optical  Micrograph  of  Surface  Perpendicular 
to  Fracture  Plane  Showing  Clusters  of  Corrosion  Pits. 
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Although  the  components  contained  a  corrosion  protection  coating  in  service,  the  contact  of  a  stainless 
steel  retaining  ring  against  the  aluminum,  in  combination  with  the  dynamic  operating  environment, 
is  believed  to  have  damaged  the  coating.  Unrelated  maintenance  activities  on  these  components  may  also 
have  adversely  affected  coating  integrity.  Once  the  coating  was  compromised,  the  presence  of  a  crevice 
and  galvanic  couple  (between  the  retaining  ring  and  the  component)  and  a  harsh  operating  environment 
made  the  component  very  susceptible  to  pitting.  The  violation  of  surface  integrity  caused  by  the  pitting 
then  made  the  part  susceptible  to  corrosion  fatigue. 


19.3  HOLISTIC  LIFE  ASSESSMENT 

The  fractographic  study  confirmed  the  failure  mode  to  be  corrosion-pitting  fatigue.  The  next  step  was 
to  conduct  holistic  life  assessments  to  understand  the  nature  of  failure  progression  and  to  establish  a 
recommended  course  of  action  for  the  operator. 

Fortunately,  the  design  load  spectrum  for  the  component  was  available  for  use  in  the  analysis. 
This  information  was  used  in  combination  with  a  Finite  Element  Analysis  (FEA)  of  the  component  to 
understand  the  nature  of  the  crack  driving  force.  The  FEA  accurately  modeled  the  location  of  the  fracture 
plane  and  also  computed  the  nature  of  the  stress  distribution  in  the  component,  which  was  a  combination 
of  tension  and  bending. 

An  AFGROW  (a  publicly-available  crack  growth  code)  model  of  the  component  in  the  fracture  plane  was 
designed  that  accounted  for  the  applied  tension  and  resultant  bending.  The  automation  capability  of 
AFGROW  was  used  to  model  load  shedding  as  the  crack  propagated. 

From  that  point,  several  crack  growth  scenarios  were  executed  assuming  no  corrosion.  Initial  crack  sizes 
associated  with  the  Initial  Discontinuity  State  (IDS)  for  the  material  [1],[2]  accurately  reproduced  a  total 
component  life  that  reflected  the  certified  safe  life  of  the  component.  Other  larger  crack  sizes  were  also 
modeled  to  develop  residual  life  curves  (i.e.,  remaining  life  from  various  crack  sizes). 

This  exercise  was  repeated  assuming  the  presence  of  a  175-micron  deep,  hemispherical  corrosion  pit  at  the 
critical  location  on  the  component.  In  the  models  used,  the  presence  of  the  pit  amplifies  the  beta  solution 
associated  with  the  crack,  which  causes  a  shift  in  stress  intensity,  an  increase  in  crack  growth  rate,  and  a 
decrease  in  fatigue  life  [3].  The  results  shown  in  Figure  19-4  illustrate  the  very  severe  influences  of  a 
corrosion  pit  in  this  scenario.  If  the  pit  had  existed  from  time  zero,  the  analysis  shows  that  the  part  would 
only  have  about  1.5%  of  its  original  rated  life  capability.  In  reality,  the  components  are  failing  at  closer  to 
10%  rated  capability,  but  this  is  simply  an  indicator  that  the  pits  are  not  in  the  components  at  manufacture; 
rather,  they  form  during  operational  usage.  However,  it  is  safe  to  say  that  once  the  coating  is  compromised, 
pitting  is  likely  to  follow,  and  once  the  pits  form,  failure  of  the  component  will  follow  shortly  thereafter. 
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Figure  19-4:  Plot  of  Normalized  Life  versus  Normalized  Crack  Length  for  a 
Helicopter  Main  Rotor  Component  With  and  Without  Corrosion  Pitting. 


Note  that  Figure  19-4  has  been  normalized  where  a  life  of  “1”  equals  the  rated  safe  life  of  the  component. 
A  crack  size  of 44 1”  is  equal  to  the  critical  crack  size  of  the  component. 

19.3.1  Disposition 

The  results  of  these  analyses,  in  conjunction  with  field  experience,  lead  us  to  categorize  the  subject  of  this 
study  as  ‘corrosion-intolerant  structure.’  Non-Destructive  Testing  (NDT)  solutions  were  investigated, 
but  the  conclusion  was  that  the  component  is  so  sensitive  to  corrosion  that  safety-by-inspection  would 
simply  result  in  a  burdensome  inspection  frequency.  While  inspection  is  a  plausible  short-term  solution  for 
this  type  of  component  and  situation,  it  is  not  feasible,  both  in  terms  of  dollars  and  in  terms  of  operational 
requirements,  for  long-term  sustainment  activities.  Thus,  more  permanent  and  effective  long-term 
solutions  are  required,  such  as  a  material  substitution  that  exhibits  greater  fatigue  resistance  and  greatly 
reduced  susceptibility  to  pitting.  Another  promising  alternative  includes  conducting  a  residual  stress 
treatment,  such  as  laser  peening,  to  critical  areas  of  the  component,  which  when  properly  executed  could 
make  treated  areas  insensitive  to  violations  of  surface  integrity  caused  by  pitting  and  greatly  enhance  the 
life  capability. 


19.4  SUMMARY 

This  case  study  presented  a  holistic  structural  integrity  analysis  of  a  dynamically  loaded  helicopter 
component  that  failed  due  to  corrosion-pitting  fatigue.  Fatigue  analysis,  including  the  effects  of  pits, 
suggested  that  in  a  worst  case,  life  capability  would  be  only  1.5%  of  the  original  certified  ‘safe  life’  if  the 
pits  were  assumed  to  be  present  from  time  of  manufacture.  Failures  in  service  were  occurring  at  closer  to 
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10%  of  the  original  certified  life,  which  reflects  the  fact  that  the  pitting  occurred  later  during  service  and 
not  at  ‘time  zero’. 

This  component  is  best  described  as  ‘corrosion-intolerant-structure.’  Furthermore,  the  frequency  of 
maintenance  and  inspection  required  to  keep  the  component  safe  would  not  only  be  burdensome  but  could 
also  contribute  to  the  problem  through  accidental  breach  of  the  coating  system. 

The  recommended  solutions  to  this  problem  include  material  substitution  (to  a  material  that  is  more 
fatigue  and  corrosion  resistant)  and/or  treating  the  parts  with  engineered  residual  stresses,  such  as  those 
possible  through  laser  peening.  As  stated  above,  frequent  inspection  is  not  believed  to  be  a  supportable 
option,  and  simply  replacing  the  components  with  new,  original-specification  parts  only  resets  the  clock. 
It  does  not  eliminate  the  problem. 
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20.1  INTRODUCTION 

Failures  owing  to  Hydrogen  Embrittlement  (HE)  (or  hydrogen-assisted  cracking)  appear  to  be  encountered 
more  often  in  new  components  than  in  re-conditioned  components.  However,  since  only  a  small  proportion 
of  components  are  reconditioned,  it  is  likely  that  hydrogen  embrittlement  failures  are  relatively  more 
common  for  reconditioned  components. 

When  new  components  fail  by  hydrogen  embrittlement  (usually  after  short  times  in  service),  this  is  mainly 
because  the  Original  Equipment  Manufacturers’  (OEMs)  specified  procedures  for  finishing  processes, 
such  as  electroplating  and  baking,  have  not  been  followed,  resulting  in  significant  hydrogen  concentrations 
in  the  steel.  On  the  other  hand,  during  reconditioning  it  is  more  likely  that  the  procedures  have  nominally 
been  followed,  but  incorrectly,  since  they  are  more  complex,  involving  cleaning,  paint-stripping,  plating 
removal,  and  restoration  of  worn  areas,  as  well  as  re-applying  the  original  corrosion  or  wear-resistant 
coatings.  Reconditioning  may  also  be  carried  out  under  less  controlled  conditions  at  maintenance  facilities 
or  in  the  field  (perhaps  by  less  specialised  personnel)  compared  with  the  conditions  specified  by  the  OEMs 
for  finishing  new  components. 

The  preceding  (1985)  AGARD  Corrosion  handbook  [1]  contains  a  chapter  on  hydrogen  embrittlement, 
but  not  the  possible  problems  arising  from  improper  reconditioning.  This  previous  chapter  includes  eight 
case  histories,  all  with  respect  to  cracking  in  high  strength  steel  components.  Seven  cases  were  attributed 
to  hydrogen  pick-up  during  electroplating,  and  one  to  a  surface  gouge  that  may  have  occurred  during 
re-installation  of  a  used  component. 

In  the  present  chapter  the  basic  aspects  of  hydrogen  embrittlement  are  summarised,  followed  by  a  review 
of  the  testing  procedures  used  for  assessing  whether  or  not  embrittlement  is  likely  to  be  produced  by 
finishing  processes.  Case  histories  are  presented  for  failures  involving  hydrogen  embrittlement  owing  to 
reconditioning  of  components,  and  also  where  there  were  concerns  that  embrittlement  could  have  occurred 
or  might  occur.  Several  cases  illustrate  that  improper  reconditioning  or  reconditioning  outside  the  normal 
standard  conditions  do  not  necessarily  constitute  a  risk  of  hydrogen  embrittlement  occurring  in  service, 
although  they  do  warrant  assessment  on  a  case-by-case  basis. 

Service  experience,  including  some  of  the  above-mentioned  cases,  and  laboratory  testing  have  demonstrated 
that  hydrogen  pick-up  during  electroplating  of  high  strength  steels  is  the  main  source  or  risk  of  hydrogen 
embrittlement  in  aircraft  components  when  the  corrosion  protective  scheme  is  adequate.  However,  failures  of 
electroplated  high  strength  steel  components  need  not,  of  course,  be  due  to  hydrogen  embrittlement,  and  can 
occur  by  Stress  Corrosion  Cracking  (SCC),  fatigue  and  corrosion  fatigue,  and  combinations  of  these  and 
other  failure  modes. 
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20.2  BASIC  ASPECTS  OF  HE 

20.2.1  Types  of  HE 

There  are  five  main  types  of  HE  in  metallic  materials,  which  are  distinguished  either  according  to  the 
source  of  hydrogen  or  the  mechanism  of  damage: 

1)  Internal  (Reversible)  HE,  so  called  because  it  is  due  to  the  presence  of  solute  hydrogen  that  can  be 
removed  by  ‘baking’  at  low-to-intermediate  temperatures,  but  which  otherwise  diffuses  to  favoured 
sites  (see  Section  20.2.5)  where  weakening  of  interatomic  bonds  can  lead  to  crack  initiation  and 
growth. 

2)  Hydride-Induced  Embrittlement,  which  occurs  in  metals  such  as  titanium,  zirconium,  vanadium 
and  niobium,  owing  to  the  formation  and  fracture  of  brittle  hydrides  that  precipitate  when 
sufficiently  high  internal  concentrations  of  hydrogen  are  present.  Heat  treatment  can  dissolve  the 
hydrides  and  remove  the  resulting  solute  hydrogen. 

3)  Hydrogen  Environment  Embrittlement,  where  susceptible  materials  crack  in  the  presence  of 
external  gaseous  hydrogen  or  hydrogen  sulphide. 

4)  Internal  Irreversible  HE,  whereby  solute  hydrogen  is  present  in  such  high  concentrations  that 
hydrogen  gas  precipitates  at  voids  or  inclusion/matrix  interfaces.  The  resulting  high  gas  pressures 
cause  blistering  or  cracking. 

5)  Hydrogen  Attack  (or  Hydrogen-Reaction  Embrittlement),  whereby  cracking  or  blistering 
occurs  in  environments  containing  hot  hydrogen-bearing  gases.  The  hydrogen  diffuses  into  the 
metal  to  carbides  or  oxides  and  then  produces  high-pressure  methane  or  steam. 

The  only  type  of  major  interest  for  aircraft  components  is  Internal  (reversible)  HE  (IHE)  of  high  strength 
steels.  Hydride-induced  embrittlement  has  occasionally  been  observed  for  titanium  and  titanium  alloy 
components  as  has  IHE  of  specific  a  +  P  titanium  alloys,  but  since  these  instances  are  rather  rare  they  will 
not  be  further  addressed  here. 

We  note  here  that  Stress  Corrosion  Cracking  (SCC)  in  moist  air  or  aqueous  environments  is  treated  as  a 
separate  phenomenon,  although  in  many  materials,  including  high  strength  steels,  SCC  involves  hydrogen 
embrittlement  due  to  hydrogen  generated  at  crack  tips. 

20.2.2  Susceptibility  of  Materials  to  IHE 

Structural  materials  with  high  strength  are  the  most  sensitive  to  IHE.  The  following  lists  groups  of  common 
aerospace  materials  according  to  their  IHE  susceptibility: 

1)  High  and  ultrahigh  strength  martensitic  steels  with  yield  strengths  >1400  MPa  (Rockwell  C  hardness 
>38  HRC)  are  extremely  susceptible  to  IHE,  being  embrittled  by  solute  hydrogen  concentrations  as 
little  as  1  ppm.  Lower  strength  martensitic  and  ferritic  steels  are  less  susceptible  and  require  higher 
hydrogen  concentrations  for  embrittlement  to  occur.  For  martensitic  steels  there  is  a  “step  change”  to 
much  lower  susceptibilities  at  yield  strengths  below  about  1200  MPa  (37  HRC)  [2]. 

2)  Titanium  alloys  with  a  +  P  microstructures  are  susceptible  to  IHE  when  solute  hydrogen 
concentrations  are  >  100  -  200  ppm  (with  hydride  formation  not  necessarily  involved). 

3)  Nickel  alloys,  aluminium  alloys,  low  strength  ferritic  steels,  austenitic  steels,  and  copper  alloys, 
show  little  if  any  embrittlement  from  internal  hydrogen;  and  if  slight  embrittlement  does  occur  it 
is  not  of  practical  importance.  Note:  high  strength  nickel  alloys  are  very  susceptible  to  hydrogen 
environments  (hot  and/or  high  pressure  gas).  Such  environments  have  caused  problems  with 
rocket  motor  components. 
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20.2.3  Important  Variables  for  IHE 

Besides  steel  strength  and  hydrogen  content,  already  mentioned  in  Section  20.2.2,  other  important  variables 
are: 

1)  Applied  stress,  stress  gradients,  strain-rate,  stress  states  (plane  strain  or  plane  stress)  and  stress 
modes: 

•  High  triaxial  stresses,  which  occur  ahead  of  sharp  notches  under  plane  strain  mode  I  (tensile) 
loading,  are  especially  detrimental  when  the  loading  is  sustained  or  takes  place  under  slow- 
strain-rate  conditions,  see  Section  20.4. 

•  Tensile  residual  stresses,  e.g.,  produced  by  abusive  grinding,  would  obviously  also  be 
detrimental. 

2)  Temperature  -  maximum  embrittlement  usually  occurs  at  about  20QC  for  high  strength  steels. 
At  lower  temperatures  the  cracking  rates  are  reduced  by  lower  hydrogen  diffusion  rates,  while  at 
higher  temperatures  the  hydrogen  adsorption  kinetics  decrease. 

3)  Steel  composition  -  the  presence  of  large  inclusions  and  the  segregation  of  metalloid  impurities  to 
grain  boundaries  is  especially  detrimental. 

20.2.4  Sources  of  Internal  Hydrogen 

The  main  sources  of  solute  hydrogen  in  high  strength  steel  aircraft  components  are  the  finishing  or 
reconditioning  solutions  used  to  clean  and  apply  protective  coatings,  such  as: 

1)  Electroplating  solutions. 

2)  Pickling  solutions. 

3)  Phosphating  solutions. 

4)  Some  paint-stripping  solutions. 

5)  Cathodic  cleaning  solutions. 

Corrosion  of  sacrificial  coatings,  such  as  cadmium,  or  corrosion  pitting  during  service  can  also  generate 
hydrogen,  especially  if  the  coatings  are  porous. 

In  other  industries  hydrogen  can  be  introduced  by: 

1)  Welding  (or  melting/casting  the  original  material)  in  moist  atmospheres  or  with  moisture  in  rust, 
fluxes,  paints  or  hydrocarbon  contaminants. 

2)  Heat  treatment  in  hydrogen-bearing  atmospheres. 

3)  Cathodic  over-protection  using  anodes  or  impressed  current  devices  for  corrosion  protection. 

20.2.5  Sites  and  Traps  for  Hydrogen  in  Steels 

Solute  hydrogen  in  steels  occupies  and  diffuses  between  octahedral  interstitial  sites,  and  can  be  ‘trapped’ 
to  varying  degrees  at  other  sites,  viz: 

1)  Dislocation  cores  and  dislocation  strain  fields. 

2)  Prior  austenite  and  martensite-lath  boundaries. 

3)  Carbide-  and  inclusion-matrix  interfaces. 

4)  Internal  voids  and  vacancy  clusters. 

5)  Voids  at  interfaces  between  coatings  and  steel  surfaces. 
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Hydrogen  diffuses  to  and  concentrates  in  regions  of  high  triaxial  stress  because  crystal  lattice  and  hence 
interstitial  sites  are  slightly  expanded  by  such  stresses.  Prior  austenite  and  lath  boundaries  in  triaxially 
stressed  regions  are  favoured  crack  paths  since  they  are  planar  and  interconnected.  Cracking  usually  occurs 
preferentially  along  prior  austenite  grain  boundaries  because  they  are  weakened  by  metalloid  impurity 
segregation  in  addition  to  hydrogen. 

Figure  20-1  illustrates  a  number  of  sites  and  traps.  The  traps  do  not  bind  the  hydrogen  permanently, 
but  significantly  retard  its  diffusion,  notably  at  low  temperatures.  As  mentioned  in  Section  20.2.1,  solute 
hydrogen  can  be  removed  by  ‘baking’  at  low-to-intermediate  temperatures.  This  is  why  IHE  is  called 
reversible,  i.e.,  hydrogen  can  diffuse  both  into  and  out  of  the  steel. 


20.2.6  IHE  and  Hydrogen  Diffusivity 

Although  IHE  is  reversible,  hydrogen  diffusion  in  steel  is  very  variable.  Measurements  of  the  hydrogen 
diffusion  coefficient,  D,  in  steels  shows  that  it  depends  on  [3], [4]: 

1)  Strength  level  -  D  is  much  lower  in  high  strength  steel  than  in  annealed  steel. 

2)  Cold  work  -  can  cause  large  reductions  in  D  measured  during  outgassing. 

3)  Temperature  range  -  at  about  200°C  a  break  occurs  in  the  Arrhenius  plot  of  log  D  versus  the 
reciprocal  of  the  temperature,  1  IT,  separating  a  low  temperature  region  with  low  D  values  and  large 
activation  energy  from  a  high  temperature  region  with  high  D  values  and  small  activation  energy. 

4)  Hydrogen  diffusion  into  or  out  of  the  steel  -  D  tends  to  be  less  during  outward  diffusion. 

These  phenomena  are  attributed  to  the  varying  degrees  of  trapping  at  different  sites. 

20.2.7  Minimising  Hydrogen  Contents 

Hydrogen  pick-up  during  electroplating  can  be  minimised  by  using  special  conditions  and  solution 
formulations.  For  pickling  and  phosphate  coating,  inhibitors  and  depolarizers,  respectively,  can  be  added 


20-4 


RTO-AG-AVT -1 40 


NATO 

OTAN 


PREVENTION  OF  HYDROGEN  EMBRITTLEMENT  IN  HIGH  STRENGTH 
STEELS,  WITH  EMPHASIS  ON  RECONDITIONED  AIRCRAFT  COMPONENTS 


to  solutions  to  minimise  hydrogen  entry.  Selecting  a  solution  for  paint-stripping  should  ensure  that  the 
electrode  potential  of  the  steel  (or  steel-plating  combination)  in  the  solution  lies  in  the  6 water-stable’ 
region  of  the  Pourbaix  (E  -  pH)  diagram  (and  preferably  well  above  the  H20  +  e"  — >  Hads  +  OH-  line). 
This  will  minimise  or  prevent  hydrogen  ingress.  This  topic  is  of  major  importance  in  case  history  20.5.4, 
discussed  later  in  this  chapter. 

Even  when  hydrogen  pick-up  is  minimised  during  surface  finishing,  removing  hydrogen  that  has  diffused 
into  steels  by  subsequent  baking  at  low  temperatures  (<  205QC)  is  generally  specified.  Recommended 
baking  times  and  temperatures  depend  on  the  finishing  process  and,  for  electroplated  components,  also  on: 

1)  The  type,  thickness,  and  porosity  of  the  plate. 

2)  The  strength  of  the  steel. 

3)  Whether  components  are  sharply  notched  (or  threaded),  notably  bolts  and  other  fasteners. 

Examples  of  recommended  times  and  temperatures  are: 

1)  For  porous  cadmium-plated  high  strength  steels:  from  23  up  to  40  hours  at  190QC. 

2)  For  nickel-  and  chromium-plated  steels:  from  3  up  to  12  hours  at  190QC. 

3)  For  pickled  and  cathodically  cleaned  steels:  3  to  4  hours  at  175  -  205^2. 

Baking  specifications  also  indicate  that  it  should  be  done  as  soon  as  possible  after  plating  (typically  4  hours), 
since  excessive  delays  (>  16  hours)  between  plating  and  baking  can  cause  irreversible  embrittlement 
(cracking),  e.g.,  in  ultrahigh  strength  4340  steel  with  a  tensile  strength  range  of  260  -  280  ksi  (1790  - 
1930  MPa).  Note  also  that  baking  at  low  temperatures  can  remove  hydrogen  only  from  interstitial  sites  and 
weak  traps  such  as  dislocations  and  grain  boundaries.  Hydrogen  remaining  in  deep  trap  sites  such  as  voids  at 
inclusion-matrix  interfaces  and  between  steel  surfaces  and  plating,  see  Figure  20-1,  can  diffuse  into  the  steel 
when  sustained  tensile  stresses  are  applied,  thereby  causing  some  embrittlement. 

For  some  ultrahigh  strength  steel  aircraft  components  electroplating  is  replaced  by  vapour  deposition. 
The  coatings  are  applied  by  evaporation  of  the  coating  species  and  deposition  in  low  pressure  inert  gas, 
both  with  and  without  an  applied  potential.  The  coating  species  are  typically  cadmium  or  aluminium, 
and  in  both  cases  there  is  no  hydrogen  pick-up,  although  chemical  cleaning  procedures  used  prior  to  such 
processes  may  be  a  source  of  hydrogen  pick-up. 

20.2.8  Characteristics  of  IHE  Cracking 

As  already  mentioned,  IHE  cracks  usually  occur  along  prior  austenite  grain  boundaries  of  high  strength 
martensitic  steels.  This  is  evident  from  metallographic  cross-sections,  e.g.,  Figure  20-2. 
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Figure  20-2:  Characteristics  of  Internal  Hydrogen  Embrittlement  (IHE)  in  High  Strength  Steels  -  I. 

Figure  20-3  gives  examples  of  IHE  fracture  surfaces.  Using  stereobinoculars  (at  100  -  200  x)  the  fracture 
surfaces  generally  show  a  bright  faceted  appearance,  unless  corroded  after  fracture.  Scanning  Electron 
Microscope  (SEM)  fractography  shows  intergranular  facets  that  are  generally  smooth  except  for  isolated 
tear  ridges  and  dimples.  Some  transgranular  cracking  can  occur  and,  in  modem,  very  tough  ultrahigh 
strength  steels  with  low  metalloid  impurity  contents,  cracking  can  be  completely  transgranular  [5]. 
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prior 


Bright*,  faceted  fracture  surface  -  Intergranular  cracking  along 
(+  unless  corroded  after  fracture)  austenite  grain  boundaries 

Subsurface  initiation  site  (usually  not  detectable) 


Figure  20-3:  Characteristics  of  Internal  Hydrogen  Embrittlement  (IHE)  in  High  Strength  Steels  -  II. 


20.3  DISTINGUISHING  IHE  FROM  OTHER  INTERGRANULAR  FRACTURE 
MODES 

Other  fracture  modes  that  can  produce  cracking  along  prior  austenite  grain  boundaries  in  high  strength 
steels  include: 

1)  Overload  (fast)  fracture  in  temper-embrittled  steels. 

2)  Stress  Corrosion  Cracking  (SCC). 

3)  Corrosion  Fatigue  (CF). 

4)  Liquid-Metal  Embrittlement  (LME). 

5)  Solid-Metal  Induced  Embrittlement  (SMIE). 

6)  Quench  Cracking. 

Failures  can  sometimes  involve  several  of  these  fracture  modes,  e.g.,  sub-critical  cracking  by  intergranular 
IHE  followed  by  intergranular  overload  fracture.  Distinguishing  between  these  fracture  modes  can  be 
difficult,  but  some  guidelines  are: 

•  IHE  fractures  are  generally  bright  and  uncorroded,  as  mentioned  in  Section  20.2.8,  but  corrosion 
can  sometimes  occur  after  cracking.  For  completely  fractured  parts,  exposure  to  high  humidity  air 
or  aqueous  environments  can  cause  rusting  (reddish  hydrated  ferric  oxides).  If  components  are 
only  partly  cracked  by  IHE,  exposure  of  cracks  to  aqueous  environments  could  produce  black 
(magnetite)  oxide  films  on  crack  surfaces. 

•  SCC  and  CF  fractures  produced  in  aqueous  environments  are  usually  covered  by  black  oxide 
films  or  occasionally  show  interference  colours  (due  to  very  thin  oxide  films  produced  in  oxygen- 
depleted  solutions  within  cracks):  a  probable  CF  fracture  is  shown  in  case  history  20.5.3  later  in 
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this  chapter.  However,  SCC  of  ultrahigh  strength  steels  can  occur  in  moist  air  environments  and 
the  fracture  surfaces  may  be  bright  and  relatively  uncorroded,  closely  resembling  those  produced 
by  IHE. 

•  CF  sometimes  results  in  faint  progression  markings  or  striations  on  intergranular  facets,  but  corrosion 
products  may  often  obscure  these  details. 

•  SCC  and  CF  often  initiate  from  corrosion  pits,  whereas  IHE  initiates  just  beneath  surfaces. 
However,  IHE  initiation  in  high  strength  steels  may  be  so  close  to  the  surface  that  it  appears  to 
have  begun  there. 

•  LME  usually  results  in  thick  films  of  the  embrittling  metal  on  fracture  surfaces  and  within 
secondary  cracks.  These  films  are  readily  observed. 

•  SMIE  results  in  thin  films  of  the  embrittling  metal  on  fracture  surfaces,  but  these  films  may  not  be 
obvious. 

Examples  of  failures  by  these  various  modes,  and  more  detailed  discussion  distinguishing  between 
intergranular  fracture  modes  can  be  found  elsewhere  [6].  Be  that  as  it  may,  it  should  be  evident  from  the 
foregoing  discussion  that  much  care  and  expertise  are  required  when  interpreting  the  fractographic 
evidence  from  a  high  strength  steel  component  suspected  to  have  failed  by  IHE. 


20.4  TESTING  PROCEDURES  FOR  ASSESSING  THE  DEGREE  OF  IHE 

The  OEMs  usually  specify  that  each  batch  of  high  strength  steel  components  to  be  electroplated  (mainly 
by  cadmium)  be  accompanied  by  notched  tensile  specimens  of  the  same  material.  These  specimens  are 
subsequently  proof  tested  to  verify  that  the  components  have  been  correctly  processed.  However, 
successful  proof  testing  of  specimens  is  not  necessarily  a  guarantee  that  the  batch  of  components  has  not 
been  damaged  by  IHE,  see  Section  20.4.4. 

The  commonly  accepted  proof  testing  standard  for  IHE  is  ASTM  F  519-06  [7].  In  the  first  instance  this 
standard  is  intended  only  for  one  type  of  high  strength  steel,  see  Section  20.4.1.  There  is  also  an  ASTM 
standard  to  measure  the  threshold  stresses  and  stress  intensity  factors  for  IHE  in  any  high  strength  steel 
[8].  This  standard  is  more  of  an  R&D  tool,  though  it  could  be  used  for  proof  testing,  and  is  referred  to  in 
ASTM  F  519-06,  see  Section  20.4.1.  In  addition,  there  is  a  military  aircraft  proof  testing  standard, 
NASM1312-5  [9],  for  externally-threaded  fasteners  made  from  any  material,  see  Section  20.4.2. 

There  is  also  a  test  method  based  on  slow  Strain  Rate  Dynamic  Tensile  (SSRT)  testing  of  ASTM  F  519-06 
tensile-type  specimens.  This  test  method  is  discussed  in  Section  20.4.6,  and  has  shown  promise  as  a 
relatively  rapid  way  of  assessing  IHE.  Two  examples  of  the  use  of  SSRT  testing  are  given  in  case  histories 
20.5.5  and  20.5.6. 

20.4.1  ASTM  Standard  Test  Method  F  519-06 

This  test  method  has  been  developed  specifically  to  evaluate  plating  processes  and  service  environments1 
with  respect  to  their  potential  for  hydrogen  embrittlement  of  AISI  4340  steel  with  a  tensile  strength  range 
of  260  -  280  ksi  (1790  -  1930  MPa)  corresponding  to  Rockwell  C  hardnesses  of  51  -  53  HRC. 

20.4.1.1  Evaluating  Plating  Process  IHE 

Three  types  of  tests  are  specified  for  the  plated  and  baked  AISI  4340  steel: 


1  Defined  as  chemicals  that  contact  bare  or  plated/coated  steel  components  during  manufacturing,  overhaul  and  service  life. 
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1)  Sustained  Load  Tests  (SLT),  Notched  Specimens:  These  must  exceed  200  hours  at  a  sustained 
load  of  75%  of  the  notched  fracture  stress. 

2)  Sustained  Load  Tests  (SLT),  Smooth  Ring  Specimens:  These  must  exceed  200  hours  at  a  sustained 
load  of  92%  of  the  tensile  ultimate  strength. 

3)  Incremental  Step-Load  (ISL)  Tests:  An  accelerated  incrementally  increasing  step-load  test  may  be 
used  as  an  alternative  to  SLT,  if  approved  by  the  appropriate  engineering  authority,  see  Section 
20.4.5. 

20.4.1.2  Evaluating  Service  Environment  IHE 

These  tests  are  for  bare  or  plated/coated  AISI  4340  steel.  Different  types  of  tests  are  specified  for 
aggressive  chemicals  (e.g.,  temper  etchants)  or  passive  chemicals  (cleaners  and  paint  strippers): 

1)  Aggressive  Chemicals  -  Notched  and  smooth  specimens  are  immersed  at  45%  of  the  notched 
fracture  stress  for  the  exposure  time  of  the  relevant  service  specification.  Then  the  specimens  and 
test  fixtures  are  neutralized  per  the  relevant  service  specification,  rinsed  and  dried.  The  load  is 
then  increased  to  75%  of  the  notched  fracture  strength  for  notched  specimens  and  92%  of  the 
tensile  ultimate  strength  for  smooth  specimens.  The  environment  is  considered  non-embrittling  if 
no  failures  occur  within  200  hours. 

2)  Passive  Chemicals  -  Notched  specimens  are  immersed  at  45%  or  65%  of  the  notched  fracture 
stress,  depending  on  specimen  type,  for  150  hours.  Smooth  specimens  are  immersed  at  80%  of  the 
0.2%  yield  strength  for  150  hours.  A  passive  environment  is  considered  non-embrittling  if  no 
failures  occur  within  150  hours. 

20.4.2  National  Aerospace  Standard  NASM1312-5 

This  test  method  applies  to  all  types  of  externally  threaded  fasteners,  made  from  any  material,  and  which 
may  be  subject  to  any  type  of  embrittlement.  The  fasteners  to  be  tested  are  assembled  in  “test  units”, 
which  are  custom-made  fixtures.  Loading  may  be  applied  in  several  ways,  provided  that  the  induced  load 
on  the  fastener  is  75  -  80  %  of  the  minimum  ultimate  tensile  strength  [notched  fracture  stress]  of  the 
fastener.  The  loads  are  applied  at  room  temperature  and  maintained  for  the  time  specified  by  the 
procurement  document  or  product  specification. 

For  evaluating  IHE  of  high  strength  steels  the  test  duration  will  most  probably  be  200  hours,  as  per  ASTM 
F  519-06.  There  is  an  important  reason  for  this,  discussed  in  Section  20.4.3. 

20.4.3  Proof  Test  Duration:  The  “No  Failure  in  200  Hours”  Criterion 

For  verifying  correct  processing  to  avoid  IHE,  ASTM  Standard  F  519-06  specifies  that  high  strength  steel 
specimens  should  not  fail  within  200  hours  at  a  sustained  load  of  75%  of  the  notched  fracture  stress  after 
plating  and  baking  or  exposure  to  aggressive  service  environments.  The  “no  failure  in  200  hours”  criterion 
was  obtained  from  the  classic  work  of  Troiano  [10].  Figure  20-4  shows  Troiano’s  data  for  delayed  failure 
of  sharp-notched  specimens  of  high  strength  AISI  4340  steel  after  cadmium  plating  and  baking  for  various 
times.  There  are  two  main  points  to  note  here: 

1)  There  is  obviously  a  strong  effect  of  baking  time  on  the  plateau  failure  stress  level,  called  by 
Troiano  the  static  fatigue  limit. 

2)  75%  of  the  notched  fracture  stress  corresponds  to  an  applied  stress  of  225  ksi.  From  Figure  20-4 
and  the  shapes  of  the  delayed  failure  curves  it  may  be  deduced  that  unless  baking  has  been  done 
for  the  usual  standard  time  of  24  hours,  failure  at  this  stress  level  should  occur  well  within  200 
hours. 
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Figure  20-4:  Delayed  Failure  Curves  for  Cadmium-Plated  AISI  4340  Steel  Containing  Various 
Hydrogen  Concentrations  Corresponding  to  Different  Baking  Times  at  300°F  (149°C) 
(Notched  specimens  were  used  at  the  230  ksi  (1586  MPa)  tensile  strength  level  [10]). 


It  follows  that  whichever  testing  standard  is  used,  ASTM  F  519-06  or  NASM1312-5,  the  evaluation  of 
IHE  for  high  strength  steels  will  generally  require  specimens  to  survive  200  hours  of  sustained  loading  at  a 
minimum  of  75%  of  the  notched  fracture  stress.  The  testing  time  requirement  can  or  could  be  relaxed  to 
150  hours  for  specimens  immersed  in  passive  service  environments.  However,  see  conclusion  (2)  from  case 
history  20.5.4. 

20.4.4  Problems  Not  Covered  by  Proof  Testing 

As  noted  in  Section  20.2,  and  as  can  be  seen  from  Figure  20-4,  the  applied  stress  is  a  very  important 
consideration  when  assessing  the  probability  of  cracking  due  to  IHE.  This  is  also  true  of  residual  stresses. 
If  components  containing  high  residual  stresses  are  electroplated,  then  hydrogen  pick-up  may  cause  cracking 
almost  immediately.  Extensive  tensile  residual  stresses  can  result  in  complete  failure,  which  will  obviously 
be  noticed,  resulting  in  corrective  actions  for  similar  components. 

However,  if  tensile  residual  stresses  are  highly  localised,  e.g.,  due  to  local  manufacturing  errors  such  as 
abusive  grinding  and  machining  or  cold  forming  without  stress  relief,  then  only  local  IHE  cracking  may 
occur.  This  local  cracking  will  be  covered  by  the  plating,  and  although  subsequent  baking  may  prevent 
further  IHE,  the  cracks  may  lead  to  other  types  of  failure  in  service,  most  notably  fatigue  cracking. 
An  example  of  this  type  of  problem  is  given  in  case  history  20.5.2. 

Manufacturing  errors  that  result  in  local  residual  tensile  stresses  are  made  all  the  more  insidious  by  the 
inability  of  proof  test  specimens  plated  together  with  the  service  components  to  replicate  this  damage. 
Proof  test  specimens  will  typically  not  undergo  the  same  manufacturing  processes  as  service  components, 
or  may  be  made  in  batches  independent  of  them. 
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Some  of  the  above  points  may  be  equally  applicable  to  the  two  tests  described  in  the  following  sections 
(20.4.5  and  20.4.6). 

20.4.5  Incremental  Step  Load  (ISL)  Tests 

Incremental  Step  Load  (ISL)  testing  is  an  accelerated  test  method  designed  to  measure  the  IHE  threshold 
stress  within  one  week.  The  tests  are  standard  dynamic  tests  specified  in  ASTM  Standard  FI 624-06  [8]. 
This  standard  uses  fracture  mechanics  specimens  (similar  to  some  of  the  types  proposed  in  ASTM  F519- 
06)  loaded  either  in  tension  or  four-point  bending.  The  specimens  may  be  manufactured  from  various 
steels  being  assessed  for  IHE. 

The  recommended  loading  procedure  consists  of  15  steps  of  5%  notched  fracture  stress  per  hour  up  to 
75%  of  the  notched  fracture  stress,  and  then  steps  of  5%  notched  fracture  stress  per  2  hours  until  failure. 
The  threshold  stress  for  IHE  is  determined  by  monitoring  the  loads  during  the  hold  times  between  load 
increments:  if  the  applied  load  decreases  during  a  hold  period,  then  cracking  is  assumed  to  have  occurred, 
and  the  load  initially  applied  during  this  hold  period  is  assumed  to  correspond  to  the  threshold  stress. 

Notes: 

1)  Several  tests  are  required  to  establish  the  maximum  unembrittled  fracture  load  for  the  specimen 
geometry  being  ISL-tested. 

2)  Although  there  is  no  established  equivalence  between  the  ISL  and  SLT  test  methods,  it  is  assumed 
that  ISL-tested  specimens  that  sustain  90%  of  the  notched  fracture  stress  for  2  hours  can  be 
considered  unembrittled. 

Besides  the  above-recommended  loading  procedure,  ASTM  FI 624-06  suggests  a  number  of  alternative 
loading  protocols.  These  can  have  durations  varying  from  8  to  90  hours.  Furthermore,  the  ISL  test  method 
allows  flexibility  in: 

a)  Choosing  the  most  appropriate  number  of  steps  and  hold  times;  and 

b)  Deciding  what  is  a  sufficient  number  of  tests  to  determine  the  threshold  stress. 

The  very  flexibility  of  this  test  method  could  detract  from  confidence  in  using  it,  but  it  is  nevertheless 
capable  of  giving  excellent  results. 

20.4.6  Slow  Strain  Rate  Tensile  (SSRT)  Tests 

The  Slow  Strain  Rate  Tensile  (SSRT)  test  method  differs  from  ISL  testing  in  three  important  respects: 

1)  Loading  is  continuous. 

2)  Only  round  bar  notched  tensile  SAE  E4340  specimens  are  used.  These  are  similar  in  design  to 
those  in  ASTM  Standard  F5 19-06.  The  steel  is  heat-treated  to  the  260  -  280  ksi  level  (1790  - 
1930  MPa). 

3)  The  cross-head  displacement  rate  is  much  less  than  that  during  step  loading  in  ISL  tests.  The  very 
low  displacement  rate  allows  sufficient  time  for  the  continuous  migration  of  absorbed  atomic 
hydrogen  to  the  triaxial  stress  field  ahead  of  the  notch,  rather  than  only  during  the  hold  times  in 
ISL  tests. 


Figure  20-5  shows  some  SSRT  test  rigs  and  the  specimen  configuration.  The  SSRT  tests  are  carried  out  to 
failure  of  the  specimens  and  provide  the  notched  tensile  strengths  or  fracture  stresses.  These  data  are  then 
compared  with  those  of  identical  specimens  known  to  be  unembrittled.  In  addition,  SEM  fractography 
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may  be  used  to  detect  any  brittle  fractures  characteristic  of  IHE.  This  test  method  was  initially  developed 
by  Pollock  [11].  He  found  that  at  cross-head  displacement  rates  less  than  2  x  10'4  mm/s  the  effect  of  IHE 
could  be  repeatedly  and  accurately  measured  and  observed  [1 1],[12]. 


Figure  20-5:  Slow  Strain  Rate  Tensile  (SSRT)  Test  Rigs  and  Example  Test  Specimen. 


Reductions  in  the  SSRT  fracture  stress  are  considered  to  be  quantitative  measures  of  the  degree  of  IHE. 
The  SAE  E4340  steel  specimens  show  a  reduction  in  notched  fracture  stress  for  even  the  slightest  amount 
of  IHE.  Furthermore,  an  SSRT  test  can  take  only  about  24  hours,  not  as  quick  as  some  ISL  tests,  but  still 
much  shorter  than  the  200  hour  SLT  tests. 

Correlation  between  SSRT  and  SLT  data  has  been  determined  [13].  This  was  done  by  cadmium 
electroplating  notched  tensile  specimens  of  SAE  E4340  steel  in  an  embrittling  solution,  followed  by 
baking  groups  of  specimens  for  differing  times  (0-13  hours)  at  50°C.  (Thirteen  hours  baking  was  known 
to  be  sufficient  to  eliminate  IHE.)  Figure  20-6  compares  the  SSRT  and  SLT  data.  It  is  seen  that  the  baking 
time  for  the  200  hour  pass  in  an  SLT  corresponds  to  a  notched  fracture  stress  of  about  1900  MPa  for  the 
SSRT  tests. 
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Figure  20-6:  Comparison  of  SSRT  and  Sustained  Load  Test  (SLT)  Notched  Fracture  Stress  Data 
for  SAE  E4340  Steel  Specimens  Cadmium  Plated  and  Baked  at  50°C  for  0  -  13  Hours  [13]. 

As  a  result  of  these  tests,  and  taking  into  account  the  SLT  acceptance  criterion  of  75%  of  the  notched 
fracture  stress  in  ASTM  F5 19-06  and  previous  work  by  Pollock  [1 1],  an  acceptance  criterion  of  1840  MPa 
for  the  SSRT  notched  fracture  stress  was  proposed  [13]. 

20.5  CASE  HISTORIES:  RECONDITIONED  COMPONENTS 

The  following  case  histories  have  been  selected  as  particularly  illustrative.  Case  histories  20.5.1  and  20.5.2 
identify  IHE  as  the  cause  of  cracking,  but  for  different  reasons.  Case  history  20.5.3  describes  cracking 
initially  suspected  to  be  IHE,  but  was  probably  corrosion  fatigue;  and  case  histories  20.5.4  and  20.5.5 
concern  a  perceived  risk  of  IHE.  Finally,  “case  history”  20.5.6  describes  the  development  of  an 
electroplating  method  that  may  be  used  in  situ  on  IHE-susceptible  steel  and  without  a  baking  treatment. 

Inclusion  of  case  histories  20.5.3,  20.5.4  and  20.5.5  shows  how  the  possibility  of  IHE  can  cause  unfounded 
and  drastic  reactions  that  result  in  the  wrong  actions  being  taken.  Such  reactions,  especially  from  OEMs, 
are  understandable  because  IHE  has  resulted  in  catastrophic  failures.  On  the  other  hand,  improved 
knowledge  about  why  IHE  occurs,  and  why  it  may  not  -  or  will  not  -  occur,  should  allow  the  most 
appropriate  actions  to  be  taken  for  continued  operation  of  an  aircraft  fleet.  Case  history  20.5.6  illustrates  this 
point  very  well. 

20.5.1  Propeller  Blade  Retaining  Bolts 

20.5.1.1  Introduction 

During  the  stripping  of  a  turboprop  propeller  assembly  at  an  overhaul  facility,  one  of  the  four  blade- 
retaining  bolts  was  found  to  be  severely  cracked.  Checks  and  information  provided  by  the  overhaul 
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contractor  showed  that  this  bolt  was  one  of  a  batch  of  eight  that  had  been  previously  overhauled  at  the 
same  time.  All  eight  bolts,  one  cracked  and  seven  uncracked,  were  investigated  at  the  Defence  Science  and 
Technology  Organisation2  in  Melbourne,  Australia.  This  investigation  [14]  comprised  the  following  steps: 

1)  Optical  examination  for  corrosion  and  mechanical  damage. 

2)  Optical  and  Scanning  Electron  Microscope  (SEM)  fractography  of  the  cracked  bolt. 

3)  Microstructure,  hardness  and  chemical  composition  of  the  bolt  material. 

4)  Auger  Electron  Spectroscopy  (AES)  of  a  fresh  fracture  surface  from  a  test  specimen. 

5)  Slow  Strain  Rate  Tensile  (SSRT)  tests  and  subsequent  hydrogen  analysis. 

The  bolts  were  specified  to  have  been  made  from  S99  low  alloy  steel  heat-treated  to  a  tensile  strength  of 
about  1380  MPa. 

20.5.1.2  Investigation 

20.5.1.2.1  Optical  Examination  for  Corrosion  and  Mechanical  Damage 

All  eight  bolts  had  been  bright-cadmium  electroplated.  There  was  some  service-induced  tarnishing  of  the 
cadmium  layer,  light  mechanical  damage  to  the  contact  areas  in  the  threads,  and  rubbing  damage  to  the 
bearing  areas  under  the  bolt  heads.  None  of  the  mechanically  damaged  areas  was  devoid  of  cadmium, 
and  consequently  there  was  no  corrosion  of  the  steel  in  these  areas. 

20.5.1.2.2  Optical  and  SEM  Fractography  of  the  Cracked  Bolt 

Figure  20-7  shows  the  extent  of  cracking  of  the  bolt.  The  crack  was  broken  open  and  the  fracture  surfaces 
were  examined. 


Figure  20-7:  Case  History  20.5.1  -  The  Cracked  Blade-Retaining 
Bolt  (the  arrows  point  to  the  crack). 


2 

Formerly  the  Aeronautical  Research  Laboratory  (ARL). 
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Figure  20-8  shows  the  main  part  of  the  broken-open  bolt.  The  main  crack  (A)  initiated  at  O,  and  the  two 
adjacent  cracks  (B  and  C)  initiated  at  points  P  and  Q,  respectively.  Note  the  two  progression  marks 
(arrowed)  on  the  fracture  surface  of  crack  A.  These  marks  are  due  to  locally  higher  roughness,  and  may 
signify  peak  loads  that  occurred  during  service. 


Figure  20-8:  Case  History  20.5.1  -  Fracture  Surface  of  the  Blade-Retaining  Bolt  (the  main 
crack  (A)  initiated  at  O,  and  the  two  adjacent  cracks  (B  and  C)  initiated  at  points 
P  and  Q,  respectively  -  note  the  two  progression  marks  (arrowed)). 


Optical  examination  showed  that  the  three  crack  initiation  sites  O,  P  and  Q  had  their  origins  at  small  pits  near 
the  radius  run-out  under  the  bolt  head.  The  pits  were  surrounded  by  semi-circular  regions  having  a  black- 
brown  colour.  Apart  from  these  regions,  whose  greatest  depth  was  about  250  pm,  most  of  the  fracture 
surface  was  clean. 

SEM  fractography  showed  mainly  clean  intergranular  fracture  typical  of  IHE,  e.g.,  Figure  20-9.  However, 
examination  of  crack  initiation  site  O  showed  not  just  the  pit  at  the  origin,  Figure  20-10,  but  also  deposits  on 
intergranular  fracture  in  the  semi-circular  region  surrounding  the  pit,  see  Figure  20-11.  Energy  Dispersive 
Analysis  of  X-rays  (ED AX)  indicated  that  these  deposits  were  rich  in  cadmium.  Intergranular  fractures 
similarly  contaminated  with  cadmium  were  present  in  the  semi-circular  regions  surrounding  the  pits  at  the 
crack  initiation  sites  P  and  Q.  This  cadmium  contamination  suggests  that  all  three  semi-circular  regions  had 
been  present  before  the  last  plating  operation,  most  probably  owing  to  IHE  from  the  previous  plating 
operation. 
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Figure  20-9:  Case  History  20.5.1  -  Example  of  Clean  Intergranular  Fracture. 


Figure  20-10:  Case  History  20.5.1  -  Overview  of  Initiation  Site  O  (the  arrow  points 
to  the  pit  at  the  origin  -  the  framed  area  is  shown  in  more  detail  in  Figure  20-11). 
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Figure  20-11:  Case  History  20.5.1  -  Detail  from  Figure  20-10  Showing  Deposits  on  the 
Intergranular  Fracture  (EDAX  indicated  that  these  deposits  were  cadmium-rich). 


20.5.1.2.3  Microstructure,  Hardness  and  Chemical  Composition 

Metallography  showed  that  the  cracked  bolt  had  a  tempered  martensite  structure,  Figure  20-12,  and  that 
cracking  occurred  along  prior  austenite  grain  boundaries.  There  was  slight  banding  (alloy  segregation) 
containing  small  non-metallic  inclusions.  Rockwell  C  hardness  tests  on  sections  from  the  cracked  bolt  and 
three  others  from  the  same  propeller  assembly  gave  very  consistent  results  of  42  -  45  HRC. 
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Figure  20-12:  Case  History  20.5.1  -  Nital-Etched  Metallographic  Section  Through 
Crack  A  (see  Figure  20-8),  Showing  Tempered  Martensite  and  the 
Intergranular  Crack  Path,  Including  Crack  Branching. 


Chemical  analysis  of  the  cracked  bolt  and  another  from  the  same  propeller  assembly  gave  the  results  in 
Table  20-1.  Both  bolts  met  the  specified  composition. 


Table  20-1:  Bolt  Elemental  Compositions  in  wt.  %. 


Element 

c 

Ni 

Cr 

Mn 

Mo 

s 

p 

Specification 

0.36-0.44 

2.3 -2.8 

OC 

© 

1 

© 

© 

1 

© 

0.45-0.75 

0.02  max 

0.02  max 

Cracked  Bolt 

0.4 

2.55 

0.76 

0.59 

0.49 

0.02 

0.02 

Intact  Bolt 

0.4 

2.55 

0.70 

0.60 

0.44 

0.01 

0.02 

20.5.1.2.4  AES  Grain  Boundary  Analysis 

A  test  specimen  from  the  cracked  bolt  was  cathodically  charged  with  hydrogen  to  ensure  intergranular 
fracture  in  the  Auger  high-vacuum  chamber.  The  AES  results  indicated  that  the  grain  boundaries  were 
enriched  in  nickel  (3.6  -  5  %),  chromium  (1.4  -  3.8  %),  molybdenum  (1.6  -  4.2  %)  and  especially 
phosphorus  (2.5  -  8  %):  compare  with  Table  20-1. 

20.5.1.2.5  SSRT  Tests  and  Subsequent  Hydrogen  Analysis 

Notched  tensile  specimens  with  a  stress  concentration  Kt  =  3.1  were  prepared  from  the  cracked  bolt  and 
baked  in  vacuo  at  200°C  for  24  hours  to  remove  any  diffusible  hydrogen.  One  specimen  was  left  in  this 
condition;  two  were  bright-cadmium  plated  followed  by  either  no  baking  or  baking  at  190°C  for  23  hours; 
and  the  remainder  were  cathodically  charged  with  hydrogen,  bright-cadmium  plated,  and  baked  at  140°C 
for  times  ranging  from  3  minutes  to  20  hours. 
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The  specimens  were  tested  to  failure  at  a  cross-head  displacement  rate  of  2.1  x  10'4  mm/s.  After  fracture 
they  were  immediately  stored  in  liquid  nitrogen  to  await  hydrogen  analysis  in  vacuo  at  600°C.  The  results 
of  the  tests  and  analyses  are  shown  in  Figure  20-13.  There  are  several  observations  to  be  made: 

1)  After  baking  to  remove  any  diffusible  hydrogen,  the  as-received  specimen  contained  about  0.8  ppm 
of  trapped  hydrogen  (this  trapped  hydrogen  was  removed  by  hydrogen  analysis  in  vacuo  at 
600°C).  The  fracture  stress  of  this  specimen  was  1985  MPa,  and  is  a  reference  for  the  degree  of 
embrittlement  of  the  other  specimens. 

2)  Baking  had  a  beneficial  effect  on  the  fracture  stress  of  cadmium  plated  specimens,  and  there  was  a 
concomitant  decrease  in  hydrogen  content  from  2.3  ppm  to  1.3  ppm. 

3)  Baking  times  longer  than  30  minutes  removed  substantial  embrittlement  due  to  hydrogen  charging 
followed  by  cadmium  plating. 
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Figure  20-13:  Case  History  20.5.1  -  Results  of  the  Notched  Tensile  Tests  and  Hydrogen  Analysis. 


20.5.1.3  Conclusions 

1)  The  microstructure,  hardness  and  chemical  composition  results  indicate  that  the  cracked  bolt  was 
made,  as  specified,  from  S99  low  alloy  steel  heat-treated  to  a  tensile  strength  of  about  1380  MPa. 
At  this  strength  level  such  steels  are  known  to  be  susceptible  to  hydrogen  embrittlement. 
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2)  During  final  processing  (heat  treatment)  of  the  bolt  there  was  significant  segregation  of  phosphorus  to 
prior  austenite  grain  boundaries  (2.5  -  8  %)  compared  to  0.02%  in  the  bulk  material.  The  phosphorus 
segregation  would  have  made  the  bolt  more  susceptible  to  hydrogen  embrittlement  for  a  given  strength 
level  and  (diffusible)  hydrogen  content. 

3)  At  some  time  in  the  bolt’s  life  it  sustained  local  damage  due  to  pitting  corrosion. 

4)  Before  the  previous  overhaul,  small  semi-circular  regions  of  intergranular  fracture  spread  from  the 
three  corrosion  pits  near  the  radius  run-out  under  the  bolt  head.  These  intergranular  fractures  were 
most  probably  due  to  IHE  from  the  previous  plating  operation. 

5)  During  the  previous  overhaul  the  bolt  underwent  bright-cadmium  electroplating,  thereby  absorbing 
hydrogen  that  was  not  entirely  removed  by  baking,  possibly  because  the  baking  process  was 
inadequate.  The  electroplating  also  resulted  in  cadmium  deposition  on  the  small  semi-circular  regions 
of  intergranular  fracture. 

6)  After  the  bolt  was  fitted  into  the  propeller  assembly,  clean  intergranular  fracture  typical  of  IHE  spread 
from  the  cadmium-contaminated  small  semi-circular  regions  of  intergranular  fracture. 

7)  By  the  time  of  the  last  overhaul  the  IHE  cracking  was  extensive,  resulting  in  its  detection  during 
stripping  of  the  propeller  assembly. 


20.5.1.4  Remedial  Actions 

The  initial  remedial  action  was  to  recover  the  remaining  batch  of  bolts,  since  replacement  bolts  were  not 
immediately  available.  This  recovery  required  stripping  the  cadmium  and  inspecting  the  radius  regions  of  the 
bolts  for  pits  and  cracks  using  a  high  resolution  magnetic  particle  method  of  Non-Destructive  Inspection 
(NDI).  If  no  pits  or  cracks  were  detected  the  bolts  were  re-plated,  baked  for  an  appropriate  time  (which  was 
increased  over  the  original  baking  time)  and  re-issued  for  service. 

In  parallel  with  this  recovery  procedure,  the  static  and  fatigue  implications  of  cracks  being  present  just 
below  the  NDI  limit  were  assessed.  It  was  concluded  that  such  cracks  would  be  very  unlikely  to  cause 
failure  before  the  next  overhaul. 

Since  some  doubt  remained  about  the  other  bolts  in  the  fleet,  it  was  decided  to  inspect  them  with  the  same 
NDI  method  during  their  next  overhaul;  and  as  a  further  precaution,  this  next  overhaul  period  was  reduced 
to  the  minimum  allowable  by  the  fleet  commitments. 

20.5.2  Main  Undercarriage  Half-Fork  Assemblies 
20.5.2.1  Introduction 

Following  an  incident  involving  a  tactical  aircraft  main  undercarriage  half-fork  assembly,  an  operator  was 
advised  to  inspect  the  fleet  for  certain  types  of  cracking  in  the  hard-chromium  electroplated  sections  of  the 
assemblies.  Numerous  assemblies  were  found  to  be  cracked  in  a  potentially  serious  manner.  Destructive 
examination  of  one  of  the  “worst”  cases  showed  that  cracking  had  penetrated  beyond  the  chromium  plate 
and  into  the  steel  substrate.  At  this  point  the  operator  requested  the  DSTO  to  investigate  another  “worst” 
case.  This  investigation  [15]  comprised  the  following  steps: 

•  Dye  penetrant  NDI  of  the  as-received  assembly. 

•  Chemical  stripping  of  most  of  the  chromium  plate,  dye  penetrant  NDI  and  etching  of  selected 
areas  of  the  steel  that  had  been  below  the  chromium  plated  section. 

•  Metallographic  cross-sections  of  non-stripped  areas. 

•  Fractography  of  broken-open  cracks. 
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The  assembly  is  shown  in  Figure  20-14.  It  was  made  from  35NCD16  low  alloy  steel  heat-treated  to  a 
Rockwell  hardness  of  51  HRC,  corresponding  to  a  tensile  strength  of  about  1793  MPa.  The  nominal 
chemical  composition  in  wt.  %  is:  0.4  C,  4.0  Ni,  1.8  Cr,  0.45  Mn,  0.45  Mo,  0.03  V,  0.3  Si. 


Figure  20-14:  Case  History  20.5.2  -  Main  Undercarriage  Half-Fork  Assembly  Sent 
for  Examination  (the  arrow  points  to  the  chromium  plated  cylindrical  section). 


20.5.2.2  Investigation 

20.5.2.2. 1  Dye  Penetrant  NDI  of  the  As-Received  Assembly 

The  arrowed  cylindrical  section  in  Figure  20-14  had  been  hard-chromium  plated.  Dye  penetrant  showed 
helically  banded  cracking  at  the  lower  and  upper  ends  of  the  section,  e.g.,  Figure  20-15. 
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Figure  20-15:  Case  History  20.5.2  -  Example  of  Helically  Banded  Cracking 
in  the  Hard-Chromium  Plate  (see  Figure  20-14  for  the  location). 


20.5.2.2.2  Chemical  Stripping,  Dye  Penetrant  NDI  and  Etching 

The  chromium  plating  was  removed  from  selected  areas  of  the  cylindrical  section  by  chemical  dissolution 
in  sodium  hydroxide  solution.  Dye  penetrant  NDI  of  the  stripped  areas  revealed  the  same  pattern  of 
helically  banded  cracking  in  the  steel.  Since  this  form  of  banding  is  characteristic  of  grinding  damage, 
the  steel  surface  was  etched  with  nital.  Helical  dark  etching  bands  confirmed  the  presence  of  grinding 
damage,  see  Figure  20-16.  Discussions  with  the  OEM  suggested  that  this  damage  had  occurred  during 
overhaul  of  several  batches  of  the  half  fork  assemblies,  owing  to  grinding  conditions  beyond  the  specified 
limits,  i.e.,  abusive  grinding. 
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Figure  20-16:  Case  History  20.5.2  -  Helical  Dark  Etching  Bands  Indicating  Grinding  Damage 
of  the  Steel  Surface  of  the  Lower  Part  of  the  Cylindrical  Section  (note  the 
irregular  areas  with  retained  hard-chromium  plate). 


20.5.2.2.3  Metallography 

Several  cross-sections  were  made  of  the  grinding  damage  in  non-stripped  areas.  Figure  20-17  gives  an 
example  close  to  the  lower  end  of  the  cylindrical  section.  There  were  numerous  intergranular  cracks  in  the 
steel,  penetrating  along  prior  austenite  grain  boundaries  to  a  depth  of  about  130  pm.  Most  of  these  cracks 
were  associated  with  cracking  in  the  overlying  chromium  plate,  as  in  Figure  20-17,  but  some  were  not. 
This  suggests  that  initiation  of  (some)  cracks  in  the  steel  may  have  preceded  cracking  of  the  chromium 
plate.  Be  that  as  it  may,  the  initially  intergranular  nature  of  the  steel  cracks  indicates  that  they  were  due  to 
IHE.  In  turn,  high  tensile  stresses  introduced  by  abusive  grinding  could  have  caused  IHE,  and  this  may 
well  have  been  exacerbated  by  hydrogen  pick-up  during  electroplating. 


Figure  20-17:  Case  History  20.5.2  -  Typical  Cross-Section  Through  a  Non-Stripped 
Area  Containing  Grinding  Damage  (the  arrows  point  to  transgranular 
fatigue  cracks  growing  from  intergranular  crack). 


The  arrows  in  Figure  20-17  point  to  transgranular  cracks  growing  into  the  steel  from  the  intergranular 
cracks.  These  transgranular  cracks  were  found  only  near  the  lower  end  of  the  cylindrical  section,  where 
the  service  stresses  would  have  been  highest.  From  their  transgranular  nature  and  location  it  seems  most 
likely  that  these  were  fatigue  cracks. 
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20. 5. 2. 2. 4  Fractography 

The  area  containing  suspected  fatigue  cracks  was  broken  open.  SEM  fractography  confirmed  that  fatigue 
cracks  were  growing  from  the  intergranular  cracks.  An  example  is  shown  in  Figure  20-18,  which  indicates 
the  three  successive  regions  of  intergranular  cracking,  transgranular  fatigue  cracking,  and  overload 
fracture.  More  detailed  observations  were  hindered  by  extensive  pitting  corrosion  on  the  intergranular  and 
fatigue  fracture  surfaces. 


j  200  pm 


Figure  20-18:  Case  History  20.5.2  -  A  Broken-Open  Crack  Showing  Intergranular 
Fracture  Followed  by  Transgranular  Fatigue  Fracture  and  Overload  Fracture. 


20.5.2.3  Conclusions 

Investigation  of  a  main  undercarriage  half-fork  assembly  made  from  35NCD16  low  alloy  steel  heat-treated 
to  51  HRC  lead  to  the  following  main  conclusions: 

1)  The  hard-chromium  electroplating  on  the  cylindrical  section  of  the  assembly  showed  helically 
banded  cracking  at  the  lower  and  upper  ends  of  the  section.  The  same  crack  pattern  was  present  in 
the  underlying  steel. 

2)  The  crack  pattern  in  the  steel  suggests  grinding  damage.  This  was  confirmed  by  etching  the  steel 
surface. 

3)  The  initially  intergranular  nature  of  the  steel  cracks  suggests  that  they  were  the  result  of  IHE  owing 
to  high  tensile  stresses  introduced  by  abusive  grinding  and  hydrogen  pick-up  during  electroplating. 


20.5.2.4  Remedial  Actions 

Since  the  aircraft  fleet  to  which  the  undercarriage  half-fork  assemblies  belonged  was  very  near  retirement, 
and  the  lead  time  for  replacements  was  likely  to  be  longer  than  the  remaining  life  required,  it  was  decided 
to  tolerate  a  particular  level  of  cracking  based  on  the  results  of  the  above  investigation  and  re-inspection 
that  was  done  at  the  DSTO  and  used  the  same  dye  penetrant  NDI. 

Half-fork  assemblies  that  on  inspection  revealed  extensive  linked-up  cracking,  suggestive  of  fatigue,  at  the 
more  highly  stressed  lower  end  of  the  cylindrical  section  were  replaced  with  components  held  in  stock. 
Assemblies  with  less  severe  cracking  away  from  the  lower  end  of  the  cylindrical  section  were  allowed  to 
remain  in  service.  These  mildly  cracked  assemblies  were  re-inspected  at  intervals  conservatively  based  on 
the  known  time  during  which  fatigue  cracks  developed  in  the  investigated  half-fork  assembly. 
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20.5.3  Flap  Carriage  Assembly 

The  inboard  carriage  assembly  from  a  transport  aircraft  flap  fractured  at  the  transition  radius  between 
the  spindle  and  fork,  see  Figure  20-20  and  Figure  20-21.  The  operator  carried  out  a  failure  investigation, 
which  is  described  in  Section  20.5.3.1.  The  National  Aerospace  Laboratory  (NLR)  in  Emmeloord, 
Netherlands,  was  requested  to  review  the  investigation  and  provide  comments.  The  NLR’s  contribution  is 
given  in  Section  20.5.3.2.  The  remedial  actions  and  final  conclusions  are  presented  in  Section  20.5.3.3. 


20.5.3.1  Failure  Investigation  by  the  Operator 

The  broken  carriage  assembly  was  made  from  AISI  4330  M  low  alloy  steel  heat-treated  to  a  Rockwell 
hardness  of  53  HRC,  corresponding  to  a  tensile  strength  in  the  range  1860  -  2060  MPa.  About  3  years 
before  failure  the  spindle  had  undergone  repair  involving  corrosion  removal  and  nickel  electroplating. 

The  failure  investigation  comprised  the  following  steps: 

•  Visual  examination  and  description. 

•  Optical  fractography. 

•  Metallographic  cross-sections. 

•  Review  of  the  repair  history. 

•  Conclusions. 

20. 5. 3. 1.1  Visual  Examination  and  Description 

Figure  20-19  shows  the  broken  carriage  assembly  in  situ ,  and  Figure  20-20  gives  views  of  the  mating 
fracture  surfaces  spindle-side  and  fork-side.  Discoloured  semi-elliptical  crack  initiation  regions  are  visible 
in  both  figures.  The  entire  fracture  surface  of  the  spindle  is  also  discoloured,  but  less  so. 
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Figure  20-19:  Case  History  20.5.3  -  Broken  Inboard  Carriage 
Assembly  In  Situ  (arrows  point  to  the  fracture  surfaces). 
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ORGANIZATION 


5  cm 

I - 1 

Figure  20-20:  Case  History  20.5.3  -  Overview  of  the  Fractured  Spindle  and  Fork  Assembly. 

20.5.3. 1.2  Optical  Fractography 

Figure  20-21  and  Figure  20-22  show  the  fracture  surfaces  in  more  detail.  There  are  several  points  to  note: 
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1)  Both  crack  initiation  regions  had  discolorations  grading  from  black  to  light  brown.  The  spindle- 
side  fracture  surface  was  also  discoloured  by  post- failure  rust  spots. 

2)  The  spindle-side  steel  surface  was  covered  by  two  nickel  plating  layers,  see  Figure  20-21. 

3)  Side  surface  corrosion  was  present  just  below  the  fork-side  fracture  surface,  see  Figure  20-22. 
This  corrosion  is  seen  in  more  detail  in  Figure  20-23,  which  also  shows  a  thin  remnant  of  nickel 
plating  and  tool  marks  owing  to  grinding  away  excess  nickel  plate. 
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ORGANIZATION 


$$Sp11 


bearing 
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detail  see  below 


first  nickel  layer 
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(bearing  removed) 


Figure  20-21:  Case  History  20.5.3  -  Spindle-Side  Fracture  Surface. 
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Figure  20-22:  Case  History  20.5.3  -  Fork-Side  Fracture  Surface. 
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Figure  20-23:  Case  History  20.5.3  -  Side  Surface  Around  Fork-Side  Crack  Initiation  Region. 

From  fracture  surface  observations  using  a  stereobinocular  at  magnifications  up  to  80 x  the  operator 
concluded  that  the  semi-elliptical  crack  initiation  region  was  the  result  of  brittle  intergranular  fracture. 

20.5.3.1.3  Metallography 

Polished  and  etched  cross-sections  were  made  through  the  crack  initiation  regions.  Figure  20-24  and 
Figure  20-25  show  photomontages  of  the  spindle-side  and  fork-side  cross-sections.  These  figures  present 
much  detail,  interpreted  as  follows: 

1)  Spindle-Side  Cross-Section ,  Figure  20-24.  The  nickel  plating  was  applied  in  two  layers.  The  first 
layer  was  machined  and  blended,  i.e.,  plating  nodules  were  removed,  before  applying  the  second 
layer.  The  second  layer  was  also  machined,  but  the  overhanging  nodules  were  not  removed.  A  thin 
layer  of  cadmium  electroplate  (not  visible  in  Figure  20-24)  was  applied  on  top  of  the  nickel  plate. 

A  detail  of  the  cross-section,  including  the  crack  initiation  region,  shows  a  crack  in  the  nickel 
plating,  corrosion  products  filling  this  crack,  and  a  small  secondary  crack  growing  from  a  corrosion 
pit. 

2)  Fork-Side  Cross-Section,  Figure  20-25.  The  radius  area  was  unprotected  by  electroplating  and 
paint,  and  had  undergone  corrosion  (also  visible  in  Figure  20-23).  Thin  white-etching  layers  at  the 
steel  surface  indicate  untempered  martensite  caused  by  grinding. 

A  detail  of  the  cross-section,  including  the  fracture  initiation  region,  shows  remnants  of  nickel 
plating  and  a  small  secondary  crack  growing  from  a  corrosion  pit. 
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Figure  20-24:  Case  History  20.5.3  -  Metallographic  Cross-Section  Through  the  Spindle-Side 
Crack  Initiation  Region  (Note:  Surface  A  matches  surface  B  in  Figure  20-25). 
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m—  fracture  surface 

nickel  plating  transferred  to  fracture 
surface  during  failure 


\  paint  (primer 
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This  section  passes  the  initiation  site  (fork-side). 

The  entire  radius  area  is  unprotected  (no  cadmium,  no  paint).  This 
resulted  in  corrosion  attack. 

Mechanical  rework  caused  some  untempered  martensite. 


Figure  20-25:  Case  History  20.5.3  -  Metallographic  Cross-Section  Through  the  Fork-Side 
Crack  Initiation  Region  (Note:  Surface  B  matches  surface  A  in  Figure  20-24). 
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Figure  20-26  summarises  the  metallographic  observations  in  a  detailed  sketch  that  schematically  rejoins 
the  fracture  surfaces.  This  sketch  clearly  shows  the  extent  of  the  unprotected,  and  hence  corroded, 
steel  surface. 


not  removed 


this  area  was  re-drawn, 
with  the  fracture  gap  closed 


Figure  20-26:  Case  History  20.5.3  -  Summary  of  the  Metallographic  Observation. 


20.5.3. 1.4  Review  of  the  Repair  History 

The  repair  history  will  be  reviewed  with  the  aid  of  Figure  20-26.  Initially,  corrosion  removal  required 
machining  the  spindle  to  below  the  minimum  repair  diameter.  However,  the  OEM  issued  a  directive  to 
allow  repair  by  nickel  plating  and  installing  a  sleeve.  The  actual  repair  was  done  solely  with  nickel  plating. 
The  nickel  plating  was  applied  in  two  layers,  each  followed  by  baking  for  23  hours.  The  first  nickel  layer 
was  machined  and  blended,  removing  nickel  nodules  in  the  radius  area.  This  resulted  in  damage  to  the 
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steel  surface  (tool  marks,  see  Figure  20-22,  and  untempered  martensite,  see  Figure  20-25).  The  second 
nickel  layer  was  also  machined,  but  the  overhanging  nodules  in  the  radius  area  were  not  removed. 

Finally,  the  entire  assembly  was  cadmium  electroplated  and  painted. 

20.5.3.1.5  Conclusions 

The  operator  attributed  failure  of  the  carriage  assembly  to  poor  repair  procedures: 

1)  The  nickel  plating  thickness  was  excessive:  up  to  2.33  mm  instead  of  the  maximum  allowable 
thickness  of  1.5  mm.  Because  of  this,  baking  for  23  hours  might  have  been  insufficient  to  remove 
all  the  hydrogen  picked  up  during  plating. 

2)  Near  the  steel  crack  initiation  region  the  nickel  plating  was  cracked  and  filled  with  corrosion 
products.  This  crack  in  the  nickel  plating  could  have  resulted  in  a  corrosion  pit  at  the  steel  crack 
initiation  region. 

3)  In  the  light  of  1)  and  2),  cracking  of  the  steel  may  have  been  due  to  a  combination  of  stress 
corrosion  and  hydrogen  embrittlement. 

4)  Corrosion  in  the  spindle  radius  area  occurred  because  overhanging  nickel  nodules  from  the  second 
nickel  plating  layer  prevented  the  final  cadmium  plating  and  painting  from  covering  the  radius  area. 

20.5.3.2  Review  of  the  Operator’s  Investigation 

The  operator’s  report  on  the  investigation  was  sent  to  the  NLR  for  comments.  The  NLR  agreed  that  failure 
of  the  carriage  assembly  was  due  to  poor  repair  procedures.  However,  there  were  some  comments  and 
observations  about  the  interpretation  of  cracking: 

1)  Stereobinocular  fractography  at  magnifications  up  to  80  x  would  normally  have  been  sufficient  to 
determine  whether  brittle  intergranular  fracture  had  occurred.  However,  the  fracture  surfaces  were 
corroded,  which  would  have  made  interpretation  difficult. 

2)  Figure  20-21  and  Figure  20-22  show  discolorations  grading  from  black  to  light  brown  on  the 
fracture  surfaces  of  the  crack  initiation  region.  These  discolorations  are  the  result  of  progressive 
oxidation  during  crack  growth,  and  their  gradual  transition  from  black  to  light  brown  is  characteristic 
for  both  stress  corrosion  and  corrosion  fatigue  in  steels.  On  the  other  hand,  the  service  loading  on 
the  carriage  assembly  would  have  been  mainly  cyclic  (flaps  in,  flaps  out)  rather  than  sustained. 
(N.B.:  See  Section  20.3  2)  also.) 

3)  Other  features  pointing  to  corrosion  fatigue  rather  than  IHE  or  a  combination  of  IHE  and  stress 
corrosion  are: 

a)  The  location  of  the  failure,  which  was  near  the  root  of  a  notch  created  by  the  end  of  the  nickel 
plating  and  a  crack  in  the  nickel  plating3; 

b)  The  well-defined  semi-elliptical  shape  of  the  crack  initiation  regions,  although  similar  crack 
shapes  are  possible  for  IHE  and  stress  corrosion,  see  case  history  20.5.1; 

c)  The  close  proximity  of  the  secondary  cracks  growing  from  adjacent  corrosion  pits,  but  not 
from  corrosion  damage  further  from  the  failure  site;  and 

d)  No  cracks  in  the  regions  of  untempered  martensite,  see  the  details  in  Figure  20-24  -  Figure 
20-26. 

4)  Nickel  electroplating  was  most  probably  carried  out  using  a  sulfamate  bath,  a  type  of  bath  which 
results  in  only  moderate  hydrogen  pick-up  by  high  strength  steels.  More  importantly,  there  was  an 
unplated  “window”,  see  Figure  20-25  and  Figure  20-26,  through  which  hydrogen  could  have 
readily  diffused,  both  during  and  after  the  baking. 

3  The  nickel  plating  would  have  had  sufficient  stiffness  and  strength  to  be  load-bearing,  and  hence  provide  a  notch  at  its  end. 
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5)  Figure  20-25  shows  an  anomaly,  namely  that  the  operator  indicated  nickel  plate  to  have  been 
transferred  to  the  fracture  surface  during  failure.  This  is  most  unlikely.  However,  the  operator’s 
report  mentioned  that  the  two  fracture  halves  were  reassembled  to  visualize  the  nickel  plating 
transition  in  the  radius.  It  is  possible  that  this  reassembly  -  which  should  not  have  been  done!  - 
caused  smearing  of  some  loosened  or  protruding  nickel  plate  onto  the  fracture  surface. 

From  the  comments  and  observations  in  1)  -  4)  the  NLR  concluded  that  the  carriage  assembly  failure  was 
most  probably  the  result  of  corrosion  fatigue  rather  than  IHE. 


20.5.3.3  Remedial  Actions  and  Final  Conclusions 

The  OEM  responded  to  the  operator’s  investigation  by  requiring  all  carriage  assemblies  with  similar  repair 
histories  to  be  replaced.  Specifically,  the  OEM  considered  that  baking  for  23  hours  was  insufficient  to 
guarantee  satisfactory  long-term  service.  The  failed  and  suspect  carriage  assemblies  were  replaced  by  new 
ones.  However,  in  the  light  of  the  NLR’s  comments  the  OEM  subsequently  conceded  that  baking  for 
23  hours  was  adequate. 

The  operator  concluded  that  the  failed  carriage  assembly  was  an  “isolated  case”  owing  to  very  poor  repair 
procedures.  The  cause  of  cracking  remains  uncertain,  though  it  was  most  probably  corrosion  fatigue  and 
not  hydrogen  embrittlement. 

20.5.4  Wing  Attachment  Fitting  Bolts 
20.5.4.1  Introduction 

During  a  modification  programme  the  Wing  Attachment  Fitting  (WAF)  steel  bolt  assemblies  from  33  tactical 
aircraft  were  cleaned  in  a  non-approved  chemical  solution,  a  paint  stripper.  This  removed  much  of  the 
cadmium  electroplating  on  the  bolts,  nuts  and  washers,  leading  to  in-service  superficial  rusting  of  some  bolt 
ends  and  nuts,  e.g.,  Figure  20-27. 
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Figure  20-27:  Case  History  20.5.4  -  Example  of  a  Surface-Rusted 
WAF  Bolt  (R.H.  bolt  in  photograph). 


The  OEM  and  chemical  manufacturer  became  concerned  about  possible  hydrogen  embrittlement  of  the  bolts 
owing  to  exposure  to  the  paint  stripper.  The  OEM  recommended  tensile  testing  and  IHE  proof  testing 
(see  Section  20.4)  of  some  of  the  bolts  before  continuing  to  fly  with  the  rest.  Furthermore,  the  OEM  stated 
that  in-service  failure  of  a  single  bolt  in  a  WAF  bolt  assembly  would  be  unacceptable  for  the  structural 
integrity  of  the  aircraft. 

The  operator’s  Crisis  Management  Team  (CMT)  then  grounded  all  33  aircraft.  The  NLR  was  requested  to 
advise  about  the  OEM’s  proposal  and  conduct  a  validation  test  programme  on  some  of  the  suspect  bolts  to 
determine  whether  the  CMT  could  clear  the  aircraft  for  further  operation.  The  NLR  and  CMT  agreed  to  do 
tensile  testing  only.  Proof  testing  was  considered  unnecessary,  for  reasons  discussed  later  in  this  sub-section 
under  the  heading:  The  “no  failure  in  200  hours”  criterion.  Also,  SSRT  testing  was  not  considered, 
since  the  main  question  was  whether  the  tensile  strengths  of  the  bolts  had  already  been  affected  by  IHE. 

The  validation  programme  comprised  the  following  steps: 

•  Tensile  tests  and  fractography. 

•  Statistical  analysis  of  the  tensile  test  data. 

•  Electrochemistry  and  hydrogen  diffusivity  considerations. 

•  The  “no  failure  in  200  hours”  criterion. 


20.5.4.2  Examination 

The  bolts  were  specified  to  be  made  from  H-ll  CrMoV  steel  per  AMS  6487,  heat-treated  to  a  minimum 
tensile  strength  of  1517  MPa.  Examination  of  the  threads  showed  that  they  had  been  rolled,  which  would 
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have  been  beneficial  to  their  resistance  to  cracking,  particularly  if  thread  rolling  was  done  after  heat 
treatment,  thereby  introducing  compressive  residual  stresses  at  the  thread  roots.  (It  was  not  determined 
whether  heat  treatment  preceded  the  thread  rolling.) 

20.5.4.2.1  Tensile  Tests 

The  NLR  received  160  suspect  WAF  bolt  assemblies  from  5  aircraft  (32  sets  per  aircraft).  Table  20-2 
gives  information  on  the  bolt  assemblies,  which  were  selected  to  provide  a  wide  range  in  flight  and  service 
hours  since  the  paint  stripper  treatment.  Each  aircraft  makes  between  150  -  200  flight  hours  per  year, 
with  an  average  of  over  40  hours  between  flights,  so  that  the  minimum  service  hours  would  have  been 
more  than  200  hours. 


Table  20-2:  Aircraft  and  Suspect  Bolt  Assembly  Information. 


Aircraft 

Flight  Hours  Since  Paint  Stripper  Treatment 

A 

536.1 

B 

441.4 

C 

87.8 

D 

27.9 

E 

6.1 

In  addition,  4  new  bolts  and  4  non-suspect  (cadmium-plated)  used  bolts  were  supplied  for  pilot  tensile  tests. 
Clamping  fixtures  were  prepared  from  17-4  PH  (H900)  steel  to  enable  tensile  testing  of  complete  bolt 
assemblies.  The  tests  were  done  in  a  1  MN  static  machine: 

1)  Pilot  Tensile  Tests.  Table  20-3  gives  the  result,  which  included  one  suspect  bolt  assembly.  Note  that 
the  bolt  from  this  assembly  failed  at  a  higher  load  than  the  new  and  non-suspect  D10  bolts. 


Table  20-3:  Pilot  Tensile  Test  Results. 


Aircraft 

Bolt  Condition  and  Type* 

Failure  Load  (kN)  and  Mode* 

- 

New  D14 

547:  ts 

- 

New  D14 

544:  ts 

- 

New  D12 

413:  ts 

- 

New  D10 

295:  ts 

Unknown 

Used  D 14 

583:  ts 

Unknown 

Used  D 14 

578:  ts 

Unknown 

Used  D 12 

425:  b 

Unknown 

Used  D10 

307:  b 

B 

Suspect  D10 

312:  b 

*  D  =  bolt  diameter  code;  ts  =  thread- stripped;  b  =  bolt-break 


The  three  bolt-breaks,  which  occurred  in  the  threaded  parts  of  the  shanks,  were  examined 
fractographically.  The  fractures  were  due  to  overload  by  a  mixture  of  intergranular  and 
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transgranular  dimpled  rupture,  for  example  the  SEM  fractograph  in  Figure  20-28.  This  type  of 
overload  fracture  has  been  observed  for  other  high  strength  steels  [6]. 


Figure  20-28:  Case  History  20.5.4-  Fracture  Characteristics  of 
the  Non-Suspect  Used  D12  Bolt  from  the  Pilot  Tensile  Tests. 


2)  Definitive  Tensile  Tests.  For  a  reliable  statistical  analysis  the  NLR  suggested  testing  at  least  30 
bolts,  preferably  50,  having  the  same  diameter.  In  view  of  this  requirement  and  the  bolt  allocations 
per  aircraft  wing,  namely: 

•  Upper  WAFs:  6  x  D12  (19.05  mm),  2  x  D10  (15.88  mm). 

•  Lower  WAFs:  6  x  D14  (22.23  mm),  2  x  D12  (19.05  mm). 

The  NLR  selected  10  x  D12  bolt  assemblies  from  each  of  the  5  aircraft  listed  in  Table  20-2. 

The  selection  ensured  that  the  bolt  assemblies  came  from  upper  and  lower  WAFs,  and  from  right 

and  left  wings.  Furthermore,  the  selection  took  account  of  any  visible  rust,  i.e.,  bolt  assemblies 
showing  service-induced  rusting  were  preferentially  selected.  In  fact,  only  bolts  from  aircraft 
A  and  E  showed  any  rust,  which  was  light  and  only  at  the  bolt  ends.  Note  from  Table  20-2  that 
these  bolts  had  the  longest  and  shortest  flight  hours,  respectively,  since  paint  stripper  treatment. 
Thus  rusting  was  not  necessarily  a  progressive  in-service  phenomenon. 

Figure  20-29  summarises  the  test  data  in  a  histogram.  This  gives  the  ranges  in  failure  loads  for  the 
two  failure  modes,  bolt-break  (19  cases)  and  thread-stripped  (31  cases).  For  each  of  the  5  aircraft 
the  bolt-break  failure  mode  resulted  in  minimum  and  average  failure  loads  at  least  as  high  as  those 
for  the  thread-stripped  failure  mode.  Also,  there  is  no  apparent  relation  between  the  failure  loads 
and  flight  hours  since  paint  stripper  treatment. 

All  the  bolt-break  failures  were  examined  fractographically.  The  fractures  were  due  to  overload  by  a 
mixture  of  intergranular  and  transgranular  dimpled  rupture,  as  already  illustrated  in  Figure  20-28. 
There  was  no  evidence  of  small  semi-circular  regions  of  IHE  at  the  thread  roots. 
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Figure  20-29:  Case  History  20.5.4  -  Histogram  of  the  Definitive  Tensile 
Test  Data  (FH  =  Flight  Hours  since  paint  stripper  treatment). 


20.5.4.2.2  Statistical  Analysis  of  the  Test  Data 

The  statistical  analysis  of  the  tensile  test  data  considered  the  following  aspects: 

•  Failure  modes. 

•  Flight  hours  since  paint  stripper  treatment. 

•  Minimum  strength  level. 

•  Comparison  of  pilot  and  definitive  test  data. 

1)  Failure  Modes  -  Statistical  tests  were  done  to  determine  whether  the  bolt-break  and  thread-stripped 
data  sets  could  be  pooled.  The  tests  determined  whether  the  differences  in  the  means  and  variances 
of  the  data  sets  were  statistically  significant,  with  the  level  of  significance  set  to  a  standard  value  of 
0.01.  A  small-sample  T-test  on  the  means  and  a  small-sample  F-test  on  the  variances  showed  that  the 
differences  in  the  means  and  variances  were  significant.  Hence  the  data  sets  could  not  be  pooled. 
Normal  fits  were  made  to  the  two  data  sets.  Figure  20-30  and  Figure  20-31  show  that  normal 
distributions  fit  both  data  sets.  The  goodness-of-fit  was  supported  by  the  Kolmogorov- Smirnov  and 
Hollander-Proschan  test  statistics  [16]. 
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Load  (kN) 


Figure  20-30:  Case  History  20.5.4  -  Normal  Fit  for  the  Bolt-Break 
Failure  Load  Data  from  the  Definitive  Tensile  Tests. 


Figure  20-31:  Case  History  20.5.4  -  Normal  Fit  for  the  Thread-Stripped 
Failure  Load  Data  from  the  Definitive  Tensile  Tests. 
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2)  In  combining  data  from  all  5  aircraft,  it  can  be  seen  from  Figure  20-30  and  Figure  20-31  that  the 
bolt-break  minimum  and  mean  failure  loads  were  well  above  those  for  the  thread-stripped  failures. 
The  mean  values  were  437  kN  and  422  kN,  respectively. 

3)  Flight  Hours  since  Paint  Stripper  Treatment  -  The  major  differences  in  flight  hours  since  paint 
stripper  treatment  ( A  and  B  versus  C,  D  and  E  bolts)  are  indicated  by  filled  and  open  symbols  in 
Figure  20-30  and  Figure  20-31.  There  is  no  clustering  of  the  failure  loads  according  to  flight 
hours,  in  agreement  with  a  lack  of  a  trend  in  Figure  20-29. 

4)  Minimum  Strength  Level  -  Figure  20-32  depicts  the  same  information  for  the  bolt-break  failure  data 
as  Figure  20-30,  but  now  in  terms  of  a  Cumulative  Distribution  Function  (CDF),  together  with  the 
failure  strength  A-  and  B-values4.  These  represent  the  95%  confidence  lower  limits  on  the  first  and 
tenth  percentiles  of  the  property  distributions,  399  kN  and  415  kN,  respectively.  The  confidence 
limits  were  determined  using  the  Fisher  information  matrix  [17]. 


Figure  20-32:  Case  History  20.5.4-  Cumulative  Distribution  Function  (CDF) 
for  the  Bolt-Break  Failure  Load  Data  from  the  Definitive  Tensile  Tests. 


Figure  20-32  also  shows  the  OEM  failure  strength  A-allowable  for  D12  bolts,  395  kN. 
The  estimated  A- value  from  the  bolt-break  tests  is  higher,  even  though  based  on  a  limited  data  set  of 
19  cases.  One  may  expect  the  A-value  for  a  larger  data  set  to  be  still  higher. 

5)  Comparison  of  Pilot  and  Definitive  Test  Data  -  The  failure  loads  for  the  new  and  non-suspect 
used  D12  bolts  in  Table  20-3  were  413  kN  (thread-stripped)  and  425  kN  (bolt-break)  respectively. 
These  values  are  lower  than  the  respective  mean  values,  422  kN  and  437  kN,  for  the  definitive  test 
data. 


4  A-value  (allowable)  is  99%  reliability  with  95%  confidence;  B-value  (allowable)  is  90%  reliability  with  95%  confidence. 
See  MIL-HDBK  5J,  Appendix  A.3,  2003. 
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The  results  of  the  statistical  analysis  strongly  suggested  that  the  suspect  D12  bolt  assemblies  had  not 
undergone  tensile  failure  load  degradation  owing  to  IHE  caused  by  the  paint  stripper  treatment.  Furthermore, 
the  fact  that  the  bolt-break  minimum  and  average  failure  loads  were  well  above  those  for  the  thread-stripped 
failures  suggests  that  the  bolt  shank  material  below  the  thread  roots  was  undamaged.  This  is  because 
(possible)  hydrogen  embrittlement  of  service-loaded  bolts  would  be  expected  to  damage  the  material 
subjected  to  tensile  stress  concentrations  below  the  thread  roots,  but  not  the  threads  themselves. 

20.5.4.2.3  Electrochemistry  and  Hydrogen  Diffusivity  Considerations 

Figure  20-33  shows  a  simplified  Pourbaix  (E  -  pH)  diagram  for  iron  in  water  [18].  The  two  diagonal  lines  (a) 
and  (b)  bound  the  region  of  stability  of  water  as  a  function  of  potential  and  pH.  Above  line  (a)  water  is 
thermodynamically  unstable  with  respect  to  the  generation  of  oxygen  gas.  Between  lines  (a)  and  (b)  water  is 
thermodynamically  stable.  Below  line  (b)  water  is  thermodynamically  unstable  with  respect  to  the  generation 
of  hydrogen  gas.  Bubbles  of  hydrogen  will  evolve  on  a  metal  surface  (acting  as  an  electrode)  in  contact  with 
water  in  this  region. 


Figure  20-33:  Case  History  20.5.4  -  Simplified  E  -  pH  Diagram  for  the  Iron-Water  System  at 
25°C  (E  is  the  electrode  potential  with  respect  to  the  Standard  Hydrogen  Electrode  (SHE)). 

The  pH  of  the  WAF  bolt  paint  stripper  is  shown  as  a  dashed  vertical  line  in  Figure  20-33.  Knowing  that 
the  bolts  would  initially  be  cadmium  plated,  and  that  cadmium  plating  is  sacrificial  with  respect  to  steel, 
this  E  -  pH  diagram  suggests  that: 
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1)  Depending  on  the  cadmium/steel  galvanic  coupling  potential,  i.e.,  if  it  would  be  below  about  -0.6 
V-SHE,  hydrogen  gas  could  be  liberated  at  the  cadmium/steel  interface  during  the  anodic  attack 
and  removal  of  the  cadmium  layer  by  the  paint  stripper.  Some  hydrogen  could  also  be  absorbed  by 
the  bolts ,  as  discussed  below. 

2)  The  bolts  would  not  corrode  in  the  paint  stripper,  since  its  pH  line  is  well  outside  the  corrosion 
region.  Note  that  the  suggestion  about  no  corrosion  of  the  bolts  is  consistent  with  measurements  of 
the  open-circuit  potential  of  another  low  alloy  steel  (4340)  in  paint  strippers  having  pH  values 
ranging  from  8  -  11.5  [19].  These  measurements  showed  that  the  bare  steel  was  in  the  water-stable 
(passivity)  region  of  the  E  -  pH  diagram.  In  other  words,  even  if  all  the  cadmium  plating  on  the 
WAF  bolts  were  to  be  removed  by  anodic  attack,  the  bolts  would  remain  uncorroded.  (In  fact, 
as  mentioned  earlier,  inspection  of  all  the  suspect  bolts  before  tensile  testing  showed  no  evidence  of 
corrosion  except  service-induced  light  rusting  on  some  of  the  bolt  ends  from  the  aircraft  A  and  £.) 

With  respect  to  1)  above,  there  is  the  question  of  hydrogen  absorption  into  the  WAF  bolts  during  the 
anodic  attack  and  removal  of  the  cadmium  layer  by  the  paint  stripper.  This  could  occur  only  if  the  galvanic 
coupling  potential  was  below  line  (b),  as  may  have  been  the  case.  For  example,  Figure  20-34  shows  the 
galvanic  coupling  potentials  for  cadmium  and  4340  steel  in  several  paint  strippers  [19],  whereby  it  is  seen 
that  it  is  possible  to  transgress  below  line  (b). 
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Figure  20-34:  Case  History  20.5.4  -  E  -  pH  Diagram  for  (1)  Open  Circuit  Potentials  of  4340  Steel 
and  (2)  Galvanic  Couple  Potentials  for  Cadmium  and  4340  Steel  in  Paint  Strippers  [19] 

(E  is  the  electrode  potential  with  respect  to  the  Saturated  Calomel 
Electrode  (SCE):  E  (SCE)  =  0.241  E  (SHE)  at  25°C). 
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The  only  driving  force  for  hydrogen  absorption  would  be  electrochemical,  since  the  WAF  bolts  were  not 
under  applied  tensile  stresses  (service  loads)  during  paint  stripper  treatment  and  the  subsequent  time  before 
reinstallation  in  the  aircraft  structure.  This  means  that  much  or  all  of  the  hydrogen  that  might  have  been 
absorbed  could  have  diffused  out  through  the  bare  steel  surface  once  the  bolts  were  removed  from  the  paint 
stripper.  An  estimate  of  the  time  taken  for  any  absorbed  hydrogen  to  diffuse  out  of  the  bolts  can  be  made  as 
follows. 

The  checks  mentioned  in  the  introduction  to  this  case  history  showed  that  the  maximum  time  in  paint 
stripper  would  have  been  no  more  than  3  days.  The  diffusion  distance  into  the  steel  is  given  by  X  =  V D.t , 
where  D  is  the  diffusion  coefficient  for  hydrogen  build-up  in  the  steel  and  t  is  the  time.  The  diffusion 
coefficients  for  build-up  and  decay  of  hydrogen  in  high  strength  steels  are  2.2  x  10"7  cm2/s  and  0.85  x  10'7 
cm2/s,  respectively  [3].  Let  X  be  the  same  distance  during  hydrogen  build-up  and  decay.  Then  the  time 
required  for  all  the  introduced  hydrogen  to  diffuse  out  of  the  steel  is  given  by: 

t2  =  ti  x  D1/D2 

Substituting  72  hours  for  tj  and  2.2  x  10'7  cm2/s  and  0.85  x  10"7  cm2/s  for  Z)y  and  D2 ,  we  obtain  t2  =  186 
hours,  which  is  slightly  less  than  8  days.  This  is  less  than  the  time  between  paint  stripping  and  reinstallation 
in  the  aircraft  structure,  which  was  3-4  weeks. 

Summarising,  it  appears  unlikely  that  exposure  of  the  WAF  bolts  paint  stripper  would  lead  to  retention  of 
any  absorbed  hydrogen  by  the  time  they  were  reinstalled  in  the  aircraft.  Nor  were  the  bolts  damaged  by 
corrosion  in  the  paint  stripper,  see  point  (2)  above. 

20.5.4.2.4  The  “No  Failure  in  200  Hours  ”  Criterion 

In  the  introduction  to  this  case  history  it  was  mentioned  that  the  OEM  recommended  IHE  proof  testing  as 
well  as  tensile  testing.  The  OEM  first  suggested  proof  testing  per  ASTM  Standard  F5 19-06  [7]  and  later 
per  NASM1312-5  [9],  whereby  suspect  and  new  WAF  bolts  would  be  subjected  to  sustained  tensile 
loads  at  75%  of  the  notched  fracture  stress  for  200  hours.  Survival  for  200  hours  would  validate  the 
suspect  bolts.  This  is  the  “no  failure  in  200  hours  criterion”  obtained  from  Troiano’s  classic  data  [10], 
see  Figure  20-4,  and  discussed  in  Section  20.4.3.  For  the  WAF  bolt  validation  programme  the  most 
important  point  from  Troiano’s  data  is  that  most  embrittled  specimens  failed  well  within  200  hours,  in  fact 
within  10  hours.  This  result  is  relevant  to  the  service  experience  of  the  WAF  bolts  after  paint  stripper 
treatment.  All  these  bolts  had  survived  more  than  200  service  hours  in  the  fully-torqued  condition,  making 
it  very  unlikely  that  they  had  been  embrittled.  This  viewpoint,  without  elaboration,  was  used  in  arriving  at 
the  conclusions  and  remedial  actions  below.  Subsequently  it  was  possible  to  be  more  specific  in  justifying 
this  viewpoint,  see  the  Postscript  after  the  remedial  actions. 

20.5.4.3  Conclusions 

1)  The  tensile  test  results  and  analysis,  fractography,  and  a  discussion  of  electrochemical  and  hydrogen 
diffusivity  considerations  and  the  “no  failure  in  200  hours”  criterion,  led  to  the  NLR’s  conclusion  that 
the  WAF  bolt  tensile  failure  strengths  were  validated  as  unaffected  by  the  paint  stripper. 

2)  The  data  in  Figure  20-34  show  that  some  paint  strippers  can  cause  hydrogen  pick-up  in  cadmium 
plated  high  strength  steels.  Hence  relaxation  of  the  proof  test  duration  from  200  hours  to  150  hours  in 
so-called  passive  service  environments,  as  mentioned  in  Section  20.4.3,  is  not  necessarily  advisable. 

20.5.4.4  Remedial  Actions 

The  CMT  cleared  the  aircraft  for  further  operation,  whereby  all  the  remaining  WAF  bolt  assemblies  were 
cleaned  with  an  approved  cleaner  and  protected  with  primer.  These  assemblies  were  subsequently  replaced 
at  the  latest  during  the  next  scheduled  inspection. 
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20. 5. 4. 4. 1  Postscript 

Information  later  obtained  from  the  OEM  showed  that  the  fully-torqued  condition  of  the  suspect  bolts 
corresponds  to  60%  of  the  OEM  A-allowable.  In  turn,  this  corresponds  to  54%  of  the  mean  failure  load  of 
the  D12  bolt  breaks  shown  in  Figure  20-30  and  Figure  20-32.  At  this  54%  level,  equivalent  to  160  ksi  in 
Figure  20-4,  Troiano’s  data  cannot  completely  exclude  failures  of  the  bolts  at  service  times  beyond 
200  hours,  since  his  tests  were  stopped  after  100  hours.  However,  additional  data  from  tests  up  to  1000 
hours  [19],  [20],  particularly  the  data  from  Movich  [20],  suggest  that  applying  more  than  50%  of  the 
unembrittled  failure  load  would  have  caused  embrittled  bolts  to  fail  well  within  100  hours. 

20.5.5  Flap  Tracks 

20.5.5.1  Introduction 

During  routine  maintenance  a  fleet  of  maritime  patrol  aircraft  were  fitted  with  refurbished  SAE  E4340 
steel  flap  tracks  that  had  been  re-electroplated  with  cadmium.  Unfortunately,  it  was  later  revealed  that  the 
electroplating  solution  contained  a  prohibited  brightener  additive,  which  would  have  enhanced  hydrogen 
pick-up  and  inhibited  its  removal  during  baking.  The  tensile  strength  level  of  the  flap  track  steel  was  1380 
-  1500  MPa,  which  meant  that  there  was  a  potential  risk  of  IHE.  To  determine  this,  a  validation  programme 
was  initiated  based  on  SSRT  tests  and  post-test  fractography. 

20.5.5.2  SSRT  Testing  and  Fractography 

Notched  tensile  specimens  were  machined  from  several  locations  in  a  number  of  spare  flap  tracks. 
The  machining  was  modified  to  ensure  that  the  steel  was  not  significantly  heated,  thereby  minimising  the 
loss  of  any  absorbed  hydrogen.  After  machining,  the  specimens  were  stored  at  low  temperature  to  prevent 
further  hydrogen  loss  before  testing. 

Specimens  from  various  flap  track  locations  were  baked  for  23  hours  at  191°C  and  SSRT  tested  at  a  cross¬ 
head  displacement  rate  of  2.1  x  10"4  mm/s  to  determine  the  notched  fracture  stress  of  the  unembrittled 
steel.  Specimens  from  leading  and  trailing  edge  locations,  where  IHE  cracking  was  considered  to  be  most 
likely,  were  SSRT  tested  in  the  unbaked  condition. 

All  the  specimen  fracture  surfaces  were  examined  by  SEM  for  the  presence  of  intergranular  cracking. 


20.5.5.3  Results 

Table  20-4  gives  the  SSRT  fracture  stress  results.  These  indicate  that  the  trailing  and  leading  edges  had 
not  been  embrittled  by  IHE.  This  was  confirmed  by  SEM  fractography,  since  there  was  no  evidence  of 
intergranular  cracking. 


Table  20-4:  SSRT  Fracture  Stress  Results  for  Flap  Track  Steel  Specimens. 


Specimen  Location 

Notched  Fracture  Stress  (MPa) 

Range 

Average 

Unembrittled,  Various  Locations 

1999-2240 

2135 ± 123 

Leading  Edge  End 

1909-2275 

2080+  155 

Trailing  Edge  End 

1944-2249 

2110  +  99 
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Furthermore,  all  specimens  had  a  notched  fracture  stress  greater  than  the  proposed  acceptance  criterion  of 
1840  MPa  for  SSRT  testing,  see  Section  20.4.6,  even  though  the  flap  track  steel  tensile  strength  was  lower 
than  that  of  the  standard  test  material  (1790  -  1930  MPa). 


20.5.5.4  Conclusions  and  Recommendations 

From  the  results  described  in  Sub-Section  20.5.5.3  it  was  concluded  that  the  tested  and  in-service  flap 
tracks  had  not  been  embrittled  by  the  re-electroplating  process.  Consequently  there  were  no  remedial 
actions,  and  it  was  recommended  that  the  refurbished  flap  tracks  remain  in  service. 

20.5.6  In  Situ  Brush-Plating  Repair  of  Worn  Flap  and  Slat  Tracks 

20.5.6.1  Introduction 

Owing  to  maintenance  schedule  problems  and  costs  there  was  a  requirement  for  in  situ  repair  of  worn  flap 
and  slat  tracks  made  from  an  ultrahigh  strength  steel  and  used  in  a  tactical  aircraft  type.  The  repair  should 
use  electroplated  nickel  and  preferably  avoid  low  temperature  baking  after  plating.  The  ‘Dalic  Nickel 
Tungsten’  brush-plating  process  was  proposed  for  the  repair,  but  it  was  necessary  to  determine  firstly 
whether  IHE  could  be  avoided  without  post-plating  baking,  and  secondly  the  optimum  plating  conditions 
to  achieve  this  [21]. 


20.5.6.2  Experimental  Details 

The  specified  operating  ranges  for  the  Dalic  Nickel  Tungsten  brush-plating  process  are  as  follows. 

1)  Current  density:  1.00  -  1.49  A/cm2 
[optimum  current  density  of  1 . 1 8  A/cm2] 

2)  Anode/cathode  movement  (anode  speed):  0.10  -  0.25  m/s 
[optimum  anode  speed  of  0.17  m/s]. 

SAE  E4340  notched  tensile  specimens  heat  treated  to  a  tensile  strength  range  of  260  -  280  ksi  (1790  - 
1930  MPa)  and  conforming  to  the  dimensional  requirements  of  ASTM  F5 19-06  were  plated  using  various 
combinations  of  current  density  and  anode/cathode  movement  covering  the  process  manufacturer’s 
specifications,  including  the  optimum  current  density  of  1.18  A/cm2  and  anode  speed  of  0.17  m/s. 
The  specimens  were  then  SSRT  tested  at  a  cross-head  displacement  rate  of  2.1  x  10"5  mm/s,  which  is 
conservatively  much  slower  than  the  rates  mentioned  in  Sections  20.4.6  and  20.5.5. 

In  addition: 

a)  Similar  specimens  were  SSRT  tested  after  plating  under  optimum  conditions  and  baking  for  23 
hours  at  191°C;  and 

b)  Following  evaluation  of  the  SSRT  results,  SLT  notched  tensile  specimens  were  plated  using  the 
optimum  and  minimum  current  densities  and  anode  speeds  recommended  by  the  process 
manufacturer  and  tested  unbaked  to  see  whether  they  met  the  200  hour  SLT  pass  required  by 
ASTM  F5 19-06. 


20.5.6.3  Results  and  Discussion 

The  SSRT  results  are  shown  in  Figure  20-35  and  Figure  20-36.  The  unembrittled  notched  fracture 
stress  for  SAE  E4340  steel  is  also  indicated  (dashed  horizontal  line)  to  enable  assessing  the  degree  of 
embrittlement  by  any  of  the  plating  conditions,  including  the  optimum  conditions  of  plating  and  baking. 
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Figure  20-35:  The  Effect  of  Current  Density  in  the  Range  Suggested  by  the  Manufacturer 
on  the  Notched  Fracture  Stress  of  SAE  E4340  Steel  Specimens. 
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All  of  the  SSRT  specimens  showed  notched  fracture  stress  reductions  compared  to  the  unembrittled 
fracture  stress  of  2456  ±  52  MPa.  This  was  also  observed  in  trials  on  Low  Hydrogen  Embrittlement  (LHE) 
cadmium  brush  plated  D6ac  steel  SSRT  specimens  [22].  More  specifically,  Figure  20-35  and  Figure  20-36 
indicate  that  the  minimum  reductions  in  fracture  stress  were  obtained  for  SAE  E4340  specimens  plated 
under  optimum  conditions,  whether  subsequently  baked  or  not.  These  results  suggest  that  part  of  the 
fracture  stress  reductions  may  be  due  to  some  other  phenomenon  instead  of  IHE.  One  possibility  is  that  the 
notch  roots  were  slightly  damaged  by  cleaning  before  plating. 

The  greatest  reductions  in  SSRT  notched  fracture  stresses  were  obtained  from  specimens  plated  with  the 
lowest  current  densities  and  anode  speeds.  Some  of  these  results  were  below  the  SSRT  proposed  acceptance 
criterion  of  1 840  MPa,  which  implies  that  specimens  plated  under  these  conditions  might  not  have  achieved 
the  200  hour  SLT  pass  required  by  ASTM  F5 19-06  (see  Sections  20.4.1  and  20.4.6).  This  posed  a  potential 
problem  for  applying  the  Dalic  Nickel  Tungsten  brush-plating  process  without  subsequent  baking. 

To  check  this  potential  problem,  SLT  notched  tensile  specimens  were  plated  using  the  process 
manufacturer’s  optimum  and  minimum  current  densities  and  anode  speeds,  and  tested  unbaked  to  see 
whether  they  met  the  200  hour  SLT  pass  required  by  ASTM  F5 19-06.  The  SLT  specimens  plated  under 
optimum  conditions  exceeded  818  hours  without  failure,  while  the  specimens  plated  under  minimum 
conditions  exceeded  200  hours  without  failure.  Hence  it  was  concluded  that  all  the  plating  conditions 
within  the  process  manufacturer’s  specifications  would  meet  the  ASTM  F5 19-06  requirements  without 
post-plating  baking. 


20.5.6.4  Conclusions  and  Recommendation 

This  “case  history”  demonstrated  that  the  Dalic  Nickel  Tungsten  brush  plating  process  can  be  applied  to 
ultrahigh  strength  steel  without  baking,  since  a  combination  of  SSRT  and  SLT  results  showed  that  the 
ASTM  F5 19-06  requirements  were  met.  Consequently  this  plating  process  was  approved  for  in  situ  repair, 
without  post-plating  baking,  of  worn  flap  and  slat  tracks  of  the  tactical  aircraft  type.  This  “case  history” 
also  shows  that  using  more  than  one  IHE  test  can  be  very  useful  when  evaluating  the  suitability  of  plating 
processes  for  high  and  ultrahigh  strength  steels. 


20.6  CONCLUDING  REMARKS 

Internal  Hydrogen  Embrittlement  (IHE)  continues  to  be  a  problem  for  high  strength  steel  aircraft 
components.  IHE  is  nearly  always  associated  with  finishing  processes  for  both  new  and  reconditioned 
components.  It  is  well  understood  that  pickling,  cathodic  cleaning  and  electroplating  involve  the  risk  of  IHE, 
and  there  are  strict  requirements  for  these  processes.  Nevertheless,  procedural  errors  and  inadequacies  still 
occur.  The  case  histories  described  in  Section  20.5  illustrate  some  of  these  errors  and  inadequacies  for 
reconditioned  components,  namely: 

•  Small  service-induced  corrosion  pits  and  IHE  cracks  undetected  before  re-electroplating. 

•  Possible  inadequate  baking. 

•  Abusive  grinding  during  clean-up  of  the  steel  surface. 

•  Poor  electroplating. 

•  Incorrect  cleaning. 

Some  of  these  deficiencies  can  also  occur  for  new  components.  Other,  less  frequent,  errors  that  have  been 
found  for  new  components  include  incorrect  choice  of  steel  [23]  or  hardness  and  strength  ranges  [24]. 


20-50 


RTO-AG-AVT -1 40 


NATO 

OTAN 


PREVENTION  OF  HYDROGEN  EMBRITTLEMENT  IN  HIGH  STRENGTH 
STEELS,  WITH  EMPHASIS  ON  RECONDITIONED  AIRCRAFT  COMPONENTS 


20.7  ACKNOWLEDGEMENTS 

We  wish  to  acknowledge  Alan  Cox  and  Willie  Pollock  (DSTO),  and  Frank  Grooteman  and  Anne  Oldersma 
(NLR)  for  their  contributions  to  the  case  histories  reported  in  this  chapter.  The  late  Willie  Pollock  also  made 
seminal  contributions  to  developing  the  Slow  Strain  Rate  Tensile  (SSRT)  and  Incremental  Step-Load  (ISL) 
test  procedures  for  hydrogen  embrittlement  testing. 


20.8  REFERENCES 

[1]  Wallace,  W.,  Hoeppner,  D.W.  and  Kandachar,  P.V.,  “AGARD  Corrosion  Handbook,  Volume  1, 
Aircraft  Corrosion:  Causes  and  Case  Histories”,  AGARDograph  No.  278,  Advisory  Group  for 
Aerospace  Research  and  Development,  Neuilly-sur-Seine,  France,  1985. 

[2]  Akhurt,  K.N.  and  Baker,  T.,  “The  Threshold  Stress  Intensity  for  Hydrogen-Induced  Crack  Growth”, 
Metallurgical  Transactions,  A 12,  pp.  1059-1070,  1981. 

[3]  Van  Leeuwen,  H.P.,  “A  Quantitative  Analysis  of  Hydrogen-Induced  Cracking”,  Doctor’s  Thesis, 
Technical  University  Delft,  Netherlands,  June  1974. 

[4]  Frank,  R.C.,  “Time-Dependent  Effects  of  Hydrogen  in  Steel”,  Internal  Stresses  and  Fatigue  in 
Metals,  Editors  G.M.  Rassweiler  and  W.L.  Grube,  Elsevier  Publishing  Company,  Amsterdam, 
Netherlands,  pp.  41 1-  424,  1959. 

[5]  Thomas,  R.L.S.,  Scully,  J.R.  and  Gangloff,  R.P.,  “Internal  Hydrogen  Embrittlement  of  Ultrahigh- 
Strength  AERMET  100  Steel”,  Metallurgical  and  Material  Transactions  A,  Vol.  34A,  pp.  327-344, 
2003. 

[6]  Lynch,  S.P.,  “Failure  of  Structures  and  Components  by  Environmentally  Assisted  Cracking”, 
Engineering  Failure  Analysis,  Vol.  1,  pp.  77-90,  1994. 

[7]  ASTM  F  519-06,  “Standard  Test  Method  for  Mechanical  Hydrogen  Embrittlement  Evaluation  of 
Plating/Coating  Processes  and  Service  Environments”,  in:  Annual  Book  of  ASTM  Standards, 
Section  15,  Volume  15.03,  ASTM  International,  West  Conshohocken,  PA,  USA,  2007. 

[8]  ASTM  F  1624-06,  “Standard  Test  Method  for  Measurement  of  Hydrogen  Embrittlement  in  Steel  by 
the  Incremental  Step  Loading  Technique”,  in:  Annual  Book  of  ASTM  Standards,  Section  15, 
Volume  15.03,  ASTM  International,  West  Conshohocken,  PA,  USA,  2007. 

[9]  National  Aerospace  Standard  NASM1312-5,  “Fastener  Test  Methods  Method  5  Stress  Durability”, 
Aerospace  Industries  Association  of  America,  Inc.,  Washington,  DC,  USA,  1997. 

[10]  Troiano,  A.R.,  “Delayed  Failure  of  High  Strength  Steels”,  Corrosion,  Vol.  15,  pp.  207t-212t,  1959. 

[11]  Pollock,  W.J.,  “Statistical  Treatment  of  Slow  Strain  Rate  Data  for  Assessment  of  Hydrogen 
Embrittlement  in  Low  Alloy  High  Strength  Steel”,  ARL-MAT-R-122,  DSTO-AMRL,  Fishermens 
Bend,  Victoria,  Australia,  April  1990. 

[12]  Kindermann,  M.R.,  Cave,  B.  and  Arnott,  D.R.,  “A  Slow  Strain-Rate  Tensile  Testing  Machine”, 
ARL-MAT-TM-399,  DSTO  -  AMRL,  Fishermens  Bend,  Victoria,  Australia,  1989. 

[13]  Gerrard,  D.R.,  “The  Determination  of  a  Pass/Fail  Criterion  for  the  Slow  Strain  Rate  Tensile  (SSRT) 
Test  for  LHE  Cadmium  Electroplated  High  Strength  Steel”,  Milestone  Report  6/02,  Task  AIR 
99/076,  DSTO,  Melbourne,  Australia,  2004. 


RTO-AG-AVT-140 


20-51 


PREVENTION  OF  HYDROGEN  EMBRITTLEMENT  IN  HIGH  STRENGTH 
STEELS,  WITH  EMPHASIS  ON  RECONDITIONED  AIRCRAFT  COMPONENTS 


[14]  Cox,  A.F.  and  Pollock,  W.J.,  “Investigation  of  the  Cracking  in  HS748  Propeller  Blade  Retaining 
Bolts”,  ARL  File  BM2/03/17,  Materials  Division  Ref.  M89/83/AFCAVJP,  DSTO,  Melbourne,  Australia, 
1984. 

[15]  Barter,  S.A.,  “Cracking  in  Mirage  Main  Landing  Gear  Half  Fork  Assemblies”,  ARL  File  BM2/03/2, 
Materials  Division  Ref.  M73/85/SAB,  DSTO,  Melbourne,  Australia,  1986. 

[16]  Dodson,  B.,  “Weibull  Analysis”,  ASQ  Quality  Press,  Milwaukee,  WI,  USA,  pp.  78-82,  1994. 

[17]  Nelson,  W.B.,  “Applied  Life  Data  Statistics,  Series  in  Probability  and  Statistics”,  Wiley  &  Sons, 
New  York,  NY,  USA,  pp.  370-386,  1982. 

[18]  During,  E.D.D.,  “Corrosion  Atlas:  A  Collection  of  Illustrated  Case  Histories”,  Third,  Expanded  and 
Revised  Edition,  Elsevier  Science  Publishers  B.V.,  Amsterdam,  Netherlands,  p.  L  [50],  1997. 

[19]  Pollock,  W.J.  and  Grey,  C.,  “Assessment  of  the  Degree  of  Hydrogen  Embrittlement  Produced  in 
Plated  High-Strength  4340  Steel  by  Paint  Strippers  using  Slow  Strain  Rate  Testing”,  Hydrogen 
Embrittlement:  Prevention  and  Control,  ASTM  STP  962,  Editor  L.  Raymond,  American  Society  for 
Testing  and  Materials,  Philadelphia,  PA,  USA,  pp.  372-386,  1988. 

[20]  Movich,  C.R.,  “Notched  Bar-Bending  Test”,  Hydrogen  Embrittlement  Testing,  ASTM  STP  543, 
American  Society  for  Testing  and  Materials,  Philadelphia,  PA,  USA,  pp.  64-73,  1974. 

[21]  Gerrard,  D.R.,  Milestone  Report  3/01,  “Hydrogen  Embrittlement  of  High  Strength  Steels  from  the 
Dalic  Nickel  Tungsten  Brush  Plating  Process”,  Task  AIR  99/076,  DSTO,  2002. 

[22]  Gerrard,  D.R.,  “Hydrogen  Embrittlement  of  D6ac  Steel  from  the  Dalic  LHE  Cadmium  Brush  Plating 
Process”,  Milestone  Report  4/01,  Task  AIR  99/076,  DSTO,  Melbourne,  Australia,  2000. 

[23]  Barter,  S.A.,  “F111C  Crew  Module  Electrical  Disconnects,  Locking  Lug  Failure”,  ARL  File  BM2/ 
03/7,  Materials  Division  Ref.  M69/82/SAB,  DSTO,  Melbourne,  Australia,  1984. 

[24]  Barter,  S.A.,  “Chinook  Drop  Stop  Interposer  Bolt  Failures”,  ARL  File  BM2/03/11,  Materials 
Division  Ref.  M49/82/SAB,  DSTO,  Melbourne,  Australia,  1983. 


20-52 


RT  O-AG-AVT -140 


NATO 

OTAN 


ORGANIZATION 


Chapter  21  -  NON-DESTRUCTIVE 
TESTING  FOR  CORROSION 

David  S.  Forsyth 

Texas  Research  International,  TRI/ Austin 
Austin,  Texas 
USA 


21.1  INTRODUCTION 

Non-Destructive  Testing  (NDT)  is  defined  by  the  American  Society  for  Non-destructive  Testing  (ASNT) 
as:  “The  determination  of  the  physical  condition  of  an  object  without  affecting  that  object’s  ability  to 
fulfill  its  intended  function.  Non-destructive  testing  techniques  typically  use  a  probing  energy  form  to 
determine  material  properties  or  to  indicate  the  presence  of  material  discontinuities  (surface,  internal  or 
concealed).”  For  the  purpose  of  this  article,  the  terms  non-destructive  testing,  Non-Destructive  Inspection 
(NDI),  and  Non-Destructive  Evaluation  (NDE)  will  be  considered  to  be  equivalent. 

In  the  modern  NDT  paradigm,  the  uses  of  NDT  can  be  broken  into  several  categories  where  it  plays  an 
important  role: 

•  Material  property  measurements; 

•  Process  design  for  materials  manufacturing; 

•  Online  process  control;  and 

•  Quality  control  as  various  stages  of  manufacturing  are  completed. 

In  addition,  NDT  plays  an  important  role  in  the  continued  safe  operation  of  physical  assets.  For  instance, 
NDT  is  being  used  in  conventional  inspections  and  in  health  monitoring,  where  NDT  sensors  are  embedded 
or  attached  to  the  system  being  inspected  or  monitored  for  defects  or  damage.  In  all  cases,  the  customer  must 
define  the  requirements  of  the  test,  such  as  the  minimum  level  of  acceptability  for  the  property  being 
measured  and  the  characteristics  of  the  material  discontinuities  to  be  identified.  Given  this  information, 
the  NDT  engineer  or  experienced  technician  can  choose  the  appropriate  method  and  develop  an  appropriate 
technique  for  the  inspection  requirements. 


21.2  NON-DESTRUCTIVE  TESTING  METHODS 

An  NDT  method  is  classified  according  to  its  underlying  physical  principle.  For  example,  the  common 
methods  are: 

•  Visual  and  optical  Testing  (VT); 

•  Radiographic  Testing  (RT); 

•  Electromagnetic  Testing  (ET); 

•  Ultrasonic  Testing  (UT); 

•  Liquid  Penetrant  Testing  (PT); 

•  Magnetic  particle  Testing  (MT); 

•  Acoustic  Emission  testing  (AE);  and 

•  Infrared  and  thermal  testing  (IR). 
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An  NDT  technique  defines  all  the  parameters  for  the  application  of  a  specific  method  to  a  specific  problem. 
These  parameters  include  the  instruments,  probes,  acceptance  criteria,  calibration  specifications,  and  much 
more.  ASNT  offers  a  series  of  handbooks  that  are  a  key  reference  for  the  practical  implementation  of  NDT. 
In  addition,  AMMTIAC  (Advanced  Materials,  Manufacturing,  and  Testing  Information  Center)  has  a 
number  of  state-of-the-art  reports  and  technology  assessments  that  provide  in-depth  reviews  of  specific 
topics.  A  listing  of  these  reports  is  available  on  the  AMMTIAC  website.  The  following  sections  will  briefly 
describe  each  of  the  common  methods  listed  above. 

21.2.1  Visual  NDT 

By  far,  the  most  common  NDT  method  is  visual  and  optical  testing.  In  many  instances,  a  trained  inspector 
armed  with  simple  tools,  such  as  a  flashlight  and  magnifying  glass,  can  perform  a  very  effective  inspection. 
In  quality  control,  as  well  as  in  maintenance  operations,  visual  testing  is  the  first  line  of  defence. 
When  deciding  upon  whether  to  use  visual  testing,  it  is  important  to  understand  its  potential  as  well  as  its 
limitations.  If  the  visual  method  is  not  sufficient  for  the  problem  at  hand,  more  complex  methods  must  be 
considered.  Using  the  visual  inspection  method  for  enclosed  systems  can  be  challenging  and  possibly 
ineffective.  To  enable  a  technician  or  engineer  to  inspect  these  difficult-to-see  areas,  a  device  known  as  a 
borescope  is  often  used.  Borescopes  are  essentially  miniaturized  cameras  that  can  be  placed  on  the  end  of  a 
fiber  optic  cable.  The  camera  can  then  be  inserted  into  regions  that  are  obstructed  from  direct  visual 
inspection,  and  the  resulting  images  are  viewed  in  real-time  on  a  video  screen  by  the  inspector. 

21.2.2  Enhanced  Visual/Optical  NDT 

There  are  a  variety  of  enhanced  visual/optical  NDT  methods  available.  In  terms  of  corrosion  NDT,  these 
methods  are  generally  used  to  detect  and  measure  deformations  on  surfaces.  These  deformations  may  be 
caused  by  pitting  on  the  exposed  surface,  or  by  sub-surface  corrosion  damage  in  built-up  structure.  There 
are  a  number  of  implementations  of  instruments  based  on  Moire,  Electronic  Speckle  Pattern  Interference 
(ESPI)  and  digital  speckle  correlation  [1],  and  holography.  Other  optical  surface  topography  systems  have 
been  used  for  characterization  of  corrosion  damage  [2], [3].  Direct  optical  metrology  methods  such  as  laser 
interferometry  and  triangulation-based  methods  have  been  used  in  laboratory  type  situations  for  measuring 
pillowing  caused  by  corrosion  in  thin  aluminum  structures  [4]. 

21.2.3  Ultrasonic  NDT 

Ultrasonic  testing  employs  an  extremely  diverse  set  of  methods  based  upon  the  generation  and  detection  of 
mechanical  vibrations  or  waves  within  test  objects.  The  test  objects  are  not  restricted  to  metals,  or  even  to 
solids.  The  term  ultrasonic  refers  to  sound  waves  of  frequency  above  the  limit  of  human  hearing. 
Most  ultrasonic  techniques  employ  frequencies  in  the  range  of  1  to  10  MHz.  The  velocity  of  ultrasonic 
waves  traveling  through  a  material  is  a  simple  function  of  the  material’s  modulus  and  density,  and  thus 
ultrasonic  methods  are  uniquely  suited  to  materials  characterization  studies.  In  addition,  ultrasonic  waves 
are  strongly  reflected  at  boundaries  where  material  properties  change,  and  thus  are  often  used  for  thickness 
measurements  and  crack  detection.  Recent  advances  in  ultrasonic  techniques  have  largely  been  in  the  field 
of  phased  array  ultrasonics,  now  available  in  portable  instruments.  The  timed  or  phased  firing  of  arrays  of 
ultrasonic  elements  in  a  single  transducer  allows  for  precise  tailoring  of  the  resulting  ultrasonic  waves 
introduced  into  the  test  object. 

21.2.4  Eddy  Current  NDT 

Electromagnetic  Testing  (ET),  especially  eddy  current  testing,  is  commonly  used  to  inspect  objects 
throughout  their  life  cycle.  Eddy  current  techniques  employ  alternating  currents  applied  to  a  conducting  coil 
held  close  to  the  test  object.  In  response,  the  test  object  generates  eddy  currents  to  oppose  the  alternating 
current  in  the  coil.  The  eddy  currents  are  then  sensed  by  the  same  coil,  separate  coils,  or  magnetic  field 
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sensors.  Changes  in  the  induced  eddy  currents  may  be  caused  by  changes  to  a  material’s  electromagnetic 
properties  and/or  changes  in  geometry,  including  the  abrupt  changes  in  current  flow  caused  by  cracks. 
Thus  ET  methods  are  highly  effective  for  the  detection  of  cracks  present  on  or  below  the  surface  of  metallic 
objects.  ET  equipment  has  become  extremely  portable  and  is  relatively  inexpensive.  It  is  the  second  most 
common  method  specified  for  NDT  of  aircraft.  Recent  advances  in  eddy  current  technology  include  multi¬ 
channel  portable  instruments,  allowing  faster  inspections  of  large  areas,  and  new  magnetic  sensors,  such  as 
the  Giant  Magnetoresistive  (GMR)  sensors  developed  for  computer  hard  drives,  instead  of  coils. 

21.2.5  Thermographic  NDT 

Infrared  and  thermal  testing  methods  are  characterized  by  the  use  of  thermal  measurements  of  a  test  object 
as  it  undergoes  a  response  to  a  stimulus.  Thermal  imaging  cameras  are  the  most  common  sensing  method. 
Passive  imaging  of  machinery  or  electronics  may  be  used  to  detect  hot  spots  indicative  of  problems. 
Imaging  of  test  objects  after  the  application  of  energy  can  be  used  to  monitor  the  flow  of  heat  in  the  object, 
which  is  a  function  of  material  properties  as  well  as  boundaries.  Flash  thermography  techniques  have  been 
very  successful  in  imaging  disbonds  and  delaminations  in  composite  parts,  for  example.  The  high  cost  of 
quality  thermal  cameras  was  previously  a  drawback  of  the  IR  method,  but  recently  these  have  become 
significantly  less  expensive.  Another  significant  recent  advancement  is  the  use  of  mechanical  energy  to 
stimulate  localized  heating  at  sub-surface  discontinuities,  such  as  cracks  in  metals,  opening  up  a  new  field 
of  application  for  the  IR  method. 

21.2.6  Radiographic  NDT 

Historically,  radiography  is  the  next  most  common  NDT  method.  Significant  activity  in  the  field  occurred 
almost  immediately  after  Roentgen’s  discovery  of  X-rays  in  1895  [5].  Early  literature  notes  the  ability  of 
radiographs  to  detect  discontinuities  in  castings,  forgings,  and  welds  in  metals.  Discontinuities  such  as 
pores  or  inclusions  in  metals  are  readily  detected  in  many  cases.  Cracks  may  also  be  detected  using 
radiographic  techniques,  but  attention  must  be  paid  to  orientation  and  residual  stress  issues.  Radiography 
continues  to  be  widely  used  despite  the  expense  and  safety  implications  of  the  equipment.  Recent 
advances  in  digital  radiography  have  helped  reduce  the  cost  of  employing  this  method  by  eliminating  the 
use  of  film. 

21.2.7  Additional  NDT  Methods 

There  are  a  number  of  other  NDT  methods  that  have  been  used  for  corrosion  NDT.  These  include  the 
Magneto-Optic  Imager  (MOI),  a  commercial  device  that  images  magnetic  fields  induced  by  a  sheet  current 
[6].  Microwave  NDT  methods  have  been  used  to  find  corrosion  under  paint  layers  [7].  Terahertz  imaging 
is  being  used  to  find  corrosion  damage  under  thermal  insulation  tiles  on  the  space  shuttle  [8]. 

Health  monitoring  for  corrosion  is  a  growing  field,  with  the  potential  to  reduce  the  impact  of  disassembly 
and  reassembly  of  aircraft  to  enable  traditional  NDT.  Some  of  the  sensor  types  are  direct  evolutions  of 
NDT  methods,  and  are  simply  attached  to  the  structure  to  be  left  in  place.  This  topic  is  covered  elsewhere 
in  this  book. 


21.3  DATA  FUSION 

A  simple  definition  of  data  fusion  is  the  combination  of  multiple  inputs  into  one  output.  Thus  data  fusion 
includes  basic  systems  such  as  voting  (if  a  majority  of  inputs  are  true,  the  output  is  true)  as  well  as  highly 
complex  systems  such  as  military  target  tracking  or  remote  sensing  using  multiple  band  radars  operating  in 
different  locations.  There  are  three  general  categories  used  to  describe  the  level  at  which  data  fusion  takes 
place:  Pixel  level  data  fusion  describes  applications  where  little  or  no  pre-processing  is  applied  to  the  data, 
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and  the  fusion  operation  acts  on  the  lowest  level  of  the  data.  Feature  level  fusion  refers  to  cases  where 
feature  extraction  has  been  performed  on  the  data  before  fusion.  Finally,  decision  level  fusion  refers  to  the 
fusion  of  data  that  is  carried  out  after  feature  extraction  and  identification  on  the  data  inputs.  The  results 
reported  in  this  work  use  pixel-level  fusion  algorithms.  Some  applications  of  data  fusion  to  NDI  have  been 
published,  most  of  which  are  of  moderate  complexity  (for  example  Gros  [9], [10]  and  involve  pixel  or 
feature  level  fusion.  One  of  the  authors  has  previously  applied  simple  data  fusion  methods  on  NDI  results 
to  identify  and  measure  corrosion  in  aircraft  structures  [11],  but  the  work  presented  in  this  paper  uses  NDI 
from  commercially  available  inspection  equipment  and  applies  more  advanced  fusion  techniques  to  yield 
quantitative  estimates  of  the  thicknesses  of  individual  layers  of  a  two-layer  lap  joint. 

The  generic  steps  required  to  perform  data  fusion  on  NDI  data  are: 

•  Inspection  pre-processing; 

•  Registration  of  individual  inspections  on  a  common  coordinate  system;  and 

•  Data  fusion. 

It  is  important  to  note  that  the  steps  of  pre-processing  and  registration  are  in  themselves  value-added  steps. 
Even  before  any  data  fusion  operation  has  been  performed,  the  NDI  data  from  disparate  sources  have  been 
brought  together  on  one  software  platform,  and  registered  on  a  common  coordinate  system.  This  is  a 
significant  improvement  over  most  current  practices  for  handling  NDI  data,  and  greatly  facilitates  the  use  of 
databases  for  maintenance  planning.  It  also  allows  improved  inspector  interpretation  by  making  comparison 
between  NDI  data  much  simpler.  Often  the  pre-processing  step  can  be  used  to  transform  a  single  NDI  data 
source  from  the  NDI  domain  to  a  quantitative  measure;  for  example,  Edge  of  Light  images  can  be 
transformed  from  brightness  levels  to  images  of  maximum  pillowing  deformation  [12]. 

The  final  data  fusion  algorithm  to  be  used  will  be  specific  to  the  application.  Development  of  these 
algorithms  will  only  be  cost-effective  for  repetitive  inspection  situations,  such  as  the  common  lap  splice 
joint.  However,  the  preliminary  steps  of  data  handling,  pre-processing,  and  registration  are  likely  to  become 
more  commonly  used  as  fleet  maintenance  practices  are  modernized,  reducing  the  costs  of  implementing 
data  fusion  in  practical  situations. 


21.4  RELIABILITY  OF  NDT  FOR  CORROSION 

When  NDT  is  used  as  part  of  the  management  of  risk  in  the  life  cycle  maintenance  of  an  aircraft,  it  is 
imperative  to  know  what  is  the  probability  of  finding  (or  equivalently  of  missing)  discontinuities  of 
interest  in  an  inspection.  This  is  usually  called  the  Probability  Of  Detection  (POD).  The  development  of 
the  POD  metric  was  originally  directed  towards  fatigue  cracks,  but  it  is  important  to  note  that  the  POD 
approach  is  not  limited  to  cracks,  and  has  in  fact  been  applied  to  other  discontinuities  such  as  corrosion 
loss,  impact  damage,  or  delaminations  (see  for  example  Komorowski  et  al.  [13],  Forsyth  et  al.  [14], 
Ashbaugh  et  al.  [15],  Hoppe  et  al.  [16].  The  current  POD  approaches  present  POD  as  a  function  of  a  single 
metric  of  damage,  for  example  crack  length,  as  shown  in  Figure  21-1  below.  In  cases  where  the  corrosion 
damage  of  interest  can  be  characterized  by  a  single  metric,  the  conventional  POD  approaches  will  be 
suitable.  This  may  be  the  case  for  intergranular  cracking  and  pitting  on  an  exposed  surface.  In  other  cases, 
multi-dimensional  damage  is  not  well  characterized  by  a  single  metric,  and  a  number  of  approaches  have 
been  developed. 
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Figure  21-1:  An  Example  of  a  POD  Curve,  from  the  Ultrasonic  Inspection  of  Welds  in 
Aluminum  for  Cracks  (from  Rummel  and  Matzkanin,  [17],  used  with  permission). 


Both  the  USAF  [18]  and  the  United  States  Federal  Aviation  Agency  (FAA)  [19]-[21],  have  published 
guidelines  that  describe  in  detail  the  experiments  required  to  estimate  the  POD  of  an  inspection  system. 
These  documents  are  in  the  public  domain,  and  can  be  obtained  for  free  from  the  respective  government 
agencies  as  well  as  the  Department  of  Defense’s  Advanced  Materials,  Manufacturing,  and  Testing 
Information  Analysis  Center  (AMMTIAC)  (see  http://ammtiac.alionscience.com). 

There  are  a  number  of  useful  general  statements  that  can  be  made  about  estimating  POD.  The  process  of 
POD  estimation  requires  a  number  of  inspections  to  be  performed: 

•  Using  the  complete,  pre-defined  inspection  system  that  is  being  assessed  including  representative 
equipment,  procedures,  inspectors,  and  target  parts; 

•  Using  parts  with  discontinuities  that  represent  the  discontinuities  of  interest  or  a  means  to  assess 
the  difference  between  the  two:  for  example,  using  machined  notches  or  fiat  bottomed  holes  can 
provide  a  useful  measure  of  capability,  but  should  not  be  assumed  to  be  representative  of  cracks 
or  other  natural  discontinuities;  and 

•  Using  an  inspection  procedure  and  environment  typical  of  the  deployed  environment.  Human 
factors  studies  have  shown  that  the  relationship  of  factors  such  as  environment  (lighting, 
temperature,  etc.),  training,  experience,  motivation  and  others  is  not  simple  and  often  not  intuitive. 

It  is  key  to  understand  the  physical  parameters  that  may  affect  the  response  of  the  NDT  system  to  a 
discontinuity  to  be  able  to  execute  a  representative  POD  estimate.  If  parts  from  service,  with  discontinuities 
arising  from  service,  are  available;  this  is  the  optimal  situation.  However,  in  most  cases,  this  is  not  possible. 
Therefore  every  reasonable  effort  should  be  made  to  replicate  the  service  discontinuities  as  close  as  possible, 
or  to  use  engineering  judgment  as  to  whether  safety  factors  are  needed  to  account  for  the  difference  between 
the  POD  experiment  and  in-service  conditions. 
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Unique  approaches  to  POD  for  corrosion  damage  have  been  developed  for  the  case  of  corrosion  in  the 
internal  surfaces  of  aircraft  skin  splice  joints  .  Ashbaugh  et  al.  [15]  showed  that  detection  of  corrosion  in 
this  case  was  a  function  of  both  the  thickness  loss  and  area  affected  (see  Figure  21-2  below). 
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Figure  21-2:  Data  from  Experiment,  Showing  Contours  of  POD  Values  as  a  Function  of  Both 
Area  and  Thickness  Loss  of  Damage  (from  Ashbaugh  et  al.  [15],  used  with  permission). 

Liao  et  al.  [22]  used  the  error  in  thickness  loss  measurement  by  NDT  to  calculate  the  effect  of  this  error  on 
the  risk  and  therefore  maintenance  actions  required,  see  Figure  21-3.  K/C-135  lap  splice  joints  were  used 
as  the  basis  of  this  case  study.  As  shown  in  the  figure  below,  increasing  error  results  in  increasing 
uncertainty  about  the  NDT  assessment,  and  therefore  more  severe  maintenance  actions  are  required  as 
NDT  error  increases  for  the  same  estimated  thickness  loss. 
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standard  deviation  of  NDI  error  (inches  x  10-3) 


Figure  21-3:  A  Graph  of  the  Effect  of  NDT  Error  on  the  Level  of  Damage 
and  Subsequent  Maintenance  Actions  (see  Liao  et  al.  [22]). 


21.5  CASE  STUDIES 

21.5.1  Intergranular  Corrosion  in  Thick  Section  Aluminium  Structure 

Typical  examples  of  thick  section  structure  are  wing  skins,  ribs,  and  spars;  and  complex  forgings  used  for 
fittings  at  locations  like  wing  to  body  attachment  points.  These  structures  are  commonly  manufactured  from 
7000  series  aluminum  alloys,  7075-T6  being  common  on  older  aircraft.  More  corrosion  resistant  alloys  are 
generally  used  in  modem  designs. 

Because  of  the  materials  and  product  forms  typical  of  these  stmctures,  intergranular  corrosion  attack  is  a 
common  problem.  This  attack  begins  at  pitting  at  exposed  grains,  and  quickly  becomes  intergranular  in 
nature.  If  sustained  stresses  are  present,  due  to  residual  stresses  or  even  simple  “weight  on  wheels”  loads, 
the  phenomenon  often  called  “stress  corrosion  cracking”  can  result. 

In  a  number  of  cases,  inspection  may  be  only  an  interim  solution,  providing  time  for  material  substitution 
programs.  Any  pitting  on  highly  loaded  forgings  of  Al  7075-T6  or  older  vintage  7000  series  alloys  is 
capable  of  nucleating  intergranular  cracking.  If  these  components  are  exposed  for  visual  inspection, 
this  may  be  sufficient  to  detect  pitting  and  initiate  any  required  maintenance  actions.  Interesting  case 
studies  include  the  C-130  “pork  chop”  fitting  (see  Chapter  5)  and  the  C-141  landing  gear  hub  [23]. 

Intergranular  attack  commonly  nucleates  at  corrosion  pits  on  exposed  end-grains,  Figure  21-4.  Holes  with 
steel  fasteners  are  a  common  site,  as  fretting  eventually  wears  off  the  coatings  designed  to  isolate  the  steel 
from  the  aluminum.  In  severe  cases,  the  material  bulges  around  the  fastener  due  to  the  corrosion  product 
between  multiple  intergranular  cracks.  This  is  called  exfoliation. 
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Figure  21-4:  Metallographic  Section  Around  a  Fastener  Hole  in  a  Boeing  707  Wing  Skin  Plank, 
Showing  Multiple  Layers  of  Intergranular  Attack  from  Pits  in  the  Countersink 
-the  material  is  7178-T6  aluminum  (from  Forsyth  et  al.  [24]). 


This  type  of  damage  is  relatively  easy  to  detect,  especially  once  it  has  progress  beyond  the  countersink  of 
the  fastener.  Even  before  it  is  visible  as  exfoliation,  UT  and  IR  methods  can  readily  detect  it,  but  will  only 
measure  the  top  layer  and  any  layers  beneath  which  extend  beyond  the  top  layer,  Figure  21-5  [24]. 
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Figure  21-5:  From  Top  to  Bottom:  A  Photograph,  a  UT  Image,  and  an  IR  Image  of  a  Section  of 
Wing  Plank  from  a  Boeing  707,  Showing  Exfoliation  Damage  and  Grinding  Marks  from 
Repairs  -  the  material  is  7178-T6  aluminum  (from  Forsyth  et  al.  [24]). 

More  advanced  UT  methods  use  surface  waves  or  reflections  to  interrogate  the  volume  obscured  by 
fasteners,  and  can  detect  smaller  areas  of  exfoliation.  These  methods  are  still  subject  to  the  phenomenon  of 
top  or  bottom  layers  obscuring  exfoliation  occurring  between  them. 

As  described  above,  using  UT  techniques,  it  is  relatively  simple  to  determine  the  depth  of  the  first  layer  of 
exfoliation  that  extends  beyond  fasteners.  Accuracy  in  thick  sections  should  be  0.127  mm  (0.005”)  or 
better  in  depth.  More  advanced  UT  techniques  can  interrogate  the  bottom  of  the  fastener  hole  and  locate 
the  bottom  layer.  Accuracy  of  0.254  mm  (0.010”)  is  probably  achievable  under  well-controlled  situations. 

Exfoliation  that  extends  beyond  the  fastener  head  can  be  detected  by  simple  UT  and  IR  methods,  as  well 
as  enhanced  visual  methods.  Sizing  for  all  these  methods  is  limited  by  probe  sizes  and  in  the  case  of  IR 
methods,  diffusion.  UT  is  the  most  accurate  sizing  method,  and  a  measurement  accuracy  of  0.254  mm 


RTO-AG-AVT-140 


21  -9 


NON-DESTRUCTIVE  TESTING  FOR  CORROSION 


ORGANIZATION 


(0.010”)  should  be  achievable.  The  sensitivity  of  IR  methods  is  more  affected  by  the  depth  at  which  the 
exfoliation  occurs,  and  this  is  not  well  known. 
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Chapter  22  -  INSPECTION  OF  HELICOPTER  ROTOR  BLADES 
BY  NEUTRON-  AND  X-RAY  RADIOGRAPHY 

M.  Balasko  and  L.  Horvath 

MTA  KFKI  Atomic  Energy  Research  Institute 
Budapest 
HUNGARY 


22.1  INTRODUCTION 

In  order  to  detect  the  presence  of  defects  in  the  composite  structure  of  helicopter  rotor  blades,  combined 
neutron-  and  X-ray  radiography  investigations  were  performed  at  the  Budapest  Research  Reactor.  The  rotor 
blades  were  about  10  m  (or  6,5  m)  long,  and  therefore  the  images  were  taken  in  several  segments,  and  a 
special  program  was  developed  to  reconstruct  the  entire  radiographic  image  from  the  individual  segments. 
Several  types  of  defects  were  discovered  using  neutron  radiation:  imperfections  in  the  honeycomb  structure, 
resin-rich  or  resin-starved  areas  at  the  core-honeycomb  surfaces,  in-homogeneities  in  the  adhesive  filling, 
corrosion  products  behind  the  covering,  and  water  percolation  at  the  sealing  interfaces  of  the  honeycomb 
sections.  The  location  and  condition  of  structural  metal  parts  was  analysed  by  X-ray  radiography. 

A  comment  was  once  made  that  a  helicopter  was  a  multiple-spindle  Wohler  fatigue  machine.  Although 
this  is  perhaps  a  rather  unkind  remark  there  is,  nevertheless,  some  truth  in  the  fact  that  a  helicopter,  by  its 
very  nature,  generates  large  dynamic  forces  in  its  entire  rotor  system.  Basically  four  constant  forces  are 
served  by  the  rotor  blades: 

•  Centrifugal  forces; 

•  Lift  forces; 

•  Flapping  moment,  i.e.,  a  bending  moment  about  horizontal  axis;  and 

•  Drag  (or  lag)  moment,  i.e.,  a  bending  moment  about  a  vertical  axis. 

In  addition,  the  rotor  blades  are  used  and  stored  on  the  airfield  during  both  summer  and  winter.  Altogether 
the  huge  loading  and  the  harmful  consequences  of  the  weather  reduce  the  life-time  of  the  helicopter  rotor 
blades. 

The  safe  life  testing  of  rotary  wing  aircraft  is  of  paramount  importance  and  especially  as  it  applies  to  the 
rotor  blades.  The  identification  of  a  structural  defect  that  can  grow  to  the  point  where  structural  integrity  is 
affected  comprises  a  central  challenge.  In  this  process,  the  inspection  of  structures  and  the  monitoring  of  the 
rate  of  growth  of  defects  in  relation  to  the  total  flight  hours  are  essential.  The  above  demands  underline  the 
necessity  of  testing  and  applying  new  Non-Destructive  Testing  (NDT)  methods  for  inspection  in  service. 


22.2  METHODS 

Neutron-  and  X-ray  Radiography  (NR  and  XR)  utilize  transmission  of  radiation  to  obtain  information  on  the 
structure  and/or  inner  condition  of  a  given  object.  The  basic  principle  of  radiography  is  very  simple  [1]. 
The  object  under  examination  is  placed  in  the  path  of  the  incident  radiation,  and  the  transmitted  radiation  is 
detected  by  a  two-dimensional  imaging  system,  as  illustrated  in  Figure  22-1.  The  radiography  arrangement 
consists  of  a  radiation  source,  a  pin  hole  type  collimator  which  forms  the  beam,  and  a  detection  system 
which  registers  the  transmitted  image  of  the  investigated  object. 
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The  most  important  characteristic  technical  parameter  of  a  radiography  facility  is  the  collimation  ratio  L/D 
where  L  is  the  distance  between  the  incident  aperture  of  the  collimator  and  the  imaging  plane,  D  is  the 
diameter  of  the  aperture.  This  important  parameter  describes  the  beam  collimation  and  will  limit  the 
obtainable  spatial  resolution  by  the  inherent  blurring  independently  from  the  properties  of  the  imaging 
system.  This  unsharpness  Ubeam  can  be  related  to  the  distance  between  the  object  and  the  detector  plane  l2 
and  to  the  L/D  ratio: 


U 


beam 


L 

LID 


Two  opposing  demands  have  to  be  taken  into  consideration  when  planning  a  radiography  arrangement: 
if  L/D  is  large  then  the  neutron  flux  <&NR  at  the  imaging  plane  is  relatively  weak  but  the  geometrical 
sharpness  is  high,  and  vice  versa: 

O  = _ * _ 

**  16  (L/D)2 


where  ®s  is  the  incident  neutron  flux. 

In  radiography  imaging  the  attenuation  coefficient  p  is  a  crucial  parameter.  The  transmitted  intensity  of  the 
radiation,  /,  passing  through  a  sample  with  an  average  transmission  of  p  can  be  written  as: 

where  I0  is  the  incident  intensity  and  h  is  the  thickness  of  the  sample  in  the  beam  direction.  If  there  is  any 
inclusion  (in-homogeneity,  inner  structure)  in  the  sample  of  thickness  x  and  transmission  /jx  then  the 
transmitted  intensity,  Ix is  given  as: 

J  —  J  p-M(h-x)-nxx 

If  the  value  of  p  and  px  are  different  from  each  other  then  the  presence  of  the  inclusion  will  provide  a 
contrast  in  the  radiography  image  (dark  spot  in  Figure  22-1). 
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The  attenuation  coefficient  vs.  atomic  number  is  plotted  in  Figure  22-2  for  neutron  radiation  and  for  gamma- 
and  X-rays.  Its  value  depends  on  both  the  coherent  and  incoherent  scattering  and  on  the  absorption  properties 
of  the  element(s).  For  neutrons  p  does  not  show  any  regularity  as  a  function  of  atomic  number,  and  for  some 
of  the  lightest  elements  (H,  B,  Li)  the  attenuation  coefficient  is  by  two  orders  of  magnitude  greater  than  the 
corresponding  parameter  for  most  of  the  technically  important  elements,  such  as  Al,  Si,  Mg,  Fe,  and  Cr. 
This  fact  is  of  practical  importance,  viz.  neutrons  penetrate  almost  all  metals  used  for  construction  purposes 
with  little  loss  in  intensity;  in  contrast  they  are  considerably  attenuated  in  passing  through  materials 
containing  hydrogen,  such  as  water,  oil  or  several  types  of  synthetics.  On  the  other  hand,  in  the  case  of  X-ray 
and  gamma  radiation,  this  dependence  may  be  characterized  by  more  or  less  continuously  increasing  curves. 
This  means  that  the  radiation  is  absorbed  to  a  great  extent  by  heavy  elements  whereas  it  penetrates  light 
materials  such  as  hydrogen  without  significant  loss  in  intensity.  These  differences  for  various  radiations 
provide  the  opportunity  to  gain  complementary  information  by  using  all  three  types  of  radiation  together. 


Figure  22-2:  Attenuation  Coefficient  (note  the  logarithmic  scale)  of  Elements  for  Neutrons 
(separate  dots),  for  1  MeV  Gamma-Ray  (dotted  line),  for  150  kV  X-Ray 
(solid  line)  and  for  60  kV  X-Ray  (dashed  line). 


Our  imaging  system  detects  the  shading  picture  of  the  investigated  object  by  a  scintillator  screen  and  a  Low- 
Light-Level  (LLL)  CCD  camera  which  records  the  light  which  is  emitted  by  the  scintillator.  The  images 
recorded  by  a  CCD  camera  are  inherently  digital  data  and  are  stored  by  a  PC.  A  second  detection  method,  an 
Imaging  Plate  (IP),  was  used  for  the  imaging  of  the  plastic  fiber-glass  rotor  blades.  The  IP  is  a  new  film-like 
radiation  image  sensor  based  on  photo-excitation  luminescence.  It  consists  of  a  specifically  designed 
composite  structure  that  traps  and  stores  the  radiation  energy.  A  polyester  support  film  is  uniformly  coated 
with  a  photo-excitable  luminescent  material  -  barium  fluorobromide  containing  a  trace  amount  of  Eu2+  as  a 
luminescence  centre  (BaFBr,Eu2+)  and  it  is  then  coated  with  a  thin  protective  layer.  The  stored  energy  is 
stable  until  scanned  with  a  laser  beam  whereupon  the  energy  is  released  as  luminescence  and  detected  by  a 
special  multiplier.  The  scanner  is  read  by  a  PC  which  provides  a  visual  picture  and  allows  the  information  to 
be  stored  electronically.  After  scanning  and  reading  the  IP  plate  will  be  erased  prior  to  reuse. 
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22.3  INVESTIGATED  OBJECTS 
22.3.1  Metal  Composite  Structure 

The  majority  of  the  helicopters,  Mi-8,  Mi-17  and  Mi-24  types,  in  the  Hungarian  Army’s  inventory  are 
several  decades  old  and  yet  they  are  required  to  provide  continued  service.  One  of  the  most  important 
components  is  the  rotor  blade.  They  are  made  of  composite  structures  and  contain  21  pieces  of  honeycomb 
construction  with  many  bonded  surfaces.  The  21  sections  of  the  rotor  blades  were  divided  into  4  bands 
horizontally  and  53  field  columns  vertically  [4].  A  key  part  of  the  rotor  blade  comprises  the  aluminium 
alloy  main  spar  bonded  to  the  honeycomb  structure  as  seen  in  Figure  22-3.  Band  “A”  gives  information 
mainly  about  the  state  of  the  trailing  edge  and  the  backside  stringer.  Band  “B”  shows  the  state  of  the 
honeycomb  structure.  The  state  of  the  bonded  area  on  the  aluminium-alloy  spar  is  represented  by  band 
“C”.  The  state  of  the  anti-ice  heater  and  front  edge  of  the  rotor  blade  are  both  shown  by  band  “D”.  Every 
recorded  image  is  identified  by  a  capital  letter,  indicating  the  band  in  the  rotor  blade,  and  a  two-digit 
number  indicating  the  field  column  from  which  it  was  taken.  These  identifiers  were  used  as  markers 
during  the  inspections.  The  markers  are  positioned  on  the  right-upper  comer  of  every  exposure. 


1.  balance  seal 

2.  honeycomb  structure 

3.  face-rib 

4.  anti-ice  heater 

5.  anti-flatter  weight 


6.  spar 

7.  rib. 

8.  skin 

9.  backside  stringer 


Figure  22-3:  The  Inner  Structure  of  the  Rotor  Blade. 


22.3.2  Plastic  Fiber-Glass  Structure 

The  Ka-26  type  helicopters  were  used  as  reconnaissance-vehicles  in  the  1980’s.  Later  they  were 
withdrawn  from  military  service  and  used  for  agricultural  purposes.  The  rotor  blades  are  made  of 
composite  stmcture  except  for  the  root-stmcture  and  the  anti-flutter  weight.  The  length  of  the  rotor  blade 
is  -  6.5  m  and  its  weight  is  -11.5  kg.  The  14  sections  of  the  rotor  blades  were  divided  into  2  (“C”  and 
“B”)  bands  horizontally  and  38  field  columns  vertically.  Band  “B”  gives  information  mainly  about  the 
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state  of  trailing  edge  and  the  backside  stringer.  The  state  of  the  bonded  area  on  the  plastic  fiber-glass  spar 
is  represented  by  band  “C”  with  the  anti-flutter  weight  and  the  anti-ice  heater.  These  sections  are  filled  up 
by  cross-linked  polymer  foam.  The  inner  structure  of  the  rotor  blade  is  shown  in  Figure  22-4. 


Backside 

stringer 


Cross-link  polymer  foam 
-rib 


Artifical  spar 


Gum  front 
edge  cover 

nti  ice  heater  tube 
Lead  antiflatter  weight 


Figure  22-4:  The  Inner  Structure  of  the  Ka-26  Rotor  Blade. 


22.4  EXPERIMENTAL  FACILITIES 

Measurements  were  performed  at  the  Dynamic  Radiography  Station  (DRS)  [2]  at  the  10  MW  research 
reactor  in  Budapest.  Its  main  parameters  are  as  follows.  The  neutron  flux  is  lO^xcm^sec"1,  the  collimation 
ratio  (L/D):190,  the  diameter  of  the  beam:  220  mm.  The  portable  X-ray  generator  was  adjusted  to  150  kV 
and  3  mA.  The  radiography  images  were  converted  to  optical  images  by  a  ZnSAg/Li6  scintillation  screen 
(Applied  Scintillation  Technologies  Ltd.)  for  NR  and  a  ZnS  type  LGG400  scintillation  screen  was  used  for 
XR.  The  optical  images  were  detected  by  a  Low  Light  Level  (LLL)  CCD  camera,  which  is  cooled  by  a 
double  Peltier  system.  The  pictures  were  stored  and  processed  by  a  Pentium  II  PC  using  MATROX  Pulsar 
and  Image-Pro  Plus  software.  When  the  IP  detector  technique  is  applied  the  types  of  the  IP  plates  are 
ND  20X25  and  ND  20X40  sheets.  The  type  of  the  reader  is  BAS  2500  and  the  type  of  the  eraser  is  0308. 

Figure  22-5  shows  the  arrangement  of  the  image  system  used  for  metal-composite  blades  in  this  work. 
In  addition,  we  have  two  background  TV  cameras.  One  of  these  allows  position  control  for  the  rotor  blade 
picture  by  picture  and  the  other  serves  as  visual  verification  of  the  whole  procedure.  The  rotor  blades  were 
moved  during  the  experiments  by  an  extraordinary  remote  control  mechanism.  Its  weight  limit  was  250  kg. 
The  surface  to  be  scanned  measures  9800  x  700  mm2.  The  state  of  the  rotor  blades  could  be  examined  in  dry 
and  wet  conditions,  thus  simulating  complicated  weather  circumstances.  Humidity  was  controlled  using  a 
“Moistening  Conditioning”  module  with  water  supplied  by  a  closed-circuit  High  pressure  water  pump 
system.  The  procedure  is  shown  in  Figure  22-6.  The  Moistening  module  is  situated  in  the  middle  of  the 
picture.  The  rotor  blade  is  moved  from  left  to  right  direction.  In  the  first  step,  both  sides  of  the  bands  A  and 
B  of  the  rotor  blade  are  injected  by  two  nozzles.  In  the  second  step  the  direction  of  movement  is  changed  and 
the  bands  C  and  D  are  wet.  After  this  procedure  it  is  necessary  to  wait  15  minutes  for  the  drying.  The  next 
step  involves  the  XR  measurement  as  shown  in  Figure  22-7.  The  portable  X-ray  generator  is  to  the  right  of 
the  rotor  blade.  The  LGG  400  scintillation  screen  and  the  light  shielded  tube  of  the  CCD  TV  camera  can  be 
seen  on  the  left  side  of  the  picture. 
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Figure  22-5:  Arrangement  of  the  Imaging  System. 


Figure  22-6:  Mi-8  Rotor  Blade  Undergoing  Moisture  Conditioning. 
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Figure  22-7:  Mi-8  Type  Rotor  Blade  Undergoing  X-Ray  Radiography. 


22.5  CHARACTERISATION  OF  THE  DEFECTS 

Defects  can  be  external  or  internal  to  the  structure.  External  defects  can  be  visually  inspected,  such  as 
dimensions,  finish,  and  warpage.  Internal  defects  of  most  concern  in  composites  are  delaminations, 
inclusions,  voids,  resin-rich  and  starved  areas,  fiber  misalignments,  breakages,  and  de-bonds,  as  tabulated  in 
Table  22-1.  This  table  also  includes  illustrations  and  short  descriptions  of  the  defects  [3].  Some  of  the  most 
important  and  characteristic  defects  found  during  this  investigation  are  presented  in  Table  22-1  using  this 
classification. 
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Table  22-1:  Descriptions  of  Defects  in  Composite  Structures. 


Defect 

1. 

Delajnmation 


2. 

Inclusions 


3. 


Voids  and  Porosity 


4. 

Resin-Rich  Area 


5. 

Resin-Starved  Area 


6. 

Fiber  Misalignment, 
Wrinkling,  Buckling 


7. 

Fiber  Breakage 


8. 

De-bond 


View 


Resin-Rich  Surface  Area 


_ Description _ 

Delaminations  arc  separations  within  plies 
of  a  laminate,  and  caused  by  improper 
surface  preparation,  contamination  and 
embedded  foreign  matter. 


Inclusions  are  foreign  matter  embedded  in 
and  between  laminae. 


Voids  and  porosity  are  entrapped  air  and 
gas  bubbles,  and  are  caused  by  volatile 
substances,  improper  flow  of  resin  and 
unequal  pressure  distribution.  Voids  are 
clustered  in  the  resin,  while  porosity  are 
pockets  within  the  solid  material.. _ 

Resin-rich  areas  tire  localized,  and  filled 
with  resin  or  lacking  in  fiber.  This  defect 
is  caused  by  improper  compaction  or 
bleeding. 

Resin-starved  areas  tire  localized  with 
insufficient  resin  evident  as  dry  spots,  or 
having  low  gloss  or  where  fibers  are 
exposed.  This  delect  is  caused  by 
improper  compaction  or  bleeding. 

Fiber  misalignment  is  a  distortion  of  die 
plies  resulting  in  changes  from  die  desired 
orientation,  or  in  fiber  wrinkling  and 
buckling.  These  defects  are  due  to 
improper  lay-up  and  cure. 

Broken  fibers  are  discontinuous  or 
misplaced  fibers  due  to  improper  handling 
or  lay-up. 


De-bonds  occur  between  different  details 
of  die  built-up  structure.  Lack  of  bonding 
is  due  to  contamination  of  the  surface, 
excessive  pressure  or  bad  fit. 


22.6  MEASUREMENTS 

Strict  safety  precautions  must  be  followed  because  of  the  dangerous  nature  of  the  radiations  used  in  the 
study.  In  the  schedule  of  inspections  the  first  step  was  an  NR  inspection  in  dry  conditions,  the  second  step 
was  the  NR  inspection  in  wet  conditions,  and  the  third  step  was  the  XR  test.  Twenty-eight  pieces  of  rotor 
blade  were  verified  by  this  procedure  with  no  harmful  effects  on  personnel.  Because  of  the  large  dimensions 
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of  the  rotor  blades  (their  length  is  almost  10  m),  it  was  necessary  to  investigate  the  structures  in  two  parts. 
The  first  one  contains  the  exposure  fields  from  the  end  of  the  blade  to  the  symmetry  axis  (4  x  27  pictures). 
Then  the  other  side  of  each  blade  was  examined.  The  second  part  of  the  scanning  procedure  continued  to 
study  each  blade  from  the  driver  end  of  the  symmetry  axis  (4  x  26  pictures).  The  planned  exposure  field  was 
160  x  140  mm2. The  simple  arrangement  of  the  212  pictures  in  4  horizontal  rows  and  53  vertical  columns 
would  be  insufficient  for  a  whole  radiographic  picture  of  the  rotor  blades  with  good  quality.  The  whole 
image  should  have  been  composed  of  the  small  overlapping  picture  fields,  however  the  fields  could  not  be 
fitted  to  each  other  simply.  The  re-construction  of  the  whole  image  was  performed  on  the  base  of  the 
markers.  This  procedure  consists  of  two  steps.  In  the  first  step  the  positions  of  the  small  picture  fields  were 
computed  on  the  whole  image.  The  method  applied  here  was  successful  even  when  some  markers  or  picture 
fields  were  missing.  In  the  second  step  the  whole  picture  was  generated  from  the  small  picture  fields  so  that 
the  parts  overlapped  by  two  or  more  fields.  Entire  radiography  pictures  are  shown  in  Figure  22-8. 


Section  Number: 


belt  8/a.  Dry  NR  Whole  Picture  belt 
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belt  8/b.  Wet  NR  Whole  Picture  belt 


Section  Number: 


8/c.  Wet  XR  Whole  Picture 

Figure  22-8:  Radiography  Pictures  of  a  Mi-8  Type  Helicopter  Rotor  Blade. 


22.7  RESULTS 

22.7.1  Metal  Composite  Structure 

An  important  requirement  of  the  radiography  inspection  was  to  visualize  the  resin-rich  or  resin-  starved 
areas  (defect  types  4  and  5  in  Table  22-1).  These  types  of  defects  can  be  identified  by  the  fact  that  they  are 
clearly  visible  in  the  NR  images  due  to  the  high  neutron  attenuation  coefficient  of  hydrogen  containing 
materials,  while  for  X-ray  radiography  they  are  not  visible.  This  is  illustrated  in  Figure  22-9  which  shows 
a  resin-rich  area  in  the  honeycomb  structure  detected  by  NR.  Another  interesting  point  of  this  image  is  the 
well-resolved  double  contour  lines,  as  they  reflect  the  tilted  position  of  the  honeycomb  elements. 
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Figure  22-9:  Dry  NR  Image  of  the  Honeycomb  Structure  with  Resin-Rich  Areas  (dark  spots). 


A  fiber  breakage  (defect  type  7  in  Table  22-1)  in  the  trailing  edge  is  observable  in  Figure  22-10.  In  the  same 
segment  another  type  of  defect  was  detected.  Both  NR  and  XR  images  show  slicing  of  the  honeycomb 
structure  near  the  stiffener,  however,  the  adhesive  material  can  be  detected  only  by  NR.  One  of  the  most 
dangerous  defects  is  when  a  de-bond  (defect  type  8)  in  the  adhesive  surface  is  present  between  the 
honeycomb  structure  and  the  aluminium  spar.  Such  observations  are  illustrated  in  Figure  22-11.  The  double 
contour  lines  are  because  of  the  tilted  position  of  the  honeycomb  elements.  In  this  investigation  one  of  the 
most  important  observations  was  the  presence  of  cavities,  holes  and/or  cracks  in  the  sealant  and  at  the  border 
of  the  sections.  The  problems  were  caused  by  water  penetrating  into  these  places  and  freezing  which  caused 
damage  to  the  surrounding  structure  due  to  the  volume  expansion  of  ice.  Detection  of  these  defects  is  very 
difficult  because  of  the  complex  arrangement  of  the  composite  structure.  A  combination  of  ‘dry  NR’, 
‘wet  NR’  and  XR  experiments  made  it  possible  to  discover  and  visualize  these  defective  areas.  It  was 
established  that  the  most  frequent  locations  of  water  penetration  were  at  the  border  sections  or  at  the 
honeycomb-adhesive  sealant  joining  surfaces.  These  defects  are  visible  in  Figure  22-12. 


Figure  22-10:  (a):  Fiber  Breakage  and  Slicing  of  Honeycomb  and  the  Adhesive  Material  Revealed  by 
NR;  and  (b):  Fiber  Breakage  and  Slicing  of  Honeycomb  and  the  Adhesive  Material  Revealed  by  XR. 
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De-bond 

Figure  22-11:  De-Bond  in  the  Adhesive  Material 
Between  the  Honeycomb  and  the  Aluminium. 
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Figure  22-12:  Water  Percolation  in 
the  Honeycomb  Structures  by  NR. 


Damage  caused  by  splinters  may  happen  during  flight  missions  (defect  type  2  in  Table  22-1).  Our  experience 
showed  that  such  defects  occurred  during  gunnery  practice.  Although  these  defects  were  usually  repaired  by 
the  maintenance  team,  a  small  piece  of  splinter  was  not  detected  by  them  and  thus  it  was  not  removed, 
as  may  be  seen  in  Figure  22-13(a)  NR  and  Figure  22-13(b)  XR  pictures.  In  the  NR  image  the  resin  rich  spots 
are  seen  to  be  as  dark  as  the  metal  inclusion,  while  the  XR  image  provides  a  dark  contrast  only  for  heavy 
elements  with  large  X-ray  attenuation. 


(a)  (b) 

Figure  22-13:  (a)  NR  Picture  of  the  Repaired  Area;  and  (b)  XR  Picture  of  the  Repaired  Area. 

Corrosion  may  also  cause  problems,  leading  to  possible  lifetime  reductions.  Corrosion  was  detected  in 
some  of  the  investigated  blades  inside  the  rotor  blade  tail  element,  as  shown  in  Figure  22-14.  A  resin-rich 
area  is  also  shown  at  the  bond  surface  of  the  honeycomb  structure  and  the  last  stiffener.  X-ray  radiography 
is  a  complementary  and  useful  tool  in  assessing  the  structural  integrity  of  the  metal  parts  of  the  blades. 
Figure  22-15  shows  the  heating  element  arrangements  and  their  contacts  on  a  blade  with  some  corroded 
contacts. 
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Figure  22-14:  NR  Picture  of  the  Corrosion  Fi9ure  22"15:  Corroded  Heating  Elements  of  the  Anti-Ice 

Product  in  the  Tail  of  the  Rotor  Blade.  Heater  System  Revealed  by  X-Ray  Radiography. 


22.7.2  Plastic  Fiber-Glass  Structure 

The  customer  specified  the  use  of  dry  state  inspections  of  the  rotor  blades  by  neutron  and  X-ray  radiography 
without  inspection  in  the  wet  condition.  The  Imaging  Plate  (IP)  technology,  as  described  previously, 
was  used  to  record  the  radiography  pictures. 

The  structure  of  the  plastic  fiber-glass  rotor  blade  is  very  different  from  the  metal  composite  blade. 
It  contains  some  metal  parts,  namely  the  root  structure,  anti-flutter  weight  (iron  and  lead  bar),  and  some 
screws  and  adaptors.  Some  metal  parts  are  visible  in  Figure  22-16  but  the  contrast  of  the  iron  and  lead  bars 
is  not  distinguishable  by  XR.  A  faint  indication  is  given  by  the  elements  of  the  plastic  fiber-glass  spar. 
However  many  details  of  the  plastic  fiber-glass  technology  are  observable  in  Figure  22-17.  Clearly  visible 
is  the  localization  of  the  sticky  material  under  the  closing  element  of  the  blade  and  the  border  between  the 
sections.  It  is  easy  to  see  that  the  neutron  attenuation  coefficient  is  higher  for  iron  than  it  is  for  lead. 
The  two  complementary  radiography  pictures  give  complete  information  about  the  construction  of  the  end 
element  of  the  rotor  blade.  Under  the  blade  some  beam  purity  indicators,  ASTM  sensitivity  indicators  and 
step  wedge  indicators  with  holes  are  visible  in  Figure  22-17.  The  complementary  characteristics  of  the  XR 
and  NR  are  documented  in  Figure  22-18  and  Figure  22-19.  The  first  one  shows  the  perfect  arrangement  of 
the  protecting  aprons  for  the  front  edge.  One  may  postulate  that  the  form  of  the  lead  bar  anti-flutter  weight 
is  intact  under  the  protecting  aprons.  But  this  was  not  true  because  the  materials  of  the  lamination 
technology  destroyed  the  lead  bar.  The  surface  of  the  lead  bar  appeared  similar  to  the  corrosion  products 
as  seen  Figure  22-19.  In  order  to  study  the  quality  of  the  fiber-glass  bundles  of  the  spar  it  was  necessary  to 
reduce  the  power  of  the  X-ray  generator  as  illustrated  in  Figure  22-20.  In  this  figure  one  may  see  the 
perfect  arrangement  of  the  bundles.  However  the  authors  have  no  information  about  the  bonding  between 
the  plastic  fiber-glass  spar  and  the  cross-link  polymer  foam  of  the  section. 
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Figure  22-16:  End  Element  of  the  Ka-26  Helicopter  Rotor  Blade  by  XR. 


Figure  22-17:  End  Element  of  the  Ka-26  Helicopter  Rotor  Blade  Revealed  by  NR. 


Figure  22-18:  Front  Edge  of  the  Ka-26  Helicopter  Rotor  Blade  Revealed  by  XR. 
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Figure  22-19:  Front  Edge  of  the  Ka-26  Helicopter  Rotor  Blade  Revealed 
by  NR  with  Corrosion  Products  on  the  Anti-Flutter  Weight. 


Figure  22-20:  Spar  in  the  Middle  Part  of  the  Ka-26  Helicopter  Rotor  Blade  Revealed  by  XR. 

The  NR  picture  of  Figure  22-21  shows  two  areas  of  de-bond  between  the  spar  and  the  section.  In  addition 
one  can  see  an  unequal  distribution  of  the  sticky  material  on  the  lead  anti-flutter  weight  at  the  front  edge  of 
the  rotor  blade. 
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Figure  22-21 :  Spar  in  the  Middle  Part  of  the  Ka-26  Helicopter  Rotor  Blade 
Revealed  by  NR  with  De-Bonds  Between  the  Spar  and  the  Sections. 


22.8  CONCLUSIONS 

This  investigation  revealed  no  really  harmful  effects  on  the  helicopter  rotor  blades  using  the  inspection 
technology.  The  most  important  points  of  the  study  were  the  visualisation  of  the  possible  imperfections  in 
the  honeycomb  structure  such  as: 

•  Inhomogeneities  of  the  resin  materials  (resin-rich  or  resin-starved  areas)  at  the  core-honeycomb 
surfaces; 

•  Defects  at  the  adhesive  filling  (de-bond); 

•  Water  percolation  at  the  sealing  interfaces  of  the  honeycomb  sections; 

•  Quality  control  of  resin-rich  repaired  areas; 

•  Verification  of  the  positions  of  metal  parts  (inclusions)  by  X-ray; 

•  Study  the  condition  of  the  fiber-glass  structure  in  the  spar;  and 

•  Verification  of  the  ingress  of  water  into  the  honeycomb  structure  and  the  consequent  corrosion  of 
adjacent  metal  structure. 
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23.1  INTRODUCTION 

Electroplated  cadmium  and  hard  chromium  have  been  used  extensively  [l]-[7]  and  [8]  as  protective  coatings 
for  the  most  demanding  aerospace  applications  in  aggressive  environments.  Despite  excellent  technical 
performance  and  low  deposition  costs,  these  coatings  are  heavily  regulated  because  both  materials  and/or 
their  deposition  technologies  present  serious  health  and  environmental  hazards.  Cadmium,  for  example, 
is  highly  toxic  in  its  metallic  form  and  the  plating  bath  contains  cyanides.  Thus,  both  the  coating  and  the 
deposition  process  are  potentially  harmful.  Chromium,  on  the  other  hand,  is  completely  benign  in  its  metallic 
form.  However,  the  most  common  deposition  process  for  so-called  hard  chromium  utilizes  highly  toxic 
hexavalent  chromium  solutions  based  on  chromic  acid,  and  is  the  subject  of  strict  environmental  regulations. 
The  regulatory  limitations  increase  the  life  cycle  cost  of  these  materials/coatings  and  many  countries  or 
municipalities  effectively  prohibit  the  use  of  hard  chromium  or  cadmium  plating. 

There  is  a  tendency,  especially  evident  in  Europe  and  Japan,  but  also  in  the  U.S.A.  and  Canada  to  further 
tighten  respective  environmental  legislations,  thus  leading  to  a  complete  ban  on  the  industrial  use  of 
cadmium  and  hexavalent  chromium  [9]-[ll].  The  general  industry  has  been  working  under  cadmium  and 
hexavalent  chromium  bans  for  years,  while  the  aerospace  and  military  have  been  exempt  from  the  respective 
regulations.  However,  growing  legislative  pressure  and  logistic  issues  are  forcing  aerospace  and  military 
agencies  to  adapt  to  changing  standards  and  to  look  for  viable  alternatives.  However,  both  cadmium  and  hard 
chromium  are  low-cost  coatings  that  have  unique  properties  making  them  difficult  to  replace  on  a  one-to-one 
basis.  The  so-called  drop-in  replacements  are  especially  sought  by  the  aerospace  industry  since  the  required 
engineering  changes  for  large  numbers  of  component  drawings  would  be  cost-prohibitive.  On  the  other  hand, 
in  new  designs  such  as  the  Joint  Strike  Fighter,  there  is  a  general  policy  to  avoid  using  cadmium  and  hard 
chromium  coatings  entirely  [12]. 

Despite  different  properties  and  areas  of  applications  for  cadmium  and  hard  chromium  coatings,  there  have 
been  some  similarities  in  the  approach  to  finding  the  cost  effective  and  technically  viable  alternatives. 
Firstly,  it  became  clear  from  the  beginning  that  no  single  coating  could  replace  either  cadmium  or  hard 
chromium  in  all  respective  applications.  Instead,  it  was  realized  that  the  protective  function  of  the  coating 
needed  to  be  specifically  determined  for  a  given  application,  so  that  an  alternative  coating  could  be 
effectively  selected.  Besides  technical  performance,  other  important  factors  such  as  overall  cost  (from  cost  of 
deposition,  through  maintenance  to  disposal  to  coated  parts)  and  wide  availability  of  the  alternative  coating 
technology  need  to  be  considered.  For  the  latter  issue,  the  main  concern  is  the  dependence  on  proprietary 
technologies  since  this  usually  means  limited  availability  and  complicated  logistics.  Secondly,  there  is  a 
general  trend  to  replace  “wet”  processes,  such  as  electroplating,  with  non-embrittling  “dry”  technologies 
such  as  thermal  spraying  or  vacuum-based  deposition  techniques.  This  trend  is  a  result  of  the  hydrogen 
embrittlement  that  occurs  in  the  wet  processes.  Hydrogen  embrittlement  is  a  concern  for  many  aerospace 
applications  where  high  strength  steels  are  used  (e.g.,  landing  gear  components  and  fasteners).  Although 
baking  can  eliminate  hydrogen,  the  process  is  highly  energy-demanding  and  thus  costly.  Consequently, 
elimination  of  hydrogen  at  source  from  the  deposition  process  would  be  advantageous  for  any  alternative 
technology. 
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There  are  many  potential  alternatives  for  both  hard  chromium  and  cadmium.  In  recent  years,  several 
detailed  reviews  of  cadmium  and  hard  chromium  alternative  coatings  for  use  in  aircraft  applications  were 
prepared,  among  others  [6], [7], [12]  and  [13].  This  review  provides  highlights  of  major  findings  and  new 
developments. 

23.2  ENVIRONMENTAL  LEGISLATION 

Since  the  hexavalent  chromium  (Cr  (VI))  is  known  human  carcinogen,  air  emission  and  wastes  from  hard 
chromium  plating  operation  must  comply  with  environmental  legislations  specifying  emissions  standards 
and  permissible  exposure  limits.  In  the  case  of  cadmium  the  problem  is  even  more  serious  and  widespread 
since  the  toxic  metal  is  carried  with  the  plated  part  throughout  its  entire  life  cycle,  creating  hazardous 
conditions  whenever  these  parts  are  treated  or  handled.  The  legislations  in  given  countries  (or  even 
provinces  or  municipalities)  are  different,  although  the  common  goal  is  to  heavily  restrict  the  use  of 
cadmium  and  hexavalent  chromium,  leading  to  complete  ban. 

23.2.1  Canada 

In  Canada,  both  inorganic  cadmium  compounds  and  hexavalent  chromium  compounds  are  on  the  Toxic 
Substances  List  that  is  part  of  the  Canadian  Environmental  Protection  Act  (CEP A)  [Al].  The  CEPA  was 
passed  by  Canadian  Parliament  in  1999  and  came  into  force  on  March  31,  2000.  Since  then  it  has  been 
continuously  updated,  with  the  latest  revision  of  the  Schedule  1  (Toxic  Substances  List)  dated  on  December 
27,  2006.  Included  on  this  list  are  oxidic,  sulphidic  and  soluble  inorganic  nickel  compounds,  which  may 
complicate  the  development  of  electrolytic  hard  chromium  and  cadmium  alternatives. 

23.2.2  U.S.A. 

The  regulatory  bodies  in  the  U.S.  are  the  Environmental  Protection  Agency  (EPA)  and  the  Occupational, 
Safety  and  Health  Administration  (OSHA).  The  relevant  regulations  concerning  cadmium,  hexavalent 
chromium  and  other  hazardous  materials  are  including  in  the  Clean  Air  Act  (CAA)  [A2]  and  Toxic  Substance 
Control  Act  [A3]. 

As  an  example  of  current  and  incoming  regulations,  in  February  2006,  OSHA  lowered  Permissible 
Exposure  Limit  (PEL)  for  Cr(VI)  in  electroplating  to  5  pg/m3.  The  EPA,  on  the  other  hand,  is  now 
considering  new  rules  to  be  issued  in  2008  that  may  affect  not  only  the  use  of  cadmium  and  hexavalent 
chromium  but  also  nickel  and  cobalt  compounds.  Interestingly,  California  recently  issued  new  air  rules  for 
thermal  spray  operations  such  as  HVOF  that  may  affect  one  of  the  main  technologies  for  hard  chromium 
replacement. 

23.2.3  Europe 

For  years,  European  Union  (EU)  has  been  driving  force  in  setting  health-protective  standards  in  use  of 
hazardous  materials.  Some  of  the  relevant  EU  regulations  on  metal  finishing  include: 

•  End-of-Life  Vehicle  (ELV)  -  restricts  the  use  of  lead,  mercury,  cadmium  and  hexavalent  chromium 
on  new  vehicles  [A4]; 

•  Waste  Electrical  and  Electronic  Equipment  (WEEE)  -  requires  producers  of  a  wide  range  of 
products  to  severely  restrain  disposal  of  potentially  hazardous  materials  and  maximize  recycling 
of  affected  consumer  and  industrial  goods  [A5];  and 

•  Restriction  on  the  Use  of  Hazardous  Substances  (RoHS)  -  restricts,  as  of  July  1,  2006,  the  placing 
on  the  EU  market  of  new  electrical  and  electronic  equipment  containing  more  than  certain  levels  of 
six  banned  substances:  lead,  mercury,  cadmium,  hexavalent  chromium,  Poly-Brominated  Biphenyls 
(PBB)  or  Polybrominated  Diphenyl  Ethers  (PBDE)  [A6]. 
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23.2.4  Other  Countries 

Other  countries  are  also  introducing  regulations  similar  to  those  in  Europe.  The  Chinese  and  Korean  policies 
are  modeled  on  the  EU  rules,  such  as  RoHS,  with  the  same  restricted  materials. 

There  are  other  EU  and  international  agreements  and  initiatives  relevant  to  metal  finishing  such  as  the 
Stockholm  Convention  on  Persistent  Organic  Pollutants  (POPS)  [A7],  and  the  Convention  on  Long  Range 
Transboundary  Air  Pollution  (LRTAP)  that  includes  Heavy  Metals  Protocols  [A8].  Future  actions  under 
these  agreements  may  force  regulatory  limitations  on  other  materials,  beyond  the  existing  regulations  on 
cadmium  and  hexavalent  chromium. 


23.3  CADMIUM  ALTERNATIVES 

The  purpose  of  this  section  is  to  identify  and  briefly  discuss  existing  alternative  coatings  to  Electro- 
Deposited  (ED)  cadmium.  A  number  of  reference  papers  have  already  covered  various  aspects  of  this 
topic  [12]-[21]  and  [22];  therefore,  the  present  review  will  not  attempt  to  discuss  all  the  cadmium 
alternatives  that  have  ever  been  proposed.  Instead,  it  focuses  on  coatings  that  provide  sacrificial  corrosion 
protection  for  steels,  coatings  that  are  commercially  available,  and  coatings  that  are  environmentally 
acceptable.  The  requirement  for  sacrificial  protection  limits  the  range  of  candidate  materials  that  could 
replace  cadmium  to  aluminum  and  zinc  and  their  alloys.  Figure  23-1  presents  anodic  part  of  the  galvanic 
series  (data  from  http://www.corrosionsource.com/handbook/galv_series.htm)  showing  materials  that  are 
more  electronegative  than  low  alloy  steels.  When  in  contact,  more  electronegative  material  will  act  as  an 
anode  and  will  corrode  preferentially. 
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Figure  23-1:  Corrosion  Potentials  of  Selected  Metals 
in  Reference  to  Saturated  Calomel  Electrode. 


The  second  requirement  is  basically  about  logistics,  as  discussed  previously.  The  requirement  for  green 
alternatives  is  sometimes  difficult  to  meet  as  some  new  materials  require  additional  treatments  that  very 
often  involve  hexavalent  chromium  (Cr(VI))  or  contain  metals  such  as  nickel  or  cobalt  that  will  most 
likely  be  targeted  by  future  environmental  legislations. 
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Besides  sacrificial  corrosion  properties,  important  technical  factors  in  the  selection  of  cadmium  replacement 
coatings  are: 

a)  Deposition  temperature  when  applicable  to  high-strength  steel  substrates; 

b)  The  ability  to  coat  external  and  internal  surfaces;  and 

c)  The  ability  to  produce  functional  coatings  with  thickness  between  5  and  25  pm,  corresponding  to 
cadmium  thickness  classes  specified  by  the  ASTM  Standard  B  766. 

The  full  range  of  tests  required  to  qualify  cadmium  alternatives  can  be  quite  extensive  and  vary  depending 
on  coating  application.  The  latter  may  include  corrosion  protection,  lubricity  for  threaded  hardware, 
electrical  conductivity,  and  any  combination  of  them.  In  the  U.S.A.,  a  test  protocol  was  developed  by  the 
Joint  Group  on  Pollution  Prevention  to  validate  candidate  coatings  [23].  A  similar  set  of  evaluation  criteria 
was  adopted  in  Canada  [6].  Under  this  approach,  candidate  cadmium  alternatives  are  tested  under  11 
general  criteria  to  examine  coating  performance  for  all  potential  areas  of  application.  Coatings  that  pass 
this  screening  can  be  further  tested  to  produce  a  complete  application-specific  performance  database. 
The  evaluation  tests  proposed  in  the  Canadian  report  were  as  follows  [6]: 

1)  Corrosion  resistance  in  neutral  salt  spray  per  ASTM  B1 17  [A9]. 

2)  Corrosion  resistance  in  natural  marine  atmosphere  or  S02  salt  per  ASTM  G85  [A10]. 

3)  Coating  adhesion  under  bend-to-break  test  per  QQ-P-4 16  [All]. 

4)  Hydrogen  embrittlement  test  per  ASTM  F5 1 9  [ A 1 2] . 

5)  Fatigue  of  substrate  test  per  ASTM  E466  [A13]. 

6)  Repairability:  after  repair,  coating  must  pass  corrosion  and  adhesion  tests. 

7)  Lubricity:  torque-tension  characteristics. 

8)  Paint  adhesion  assessed  by  Plastic  Media  Blasting  (PMB)  stripping  time. 

9)  Galvanic  compatibility  with  aluminum  alloys. 

10)  Compatibility  with  aerospace  fluids  such  as  fuels,  oils  and  greases,  and  hydraulic  and  de-icing  fluids. 

11)  Electrical  contact  resistance. 

The  present  review  covers  three  main  groups  of  cadmium  alternative  coatings: 

a)  Electro-deposited  zinc  and  aluminum  alloys; 

b)  Vacuum-deposited  aluminum  and  aluminum  alloys;  and 

c)  Spray-deposited  aluminum  and  metallic-ceramic  coatings. 

In  addition,  alternative  materials  to  replace  cadmium-plated  steels  on  the  whole  are  also  briefly  reviewed. 
All  discussed  alternative  technologies  and  coatings  are  presented  in  Figure  23-2. 
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Figure  23-2:  Cadmium  Alternative  Coatings  and  Materials. 


23.3.1  ED  Zinc-Based  Coatings 

Electro-deposited  zinc,  thanks  to  its  general  corrosion-protection  properties,  is  the  obvious  choice  to 
replace  cadmium  coatings  on  steels  in  many  non-aerospace  applications.  In  certain  industrial  atmospheres 
(particularly  with  S02  and  C02),  zinc  performance  is  superior  to  that  of  cadmium  [16].  However,  plain 
zinc  coatings  perform  rather  poorly  in  neutral  salt  fog  tests  (less  than  100  hrs  to  red  rust)  and  require 
greater  thickness  plus  a  conversion  coating  in  order  to  enhance  the  corrosion  performance  to  an  acceptable 
level.  A  potential  problem  for  fasteners  is  the  large  volume  of  corrosion  product  formed  and  lack  of 
galvanic  compatibility  with  aluminum  alloys  [3], [15].  The  latter  is  a  common  problem  for  all  zinc  alloys. 
Another  issue  is  high  risk  of  hydrogen  embrittlement,  thus  zinc  coatings  are  usually  limited  to  low 
strength  steel  components. 

Better  performing  alternatives  are  alloys  from  the  zinc -nickel  (Zn-Ni)  system  that  is  widely  used  in 
automotive  and  aerospace  applications.  These  alloys  are  deposited  from  cyanide-free  baths,  which  can  be 
acid,  neutral  or  alkaline.  The  acid  Zn-Ni  deposition  process  was  developed  by  among  others  the  Boeing 
Company  and  there  are  two  aerospace  process  specifications  for  this  alloy:  BAC  5637  and  AMS  2417. 
The  acid  baths  produce  nickel  content  from  10  to  14%,  while  alkaline  baths  yield  about  6  to  9%  Ni. 
In  general,  the  acid  baths  produce  coatings  with  better  corrosion  resistance  and  are  more  efficient  that 
those  from  alkaline  baths,  so  the  risk  of  hydrogen  embrittlement  is  less  severe.  Still,  Zn-Ni  coating 
applications  in  aerospace  are  limited  to  low  strength  steel  components.  The  potential  problem  with  these 
alloys  is  the  need  for  conversion  coatings  (chromating  of  Zn-Ni  alloys  suppresses  the  dezincification 
process  and  improves  the  coatings’  corrosion  properties)  and  uncertain  future  as  to  the  new  regulations 
limiting  the  usage  of  nickel  or  some  of  its  compounds. 

Alloys  of  the  zinc-cobalt  (Zn-Co)  system,  like  these  of  the  zinc-nickel  system,  were  developed  to  meet 
requirements  of  the  automotive  industry.  The  optimum  cobalt  concentration  in  zinc-cobalt  alloys  is 
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thought  to  be  in  the  range  4  -  8  %,  but  for  commercial  reasons  the  level  of  cobalt  is  usually  between 
0.6  and  1.2  %  [14].  In  various  tests  zinc-cobalt  coatings  demonstrated  corrosion  resistance  equivalent  to  that 
of  cadmium  [14],  [16], [24].  With  some  topcoats  Zn-Co  coatings  can  have  torque-tension  characteristics 
comparable  to  that  of  cadmium  [25].  Unfortunately,  as  with  nickel,  the  future  use  of  cobalt  is  uncertain  due 
to  incoming  environmental  regulations. 

Tin-zinc  (Sn-Zn)  coatings  were  developed  as  a  direct  replacement  for  cadmium.  They  offer  all  the 
advantages  of  cadmium  like  high  resistance  to  corrosion,  lubricity,  solderability  and  good  electrical 
conductivity,  but  they  do  not  have  the  toxicity  of  cadmium,  although  some  deposition  processes  utilize 
cyanide  baths.  Compositions  range  from  10%  Sn  to  85%  Sn  with  balance  Zn,  but  the  most  common 
compositions  are  between  70%  and  80%  Sn.  Tin-zinc  can  be  deposited  from  acid,  alkaline,  or  neutral  baths, 
however  all  processes  are  expensive  since  the  tin-zinc  anodes  must  be  specially  cast.  As  is  the  case  with  all 
zinc  alloys,  tin-zinc  also  requires  chromate  (or  alternative)  conversion  coating  for  best  performance.  Tin-zinc 
coatings  with  70%  Sn  have  good  solderability  and  do  not  grow  “whiskers”  or  dendritic  crystals  for  periods 
up  to  600  days,  making  them  good  cadmium  alternatives  for  electrical  connectors.  Additionally,  galvanic 
compatibility  of  tin-zinc  coatings  with  aluminum  alloys  is  satisfactory,  and  they  can  be  applied  to  steel 
fasteners  for  use  on  aluminum  alloy  panels  [26]. 

23.3.2  ED  Aluminum-Based  Coatings 

Aluminum  or  aluminum  alloys  can  be  electro-deposited  only  from  non-aqueous  electrolytes.  The  Siemens 
Galvano  Aluminum  process  (SIGAL)  for  deposition  of  pure  aluminum  has  been  known  for  years,  but  was 
only  recently  developed  to  the  production  level  by  AlumiPlate  Inc  of  Minneapolis,  and  marketed  as  a  new 
alternative  for  cadmium.  ED  aluminum  from  the  AlumiPlate  process  has  been  found  to  be  technically 
superior  to  other  alternatives  in  various  tests  including  corrosion  resistance  (also  G85  S02  salt  fog  test), 
hydrogen  embrittlement,  and  electrical  conductivity.  This  coating  is  already  used  on  a  small  number  of 
military  aircraft  components,  and  has  recently  been  qualified  for  F-22  landing  gear  components  [12]. 
In  addition,  the  AlumiPlate  process  is  used  on  some  connectors  produced  by  Amphenol.  However, 
the  AlumiPlate  process  is  currently  available  only  from  a  single  source  and  the  process  itself  is  very  difficult 
to  work,  since  it  involves  the  use  of  pyrophoric  aluminum  compounds  and  flammable  organic  solvents  such 
as  toluene.  Consequently,  the  plating  process  must  be  done  in  a  sealed  tank,  with  inert  gas  over  the  plating 
bath  and  a  load-lock  used  to  maintain  an  oxygen- free  and  water- free  atmosphere. 

Aluminum-manganese  (Al-Mn)  is  a  non-aqueous  ED  coating  currently  in  development  [12], [27].  The  alloy 
composition  is  usually  13  -  25  %  Mn  and  the  process  itself  is  quite  complex,  and  involves  molten  salt  baths 
and  inert  atmospheres  (typically  dry  nitrogen).  Initial  results  show  that  the  Al-13Mn  survived  a  salt  spray 
corrosion  test  for  3,000  hrs  with  no  rust,  while  scribed  material  lasted  1,000  hrs  indicating  good  sacrificial 
properties.  Comparing  to  pure  aluminum,  Al-Mn  alloys  are  less  electronegative,  thus  should  have  lower 
corrosion  rates.  In  addition,  the  chemistry  of  the  Al-Mn  molten  salt  bath  coatings  is  practically  independent 
of  current  density,  which  should  make  it  possible  to  plate  complex  shapes  reproducibly.  However, 
this  process  is  not  at  the  production  level  as  yet  [27]. 

23.3.3  Vacuum-Deposited  Aluminum  and  Aluminum  Alloys 

Aluminum  coatings  can  be  very  effectively  deposited  by  Physical  or  Chemical  Vapor  Deposition  (PVD  or 
CVD)  methods.  Since  the  deposition  takes  place  in  vacuum,  the  risk  of  hydrogen  embrittlement  is 
virtually  eliminated  and  the  process  is  environmentally  clean.  The  main  drawbacks  of  PVD  processes  are: 

a)  The  limited  ability  to  coat  internal  diameters  owing  to  the  line-of-sight  nature  of  the  process; 

b)  Relatively  low  deposition  rates;  and 

c)  The  high  investment  cost. 
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The  CVD  process  is  more  flexible  in  terms  of  coating  small  ratio  internal  passages,  but  usually  the 
deposition  temperatures  are  too  high  for  high  strength  steels. 

The  Ion  Vapor  Deposition  (IVD)  process  to  produce  aluminum  coatings  involves  bombarding  the  substrate 
with  an  ionized  aluminum  vapor  in  vacuum.  This  process  was  first  used  by  McDonnel  Douglas  Aircraft 
(now  Boeing)  and  has  been  commercially  available  for  many  years.  It  is  also  recognized  as  a  viable 
alternative  to  cadmium  plating  by  MIL-C-83488.  The  IVD  A1  coatings  show  good  substrate  adhesion  but 
they  tend  to  be  porous  and  coated  components  require  glass-bead  peening  and  chromating.  Corrosion 
properties  of  IVD  A1  are  good,  although  poorer  than  those  of  cadmium,  but  hydrogen  embrittlement  is 
eliminated  and  the  effect  on  substrate  fatigue  is  negligible.  Obviously,  IVD  A1  coatings  on  threaded 
hardware  require  dry  film  lubricants  or  equivalent  top  coats.  The  main  obstacle  to  the  wide  use  of  IVD  A1 
process  seems  to  be  the  high  cost  of  deposition. 

Pure  aluminum  coatings  applied  by  sputtering,  including  Unbalanced  Magnetron  Sputtering  (UMS),  offer 
several  advantages  over  the  IVD  deposited  coatings:  higher  density,  a  non-columnar  structure  (no  need  for 
post-deposition  peening),  better  thickness  control,  and  higher  coating  uniformity.  Because  of  higher 
density,  UMS  A1  coatings  have  better  corrosion  properties  compared  to  IVD  Al.  Since  the  source  (target) 
materials  are  not  melted  during  the  UMS  process,  co-deposition  of  dissimilar  materials  such  as  for 
example  aluminum  and  magnesium  or  aluminum  and  molybdenum  is  possible  in  multi-target 
arrangements.  Several  aluminum  alloys  have  been  tried  as  cadmium  alternatives,  including  aluminum 
magnesium  (Al-Mg),  aluminum  molybdenum  (Al-Mo),  aluminum  titanium  (Al-Ti)  and  aluminum  zinc 
(Al-Zn)  [6],[14],[28]-[34]  and  [35].  However,  none  of  these  materials  have  been  developed  beyond  the 
research  level. 

Other  production  coatings  in  the  group  of  vacuum  technologies  are  sputtered  pure  Al  (plug-and-coat 
system  developed  by  Marshall  Labs)  used  for  internal  diameters  of  big  landing  gear  components  [12], 
and  low  temperature  CVD  Al  from  the  LOM™  process  by  Liburdi  [36].  The  Liburdi  process  is  used  to 
apply  a  high  purity  aluminum  coating  over  the  exterior  and  internal  surfaces  of  turbine  blades.  However, 
little  information  is  available  on  the  coating  performance,  except  that  it  passed  600  hrs  B117  (salt  spray) 
corrosion  test,  thus  qualifying  for  automotive  use.  Since  the  deposition  temperature  is  above  260°C  (500°F), 
CVD  Al  cannot  be  applied  to  many  structural  alloys  used  in  aerospace  [12]. 

23.3.4  Spray  Deposited  Cadmium  Alternatives 

There  are  several  different  aluminum-based  coatings  that  can  be  deposited  by  spraying:  aluminum  and  Al 
alloys,  metallic-ceramic  coatings,  and  Al-  and  Zn-filled  polymers  [12]. 

Thermal  spray  (flame  or  arc)  is  a  very  flexible  and  cost-effective  process  for  deposition  of  pure  Al,  Al-Mg 
and  Al-Zn  alloys  on  bigger  components  and  large  structures  such  as  bridges  or  communication  towers 
where  relatively  high  thickness  (above  ~75  pm  or  0.003”),  surface  roughness  and  inability  to  coat  small 
internal  diameters  (below  ~  7.5  cm  or  3”)  are  not  problems.  Wire  arc  spray  of  Al  and  Al  alloys  is  specified 
for  use  on  some  landing  gear  and  other  aircraft  components  (e.g.,  the  Bombardier  Dash-8  turboprop)  [12]. 
For  this  type  of  application  the  spray  gun  can  be  controlled  by  an  industrial  robot  to  ensure  uniformity  and 
repeatability. 

Metallic-ceramic  coatings  are  a  class  of  spray-deposited  coatings  consisting  of  metal  particles  (usually 
aluminum  powder  or  zinc  flakes)  in  an  inorganic  (usually  chromate-phosphate  binder)  matrix  [12], [18], [33]. 
These  coatings  are  sprayed  as  slurry  and  subsequently  cured  at  temperatures  above  200°C.  Due  to  the 
presence  of  the  active  metal  particles,  metallic-ceramic  coatings  provide  good  sacrificial  protection  for 
ferrous  alloys.  They  are  widely  used  by  the  aerospace  sector  in  gas  turbine  applications  and  also  as 
alternatives  to  cadmium  in  some  applications.  However,  the  latter  appear  to  be  problematic  because  of 
hydrogen  embrittlement  issues,  minimum  coating  thickness  (above  50  pm),  curing  temperature  for  some 
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formulations,  and  common  use  of  chromate  conversion  coatings  [12].  Two  known  North  American  suppliers 
of  metallic-ceramic  coatings  are  Sermatech  of  Limerick,  PA  (Serme  Tel  series  of  coatings)  and  Coating  for 
Industry  of  Souderton,  PA  (A1SEAL  coatings). 

Metal-filled  polymer  coatings  are  widely  used  to  provide  corrosion  resistance  and  proper  torque-tension  to 
fasteners  in  the  automotive  industry.  These  coatings  are  usually  deposited  either  by  spraying  or  by  dip¬ 
spinning.  There  is  a  very  wide  variety  of  proprietary  and  non-proprietary  polymer  coatings  that 
incorporate  metal  flakes  or  powders  for  corrosion  resistance.  Most  commonly,  the  material  is  an  epoxy 
with  aluminum  or  zinc  filler  and  a  fluoropolymer  (PTFE  or  similar)  topcoat  for  lubricity.  The  methods  and 
materials  involved  are  commercially  available  and  inexpensive.  However,  thickness  control  is  limited  and 
coatings  require  curing  at  temperatures  up  to  218°C.  Applications  in  the  aerospace  industry  may  require 
tougher  process  control  to  ensure  repeatability  of  coating  properties. 

23.3.5  Alternative  Substrate  Materials 

One  way  to  eliminate  cadmium  (and  alternative  coatings)  altogether  is  by  replacing  coated  steel 
components  by  corrosion  resistant  materials  such  as  titanium  alloys,  stainless  steel  or  composites.  This  is 
already  occurring  in  the  aerospace  industry  (e.g.,  the  Boeing  787  is  in  large  part  composite,  with  many  Ti 
alloy  structural  members)  and  the  use  of  stainless  steel  is  now  standard  for  aircraft  actuator  housings  and 
GTE  fasteners  [13].  Material  substitution,  mostly  in  the  form  of  corrosion-resistant  alloys,  is  the  most 
common  and  successful  approach.  Most  aerospace  actuator  rods  and  outer  cylinders  are  now  made  from 
15-5PH  stainless  steel  rather  than  the  older  4340  high  strength  steel  that  required  cadmium  plating  for 
corrosion  resistance.  A  new  ultra  high  strength  stainless  steel,  such  as  S53,  has  been  recently  developed 
and  is  currently  being  validated  [13].  This  steel  has  mechanical  properties  equivalent  to  300  M  landing 
gear  steel  (UTS  =  280  ksi)  and  corrosion  resistance  similar  to  15-5PH  stainless  steels.  Note,  however, 
that  galvanic  corrosion  between  aluminum  structures  and  steel  fasteners  is  still  an  issue  for  the  new 
stainless  steels.  However,  replacement  of  A1  alloys  by  composites  in  aircraft  fuselage  solves,  at  least  in 
part,  the  compatibility  problem. 

23.3.6  Summary  on  Cadmium  Alternatives 

Table  23-1  presents  all  discussed  coatings  and  compares  them  against  general  requirements  for  cadmium 
alternatives.  As  a  reference,  electro-deposited  cadmium  features  are  listed  as  well.  It  is  evident  from  the 
Table  23-1  that  most  electro-deposited  coatings  appear  to  be  straightforward  and  non-expensive 
replacements  for  cadmium,  except  for  ED  A1  and  Al-Mn  that  are  expensive  and  not  widely  available. 
However,  the  biggest  problem  for  the  ED  Zn  alloys  is  common  use  of  conversion  coatings  containing 
hexavalent  chromium.  Vacuum-based  PVD-UMS  and  CVD  coatings  do  not  have  this  problem,  but  these 
technologies  are  expensive  and  not  widely  available.  The  last  group  of  spray  deposited  materials  is  very 
economical,  but  relatively  large  coating  thickness  put  them  out  of  the  range  for  most  cadmium  applications. 
Besides,  similarly  to  PVD  processes,  they  are  line-of-sight  deposition  techniques,  with  limited  capabilities  to 
coat  Internal  Diameter  (ID)  surfaces. 
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Table  23-1:  General  Requirements  for  Cadmium  Alternative  Coatings. 


Requirement  —> 
Coating  i 

Low  Dep. 
Temperature 

OD/ID 

Coverage 

Thickness 
5-25  jam 

Low 

Cost 

Wide 

Availability 

Environmental 

Issues 

ED  Zn 

p 

P 

p 

p 

P 

Cr(VI) 

ED  Zn-Ni  acid 

p 

P 

p 

p 

P 

Cr(VI),  Ni 

ED  Zn-Ni  alkaline 

p 

P 

p 

p 

P 

Cr(VI),  Ni 

ED  Zn-Co 

p 

P 

p 

p 

P 

Cr(VI) 

ED  Zn-Sn 

p 

P 

p 

? 

P 

Cr(VI) 

ED  A1 

p 

P 

p 

F 

F 

Toluene 

ED  Al-Mn 

F 

P 

p 

F 

F 

Wastes,  fumes 

IVD  A1 

P 

F 

p 

F 

P 

Cr(VI) 

Sputtered  A1 

P 

P/F 

p 

F 

F 

None 

UMS  Al-Mg 

P 

F 

p 

F 

F 

None 

CVD  A1 

F 

P 

p 

? 

F 

Metal  organics 

Th.  sprayed  A1 

P 

F 

F 

P 

P 

None 

Met-ceramic 

P/F 

? 

F 

P 

P 

Cr(VI) 

Met-filled  polymer 

P 

? 

F 

P 

P 

None 

ED  cadmium 

P 

P 

P 

P 

F 

Cd,  cyanides,  Cr(VI) 

Legend:  P  =  pass 


F  =  fail 

P/F  =  result  depends  on  actual  version/method,  etc. 

?  =  not  enough  data 

Cr(VI)  =  may  contain  hexavalent  chromium 
Ni  =  contain  toxic  nickel  compounds 

Table  23-2  presents  key  technical  requirements  for  discussed  cadmium  alternative  coatings  in  comparison 
with  cadmium  performance.  The  technical  requirements  are  related  to  main  areas  of  application  and  based 
on  evaluation  criteria  discussed  in  Section  23.3. 
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ORGANIZATION 


Table  23-2:  Key  Technical  Requirements  for  Cadmium  Alternative  Coatings. 


Requirement  — > 

Coating  i 

Corrosion 

Hydrogen 

Embrittlement 

Fatigue  Debit 

Lubricity 

Compatibility 

with  A1  Alloys 

Electrical 

Conductivity 

Salt  Spray  B 1 1 7 

un 

SC 

S02 

mar 

ED  Zn 

F 

- 

P 

Pc 

F 

p 

F 

F 

- 

ED  Zn-Ni  acid 

P 

p 

F 

Pc 

? 

F 

Pc 

F 

- 

ED  Zn-Ni  alkaline 

P 

F 

F 

Pc 

? 

? 

Pc 

F 

- 

ED  Zn-Co 

Pc 

- 

- 

- 

- 

- 

Pc 

F 

- 

ED  Zn-Sn 

P 

- 

F 

- 

? 

P 

P 

P 

p 

ED  A1 

P 

- 

P 

- 

P 

- 

F 

P 

p 

ED  Al-Mn 

P 

P 

P 

- 

P 

P 

P 

P 

- 

IVD  A1 

Pc 

Pc 

Pc 

- 

P 

P 

Pc 

P 

Pc 

Sputtered  A1 

P 

P 

P 

- 

P 

P 

Pc 

P 

- 

UMS  Al-Mg 

P 

- 

- 

p 

P 

- 

Pc 

F 

- 

CVD  A1 

F 

- 

- 

- 

P 

P 

F 

P 

- 

Th.  sprayed  A1 

- 

- 

- 

- 

P 

P 

- 

P 

- 

Met-ceramic 

P 

F 

P 

- 

? 

? 

F 

- 

- 

Met-filled  polymer 

- 

- 

- 

- 

P 

- 

P 

P 

— 

ED  cadmium 

Pc 

Pc 

F 

Pc 

Pb 

P 

Pc 

P 

Pc 

Legend:  P  =  pass 


Pc  =  pass  if  top-coated  or  conversion-coated 
Pb  =  pass  if  baked  out 
F  =  fail 

-  =  not  applicable  or  no  data 
?  =  not  enough  data 
un  =  unscribed  condition 
sc  =  scribed  condition 
mar  =  marine  environment 

The  technical  performance  of  electro-deposited  alternatives  appear  to  be  satisfactory,  however  these  coatings 
require  additional  treatments  to  improve  their  corrosion  resistance  or  lubricity.  In  addition,  the  big  problem 
for  the  ED  Zn  alloys  is  hydrogen  embrittlement  and  lack  of  galvanic  compatibility  with  A1  alloys.  Electro- 
deposited  A1  and  Al-Mn  have  better  corrosion  resistance  and  no  embrittlement  problem,  but  similarly  to 
other  A1  based  coatings  (except  metal-filled  polymers)  have  poor  lubricity.  It  is  also  noticeable  that  only  few 
alternatives  are  electrically  conductive,  thus  more  development  in  this  area  is  needed.  Most  alternative 
coatings  have  acceptable  fatigue  debit.  Since  corrosion  performance  and  hydrogen  embrittlement  are  the 
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most  critical  performance  criteria  for  cadmium  alternatives  in  aerospace,  aluminum  based  coatings  appear  to 
be  preferred  choice  in  a  long  run;  in  particular,  IVD  A1  for  big  parts  and  external  surfaces,  and  ED  A1  for 
small  complex  parts  and  internal  diameters. 


23.4  HARD  CHROMIUM  ALTERNATIVES 

Industrial  hard  chromium,  also  known  as  hard  chrome,  is  one  of  the  most  extensively  used  electroplated 
coatings  in  the  aerospace  and  automotive  industries  [7], [13], [37]  and  [38].  It  is  used  by  original  equipment 
manufacturers  for  wear  and  corrosion  protection  and  to  a  lesser  extent  for  aesthetics,  and  by  repair  and 
overhaul  facilities  to  rebuilding  worn  parts.  In  the  aerospace  industry,  the  typical  applications  include  landing 
gear  components,  hydraulic  actuators,  turbine  engine  shafts,  bearings,  and  propeller  hubs.  In  automotive, 
crankshafts,  valves,  hydraulic  components,  piston  rings,  and  cylinder  linings  are  typical  applications. 
Military  agencies  are  using  hard  chrome  extensively  for  protection  of  inside  bores  of  gun  barrels.  The  main 
issues  affecting  usage  of  chromium  plating  are  process  toxicity  (presence  of  hexavalent  chromium  Cr(VI)), 
low  plating  bath  efficiency  (around  15%)  that  leads  to  high  energy  consumption,  the  presence  of  cracks 
causing  inconsistent  corrosion  performance,  thickness  uniformity  and  the  necessity  of  post-treatment 
machining,  and  hydrogen  embrittlement  in  steel  substrates  requiring  post-deposition  bakeout.  Hard  chromium 
alternatives  are  expected  not  only  to  match  the  chromium  performance  in  given  applications,  but  also  address 
these  issues  with  a  view  to  gaining  some  improvement.  All  discussed  here  alternative  technologies  and 
coatings  are  presented  in  Figure  23-3. 


Figure  23-3:  Chromium  Alternative  Coatings. 
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23.4.1  Spray  Deposited  Hard  Chromium  Alternatives 

Thermal  spraying  is  widely  used  in  aerospace  and  many  other  industries  for  deposition  of  high  quality 
metallic,  ceramic  and  ceramic-metal  composite  coatings.  There  are  three  basic  spraying  technologies 
available  as  alternative  technologies  to  hard  chromium  plating. 

The  leading  technology  among  hard  chromium  alternatives  is  the  High  Velocity  Oxygen  Fuel  (HVOF) 
spraying  of  cermets.  This  technology  is  versatile,  environmentally  benign,  and  cost  effective.  The  coatings 
are  most  often  cermets  containing  WC-Co,  WC-Co-Cr  and  Cr3C2-NiCr,  and  have  been  found  to  have 
physical  properties  equal  to  or  better  than  those  of  hard  chromium.  In  fact,  the  service  temperature  of 
typical  cermets  can  be  up  to  815°C  (1500°F),  which  is  double  the  hard  chromium  capability.  Deposition  is 
completed  by  propelling  the  coating  with  a  high  velocity  and  high  temperature  flame  produced  through  the 
combustion  of  oxygen  and  fuel.  A  significant  advantage  of  this  technology  is  the  high  deposition  rate. 
Disadvantages  include  the  inability  to  coat  small  and  intricate  parts,  or  parts  with  a  small  internal  diameter 
(about  100  mm  or  4”).  In  addition,  machining  is  required  after  coating  deposition  due  to  the  surface 
roughness  and  typical  over-spraying.  The  aerospace  industry  has  targeted  the  use  of  HVOF  coatings  for 
landing  gears,  flap  actuators,  shafts,  hub  propellers,  and  hydraulic  parts  [13], [37].  Other  applications 
include  industrial  hydraulic  and  pneumatic  actuators,  and  mill  rolls  used  in  steel,  paper  and  plastic 
industries. 

Plasma  spraying  is  used  to  deposit  similar  materials  and  has  similar  applications  to  HVOF.  However, 
thanks  to  the  smaller  size  of  the  plasma  gun  and  short  standoff  distance,  it  can  be  used  to  coat  Internal 
Diameters  (ID)  not  accessible  to  HVOF  [13], [38].  Presently,  the  minimum  ID  is  about  40  mm  (1.6”)  in  the 
case  of  the  specially  developed  F-300  plasma  gun  from  Sulzer  Metco  [38]. 

The  detonation  gun  thermal  spray  process  was  originally  developed  by  the  Union  Carbide  Corporation  and 
is  now  available  from  Praxair  Surface  Technologies  under  the  name  of  D-Gun  and  Super  D-Gun  [39], [40]. 
In  this  technique,  the  powder  particles  suspended  in  the  flammable  gas  mixture  are  accelerated  by  a 
detonation  ignited  by  spark  plug  at  the  rate  up  to  8.6  times  per  second.  The  repeated  detonation  cycle 
produces  a  coating  on  the  substrate  placed  50  -  100  mm  from  the  barrel.  Super  D-Gun  process  yields 
excellent  coating  properties  particularly  for  tungsten  carbides  coatings.  Bond  strength  is  reported  to  reach 
210  MPa  (about  twice  the  corresponding  value  for  plasma  spraying)  and  the  coating  porosity  is  below  1%. 
However,  detonation  gun  process  is  strictly  line-of-sight  and  more  expensive  than  the  other  thermal 
spraying  techniques. 

23.4.2  Electrolytic  Hard  Chromium  Alternatives 

Wet  technologies  such  as  trivalent  chromium  and  nickel  depositions  are  in  use  mostly  for  ID  applications 
where  line-of-sight  spray  technologies  fall  short.  The  strong  point  of  these  processes  is  that  the  plating  is 
well  established  within  the  industry  and  there  is  a  network  of  suppliers  and  plating  shops  willing  to  adapt 
to  the  new  environmental  standards.  The  weakest  point,  common  for  all  wet  technologies,  is  the  volume  of 
wastes  generated. 

Electro-deposited  trivalent  chromium,  obtained  from  Cr(III)-based  electrolytes,  is  environmentally  sound 
technology;  however,  physical  and  chemical  properties  of  the  coatings  are  still  inferior  to  hexavalent  hard 
chrome,  despite  years  of  effort  [7], [13].  For  now,  trivalent  chromium  applications  are  limited  to  thin 
decorative  coatings.  Thicker  coatings  are  suitable  only  for  simple  substrate  configurations. 

Electroless  nickel  and  nickel  alloys,  despite  all  environmental  concerns  are  still  used  as  hard  chromium 
alternatives.  Electroless  nickel-phosphorus  (Ni-P)  is  a  hardenable,  corrosion  resistant  coating  consisting  of 
nickel  alloyed  with  a  varying  percentage  of  phosphorous  (usually  8%  to  10%).  It  offers  good  thickness 
uniformity  and  control.  The  coating  properties  are  largely  determined  by  coating  composition,  with  8% 
phosphorus  coating  being  harder  and  10%  phosphorus  coating  being  more  corrosion  resistant.  Electroless 
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Ni-P  composite  coatings  are  available  with  additions  such  as  Silicon  Carbide  (SiC)  for  wear  resistance  or 
teflon  (PTFE)  for  lubricity.  Thanks  to  the  ability  to  cover  parts  of  complex  geometry,  typical  applications 
of  electroless  Ni-P  include  hydraulic  valves,  pump  components,  moulding  dies  and  fuel  injector  plates. 
Electroless  nickel-boron  (Ni-B)  coating  exhibits  better  wear  resistance,  lower  friction,  higher  hardness  but 
lower  corrosion  resistance  compared  to  hard  chrome.  In  addition,  Ni-B  coatings  are  expensive  to  produce, 
not  widely  available  and  plating  bath  contains  lead  or  thallium  that  are  toxic  materials.  Typical  areas  of 
application  include  jet  engine  components,  glass  manufacturing,  foundry  molds,  gears,  shafts,  knife  blades 
and  drills. 

There  are  a  number  of  electroplated  alloys  considered  as  drop-in  replacements  for  hard  chromium  [7], [13]. 
They  are  based  either  on  nickel  (Ni-W,  Ni-W-B,  Ni-W-P,  Ni-W-SiC  and  Ni-W-B-SiC)  or  cobalt  (Co-W 
and  Co-P).  However,  nickel  (or  some  of  it  compounds)  already  faces  increased  environmental  scrutiny  and 
cobalt’s  future  is  also  uncertain.  To  complicate  things  even  further,  cobalt  is  more  expensive  than  nickel. 
Nevertheless,  worth  mentioning  here  is  nanocrystalline  Cobalt-Phosphorus  (Co-P)  coating  recently 
developed  by  Integran  Technologies  [41].  Thanks  to  better  microstructure  and  low  residual  stress, 
the  nanocrystalline  Co-P  coatings  are  more  corrosion  resistant  than  hard  chromium.  The  process  is  not 
embrittling,  although  the  fatigue  effect  on  the  substrate  is  not  known.  In  general,  electroplated  alloys 
surpass  hard  chromium  in  many  respects  and  may  be  used  in  selected  applications  as  a  direct  replacement. 
However,  environmental  restrictions  (nickel  compounds  in  plating  bath)  and  problems  with  process 
control  (e.g.,  SiC  particles  in  composite  coatings)  may  limit  or  even  eliminate  their  application  in  the 
future. 


23.4.3  Other  “Dry”  Alternatives 

In  principle,  any  hard  coating  can  be  considered  as  a  hard  chromium  alternative  [7] -[9]  and  [43]. 
The  candidate  “dry”  alternatives  can  be  deposited  by  vacuum-based  PVD  methods,  laser  techniques, 
and  micro-welding.  In  addition,  surface  modifications  that  do  not  create  coatings  but  improve  surface 
properties,  such  as  ion  implantation,  plasma  nitriding  and  thermo-chemical  treatment,  can  also  be 
considered.  The  techniques  that  have  been  considered  as  hard  chromium  replacement  are  discussed  next. 
However,  comparing  to  spray  technologies  and  plating,  they  have  only  niche  applications. 

PVD  deposition  techniques  are  relatively  well-known  alternatives  for  hard  chromium  plating.  Included  in 
this  category  are  sputtering  and  cathodic  arc  deposition  that  produce  thin  coatings  (below  10  pm), 
and  Electron  Beam-PVD  (EB-PVD)  techniques  which  can  produce  coatings  up  to  hundreds  of  pm  in 
thickness.  Two  of  the  most  important  features  of  PVD  coatings,  relevant  to  hard  chromium  applications, 
are  the  high  deposition  rate  and  compressive  residual  stresses  in  the  coatings  after  deposition.  The  high 
deposition  rate  of  EB-PVD  allows  for  significant  thickness  build-up  and  can  be  used  for  refurbishment 
purposes  as  well  as  for  net  shape  forming  [42].  The  compressive  residual  stresses,  characteristic  of  all 
PVD  coatings,  improve  the  corrosion  resistance  of  the  coating.  A  variation  of  PVD  technique,  Ion-Beam 
Assisted  Deposition  (IBAD),  is  a  combination  of  low  energy  ion  bombardment  and  a  physical  vapor 
deposition.  This  process  produces  high-density  coatings  with  excellent  adhesion  and  controllable  residual 
stresses.  Among  PVD  coatings  considered  as  hard  chromium  alternative  are  CrN,  TiN  and  Metal 
containing  Diamond-Like  Carbon  (Me-DLC)  coatings  that  can  be  deposited  by  magnetron  sputtering  or 
cathodic  arc  evaporation  [43].  Overall,  PVD  methods  are  environmentally  clean  and  offer  high  quality 
coatings.  Although  the  capital  cost  for  PVD  equipment  can  be  high,  this  can  be  offset  by  mass  production. 

Ion  technologies  such  as  ion  implantation  or  plasma  nitriding  use  energetic  ion  bombardment  to  modify 
surface  properties  of  the  material  [7].  Since  no  coating  is  produced,  there  is  no  change  to  part  dimensions, 
no  problems  with  adhesion,  and  residual  stresses  are  negligible.  One  of  the  newest  developments,  Plasma 
Source  Implantation  is  a  low-cost  and  non-line-of-sight  technique,  most  often  used  for  nitriding.  So-called 
plasma  nitriding  can  be  used  in  combination  with  physical  vapor  deposition  or  electro-deposition. 
For  those  parts  that  already  have  hard  chromium  coating  plated,  the  application  of  nitriding  leads  to  the 
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formation  of  CrN  phases  on  the  surface.  This  increases  the  wear  resistance  and  service  life  of  chromium 
coated  parts.  Although  not  the  ideal  solution,  ion  technologies  can  provide  a  versatile  means  to  enhance 
chromium  coatings  already  in  use  and  thus  contribute  to  the  lower  life  cycle  cost  of  coated  parts.  The  latter 
translates  into  longer  times  between  refurbishments,  resulting  in  less  environmental  impact. 

Laser  Cladding  (LC),  which  is  also  known  as  laser  plating  or  hard  facing,  is  another  technology  with 
potential  as  a  chromium  plating  alternative  [44], [45].  The  cladding  process  consists  of  melting  the  coating, 
which  is  usually  in  the  powder  form,  together  with  the  surface  layer  of  the  substrate.  The  coefficient  of 
mixing  is  usually  0.1  indicating  that  there  is  little  mixing  with  the  substrate.  LC  produces  a  strong 
metallurgical  bond  and  preserves  the  unique  properties  of  the  coating  material  and  the  substrate.  Among  the 
varieties  of  materials  used,  Co-Cr-Mo-Si  and  Cr-Ni-B-Si-Fe  compositions  are  known  to  provide  good 
combinations  of  wear  and  corrosion  resistance.  In  comparison  to  hard  chromium,  the  advantages  of  cladding 
processes  include:  absence  of  micro-cracking,  low  energy  consumption,  low  heat  input,  and  coating 
composition  flexibility.  Similar  to  chromium  plating,  post-deposition  machining  is  required. 

Electro-Spark  Deposition  (ESD)  is  in  principle  a  pulsed-arc  micro-welding  process  that  uses  short  duration, 
high  current  electrical  pulses  to  deposit,  with  very  low  heat  input,  a  consumable  electrode  material  on  a 
metallic  substrate  [46], [47].  The  process  is  environmentally  benign,  cost-effective  and  requires  no  special 
chambers,  or  operator  protection.  This  commercially  available  technology  offers  a  wide  selection  of  coating 
materials,  and  portability  of  coating  equipment.  In  addition,  ESD  can  be  applied  to  inside  diameters  as  small 
as  7.6  mm  (0.30”).  In  principle,  any  electrically  conductive  material  can  be  deposited,  but  for  the  purpose  of 
hard  chromium  replacement,  tungsten  carbides  such  as  WC-25TaC-13Co,  and  cobalt-base  alloys  such  as 
Stellite  6  and  Stellite  21  have  been  successfully  used.  Characterization  of  the  ESD  coatings  showed  that 
compared  to  hard  chromium,  the  ESD  coatings  have  comparable  corrosion  performance,  and  slightly  lower 
hardness  and  wear  resistance.  Fatigue  testing,  however,  revealed  that  in  the  case  of  high-strength  steel 
substrates  (e.g.,  4340)  the  loss  of  fatigue  life  could  reach  20%.  The  low  deposition  rates  may  also  be  a 
concern,  but  ESD  can  play  a  significant  role  in  on-site  repairs  of  original  materials  and  chromium  coatings. 

23.4.4  Summary  on  Hard  Chromium  Alternatives 

Table  23-3  and  Table  23-4  present  all  discussed  alternative  coatings  and  compare  them  against  relevant 
properties  of  Electro-deposited  Hard  Chromium  (EHC).  Since  deposition  temperature  and  service 
temperature  are  not  problematic  for  alternatives  considered  in  this  review,  they  are  not  listed  in  Table  23-3 
as  a  requirement. 
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Table  23-3:  General  Requirements  for  Hard  Chromium  Alternative  Processes  and  Coatings. 


Requirement  —> 

Process/Coating  i 

Low 

Cost 

Rebuild 

Capacity 

Post- 

Deposition 

Machining 

ID 

Coverage 
(min  dia) 

Environment 

Issues 

Availability 
and  Fit  with 
OEM/MRO 

EHC 

Yes 

Yes 

Needed 

Yes 

Cr(VI) 

Yes 

HVOF  WC-Co 

WC-Co-Cr 

Cr3C2-NiCr 

P 

P 

p 

100  mm 

? 

P 

Plasma  spray 

P 

P 

p 

40  mm 

None 

P 

Super  D-gun 

F 

P 

p 

F 

None 

F 

ED  trivalent  Cr 

P 

F 

None 

P 

None 

? 

Electroless  Ni-P 

P 

P 

? 

P 

Ni 

P 

Electroless  Ni-B 

F 

P 

? 

P 

Ni,  Tl,  Pb 

P 

Electroless  Ni-P-SiC 

P 

P 

? 

P 

Ni,  SiC 

P 

ED  Ni-W 

P 

P 

? 

P 

Ni 

P 

ED  Ni-W-B 

P 

P 

? 

P 

Ni 

P 

ED  Ni-W-P 

P 

P 

? 

P 

Ni 

P 

ED  Ni-W-SiC 

P 

P 

? 

P 

Ni,  SiC 

P 

ED  Ni-W-B-SiC 

P 

P 

? 

P 

Ni,  SiC 

P 

ED  Co-W 

F 

P 

? 

P 

None 

P 

ED  Co-P 

F 

P 

? 

P 

None 

P 

ED  nano  Co-P 

F 

P 

? 

P 

None 

? 

PVD  CrN 

F 

F 

None 

F 

None 

F 

PVD  TiN 

F 

F 

None 

F 

None 

F 

PVD  Me-DLC 

F 

F 

None 

F 

None 

F 

Plasma  nitriding 

P 

F 

None 

P 

None 

P 

LC  Co-Cr-Mo-Si 

Cr-Ni-B-Si-Fe 

P 

P 

p 

F 

None 

F 

ESD  WC-TaC-Co 

Stellite  2 1 

P 

P 

p 

7.6  mm 

None 

P 

Legend:  P  =  pass  (same  as  EHC  or  better) 


F  =  fail 

?  =  not  enough  data 

OEM/MRO  =  Original  Equipment  Manufacturer  /  Maintenance  Repair  and  Overhaul  facility 
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Table  23-4:  Technical  Requirements  for  Hard  Chromium  Alternative  Processes  and  Coatings. 


Requirement  —> 

Process/Coating  i 

Hardness 

HV 

Wear 

Resistance 

COF 

Corrosion 

Resistance 

Hydrogen 

Embrittlement 

Fatigue 

Debit 

EHC 

800-  1000 

High 

0.12 

F  (cracks) 

Needs  bake  out 

F 

HVOF  WC-Co 

P 

P 

- 

? 

p 

? 

WC-Co-Cr 

P 

P 

- 

p 

p 

? 

Cr3C2-NiCr 

P 

P 

- 

p 

p 

- 

Plasma  spray 

P 

P 

- 

p 

p 

P 

Super  D-gun 

P 

P 

- 

p 

p 

P 

ED  trivalent  Cr 

F 

F 

- 

? 

- 

- 

Electroless  Ni-P 

P 

P 

- 

p 

- 

- 

Electroless  Ni-B 

P 

P 

P 

F 

- 

- 

Electroless  Ni-P-SiC 

P 

P 

- 

P 

- 

- 

ED  Ni-W 

P 

P 

P 

P 

- 

- 

ED  Ni-W-B 

P 

P 

P 

- 

p 

F 

ED  Ni-W-P 

P 

P 

- 

P 

- 

- 

ED  Ni-W-SiC 

P 

P 

- 

- 

- 

P 

ED  Ni-W-B-SiC 

P 

P 

- 

- 

- 

P 

ED  Co-W 

F 

P 

- 

P 

- 

- 

ED  Co-P 

P 

P 

- 

- 

- 

- 

ED  nano  Co-P 

P 

F 

F 

P 

p 

? 

PVD  CrN 

P 

P 

F 

P 

p 

P 

PVD  TiN 

P 

P 

F 

P 

p 

P 

PVD  Me-DLC 

P 

P 

P 

P 

p 

P 

Plasma  nitriding 

P 

P 

- 

- 

p 

P 

LC  Co-Cr-Mo-Si 

P 

P 

- 

P 

p 

P 

Cr-Ni-B-Si-Fe 

ESD  WC-TaC-Co 

P 

P 

- 

P 

p 

P 

Stellite  2 1 

F 

F 

- 

P 

p 

F 

Legend:  P  =  pass  (same  as  EHC  or  better) 


F  =  fail 

?  =  not  enough  data 
-  =  not  applicable  or  no  data 
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As  evident  from  Table  23-3,  all  thermal  spray  processes  and  laser  cladding  have  proven  rebuilding 
capabilities,  and  as  a  consequence,  post-deposition  machining  is  typically  required.  It  is  also  noticeable  that 
most  of  “wet”  ED  and  Electroless  coatings  have  variety  of  potential  environmental  problems,  the  most 
serious  in  the  case  of  Electroless  Ni-B,  relating  to  nickel,  lead  (Pb)  and  thallium  (Tl)  contents.  In  addition, 
all  composite  coatings  have  problems  with  air  emission  of  SiC  particles.  On  the  other  hand,  all  wet  coatings 
have  good  OD/ID  coverage.  This  property  is  lacking  from  the  “dry”  alternatives,  where  PVD,  LC  and  Super 
D-Gun  technologies  are  strictly  line-of-sight,  while  HVOF  and  plasma  spraying  have  quite  serious 
limitations  as  to  minimum  diameter  that  could  be  coated.  The  PVD  and  laser  technologies  are  not  widely 
available  at  service  depots  and  PVD  in  particular  can  be  expensive,  especially  on  small  scale  production. 

With  few  exceptions,  hard  chromium  alternatives  have  no  problem  with  meeting  the  hardness  and  wear 
resistance  criteria.  Also  the  corrosion  resistance  is  not  an  issue.  Since  hydrogen  embrittlement  is  critical 
only  for  high-strength  substrates,  suitable  alternative  can  be  found  for  most  of  applications.  Overall,  when 
combining  general  requirements  (with  the  low  cost  as  a  go  /  no  go  criteria)  and  technical  requirements, 
the  spray  technologies  (HVOF  and  Plasma)  and  laser  cladding  appear  to  be  the  best  alternatives  for  big 
components  and  mostly  external  surfaces,  while  variety  of  electro-deposited  and  electroless  coatings  can 
be  applied  to  coat  ID’s.  However,  future  environmental  restrictions  concerning  nickel  compounds  may 
complicate  this  picture,  as  Ni-based  coatings  cover  most  ID  applications.  Plasma  nitriding  may  replace 
hard  chromium  in  applications  on  some  small  and  complex  components,  while  Electro-Spark  Deposition 
of  carbides  may  be  used  for  field  repairs. 


23.5  CONCLUSIONS 

There  are  many  potential  alternatives  for  both  hard  chromium  and  cadmium.  In  the  case  of  hard  chromium, 
HVOF  and  plasma  spraying  of  cermets  has  been  the  leading  process  of  choice  for  most  applications. 
However  the  electrolytic  Ni-based  coatings  are  still  needed  for  internal  surfaces.  Laser  cladding,  plasma 
nitriding  and  Electro-Spark  Deposition  processes  may  also  play  a  role  in  specific  applications.  In  the  case  of 
cadmium,  however,  the  situation  is  more  complicated  and  serious  concessions  are  needed.  First  of  all,  there 
is  no  leading  technology,  and  electro-deposition  of  zinc-  and  aluminum-based  alloys  is  competing  with  other 
techniques  like  PVD,  CVD  and  thermal  spray  technologies.  However,  the  big  problem  for  the  ED  Zn  alloys 
is  hydrogen  embrittlement  and  lack  of  galvanic  compatibility  with  A1  alloys  that  make  most  of  structural 
component  in  aerospace.  Electro-deposited  A1  and  Al-Mn  do  not  have  these  problems,  but  similarly  to  other 
Al-based  coatings  have  poor  lubricity  that  complicates  applications  to  threaded  hardware.  Another  problem 
is  that  only  few  cadmium  alternatives  are  electrically  conductive,  thus  more  development  in  this  area  is 
needed.  Since  corrosion  performance  and  hydrogen  embrittlement  are  the  most  critical  performance  criteria 
for  cadmium  alternatives  in  aerospace,  aluminum  based  coatings,  despite  higher  cost,  appear  to  be  preferred 
choice  in  a  long  run;  in  particular,  IVD  A1  for  big  parts  and  external  surfaces,  and  ED  A1  for  small  complex 
parts  and  internal  diameters.  Sputtered  A1  may  also  find  niche  applications.  In  other  areas  than  aerospace, 
selection  of  suitable  cadmium  alternative  appears  to  be  not  that  critical. 
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Chapter  24  -  MATERIALS  REPLACEMENT 
FOR  AGING  AIRCRAFT 

Ali  Merati 

Structures  and  Materials  Performance  Laboratory,  Institute  for  Aerospace  Research 
National  Research  Council  Canada 
Ottawa,  Ontario 
CANADA 


24.1  INTRODUCTION 

The  criteria  for  the  selection  of  materials  for  aircraft  structure  have  evolved  over  the  years.  When  the 
Wright  brothers  used  the  first  cast  aluminum  engine  block  on  the  Flyer,  the  main  drivers  for  material 
selection  were  weight  and  static  strength.  The  main  airframe  materials  were  wood  with  fabric  covering. 
Wood  is  a  natural  composite  with  long  fibers  of  cellulose  held  together  in  a  weaker  matrix  of  lignin,  which 
illustrates  that  using  composite  airframes  is  not  a  new  idea.  After  development  of  precipitation  hardening 
and  the  method  to  protect  the  surface  of  aluminum  by  cladding  and  anodizing,  aluminum  has  been  the 
primary  material  for  airframe  structures.  Aluminum  has  been  established  in  the  aerospace  industry,  due  to 
very  high  specific  strength  (strength/density),  high  toughness,  ease  of  manufacture  (major  advantage  being 
extrusion),  long  term  performance,  no  low  temperature  brittle  fracture,  readily  joinable  by  welding  or 
mechanical  riveting,  and  easily  recyclable.  Although  pressure  is  increasing  from  composite  fiber  reinforced 
plastics,  the  latter  three  or  four  advantages  seem  to  keep  aluminum  at  the  leading  edge. 

In  the  campaign  for  the  position  of  “dominant  material”,  aluminum  producers  are  trying  to  reduce  weight. 
Introduction  of  new  designs,  aluminum-lithium  alloys,  and  rivet  replacement  with  laser  welding  or  Friction 
Stir  Welding  (FSW)  can  be  cited  as  examples.  However,  the  main  thrust  of  polymer  based  composites 
producers  is  to  develop  low  cost  manufacturing  methods.  The  dominance  of  aluminum  received  a  serious 
blow  when  Boeing  designed  the  787  with  almost  50%  polymer  based  composite  in  its  structure. 
Nevertheless,  aluminum  remains  a  highly  attractive  material  from  which  to  make  aircraft  and  space  vehicles. 
Its  recycling  and  low  weight  advantages  are  essential  considerations,  as  they  are  in  the  automotive  industry. 

Corrosion  control  in  the  aerospace  industry  has  always  been  important,  but  is  becoming  more  so  with  the 
ageing  of  the  aircraft  fleet.  The  new  approach  of  “care  free”  structures  suggests  that  optimized  structures 
should  be  designed  for  minimum  life  cycle  cost  [1],  which  translates  to  crack- free  long  life,  minimum 
corrosion  and  repair,  and  reduced  inspection  costs.  Today  combinations  of  low  weight,  fatigue  resistance, 
durability,  damage  tolerance,  reliability,  manufacturability,  maintainability,  corrosion  resistance, 
low  manufacturing  costs  and  low  assembly  costs  are  needed  to  satisfy  the  required  operating  costs  and 
safety  of  aircraft.  Winning  products  need  to  be  light  in  weight  as  well  as  low  in  manufacturing  costs  and 
processing  methods  (e.g.,  friction  stir  welded  fuselage  panel  using  improved  Al-Li  alloys).  In  a  case  study 
by  Airbus,  wing  ribs  were  manufactured  using  friction  stir  welding  of  2050  alloy.  The  lower  density  and 
high  modulus  of  the  aluminum  lithium  alloys  provided  the  weight  saving,  and  low  cost  manufacturing  was 
achieved  by  friction  stir  welding  as  opposed  to  machining  [2], [3]. 

Since  the  earliest  days  of  the  aircraft  industry,  alloy  selection  has  seen  different  methodologies  such  as 
safe  life,  fail  safe,  and  damage  tolerance  (fail-safe  +  periodical  inspection)  designs.  Aluminum  alloys  such 
as  7079  and  7075  were  developed  for  high  static  strength,  but  failed  to  provide  adequate  toughness  and 
corrosion  resistance.  Later,  alloys  such  as  7475,  7050,  and  7010  were  among  the  first  alloys  developed  to 
satisfy  the  fracture  toughness  requirements  of  new  damage  tolerance  designs. 

With  current  high  fuel  costs,  use  of  more  expensive  low  density  materials  such  as  Al-Li,  Metal  Matrix 
Composite  (MMC),  polymer  (epoxy)  based  composites  (PMC),  and  Fiber  Metal  Laminate  (FML)  such  as 
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Glare  is  predicted  [4], [5].  However,  introducing  these  newer  materials  as  substitutes  for  older  aluminum 
alloys  in  existing  aircraft  structures  is  not  usually  an  option  because  of  the  profound  implications  on 
structural  integrity  and  airworthiness.  In  fact  even  the  simple  replacement  of  one  aluminum  alloy  with 
another  must  be  approached  with  extreme  caution  because  of  unexpected  negative  consequences. 

The  focus  of  this  chapter  is  mainly  on  aluminum  alloys  for  airframe  structures,  however  engines  are  also 
witnessing  great  innovation,  for  example  with  increased  use  of  newer  forms  of  the  nickel-based 
superalloys  such  as  directionally  solidified  and  single  crystal  blades  and  vanes  [6], [7]. 

The  average  age  of  aircraft  in  the  USAF  fleet,  which  is  the  largest  fleet  of  aging  military  aircraft,  is 
estimated  to  be  26  years  and  the  average  age  of  KC-135  tankers  is  now  50  years  [8].  Civil  aircraft 
operators  have  chosen  to  replace  their  older  fleets;  however  most  military  aircraft  operators  choose  to 
extend  service  life  by  more  frequent  inspection  and  repair.  This  has  led  to  higher  maintenance  costs  and 
workload,  and  reduced  availability  of  aircraft.  It  should  be  noted  that  military  aircraft  reliability  is  still 
based  on  usage  rates,  which  largely  reflect  flying  hours  with  less  emphasis  on  absolute  chronological  age 
when  the  time-dependent  effects  of  corrosion  would  become  significant. 


24.2  AGING  (LEGACY)  ALUMINUM  ALLOYS 

High  strength  is  the  priority  requirement  for  upper  wing  and  fuselage  stiffeners,  while  for  lower  wing 
alloys  and  fuselage  skins  damage  tolerance  is  key  [9],[10].  Most  of  the  older  aircraft  were  manufactured 
with  Alclad  2024-T3  or  7075-T6  aluminum,  both  of  which  are  precipitation  hardenable  alloys  and  hence 
can  be  heat  treated  to  achieve  high  static  strength.  They  are  typical  of  many  alloys  developed  in  the  late 
1930s  through  to  the  late  1950s  and  early  1960s.  Dealing  with  corrosion  and  fatigue  problems  of  these 
legacy  alloys  (2024  and  7075)  is  the  main  source  of  cost  in  older  aircraft.  The  alloy  2024  has  served  the 
aerospace  industry  since  1935.  For  the  lower  wing  skin,  2024  was  favored  because  of  its  higher  fracture 
toughness.  Alloy  7075-T651  was  introduced  in  1944  and  has  been  used  for  upper  wing  structures  or  where 
high  strength  is  needed  in  many  of  the  older  aircraft.  In  contrast  to  7075-T6,  the  lower  strength  2024-T3  is 
much  more  damage  tolerant. 

There  are  many  parameters  considered  in  the  selection  of  materials  for  aircraft.  However,  as  aircraft  age 
reliability  and  maintainability  gain  considerable  importance.  There  is  a  high  probability  of  interaction 
between  corrosion  and  fatigue,  and  the  probability  increases  as  an  aircraft  ages.  In  most  cases  of  life 
extension,  the  alloys  are  replaced  with  the  same  but  unused  materials.  Parameters  influencing  the  corrosion 
and  fatigue  performance  of  the  legacy  alloys,  such  as  heat  treatment,  constituent  particles,  and  surface 
treatment,  are  discussed  in  the  following  sections. 

24.2.1  Heat  Treatment 

Alloys  2024-T3  and  7075-T6  are  both  susceptible  to  exfoliation  (Figure  24-1),  intergranular  corrosion, 
Stress  Corrosion  Cracking  (SCC),  and  pitting  [11]-[15].  These  alloys  in  general  have  been  the  subject  of 
extensive  research  since  their  development. 
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(a)  (b) 

Figure  24-1 :  The  Top  Skin  of  a  Severely  In-Service  Corroded  B727  Lap  Splice  (Faying  Surface) 

Made  from  One-Side  Clad  2024-T3  -  (a)  Optical  micrograph  of  exfoliation  corrosion 
and  a  thickness  loss  of  approximately  40%.  The  sample  was  taken 
from  (b)  SEM  micrograph  of  top  view  of  faying  surface  [11]. 

Inadequate  corrosion  resistance  of  7000  series  alloys  in  the  T6  temper,  particularly  in  the  case  of  SCC  and 
exfoliation  have  been  the  source  of  many  service  failures.  SCC  resistance  is  extremely  important  in  thick 
sections.  7075  in  the  T6  temper  and  even  2024-T3  for  thick  products  are  found  to  be  susceptible  to  SCC 
when  stressed  in  the  short  transverse  direction.  Unlike  general  corrosion,  the  amount  of  deformation  and 
the  degree  of  observable  corrosion  accompanying  SCC  is  small  and  could  go  undetected  using  most 
conventional  NDI  methods. 

SCC  in  some  7000  series  alloys  can  be  overcome  by  the  application  of  a  T7  overaging  heat  treatment  but 
typically  by  sacrificing  10  -  20  %  strength.  The  aging  treatments  such  as  Retrogression  and  Re-Ageing 
(RRA)  and  T77,  however,  provide  the  resistance  without  considerable  sacrifice  in  strength  [16]-[19]. 

RRA  is  a  multi-stage  artificial  ageing  process  and  has  been  demonstrated  to  improve  SCC  resistance  of 
7075-T6  alloys.  However,  the  quench  sensitivity  of  the  alloy,  apparently  due  to  the  chromium-containing 
grain  refinement  used,  prevents  RRA  from  becoming  a  common  commercial  treatment  for  7075. 
By  contrast,  alloys  that  are  grain  refined  by  zirconium,  such  as  7050,  7150,  and  7055,  respond  well  to  the 
heat  treatment  which  is  designated  as  T77  type.  The  proprietary  T77  temper,  developed  by  Alcoa,  is  also  a 
multi-step  aging  treatment  that  produces  a  higher  strength  with  matching  or  better  damage  tolerance  than 
T76  [8].  Further  information  on  the  RRA  treatment  and  variants  of  it  are  provided  in  Chapter  25  [19]. 

In  addition  to  susceptibility  to  SCC  and  exfoliation,  the  core  alloys  of  7075-T6  and  2024-T3  are  prone  to 
selective  corrosion  such  as  pitting  along  with  intergranular  corrosion.  The  fatigue  and  corrosion  failure 
processes  exploit  the  weakest  links  within  the  material,  which  act  as  nucleation  sites  for  the  fatigue  cracks 
and  corrosion  (Figure  24-2).  For  improvement  in  resistance  to  localized  corrosion,  surface  treatments  such 
as  cladding  and  anodizing  are  applied.  However,  it  is  found  that  the  benefits  gained  in  terms  of  corrosion 
protection  by  cladding  and  anodizing  could  be  offset  by  detrimental  effects  on  fatigue  performance  [15], 
[20], [21]. 
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(a)  (b) 

Figure  24-2:  Localized  Corrosion  (Pitting)  Due  to  Discontinuity  at  the  Surface  of  an  Unclad 
1.6  mm  2024-T351  Sheet  which  Acted  as  Fatigue  Crack  Nucleation  Site  [12].  The  fatigue 
coupon  was  made  from  a  mildly  corroded  sheet:  (a)  Tilted  view;  and 
(b)  Fracture  face  with  window  indicating  to  the  nucleation  site. 

From  the  post  fracture  analysis  in  these  studies,  the  microstructural  features  and  discontinuities  found  to 
be  associated  with  fatigue  crack  origins  in  the  7000  and  2000  series  materials  studied  were  in  order  of 
decreasing  severity: 

a)  Anodizing; 

b)  Cladding; 

c)  Constituent  particles;  and 

d)  Scratches  and  machining  marks. 

24.2.2  Particles 

The  center  of  the  ingot  is  the  last  region  to  solidify  during  casting.  Porosity  and  insoluble  constituent 
particles  form  in  this  region.  Given  enough  mechanical  work  in  thin  gauge  sheets,  the  porosity  will  generally 
heal.  However,  the  constituent  particles  remain  and  often  lie  in  stringers  in  the  rolling  direction  of  the  sheet. 
Among  the  major  discontinuities  that  limit  corrosion  and  fatigue  performance  of  the  two  legacy  alloys  are 
constituent  particles  in  the  microstructure.  Studies  have  shown  that  fatigue  crack  nucleation  sites  for  bare 
(i.e.,  no  cladding/anodized  layer)  coupons  with  acceptable  machined  surfaces  are  normally  in  the  vicinity  of 
large  constituent  particles  (Figure  24-3)  [15], [22], [23].  The  detrimental  effects  of  large  constituent  particles 
on  the  fracture  toughness  and  crack  nucleation  have  also  been  documented  by  many  other  investigators  [24]- 
[29]. 
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(c)  (d) 

Figure  24-3:  SEM  Micrographs  of  Fracture  Surfaces  of  Fatigue  Coupons  of  2024-T3  and  7075-T6  Sheets, 
Indicating  Constituent  Particles  as  Crack  Origins  -  (a)  Low  magnification  view  of  fracture  surface 
for  2024  specimen;  (b)  High  magnification,  backscatter  view  of  the  (window)  nucleation 
site;  (c)  Low  magnification  view  of  fracture  surface  for  7075  specimen;  and  (d)  High 
magnification,  backscatter  view  of  the  (window)  nucleation  site  [15], [22], [23]. 
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Studies  suggest  that  there  are  two  physically  and  chemically  distinguishable  types  of  constituent  particles 
in  these  alloys.  Larger  and  more  angular  particles  have  considerable  amounts  of  iron,  whereas  the  smaller, 
spherical  particles  do  not.  The  chemical  composition  of  the  constituent  particles  from  EDX  studies  taken 
from  a  metallographic  section  was  compared  with  the  chemical  composition  of  the  particles  that  were 
associated  with  the  crack  nucleation  sites  in  the  failed  fatigue  coupons.  All  of  the  spectra  from  the  fatigue 
crack  nucleating  particles  were  identical  to  those  from  analysis  of  large  particles  found  in  metallographic 
sectioning,  as  shown  in  Figure  24-4.  It  was  also  evident  that  the  particles  that  acted  as  crack  origins  in 
fatigue  testing  were  at  the  high  end  of  the  particle  size  distribution  obtained  through  metallography.  Again, 
large  particles  only  represent  a  very  small  fraction  of  the  particle  population.  According  to  the  ASM 
Metals  handbook  [30],  the  main  intermetallic  phase  for  the  larger  particles  associated  with  crack 
nucleation  is  Al7Cu2Fe  ((3-phase). 


(a) 


Larger,  angular  particles  fe.g.  Al7Cu2Fe  ((3  phase)] 


Smaller,  round  particles  fe.g.  CuMgAl2  ( S  phase)] 


MD 


Cu 


OQ  9.211 


(C) 

Figure  24-4:  (a)  SEM  Micrograph  of  Typical  Constituent  Particles  in  a  2024-T3  Alloy.  EDX  results  showed 
that  (b)  larger  and  more  angular  particles  have  considerable  amounts  of  iron,  whereas 
(c)  the  smaller,  spherical  particles  do  not.  The  spectra  from  the  fatigue  crack 
nucleating  particles  were  identical  to  those  from  analysis  of  large 
particles  found  in  metallographic  sectioning  [22]. 


Spherical  particles  seem  to  be  mainly  of  the  CuMgAl2  (S-phase)  type.  They  do  not  appear  to  be  as  harmful 
as  iron  bearing  (3-phase  particles  to  fatigue  performance.  However,  when  these  alloys  are  exposed  to 
corrosive  solutions,  S-phase  type  particles  appeared  to  be  the  weak  link  of  the  microstructure  in  terms  of 
initiating  pitting  corrosion  (Figure  24-5). 
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Figure  24-5:  Constituent  Particles  -  (a)  Prior  to  corrosion;  and  (b)  After  2  hours  in  corroding 
solution.  Although,  spherical  particles  did  not  seem  to  be  harmful  to  fatigue 
performance,  they  appeared  to  be  the  weak  link  of  the  microstructure 
in  terms  of  initiating  pitting  corrosion  [22]. 

The  key  ingredients  of  the  fatigue  nucleating  particles  in  aluminum  alloys  are  impurities  such  as  iron  and 
silicon.  Studies  strongly  suggest  that  modification  of  chemical  composition  and  minimizing  the  volume 
fraction  and  size  of  intermetallic  constituent  particles  can  result  in  improvements  in  corrosion  and  fatigue 
performance.  As  will  be  discussed  in  the  following  sections,  the  new  derivatives  of  these  alloys  have 
better  control  of  alloy  impurities  such  as  Fe  and  Si,  and  could  be  used  as  replacement  alloys. 

24.2.3  Cladding/ Anodizing 

Cladding  and  anodizing  are  widely  applied  surface  treatments  for  the  legacy  alloys  and  in  general  for  aging 
aerospace  aluminum  alloys  to  enhance  the  corrosion  performance. 

In  order  to  improve  corrosion  resistance,  sheet  materials  are  often  clad  with  more  anodic  pure  aluminum. 
The  role  of  cladding  is  to  protect  the  high  strength  core  from  localized  corrosion  attack.  The  thickness  of 
the  cladding  layer  is  generally  less  than  5%  of  the  overall  thickness  (~50  pm).  The  thin  clad  layer  corrodes 
rather  mildly  and  uniformly  to  protect  the  core  alloy  (Figure  24-6(a)).  The  yield  stress  of  cladding  is  very 
low  (10%  of  core  metal);  therefore,  even  under  normal  operating  conditions  for  core  materials,  the  yield 
stress  of  the  cladding  is  likely  to  be  exceeded  and  induce  many  cracks  (Figure  24-6(b)).  These  multiple 
surface  cracks  in  the  cladding  will  assist  the  earlier  nucleation  of  fatigue  cracks  and  propagation  into  the 
core  material.  They  could  also  raise  local  mean  stress  in  the  core  metal  because  the  clad  layer  carries  very 
little  load.  It  is  well  known  that  nucleation  and/or  early  (small)  crack  growth  comprises  the  major  portion 
(e.g.,  up  to  80%)  of  the  fatigue  life  [3 1]-[36].  Therefore,  acceleration  of  the  nucleation  process  would 
significantly  decrease  the  fatigue  life.  Studies  by  Hunter  and  Edwards  [3 7], [3 8]  showed  that  on  clad 
specimens,  the  first  crack  could  be  detected  as  early  as  1%  of  the  fatigue  life. 
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(a)  (b)  (c) 

Figure  24-6:  The  Thin  Clad  Layer  Corrodes  Rather  Mildly  and  Uniformly  to  Protect  the  Core  Alloy  - 
(a)  General  corrosion  of  clad  layer  at  the  exterior  surface  of  fuselage  skin  (top  surface)  from 
B727;  (b)  Tilted  image  crack  nucleation  site  as  indication  of  severe  deformation 
and  cracking  at  clad  layer  at  the  surface  of  2024  core  alloy  which  failed 
in  fatigue  testing;  and  (c)  Fracture  surface  showing  the 
clad  layer  (~  50  pm)  at  the  right  side  [15]. 

Since  the  clad  layer  is  soft  and  provides  poor  adhesion  for  paint,  sometimes  an  anodic  coating  is  grown  on 
top  of  the  cladding.  Anodized  coatings  are  commonly  applied  to  aluminum  alloys  to  provide  resistance  to 
corrosion  and  wear.  They  are  also  used  as  pre-treatments  for  adhesive  bonding  and  painting  [39].  Coatings 
for  corrosion  resistance  are  typically  either  the  thin  Type  I  (1  -  3  pm)  or  the  moderately  thick  Type  II 
(3  -  25  pm).  For  wear  resistance,  thicker  hard  anodizing  (Type  III  up  to  100  pm)  is  applied  [40].  The  two 
main  anodizing  treatments  to  achieve  corrosion  and  wear  resistance  are  chromic  acid  anodizing  and 
sulfuric  acid  anodizing.  The  electrolytic  process  of  anodizing  produces  a  controlled  columnar  growth  of 
amorphous  aluminum  oxide  on  the  surface  of  aluminum  alloys  where  the  thickness  of  the  oxide  film  is 
much  greater  than  those  formed  naturally. 

Anodizing  also  harms  the  fatigue  life  in  various  ways,  with  the  main  effect  again  being  the  encouragement 
of  crack  nucleation.  The  anodizing  process  produces  a  brittle  and  hard  oxide  film  with  inherent  pores, 
which  would  readily  crack  when  deformed.  The  presence  of  defects  in  the  oxide  film  facilitates  the  early 
nucleation  of  fatigue  cracks  (Figure  24-7).  The  fatigue  life  of  anodized  specimens  is  also  affected  by  the 
formation  of  so  called  “etch  pits”.  A  long  etching  time  (deoxidizing)  prior  to  anodizing  could  result  in 
pitting,  particularly  in  the  vicinity  of  chemically  active  regions  such  as  grain  boundaries  and  intermetallic 
particles  at  the  surface  [41], [42]. 
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(a)  (b) 

Figure  24-7:  Fatigue  Fracture  Surface  of  Coupons  Made  of  Anodized  1.6  mm  Thick  7079-T6  Alloy. 
The  sheet  was  removed  from  a  retired  C-5  fuselage  skin  -  (a)  Fracture  surface  of  fatigue 
coupon  with  window  showing  the  nucleation  site;  and  (b)  Tilted  SEM  image 
represents  a  close  up  view  of  nucleation  site  (the  window)  indicating 
a  brittle  and  hard  oxide  film  anodized  layer  with 
inherent  pores  and  tiny  cracks  [13]. 


24.3  NEW  REPLACEMENT  MATERIALS 

In  reaction  to  the  many  service  failures  of  the  legacy  alloys  and  cost  burden  on  ageing  aircraft,  there  is  a 
continuing  demand  for  better  fatigue  and  corrosion  performance.  The  appeal  of  aircraft  manufacturers  to 
materials  scientists  has  been  to  manufacture  alloys  with  combinations  of  good  properties  such  as  high 
strength  of  7075-T6,  good  fracture  toughness  of  2024-T3,  and  high  corrosion  resistance  of  7XXX  series 
alloys  in  the  T7  temper.  In  response  to  the  demand  (in  particular  for  thick  products),  alloy  manufacturers 
have  produced  new  derivatives  of  2000  and  7000  series  and  more  recent  alloys  as  shown  in  Table  24-1. 
As  it  was  mentioned,  the  weak  links  of  materials  in  terms  of  fatigue  and  corrosion  performance  have  been 
constituent  particles.  Also  because  of  low  corrosion  resistance  of  core  alloys,  they  had  to  be  coated  (clad / 
anodized)  at  the  expense  of  fatigue  performance.  Impurity  elements,  in  particular  iron  and  silicon  are  the 
damaging  ingredients  of  the  fatigue  nucleating  particles  in  aluminum  alloys,  and  their  reduction  is  the 
main  modification  in  chemical  composition  observed.  For  instance,  modified  chemical  compositions  and 
reduced  volume  fraction  of  intermetallic  constituent  particles  resulted  in  the  development  of  2524  alloy 
and  7475  as  derivatives  of  2024  and  7075  respectively.  As  indicated  by  Table  24-1,  these  new  derivatives 
have  much  lower  Fe  and  Si  contents  (up  to  4  to  10  times).  Table  24-2  compares  and  contrasts  the  mechanical 
properties  of  older  and  newer  alloys  and  materials  that  might  be  used  as  replacements. 
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Table  24-1:  Chemical  Composition  of  Alternative  Materials. 


Aerospace  A1  Alloys 

2000 

Series 

Cu 

Zn 

Mg 

Mn 

Fe 

Si 

Cr 

Zr 

Ti 

2024 

4.4 

- 

1.5 

0.6 

<0.5 

<0.5 

0.1 

- 

0.15 

2026 

3.6 -4.3 

0.1 

1.0- 1.6 

0.3 -0.8 

0..07 

0.05 

- 

0.05-0.25 

0.06 

2224 

4.1 

- 

1.5 

0.6 

<0.15 

<0.12 

- 

- 

- 

2324 

3.8 -4.4 

0.25 

1.2- 1.8 

0.3 -0.9 

0.12 

0.1 

0.1 

- 

0.15 

2524 

4.0 -4.5 

0.15 

1.2- 1.6 

0.45-0.7 

0.12 

0.06 

0.05 

- 

0.1 

6000 

Series 

Cu 

Zn 

Mg 

Mn 

Fe 

Si 

Cr 

Zr 

Ti 

6013 

0.6- 1.1 

0.25 

0.8 -1.2 

0.2 -0.8 

0.5 

0.6 -1.0 

0.1 

- 

0.1 

7000 

Series 

Cu 

Zn 

Mg 

Mn 

Fe 

Si 

Cr 

Zr 

Ti 

7010 

1.5  -  2.0 

5.7 -6.7 

2.1 -2.6 

0.1 

0.15 

0.12 

0.05 

0.1-0.16 

0.06 

7049 

1.2- 1.9 

7.2 -8.2 

2.0 -2.9 

0.2 

0.35 

0.25 

0.1-0.22 

- 

0.1 

7050 

2.3 

6.2 

2.25 

- 

<0.15 

<0.12 

- 

0.1 

- 

7055 

2.0 -2.6 

7.6 -8.4 

1.8  -  2.3 

0.05 

0.15 

0.1 

0.04 

0.08-0.25 

0.06 

7075 

1.2 -2.0 

5. 1-6.1 

2.1 -2.9 

0.3 

0.5 

0.4 

0.18-0.28 

- 

0.2 

7079 

0.6 

4.3 

3.2 

0.2 

<0.4 

<0.3 

0.15 

- 

- 

7085 

1.3  -  2.0 

7.0 -8.0 

1.2- 1.8 

<0.04 

<0.08 

<0.06 

<0.04 

0.08-0.15 

<0.06 

7150 

1.9  -  2.5 

5.9 -6.9 

2.0 -2.7 

0.1 

0.15 

0.12 

0.04 

0.08-0.15 

0.06 

7178 

1.6 -2.4 

6.3 -7.3 

2.4-3. 1 

0.3 

0.5 

0.4 

0.18-0.28 

- 

0.2 

7249 

1.3 -1.9 

7.5 -8.2 

2-2.4 

0.1 

0.12 

0.1 

0.12-0.18 

- 

0.06 

7475 

1.2- 1.9 

5.2 -6.2 

1.9  -  2.6 

0.06 

0.12 

0.10 

0.18-0.25 

- 

0.06 

Al-Li 

Alloys 

Li 

Cu 

Zn 

Mg 

Mn 

Fe 

Si 

Cr 

Zr 

Ti 

Other 

2050 

0.7- 1.3 

3.2 -3.9 

0.25 

0.2 -0.6 

0.2 -0.5 

0.1 

0.08 

0.05 

0.06-0.14 

0.1 

0.2-0. 7  Ag 

2090 

1.9  -  2.6 

2.4-3..0 

0.1 

0.25 

0.05 

0.12 

0.10 

0.05 

0.08-0.15 

0.15 

- 

2098 

0.8 -1.3 

3.2 -3.8 

0.35 

0.25-0.8 

0.35 

0.15 

0.12 

- 

0.04-0.18 

0.1 

0.25-0.6  Ag 

2099 

1.6  -  2.0 

2.4 -3.0 

0.4- 1.0 

0.1 -0.5 

0.1 -0.5 

0.07 

0.05 

0.1 -0.5 

0.05-0.12 

0.1 

O.OOOlBe 

2199 

1.4- 1.8 

2.0 -2.9 

0.2 -0.9 

0.05-0.4 

0.1 -0.5 

0.07 

0.05 

- 

0.05-0.12 

0.1 

O.OOOlBe 

8090 

2.2 -2.7 

1.0- 1.6 

0.25 

0.6- 1.3 

0.1 

0.30 

0.20 

0.10 

0.04-0.16 

0.1 

- 
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Table  24-2:  Mechanical  Properties  of  Alternative  Materials. 


Aerospace 

A1  Alloys 

UTS 

(MPa) 

Yield 

Strength 

(MPa) 

Fracture 
Toughness,  KiC 
(MPa*m12) 

Elongation 

(%) 

Applications 

2024-T351 

428 

324 

37 

21 

Lower  wing,  skin  and  stringer, 
high  damage  tolerance 

2026-T351 1 

496 

365 

NA 

11 

Lower  wing,  fuselage  stringer 

2050-T84 

540 

500 

43  (LT) 

NA 

Thick  products,  spars,  ribs 

2090-T83 

531 

483 

43.9 

3 

Lower  wing 

2098-T82 

503 

476 

NA 

6 

Sheet  or  thin  plate 

2099-T83 

543 

520 

30  (LT) 

27  (TL) 

7.6 

Floor  beams,  seat  tracks 

2199-T8 

400 

345 

42  (LT) 

36  (TL) 

8 

Lower  wing  skin 

2224-T39 

476 

345 

53 

10 

Lower  wing,  fuselage  stringer 

2324-T39 

475 

370 

38.5-44.0 

8 

Lower  wing  skin 

2524-T3 

434 

306 

40  (TL) 

24 

Fuselage  skin 

6013-T6 

379 

359 

359 

46  (LT) 

8 

Fuselage  skin 

7010-T73651 

525 

455 

41  (LT),  33  (TL) 

26  (SL) 

12 

Upper  wing  skin  and  stringer, 
thick  products 

7049-T73 

517 

448 

33  (LT) 

24  (TL) 

12 

Thick  products 

7050-T7351 

552 

490 

35  (LT) 

31  (TL) 

11 

Thick  products  e.g.,  spars,  ribs, 
landing  gear 

7055-T7751 

614 

593 

26 

7 

Upper  wing,  skin,  stringer 

7075-T651 

572 

503 

22 

6 

Upper  wing  skin  and  stringer 

7079-T651 

540 

470 

45  (TL) 

14 

Wing  panels,  bulkhead 

7085-T7651 

519 

468 

29  (LT) 

8 

Thick  products,  wing  spars 

7150-T7751 

579 

538 

24 

8 

Upper  wing,  skin,  stringer 

7178 -T6 

590 

521 

23  (LT) 

11 

Upper  wing  skin 

7249-T6 

592 

532 

37 

11 

Extrusion,  thick  products,  wing 

7475-T7351 

545 

476 

42  (LT) 

37  (TL) 

12 

Fuselage  skin 

8090-T851 

500 

455 

33  (LT),  30  (TL) 

12.4  (SL) 

12 

Fuselage  skin,  stringer,  frame 

ARALL-1 

800  (L) 

386  (L+45) 

641  (L)  341 
(LT) 

NA 

0.7  (L) 

7.1  (LT) 

ARALL-2 

717  (L) 
317(L+45) 

359  (L)  228 
(LT) 

NA 

1.4  (L) 

12.0  (LT) 

ARALL-3 

828  (L) 

373  (L+45) 

587 (L) 317 
(LT) 

NA 

1.0  (L) 
-(LT) 

ARALL-4 

731  (L) 

338  (L+45) 

373 (L) 317 
(LT) 

NA 

1.4  (L) 

3.9  (LT) 

Carbon  Composite 
(Typical) 

655  (L) 

276  (L+45) 

- 

NA 

0.5 

CF/PEEK  Composite 
(unidirectional) 

1507  (L) 

88  (T) 

NA 

NA 

NA 

GLARE 

(cross-ply) 

717  (L) 

716  (T) 

305  (L) 

283  (T) 

NA 

4.7 

GLARE 

(uni-directional) 

1282  (L) 

352  (T) 

545  (L) 

333  (T) 

NA 

4.2  (L) 

7.7  (T) 
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In  the  search  for  improved  materials  Alcoa  developed  7050-T7,  as  well  as  7049,  7249  and  7010  alloys, 
but  among  these  four  alloys  the  former  appears  to  have  the  most  favourable  combination  of  properties. 
Alloy  7050  was  also  developed  in  response  to  lower  strength  of  7075-T73  and  for  the  retrofit  of  7079-T6 
that  showed  very  low  resistance  to  SCC.  In  response  to  demand  for  higher  strength  (as  high  as  7178-T6), 
the  more  recent  product  7150-T77  was  developed,  which  has  higher  strength  and  damage  tolerance  when 
compared  with  7050-T76  [43].  Another  new  alloy;  7055-T77  has  even  higher  strength  than  7150-T6  alloy. 
High  compression  strength,  combined  with  good  fracture  toughness  and  good  corrosion  resistance  has 
made  7055  a  good  replacement  of  7075  for  the  upper  wing  skin. 

However  for  lower  wing  structures  where  predominantly  tensile  loading  conditions  prevail,  even  the  major 
improvements  of  the  newer  7000  series  alloys  are  not  considered  adequate  and  they  are  not  recommended. 
Where  2024-T3  was  the  dominant  alloy,  today  alloys  2324  and  2224  are  favoured  for  lower  wing  skins 
due  to  their  higher  tensile  strengths  and  fracture  toughness  values  and  improved  fatigue  performance. 
For  fuselage  applications,  2024  has  been  replaced  by  2524  due  to  excellent  fracture  toughness  and  good 
tensile  strength  [44], [45]. 

Alloy  2524-T3  has  approximately  15  -  20  %  improvement  in  fracture  toughness  and  twice  the  fatigue 
crack  growth  resistance  when  compared  with  2024-T3.  The  improvement  helped  in  the  elimination  of  tear- 
strap  reinforcements  in  a  weight  efficient  manner  on  the  Boeing  777  [8],[45]-[47]. 

The  6000  series  alloys,  and  in  particular  6013-T6,  have  been  considered  to  replace  2024  on  a  number  of  US 
Navy  programs.  They  are  weldable  and  less  expensive,  and  do  not  need  cladding.  Nevertheless,  they  are  still 
susceptible  to  intergranular  corrosion  similar  to  2024-T3  [48], [49]. 

Under  pressure  from  competing  polymer-based  composite  for  structural  applications,  Al-Li  has  been  a  new 
thrust  for  the  aluminum  industry.  The  aerospace  industry  saw  the  benefits  of  a  high  strength  metallic  alloy 
since  it  allowed  use  of  the  same  tooling  and  assembly  techniques  as  the  more  conventional  A1  alloys.  It  also 
involved  lower  risk,  requiring  no  new  repair  and  maintenance  methodologies  and  avoided  the  recycling 
issues  of  composites.  Both  Li  and  Be  are  exceptions  among  other  elements  in  that  despite  being  lighter  than 
Al,  they  increase  the  stiffness  of  the  aluminum.  Al-Li  alloys  are  lighter  in  weight  and  higher  in  stiffness 
compared  to  conventional  aluminum  alloys.  Al-Li  began  with  high  promise,  and  since  high  stiffness  is  one  of 
the  major  design  factors  for  airframes,  there  were  good  opportunities  for  Al-Li.  The  second  generations  of 
these  alloys  with  2-3%  lithium,  such  as  2090  and  8090  have  been  used  in  the  MIG  29  and  Cormorant  (EHI) 
Helicopter.  However,  these  early  versions  of  Al-Li  in  particular,  did  not  live  up  to  their  initial  promise  and 
until  now  have  seen  only  limited  use  in  airframes.  Their  major  shortcomings  were  delamination  and  lack  of 
ductility.  The  third  generation  alloys  with  much  lower  lithium  content  (2098,  2099  extrusion  and  2199  sheet) 
are  claimed  to  eliminate  the  problems  with  high  planar  anisotropy,  poor  ST  properties,  and  low  fracture 
toughness  [50].  It  is  believed  that  the  new  generation  of  Al-Li  alloys  will  find  widespread  usage  in  future 
commercial  aircraft.  The  other  new  alloy,  although  with  much  higher  cost,  is  Al-Mg-Sc  which  has  excellent 
corrosion  resistance  and  can  be  used  as  skin  requiring  minimum  maintenance  [60]. 

Titanium  alloys  also  can  be  used  where  there  is  a  need  for  much  better  resistance  to  corrosion  (almost 
immune  to  exfoliation)  and  where  there  is  a  need  for  physically  smaller  components,  for  example  landing 
gear  components  of  the  B 777.  They  are  even  good  replacements  for  high  strength  steel  due  to  elimination 
of  the  risk  of  hydrogen  embrittlement  and  need  no  protective  coating.  Ti  alloys  also  exhibit  good  galvanic 
compatibility  and  nowadays  are  extensively  used  for  attaching  aluminum  to  carbon  fiber  composites  for 
repair  purposes.  In  construction  of  new  hybrid  structures,  the  use  of  Ti  fittings  is  generally  recommended. 


24.4  LESSONS  LEARNED 

It  is  often  best  to  review  past  examples  of  important  developments  and  misjudgments  to  provide  guidance  for 
the  future.  The  objectives  for  introducing  new  materials  are  to  improve  performance,  reduce  the  cost 
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(both  the  purchase  cost  and  the  maintenance  cost),  extend  service  life,  and  reduce  environmental  impact. 
There  is  always  interaction  among  these  factors  that  have  to  be  balanced  to  reach  an  overall  improved 
performance. 

For  example  if  stiffness  were  the  main  limiting  factor  for  a  component,  honeycomb  structure  would  be 
ideal.  However,  not  all  of  the  materials  can  be  fabricated  this  way  and  also  there  is  a  tendency  for 
corrosion  to  occur  in  this  type  of  construction.  Metal  Matrix  Composites  (MMC),  either  aluminum  based 
or  titanium  based,  with  SiC  (or  A1203)  particles  also  provide  high  stiffness,  but  low  ductility  in  the  current 
product  forms  has  limited  their  application. 

Another  example  is  the  development  of  the  very  highly  alloyed  7178-T6  in  1951  as  a  replacement  for 
7075-T6.  The  increased  demand  in  the  aircraft  industry  for  higher  strength-to-weight  ratio  material  led  to 
a  record  peak  in  strength  from  this  aluminum  alloy.  It  was  used  for  the  upper  wing  skins  of  aircraft  in  both 
extruded  and  rolled  forms  and  was  used  on  Boeing  707  aircraft  and  lower  wing  skin  of  KC-135  [8], [51]. 
However,  due  to  the  lack  of  damage  tolerance  and  the  need  for  high  fracture  toughness  and  high 
mechanical  reliability,  this  alloy  was  gradually  withdrawn  from  use.  High  strength  7055  has  been  a  good 
replacement  for  7178,  with  much  improved  fracture  toughness  [43]. 

It  is  also  important  that  new  materials  achieve  maturity  before  being  used  in  aircraft.  Experience  with 
alloys  in  service,  perhaps  in  aircraft  secondary  structures  or  non-aeronautical  applications  or  simulated 
service  behavior  concerning  corrosion,  inspection,  long  term  performance,  etc.  should  be  known  prior  to 
use  in  aircraft  primary  structure.  A  good  lesson  from  the  past  is  the  launch  of  the  high  strength  alloy  7079 
in  T6  temper  for  thick  products.  The  alloy  was  introduced  as  a  replacement  for  7075-T6  to  improve  SCC 
performance  in  the  short  transverse  direction.  Laboratory  tests  in  3.5%  NaCl  solution  by  alternate 
immersion  showed  superior  performance  to  the  alloys  in  use  at  the  time.  Despite  the  good  resistance 
predicted  by  the  accelerated  testing,  service  failures  of  alloy  7079-T6  showed  it  to  be  by  far  the  most  SCC 
susceptible  alloy  and  temper  among  the  commonly  used  high  strength  aluminum  alloys  available  at  that 
time.  Although  it  was  resistant  to  nucleation  of  SCC  cracks,  the  rate  of  growth  of  SCC  was  orders  of 
magnitude  faster  than  that  of  the  other  alloys.  The  pre-cracked  SCC  test  was  not  a  standard  test  at  the  time 
in  early  1950s.  Figure  24-8  shows  the  nature  of  the  crack  paths  for  EAC  in  aluminum  alloys  which 
are  almost  exclusively  intergranular  [14].  Widespread  service  failures  resulted  in  recommendations  that 
7079-T6  be  replaced  with  alternative  materials  such  as  7475-T7  [10]. 
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Figure  24-8:  SCC  Failures  During  Service  at  Mid  Thickness  of  a  Sheet  Made  of  Alloy  7079-T6. 

Section  of  rivet  hole,  displaying  a  4  mm  (0.157”)  long  crack.  Crack  at  fastener 
hole  on  a  fuselage  panel  near  the  troop  door  of  C141  Starlifter  [14]. 

Introducing  new  replacement  materials  should  not  be  done  in  a  radical  way.  New  materials  should  be 
derivative  alloys  that  have  been  developed  by  gradual  changes  in  composition  or  temper.  Brand  new 
materials  will  face  qualification  and  certification  issues,  high  substitution  risk  and  higher  manufacturing 
costs.  For  instance,  although  polymer  matrix  composites  are  used  in  Airbus  and  Boeing  (777  &  787)  aircraft, 
they  are  not  generally  recommended  as  replacements  for  conventional  aluminum  airframe  materials. 
They  could  alter  the  load  distributions  in  the  airframe,  center  of  gravity,  and  affect  vibration  signatures  of  the 
structures. 

Other  examples  of  hasty  introduction  of  materials  into  service  are  Metal  Matrix  Composites  (MMC)  in  the 
form  of  discontinuous  or  continuous  reinforcement,  along  with  aluminum  lithium  alloys.  The  first  few 
versions  of  these  products  had  very  limited  success  when  incorporated  into  aircraft  due  to  lack  of  ductility. 
The  next  generations  of  these  materials  have  had  fewer  problems;  however,  the  earlier  bad  experiences 
discouraged  their  widespread  use  and  they  have  never  achieved  their  full  potential  as  structural  alloys. 
Long  term  performance,  substitution  risk,  prior  in-service  experience,  results  of  full  scale  testing  and  life 
cycle  costs  of  the  new  replacement  material  have  to  be  considered  before  any  attempt  can  be  made  to 
insert  them  into  service. 

The  low  density  and  good  mechanical  properties  of  Al-Li  alloys  make  them  attractive  for  many  structural 
applications.  Known  applications  of  Al-Li  alloys  in  military  and  civilian  aviation  are:  EH101/CH149 
structure;  F-16  bulkheads  and  fuselage  structure;  hydrogen  tank  of  NASA’s  space  shuttle;  and  fuselage 
skins  of  Russian  BE-103  amphibious  aircraft  and  Tupolev  business  class  aircraft  [52]-[55]. 

In  the  case  of  the  CHI 49  Cormorant  Search  and  Rescue  Helicopter,  8090  Aluminium-Lithium  (Al-Li) 
alloys  in  different  product  forms  and  tempers  have  been  used  to  replace  most  of  the  conventional  aircraft 
alloys  such  as  7075-T6  and  2024-T3  [56].  This  is  because  of  their  low  density  and  high  elastic  modulus. 
Although  the  Cormorant  is  in  the  early  stages  of  its  life  cycle,  signs  of  premature  material  failure  are 
raising  concerns  about  long-term  durability.  The  fracture  surfaces  of  a  number  of  in-service  failed  Al-Li 
parts  indicate  that  brittle  intergranular  fracture  is  the  most  common  mode  of  failure  (Figure  24-9). 
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The  study  also  points  out  the  possibility  of  embrittlement  of  Al-Li  over  time  when  exposed  to 
temperatures  between  30°C  and  160°C  which  is  within  the  operational  envelope.  Table  24-3  outlines 
where  the  Al-Li  alloys  are  used  in  aircraft  and  the  conventional  alloys  they  replaced  [57]. 


(a)  (b) 

Figure  24-9:  Typical  Fracture  Feature  Found  During  Maintenance  Inspection  of  the  CH149  Cormorant  at  the 
Secondary  Structures  (Under-Floor  Z-Stiffeners)  After  Only  a  Few  Years  of  Service.  The  most  common 
failure  mode  observed  was  (a)  small  area  of  fatigue  followed  by  (b)  major  part  of  fracture  as 
brittle  intergranular  failure.  The  part  is  made  of  8090-T8  aluminum  lithium  [56]. 
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Table  24-3:  Al-Li  Alloys  Used  in  the  CH149  Cormorant  [52]. 


Product 

Form 

Temper 

Substitute 

For 

Applications 

8090-T3  (as-received) 

- 

Floor  installations,  brackets,  stiffeners, 
frames,  spars,  stringers,  longerons,  ribs, 
bulkheads,  tail  cone  skin 

8090C-T8 
(medium-  strength) 

2014-T6 

Flying  control  system  and  avionics  bay 
stmctures,  nose  cap,  cabin  roof  frames 

Sheet 

8090C-T81 

(damage-tolerant) 

2024-T3, 

2024-T42 

Flying  control  system  stmcture,  skin  panels 
(in  lower  fuselage),  cabin  roof  frames,  flat 
roof  panels 

8090-T84 
(medium-  strength) 

- 

Z- stiffeners 

8090C-T621 

(damage-tolerant) 

2024-T42 

Sponsons,  repairs 

Forging 

Cold  compressed 

8090-T852 
(medium-  strength) 

7010-T7451 

Cabin  roof  and  side  frames  (frames,  stringers, 
joints,  intercostals) 

Non-cold  compressed 
5091-H1 12 

(medium/high-strength) 

7075-T73, 

7010-T7451/T74 

Landing  gears 

Extrusion 

8090-T851 1 
(medium-  strength) 

7075-T7351/ 

T73510/T37511 

Frames,  brackets,  stringers,  bulkheads,  door 
rails,  seat  tracks 

The  8090  alloy  may  have  only  been  evaluated  using  small-scale  coupons,  since  this  author  has  found  no 
evidence  in  the  literature  of  component  or  full-scale  tests  of  these  alloys.  The  manufacturers  of  Cormorant 
conducted  the  large-scale  tests  and  prototype  flight  trials  using  the  original  materials  (2XXX  and  7XXX 
series  alloys). 

As  a  result  of  their  high  stiffness,  Al-Li  components  can  alter  load  paths  and  distributions  within  the 
aircraft’s  structure,  affecting  the  inherent  vibration  signature  and  creating  several  new,  unexpected  fatigue- 
susceptible  areas  (e.g.,  in  the  nose  under  the  pilot  seat  structure).  The  more  recent  (third  generation)  alloys 
with  much  lower  lithium  content  (2098,  2099  extrusion,  2199  sheet)  are  claimed  to  be  more  isotropic, 
have  better  ST  properties,  and  improved  fracture  toughness. 

In  addition,  replacing  the  old  materials  with  new  ones  could  affect  center  of  gravity  for  the  vehicle,  change 
vibration  signature,  and  increase  the  probability  of  galvanic  corrosion  due  to  incompatibility  with  adjacent 
materials. 

Airbus  has  considered  a  more  evolutionary  approach,  which  is  preferred  since  past  experience  has  shown 
that  every  technology  has  some  initial  technical  problems.  Application  of  any  new  material  in  primary 
structure  such  as  carbon  fiber  reinforced  plastics,  fiber  metal  laminates  (Glare  and  ARALL)  and  glass 
thermoplastics  requires  the  establishment  of  a  good  materials  and  design  database. 

24.5  COMPOSITE  MATERIALS 

Material  and  assembly  costs  (first  costs),  maintenance  costs,  and  performance  are  three  main  drivers  for 
material  selection.  For  instance,  polymer  based  composites  and  hybrid  materials  such  as  Glare  have  high  first 
cost  but  are  excellent  in  damage  tolerance  and  corrosion  resistance  which  translates  to  low  maintenance  and 
high  performance.  For  instance  the  B787  with  50%  composite  is  promising  twice  as  long  operation  time 
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between  scheduled  maintenance  intervals  of  the  B767  it  replaces  [4].  Polymer  matrix  composites  use 
glass,  carbon,  aramid,  or  boron  fibers  as  the  reinforcement,  with  the  matrix  being  either  thermoplastic  or 
thermosetting.  They  outperform  aluminum  alloys  in  specific  strength,  modulus  and  fatigue;  however 
initial  cost  of  the  material  can  be  as  much  as  10  to  20  times  higher  than  that  of  aluminum  alloys. 
In  general,  advanced  or  new  materials  are  offered  at  higher  costs  compared  to  the  existing  materials. 

The  most  common  matrix  resins  are  thermosetting  epoxy  resins,  which  can  be  used  to  temperatures  as 
high  as  175°C  and  are  compatible  with  all  common  reinforcements.  These  also  possess  fatigue  strengths 
significantly  superior  to  aluminum  alloys.  Bismaleimides  and  other  thermosetting  polyimides  offer 
increasing  temperature  capability  from  250  -  315  °C.  Thermoplastics  such  as  PEEK  (polyether  ether 
ketone)  are  processed  beyond  their  melting  points  and  are  tougher  than  the  thermosets,  but  soften  at  higher 
temperatures  because  of  the  lack  of  cross-linking.  Many  are  also  less  resistant  to  environmental  effects. 
The  cost  of  processing  polymer  matrix  composites  is  significantly  higher  than  equivalent  metal  structures. 
Lower-cost  processes  such  as  resin  transfer  molding  have  been  improved  to  allow  a  high  volume  fraction 
of  fiber  than  in  previous  generations  of  liquid  molding  processes.  The  embedding  of  smart  sensors  and 
actuators  adds  an  additional  dimension  to  the  use  of  composite  materials  in  terms  of  health  monitoring  of 
structures  made  of  such  materials. 

Laminates  of  aluminum  and  polymer  composites  provide  exceptional  fatigue-crack-growth  resistance  and 
damage  tolerance  at  high  specific  strength.  Although  earlier  predictions  on  the  increase  in  use  of  Al-Li 
alloys,  intermetallics,  and  ceramics  have  often  been  overly  optimistic,  hybrid  laminates  of  titanium  alloys, 
aluminum  alloys,  and  reinforced  polymers  are  considered  to  provide  combinations  of  properties  beyond 
the  capabilities  of  the  current  materials. 


24.6  PROCESSING  TECHNOLOGIES 

One  of  the  ways  for  the  aluminum  industry  to  compete  against  the  composite  challenge  is  to  integrate 
design  concepts  and  advanced  manufacturing  technologies.  Casting  and  new  robust  joining  techniques  for 
similar  and  dissimilar  materials  will  enhance  such  an  integration  process  by  eliminating  the  need  for 
mechanical  fastening  of  separately  manufactured  parts. 

Although  cost  reduction  is  a  primary  reason  for  use  of  castings  for  aircraft  structures,  by  reducing  the 
number  of  joints,  benefits  such  as  improved  corrosion  resistance  can  also  be  realized.  However,  the  poor 
reproducibility  and  inconsistency  in  mechanical  properties  of  conventional  castings  has  introduced  the 
concept  of  the  casting  factor  as  a  safety  measure.  However,  by  improvements  in  processing,  use  of  aluminum 
castings  is  being  increased  even  in  primary  structures,  e.g.,  Airbus  cargo  and  passenger  doors  [58]. 

Almost  all  engineered  products  are  made  from  a  number  of  components.  Choosing  the  best  way  to  joint 
them  together  is  essential.  The  combination  of  new  design,  advanced  manufacturing  processes  such  as 
Friction  Stir  Welding  or  laser  welding,  and  new  materials  (extruded  Al-Li)  is  capable  of  producing 
integrally  stiffened  panels  that  offer  significant  cost  and  weight  savings.  One  of  the  shortcomings 
associated  with  the  use  of  A1  alloys  relates  to  the  problems  encountered  in  their  joining.  Riveting  adds 
unnecessary  weight,  and  fusion  welding  processes  can  introduce  solidification  defects  such  as  porosity  and 
solidification  cracking.  Friction  Stir  Welding  (FSW)  is  one  of  the  most  promising  processes  to  replace 
riveting  [59].  The  process  can  be  used  to  join  aluminum  alloys  that  have  traditionally  been  considered 
non-weldable.  It  can  also  be  used  to  join  dissimilar  metals. 


24.7  CONCLUSIONS 

Aging  aircraft  are  increasingly  experiencing  fatigue  and  corrosion  related  cracking  problems  that  pose 
significant  challenges  in  terms  of  keeping  air  operations  safe,  reliable  and  economic.  The  aging  materials 
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and  structures  have  to  be  repaired  or  replaced.  Since  the  early  fleets  entered  service,  significant  progress 
has  occurred  in  alloy  development  and  manufacturing  processes.  Combination  of  the  new  materials  and 
the  new  assembly  processes  could  reduce  the  maintenance  burden  and  sustain  vehicle  airworthiness. 

Tighter  control  on  composition,  fabrication  processes  and  heat  treatment  has  enabled  alloy  manufacturers 
to  achieve  superior  microstructures  which  lead  to  optimum  tailored  properties.  Alloys  are  being  developed 
that  have  inherent  corrosion  resistance  and  which  are  less  critically  dependent  on  supplementary  corrosion 
protection  such  as  via  cladding  and  anodizing.  One  example  is  the  weldable  and  corrosion  resistant 
aluminum-magnesium-scandium  alloy  [60]. 

Solid  state  friction  stir  joining  with  its  low  heat  input  allows  for  a  higher  portion  of  base  metal  strength  to 
be  retained.  Friction  stir  and  laser  beam  welding  can  be  used  as  repair  processes  or  as  alternatives  to 
riveting  process. 
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ABSTRACT 

Stress  Corrosion  Cracking  (SCC)  of  primary  structural  components  manufactured  from  Al  7075-T6 
forgings,  extrusions  and  plate  products  continues  to  plague  aging  aircraft.  A  two-step  heat  treatment, 
Retrogression  and  Re- Aging  (RRA),  applied  to  7 XXX  series  aluminum  alloys  in  the  T6  temper  has  been 
shown  to  greatly  enhance  the  SCC  resistance  of  these  materials  with  minimal  trade-off  in  strength. 
The  RRA  technology  has  reached  a  level  of  technical  maturity  where  it  can  be  transitioned  to  actual 
aircraft  components.  There  are  two  ways  that  the  RRA  heat  treatment  process  can  be  carried  out. 
The  shop  RRA  process  utilizes  conventional  heat-treating  equipment  such  as  oil  bath  and  furnace.  The  in- 
situ  RRA  process  uses  state-of-the-art  hot  bonder  heat  conduction  technology  coupled  with  real-time 
dissolution  kinetics  algorithms  to  heat  treat  selected  areas  of  large  parts.  This  paper  describes  the 
development  of  both  the  shop  and  in-situ  RRA  processes. 


25.1  INTRODUCTION 

The  aluminum  alloy  7075  in  the  peak  aged  T6  heat  treatment  condition  has  been  widely  used  for  aircraft 
structural  applications.  Corrosion  damage  in  the  form  of  Stress  Corrosion  Cracking  (SCC),  exfoliation  and 
pitting  is  often  the  reason  why  7075-T6  components  are  replaced.  When  improved  corrosion  resistance  is 
required,  alloy  Al  7075  is  often  used  in  the  over-aged  temper  T73,  but  in  comparison  to  7075-T6,  there  is  a 
strength  penalty  of  10  to  15%,  which  precludes  the  use  of  the  T73  temper  when  material  substitution  is 
considered.  An  alternative  is  to  perform  a  retrogression  and  re-aging  heat  treatment  on  parts  in  the  T6 
condition.  The  RRA  process  has  been  shown  to  improve  corrosion  resistance  to  levels  approaching  those  of 
the  T73  condition.  An  RRA  heat  treatment  will  however  result  in  a  five  to  seven  percent  reduction  in  tensile 
strength  from  the  T6  temper.  An  RRA  heat  treatment  involves  two  steps:  a  retrogression  step  in  the 
preferred  temperature  range  of  180  to  200°C  for  30  to  40  minutes,  followed  by  a  re-aging  step  at  120°C  for 
24  hours.  The  RRA  process  was  first  developed  by  Cina  and  Gan  [1],[2]  in  the  mid  1970s  and  was  further 
developed  at  the  National  Research  Council  of  Canada  (NRC)  by  Wallace  et  al.  [3]-[9]  to  the  more  practical 
time  and  temperature  combinations  described  above.  The  RRA  process  has  been  successfully  applied  to 
extrusions  and  aircraft  components  up  to  0.75  inch  (20  mm)  thick  [10].  A  comprehensive  review  of  RRA 
work  is  provided  in  Reference  [11]. 

The  RRA  process  is  illustrated  through  a  series  of  metallurgical  transformations  in  Figure  25-1.  Starting  in 
the  T6  condition,  retrogression  is  applied  in  the  range  180  -  200°C  to  cause  hardness  and  yield  strength  to 
fall  rapidly  through  Stage  1  as  Guinier-Preston  (G-P)  zones  dissolve  and  the  solid  solution  is  enriched  in 
the  strengthening  elements.  Stage  2  is  a  transient  period  of  hardness  recovery  as  the  remaining  r|‘  grows  to 
a  near  optimum  size  distribution,  but  it  begins  to  fall  again  as  this  r\‘  coarsens  excessively  and  begins 
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transforming  to  r|.  In  Figure  25-1,  it  is  important  to  note  that  the  electrical  conductivity  and  corrosion 
resistance  increase  steadily  with  hold  time  at  the  retrogression  temperature.  Therefore,  if  the  goal  is  to 
increase  corrosion  resistance  with  minimal  loss  of  original  strength,  then  retrogression  should  be  carried 
out  to  point  D  in  Figure  25-1.  The  recovery  of  strength  during  re-aging  may  be  due  to  the  reformation  of 
G-P  zones  or  the  formation  of  additional  r|‘  directly  from  the  supersaturated  solid  solution  or  via  the  initial 
formation  of  G-P  zones.  The  net  result  of  the  RRA  process  is  a  material  with  a  strength  slightly  below  that 
of  a  single  step  aged  T6  material  together  with  resistance  to  environmentally  assisted  cracking  equivalent 
to  that  of  an  over-aged  T73  material.  Temperatures  at  the  low  end  of  the  range  quoted  above  require 
longer  times  to  reach  the  optimum  microstructural  condition,  which  make  it  easier  to  achieve  temperature 
uniformity  in  thicker  section  parts  and  greater  uniformity  of  properties. 


B 


Figure  25-1:  Schematic  of  the  Retrogression  and  Re-Aging  Process. 


From  1999  to  2005  the  USAF  (through  UDRI)),  the  Canadian  Department  of  National  Defence  and  NRC 
carried  out  a  joint  program  to  further  develop  the  RRA  process  so  that  is  could  be  applied  to  service 
components  that  were  particularly  susceptible  to  stress  corrosion  cracking.  A1  7075-T6  extrusions  and 
forgings  with  histories  of  SCC  damage  were  identified  on  the  C-130  and  C-141  aircraft  as  ideal  candidates 
for  the  RRA  process  [12]-[18]. 


25.2  KINETICS  MODELLING  OF  THE  PRECIPITATION  PROCESS  IN  7000 
SERIES  ALUMINUM  ALLOYS 

The  7000  series  aluminum  alloys  are  precipitation  hardenable  alloys.  The  peak  strength  is  developed 
through  the  T6  temper  while  the  T73  temper  produces  superior  corrosion  resistance.  These  temper  specific 
properties  are  controlled  by  the  following  precipitation  sequence  [19]: 


Solid  Solution  — » 

Particle  Size 
Solvus 


Guinier-Preston  (GP)  Zones  — » 
Metastable 
35  A 
150°C 


T|‘  -> 

Metastable 
200x50  A 
250°C 


T|  — > 

Pseudostable 
500  A 
370°C 


T 

Equilibrium 

190°C 


(1) 


G-P  zones  are  essentially  coherent  spherical  solute  clusters  of  Zn,  Mg  and  Cu,  while  r\\  MgZn2  or  more 
correctly  Mg(ZnCuAl)2  appears  as  discrete  platelet  particles  that  are  semi-coherent  with  the  matrix  and  r|  is  a 
non-coherent  form  of  the  same  phase  appearing  as  rods  or  plates.  Other  phases  such  as  Tau-Mg32(AlZn)49 
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may  appear  at  longer  aging  times  while  primary  S-phase  (Al2CuMg)  may  appear  in  some  of  the  newer  alloys 
such  as  A1  7050  with  high  Cu  and  Mg  contents. 

Let  xi,  x2  and  x3  denote  the  relative  phase  fraction  of  G-P  zones,  r\‘  and  r|  precipitates,  the  above 
precipitation  sequence,  Equation  (1)  (neglecting  formation  of  the  T  phase),  can  be  reasonably  well  described 
by  a  set  of  differential  equations,  based  on  the  first-order  reaction  kinetics,  as: 

=  kif  0  -  X  XJ  )  -  kid  xi  (i  =  1 ,2,3)  (2) 

where  ky  and  kici  are  the  formation  and  dissolution  rate  constants  for  the  i-th  precipitate  type  (i  =  1,  2,  3) 
respectively.  This  set  of  kinetics  equations  recognizes  the  order  of  thermodynamic  stability  of  each 
precipitate.  For  each  precipitate,  the  formation  rate  is  set  to  null  above  its  solvus  temperature. 

Equation  (2)  allows  us  to  evaluate  the  total  phase  content  in  a  7XXX  aluminum  alloy  at  different  heat 
treatment  conditions,  and  thus  to  find  optimized  phase  fractions  that  can  yield  a  good  combination  of 
strength  and  stress  corrosion  resistance.  The  set  of  fraction  numbers  (G-P  zone  dissolution  and  r|‘  and  r| 
formation)  can  then  be  used  to  control  the  actual  retrogression  and  re-aging  heat  treatment  in  Teal  time’  to 
ensure  that  the  desired  properties  are  obtained  in  practice.  The  key  to  this  process  is  monitoring  the  part’s 
temperature  during  the  RRA  process. 

Depending  upon  the  part’s  as-received  electrical  conductivity,  threshold  levels  of  r|‘  and  r|  are  used  to 
determine  the  optimum  time  for  a  retrogression  treatment  [20].  Each  retrogression  treatment  is  thus 
optimized  for  strength  and  corrosion  resistance.  This  is  illustrated  in  Figure  25-2  where  the  heat-up  profiles 
are  shown  for  three  parts  of  similar  shape  heated  in  three  different  air-recirculating  ovens.  Optimized 
retrogression  treatments  (ramp  to  retrogression  temperature,  hold  and  cool  to  50°C)  ranged  from  50.5  to  72.5 
minutes.  It  is  very  important  to  understand  the  role  of  convective  and  conductive  heat  transfer  -  thus  the 
requirement  to  monitor  the  temperature  of  each  part  using  a  device  such  as  a  thermocouple. 


Heat-up  Profiles 


Time  (s) 


Figure  25-2:  Comparison  of  Heat-Up  and  Retrogression  Times  for  C-130  Sloping  Longeron  Sections 
in  Three  Different  Air-Recirculating  Furnaces.  By  using  real-time  kinetics  modelling, 
the  three  sections  were  optimized  for  strength  and  corrosion  resistance. 
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25.3  MATERIAL  TEST  PROGRAM 

The  objectives  of  the  RRA  material  test  program  were  twofold.  The  first  objective  was  to  verify  the 
improvement  in  corrosion  resistance  through  exfoliation  and  stress  corrosion  cracking  tests.  The  second 
objective  was  to  ensure  that  the  drop  in  static  strength  caused  by  the  RRA  process  did  not  lead  to  strength 
below  minimum  specified  levels: 

•  Increase  the  electrical  conductivity  from  32  -  34  %  IACS  to  a  minimum  of  38%  IACS; 

•  Improve  exfoliation  corrosion  rating  to  EXCO  A; 

•  Improve  SCC  resistance  to  the  T73  temper; 

•  Meet  MIL-HDBK-5H  A-Basis  allowables  for  tensile  strength,  yield  strength  and  ductility; 

•  Maintain  T65 1 1  temper  fracture  toughness;  and 

•  Maintain  T65 1 1  temper  fatigue  crack  growth  rates. 

For  the  material  test  program  2000  tests  were  carried  out.  They  include  corrosion  tests,  tensile  tests, 
compression  tests,  bearing  tests,  fracture  and  fatigue  tests,  warpage  and  distortion  tests,  electrical 
conductivity  and  hardness  tests.  The  effect  of  the  RRA  process  on  protective  coatings  such  as  anodizing 
was  also  evaluated. 


25.4  RRA  PROCESS  DEVELOPMENT 

Two  RRA  treatment  processes  were  developed.  The  first,  an  immersion  process,  developed  at  UDRI,  used 
an  oil  bath  to  carry  out  RRA  treatments  on  small  parts  such  as  the  C-130  Paratrooper  Door  Longeron  (PDL). 
The  second  is  an  ‘ in  situ ’  process  developed  at  NRC  and  UDRI.  The  in-situ  process  shown  in  Figure  25-3 
uses  a  16  zone  hot  bonder  that  is  coupled  with  the  ‘real-time’  dissolution  kinetics  algorithms  described  above 
to  heat  treat  ‘selected’  areas  of  large  parts  such  as  the  C-130  sloping  longeron  and  the  C-141  landing  gear 
main  frame. 


Figure  25-3:  In  Situ  RRA  Process  on  C-141  Landing  Gear  Main 
Frame  and  C-130  Sloping  Longeron  Using  Zimac  Heater  Cells. 
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Detailed  processing  specifications  for  the  two  RRA  processes  were  developed.  For  the  in  situ  RRA  process, 
the  processing  specification  addresses  the  following  areas: 

•  Closed  form  thermal  analysis  to  determine  heat  transfer  requirements. 

•  Preparation  of  drawings  for  heater  cell,  thermocouple  and  active  cooling  placement. 

•  Electrical  conductivity  for  screening  the  material’s  initial  condition. 

•  Retrogression  treatment  at  195°C  using  dissolution  kinetics  modeling  for  optimized  retrogression 
time. 

•  Re-aging  treatment  at  120°C  for  24  hours. 

•  Electrical  conductivity  and  hardness  surveys  to  determine  the  material’s  final  condition. 

25.5  CERTIFICATION  REQUIREMENTS 

No  formal  exercise  to  generate  A  and  B  basis  allowables  for  the  RRA  process  was  undertaken.  The  USAF 
certification  approach  focused  on  strength  reduction  rather  than  on  meeting  MIL-HDBK-5H  static  strength 
allowables.  What  this  means  in  practice  is  that  the  USAF  was  satisfied  with  no  greater  than  a  seven 
percent  reduction  in  ‘as-received’  static  strength.  Typically  the  ‘as-received’  static  strength  for  extruded 
product  such  as  the  C-130  sloping  longeron  is  at  least  seven  percent  greater  than  the  MIL-HDBK-5H 
A-Basis  static  strength  allowable.  Because  each  component  will  be  screened  using  electrical  conductivity 
before  an  RRA  treatment  is  carried  out,  the  process  specification  ensures  that  the  component’s  final  static 
strength  will  meet  the  MIL-HDBK-5H  A-Basis  static  strength  allowable.  In  addition,  the  USAF  also  have 
access  to  the  Lockheed  Martin  design  data  for  the  C-130  and  they  have  determined  that  for  those  candidate 
RRA  parts  the  seven  percent  knockdown  in  static  strength  is  within  the  static  margin-of-safety  for  those 
specific  components. 


25.6  C-130  SLOPING  LONGERON 

The  C-130  sloping  longeron  (Figure  25-4)  is  an  A1  7075-T6511  extrusion  26  ft  (7.9  m)  in  length  with  a 
maximum  section  thickness  of  0.78  in.  (19.6  mm).  C-130  sloping  longerons  are  replaced  on  a  regular  basis 
during  depot  level  maintenance  because  of  pitting  corrosion  and  stress  corrosion  cracking  damage. 
Corrosion  damage  is  limited  to  two  sections  of  the  longeron  between  fuselage  stations  FS770  and  FS835. 
For  the  sloping  longeron  8  of  the  26  feet  were  in-situ  RRA  treated  starting  at  FS737  and  extending  to 
FS835.  The  RRA  qualification  trials  were  carried  out  as  follows: 

1)  Service  exposed  longeron  material  was  used  for: 

a)  Corrosion,  static  strength,  fatigue  and  fracture  coupon  tests; 

b)  Dissolution  kinetics  model  optimization;  and 

c)  Heat  transfer  hardware  and  software  development. 

2)  New  extruded  A1-7075-T651 1  material  was  then  used  to  ensure  that  the  service  exposed  longeron 
material  did  not  influence  the  coupon  test  results  and  the  RRA  process  parameters.  A  processing 
specification  was  written  for  the  in-situ  RRA  process  as  applied  to  the  sloping  longeron. 

3)  Two  new  sloping  longerons  were  then  purchased.  The  first  sloping  longeron  was  in-situ  RRA  treated 
following  the  processing  specification.  The  longeron  was  then  sectioned  for  tensile  strength 
verification.  The  second  sloping  longeron  was  then  in-situ  RRA  treated. 
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Sloping  Longeron 


Heat  Treatment 
Zone 


Figure  25-4:  C-130  Showing  Location  of  26  ft  Long  Sloping  Longeron  and  Heat  Treatment  Zone. 


25.6.1  Sloping  Longeron  Corrosion  Results 

Exfoliation  corrosion  tests  were  conducted  in  accordance  with  ASTM  Standard  G  34.  The  RRA  treated 
specimens  improved  the  exfoliation  corrosion  resistance  of  as-received  A1  7075-T6511  sloping  longeron 
specimens  from  an  EXCO  rating  of  ED  (severe  separation  of  metal  into  layers)  to  a  rating  of  P  (discrete  pits). 

Stress  corrosion  cracking  tests  were  conducted  in  accordance  with  ASTM  Standards  G  38  and  G  44. 
The  C-ring  specimen  was  chosen  because  of  the  limited  material  thickness  available  in  the  S-T  orientation. 
The  specimens  were  pre-stressed  to  45  and  54  ksi  and  placed  in  an  alternate  immersion  tank  where  they 
were  exposed  to  a  10  minute  immersion  in  a  3.5%  NaCl  solution  followed  by  50  minutes  of  drying  time. 
According  to  Federal  Specification  Sheet  QQ-A-200/11E  [21],  the  test  duration  is  to  be  20  days  and 
specimens  lasting  until  the  end  of  20  day  period  are  considered  to  have  SCC  resistance  equivalent  to  the 
T73  temper.  The  RRA  treated  specimens  successfully  completed  the  20  day  exposure  period  without 
developing  evidence  of  intergranular  cracks.  Figure  25-5  shows  polished  x-sections  of  typical  T6511, 
T7351 1  and  T6RRA  C-ring  specimens. 


T6  Specimen  SK29  T73  Specimen  SL03  T6RRA  Specimen  SK01 

(16  days  to  failure)  (20+  days)  (20+  days) 

Figure  25-5:  C-Ring  SCC  Comparison  with  54  ksi  (372  MPa)  Pre-Stress  Level. 
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A  more  extensive  series  of  stress  corrosion  tests  were  conducted  with  four  inch  thick  new  A1  7075-T6511 
and  A17075-T7351 1  extrusions.  For  this  work  ASTM  Standard  G-139  was  used.  Figure  25-6  is  a  comparison 
of  residual  strength  averages  in  Box-Cox  metric  shows  comparable  performance  between  the  T73  temper 
and  the  T6RRA  processed  material. 


SCC  ASTM  G-139  Breaking  Load  Test 
Residual  Strength  Comparison 


□  Initital  Strength  □Corrosion  (0  ksi,  7  days)  DSCC  (20  ksi,  7  days) 


Figure  25-6:  Breaking  Load  SCC  Test  Results  Using  Box-Cox  Metric  (ASTM  G  139). 


25.6.2  Sloping  Longeron  Tensile  Test  Results 

Tensile  testing  was  conducted  in  accordance  with  ASTM  Standard  B  557.  Tensile  specimens  in  the  L 
direction  were  cut  from  as-received  and  RRA  treated  material.  The  average  results  for  84  RRA  treated 
specimens  (Table  25-1)  show  that  the  mean  strength  values  exceeded  the  MIL-HDBK-5H  A-Basis  tensile 
strength  allowable  (the  target  value  for  minimum  strength  reduction).  If  a  normal  distribution  for  the 
tensile  data  is  assumed,  the  mean  value  minus  three  standard  deviations  for  the  optimized  RRA  treatments 
also  exceeds  the  MIL-HDBK-5H  A-Basis  allowable. 


Table  25-1:  C-130  Sloping  Longeron  Tensile  Strength  Results. 


Yield  (ksi) 

Ultimate  (ksi) 

Elongation  (%) 

As-received  A1  7075-T651 1 

83.6  (576  MPa) 

90.7  (625  MPa) 

10.6 

RRA  Treated  Material 

77  (530  MPa) 

84.5  (583  MPa) 

9.6 

MIL-HDBK-5H  A-Basis 

72  (496  MPa) 

81  (558  MPa) 

7 
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25.6.3  Sloping  Longeron  Electrical  Conductivity  Results 

For  A1  7075-T6,  there  is  a  correlation  between  electrical  conductivity  and  corrosion  resistance.  If  the 
electrical  conductivity  of  RRA  treated  A1  7075-T6  material  is  increased  beyond  38%  IACS,  the  exfoliation 
corrosion  rating  will  improve  to  EXCO  A  or  greater  and  the  SCC  resistance  will  improve  to  that  of  the 
T73  temper.  There  is  not  an  established  correlation  between  electrical  conductivity  and  static  strength. 
However,  for  the  C-130  material  test  program,  electrical  conductivity  measurements  were  taken  on  each 
tensile  specimen.  The  results  for  the  L-direction  tensile  data  are  shown  in  Figure  25-7.  The  results  indicate 
that  electrical  conductivity  values  between  38  and  40%  IACS  will  consistently  produce  tensile  strength 
results  above  the  MIL-HDBK-5H  A-Basis  allowable.  This  finding  is  important  because  electrical 
conductivity  measurements  are  non-intrusive,  accurate  and  repeatable.  For  quality  control  purposes, 
electrical  conductivity  can  be  used  in  a  highly  reliable  fashion  to  evaluate  the  as-received  and  the  RRA 
condition  (corrosion  resistance  and  static  strength)  of  a  sloping  longeron. 


Electrical  Conductivity  (%IACS) 


Figure  25-7:  UTS  vs.  Conductivity  Data  for  Sloping  Longeron  Material. 


25.7  C-130  PARATROOPER  DOOR  LONGERON 

The  forged  A1  7075-T6  Paratrooper  Door  Longerons  (PDL)  of  the  C-130  have  been  affected  by  pitting  and 
exfoliation  corrosion  damage.  The  lower  longitudinal  attachment  of  the  fitting  on  the  outboard  side  is  an 
area  on  the  PDL  that  is  particularly  susceptible  to  exfoliation  and  pitting  corrosion.  The  current  off-the- 
aircraft  repair  method  permits  grinding  away  the  corrosion  to  specific  limits  based  on  where  the  corrosion 
is  found  on  the  longeron.  Once  the  grind-out  limits  have  been  reached,  replacement  of  the  longeron  is 
mandated.  For  the  PDL  the  RRA  process  was  developed  as  a  shop  process  using  an  oil  bath.  This  is  an 
easier  heat  treatment  process  to  carry  out  than  the  in-situ  RRA  process  developed  for  the  C-130  sloping 
longeron  and  the  C-141  landing  gear  mainframe.  The  retrogression  phase  is  carried  out  for  a  specific 
period  of  time  with  no  monitoring  of  part  temperature  or  use  of  ‘real-time’  dissolution  kinetics. 
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25.7.1  PDL  Test  Results 

The  results  for  stress  corrosion  cracking  and  static  strength  tests  are  presented  in  Table  25-2  and  Table  25-3. 
The  alternate  immersion  stress  corrosion  cracking  testing  was  carried  out  using  C-ring  specimens  in 
accordance  with  ASTM  Standard  G  38.  All  C-ring  specimens  were  pre-stressed  to  45  ksi  (310  MPa).  Tensile 
strength  testing  was  carried  out  in  accordance  with  ASTM  Standard  E  8. 


Table  25-2:  C-130  PDL  Tensile  Strength  Results. 


Ultimate  Strength  (ksi) 

Service  Exposed  A1  7075-T6 

85  (586  MPa) 

Service  Exposed  RRA 

81  (558  MPa) 

New  A1  7075-T6 

94.5  (650  MPa) 

New  Material  RRA 

87  to  93  (600  to  640  MPa) 

Table  25-3:  C-130  PDL  Stress  Corrosion  Cracking  Results  (ASTM  G  38). 


Electrical  Conductivity 
(%IACS) 

Duration 

(days) 

Service  Exposed  A1  7075-T6 

32.9 

5  to  9 

New  Material  RRA 

38.5 

20+ 

The  corrosion  and  tensile  results  for  the  forged  A1  7075  PDL  material  are  similar  to  those  presented  for  the 
C-130  sloping  longeron  extrusions.  The  RRA  process  can  therefore  be  applied  to  either  extruded  or  forged 
A1  7075  T6  aircraft  components. 


25.8  CONCLUSIONS 

•  Retrogression  and  re-aging  of  A1  7075  in  the  T6  temper  significantly  improves  the  material’s  resistance 
to  corrosion  without  compromising  static  strength  properties. 

•  RRA  tensile  data  in  the  L-direction  indicated  that  tensile  strength,  yield  strength  and  percent 
elongation  were  consistent  with  the  A-Basis  allowables  from  MIL-HDBK-5H. 

•  The  exfoliation  test  results  indicate  that  the  RRA  process  raises  the  resistance  to  exfoliation  corrosion 
from  AD  (severe  exfoliation)  to  EA  (superficial  exfoliation)  /  P  (pitting). 

•  Stress  corrosion  tests  showed  no  evidence  of  intergranular  cracking  after  20  days  of  alternate  immersion 
exposure.  This  corrosion  resistance  is  equivalent  to  the  T73  temper. 

•  The  retrogression  phase  has  been  optimized  using  computer  controlled  ‘real-time’  dissolution  kinetics 
to  ensure  that  for  an  RRA  treated  component: 

1)  The  electrical  conductivity  is  raised  to  at  least  38%  IACS;  and 

2)  The  static  strength  properties  remain  above  MIL-HDBK-5H  A-Basis  allowables. 
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•  The  RRA  process  can  be  carried  out  using  two  heat  transfer  mediums.  The  first  is  an  oil  bath,  ideally 
suited  for  small  components  such  as  the  C-130  paratrooper  door  longeron.  The  second  is  an  in-situ 
conduction  process  that  is  applied  to  selected  areas  of  larger  components  such  as  the  C-130  sloping 
longeron  and  the  C-141  landing  gear  mainframe. 

•  For  C-130  A1  7075-T6511  extrusions  no  greater  than  0.75  inches  thick  (20  mm),  a  consistent  trend 
between  electrical  conductivity  and  static  strength  was  established.  This  correlation  will  be  useful  as  a 
tool  to  assess  the  as-received  static  strength  and  the  post  RRA  static  strength. 
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Chapter  26  -  ENVIRONMENTAL  SEVERITY  ASSESSMENT 
AND  AIRCRAFT  WASH  OPTIMIZATION 
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26.1  INTRODUCTION 

Removing  salt  deposits  on  aircraft  is  an  important  component  of  a  successful  corrosion  maintenance 
program  and  this  is  particularly  true  for  equipment  operated  in  marine  environments.  Both  rinsing  and 
washing  aim  at  preventing  corrosion  damage  by  reducing  the  surface  concentration  of  corrosive  agents  on 
aircraft  exterior  surfaces.  While  rinsing  is  a  relatively  simple  operation  typically  carried  out  by  taxiing 
through  a  “bird  bath”  upon  returning  from  a  mission,  as  illustrated  in  Figure  26-1,  the  washing  process  is 
much  more  complex  and  often  carried  out  in  special  hangars. 


Figure  26-1 :  A  C-130J  Hercules  is  Cleaned  Up  in  the  New  “Bird-Bath”  System  at  Keesler  Air 
Force  Base,  Biloxi,  Mississippi.  Aircraft  from  the  Air  Force  Reserve  fly  many  hours 
over  the  Gulf  of  Mexico.  Salt  and  moisture  could  lead  to  corrosion  if  aircraft 
are  not  kept  clean.  (U.S.  Air  Force  photo  /  Tech  Sgt.  Jame  Pritchett). 


The  question  of  how  frequently  to  wash  aircraft  is  one  of  the  many  management  decisions  on  minimizing 
the  total  cost  of  asset  maintenance.  Washing  an  aircraft  directly  incurs  costs  while  not  washing  an  aircraft 
indirectly  incurs  costs  from  future  corrosion  damage.  Reducing  the  period  between  washes  may  reduce  the 
cost  of  corrosion  damage  but  increases  the  cost  of  washing. 
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26.2  ENVIRONMENTAL  SEVERITY  ASSESSMENT 

26.2.1  USAF  Environmental  Severity  Index  (ESI) 

An  environmental  assessment  scheme  based  on  atmospheric  parameters  has  been  developed  for  the  United 
States  Air  Force  (USAF)  by  Summitt  and  Fink  as  early  as  1980  [1].  The  scheme,  code  named  PACER 
LIME,  was  constructed  on  the  parametrically  fitted  corrosion  behaviour  of  aircraft  materials  such  as 
uncoated  aluminum,  steel,  titanium  and  magnesium  alloys.  The  ESI  rankings  were  based  on  four  parameters: 
proximity  to  the  sea,  total  particulate  level,  sulphur  dioxide  concentration  and  amount  of  rainfall. 
An  important  advantage  of  this  approach  was  that  required  data  were  typically  available  at  most  weather 
stations.  The  section  of  the  Corrosion  Damage  Algorithm  (CD A)  presented  in  Figure  26-2,  for  example, 
considers  distance  to  salt  water,  leading  either  to  the  very  severe  AA  rating  or  lesser  ratings  based  on  a 
consideration  of  moisture  factors.  An  algorithm  for  aircraft  washing  based  on  similar  corrosivity 
considerations  is  presented  in  Figure  26-3. 
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Figure  26-2:  Section  of  the  Corrosion  Damage  Algorithm  that  Considers  Distance  to  Salt 
Water,  Leading  Either  to  the  Very  Severe  AA  Rating  or  a  Consideration  of  Moisture. 
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Figure  26-3:  Section  of  the  Corrosion  Damage  Algorithm  for  Planning  a  Washing  Schedule. 

The  environmental  corrosivity,  predicted  from  the  CDA  algorithm,  of  six  marine  air  bases  has  been 
compared  to  the  actual  corrosion  maintenance  effort  expended  at  each  base.  Considering  the  simplicity  of 
the  algorithms  and  simplifying  assumptions  in  obtaining  relevant  environmental  and  maintenance  data  the 
correlation  obtained  was  considered  to  be  reasonable.  However,  subsequent  attempts  to  enhance  the 
PACER  LIME  algorithm  by  using  the  results  obtained  from  broad  based  corrosion  testing  programs  failed 
to  provide  enough  differentiation  between  moderately  corrosive  environments  [2]. 

In  order  to  remedy  the  deficiencies  in  the  CDA  scheme,  Battelle  was  tasked  to  monitor  the  atmospheric 
corrosivity  of  Air  Force  and  other  sites  worldwide  [3].  The  database  describing  the  relative  corrosive 
severity  levels  of  different  locations  and  actual  corrosion  rates  of  a  variety  of  metals  has  now  grown  to 
more  than  100  sites  worldwide.  The  following  metals  were  included  in  that  study:  three  aluminum  alloys 
(A92024,  A96061,  and  A97075),  copper,  silver  and  steel. 

Data  have  been  collected  for  metals  directly  exposed  to  the  outdoor  environment  in  a  standard  sample 
mounting  configuration  and  test  package.  A  typical  plastic  test  rack  with  its  metallic  coupons  is  shown  in 
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Figure  26-4  besides  a  CLIMAT  coupon1  exposed  at  the  Kennedy  Space  Center  (KSC)  beach  corrosion 
test  site,  a  test  site  renowned  for  having  the  highest  corrosivity  in  the  continental  United  States  [6].  Figure 
26-5(a)  shows  a  close-up  view  of  the  coupons  before  exposure.  Once  exposed  to  the  environment  for  a 
given  period  of  time  the  corroded  metal  strips  (Figure  26-5(b))  are  sent  back  to  the  laboratory  for  mass 
loss  measurements  following  standard  methods  [7]  and  further  analysis. 


Figure  26-4:  Metal  Coupons  in  a  Plastic  Test  Rack  Exposed  at  the  Kennedy  Space  Center 
Beach  Corrosion  Test  Site  Besides  a  CLIMAT  Coupon  (Courtesy  of  Battelle). 


1  The  use  of  bimetallic  specimens  in  which  a  helical  A9 1 1 00  aluminum  wire  is  wrapped  around  a  coarsely  threaded  bolt  is 
described  as  the  Classify  Industrial  and  Marine  Atmospheres  (CLIMAT)  coupon  [4], [5]. 
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(b) 

Figure  26-5:  Metal  Coupons  Before  Exposure  to  the  Environment  (a)  and  After 
a  Three  Month  Exposure  in  a  Rural  Environment  (b)  (Courtesy  of  Battelle). 


These  efforts  established  a  correlation  between  the  corrosivity  of  various  Air  Force  Base  environments 
and  the  costs  associated  with  the  maintenance  of  various  aircraft.  Figure  26-6  summarizes  three  years  of 
corrosion  data  compared  to  maintenance  records  taken  directly  from  the  Air  Force  database  (REMIS). 
It  has  now  been  shown  that  there  is  a  relatively  good  correlation  between  base  level  ESI  values  and  base 
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level  corrosion  related  maintenance  [3].  Not  only  is  the  correlation  surprisingly  good,  but  it  also  appears  to 
be  intuitively  correct  to  show  a  definite  effect  of  size  of  the  aircraft  and  surface  area. 


Figure  26-6:  Maintenance  Costs  for  Various  Aircraft  as  a  Function  of  the  Corrosivity  of  Air  Force 
Base  Environments  Towards  the  Corrosion  of  Aluminum  (KC  135  is  the  re-fueling  support 
aircraft;  CC130  is  the  Hercules  airlift  mission  aircraft;  F15  and  F16  are  fighter  aircraft). 


26.2.2  International  Organization  for  Standardization  (ISO)  Classification  Scheme 

A  scheme  widely  accepted  by  architects  and  designers  for  the  classification  of  outdoor  environments  has 
been  developed  by  a  Working  Group  (WG  4)  of  the  International  Organization  for  Standardization  (ISO) 
corrosion  Technical  Committee  (TC  156)  [8]. 

In  the  program  nicknamed  ISO  CORRAG,  specially  prepared  coupons  of  steel,  copper,  zinc,  and  aluminum 
were  exposed  for  1,  2,  4,  and  8  years  at  51  sites  located  in  14  nations  in  order  to  generate  the  necessary  data 
for  predicting  atmospheric  corrosivity  from  commonly  available  weather  data  [9].  Triplicate  specimens  were 
used  for  each  exposure.  The  program  was  initiated  in  1986  and  terminated  in  1998.  After  a  planned 
exposure,  each  specimen  was  sent  to  the  laboratory  that  had  done  the  initial  weighing  for  cleaning  and 
evaluation.  Based  on  these  data,  a  simple  classification  scheme  of  five  corrosivity  classes  was  established  for 
each  metal  (Table  26-1).  The  environmental  and  weather  data  gathered  in  this  program  were  based  on  S02, 
and  Cl"  deposition  rates  combined  with  Time  Of  Wetness  (TOW)2  measurements  at  each  site.  These  five 
corrosivity  categories  can  be  roughly  translated  into  five  outdoor  situations  in  the  following  decreasing  order 
of  corrosivity,  i.e.,  industrial,  tropical  marine,  temperate  marine,  urban,  and  rural. 


2 

Time  spent  above  80%  relative  humidity  (RH).  TOW  is  typically  expressed  in  number  of  hours  above  80%  RH  in  one  month 
or  in  one  year. 
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Table  26-1:  ISO  9223  Corrosion  Rates  After  One  Year  of 
Exposure  Predicted  for  Different  Corrosivity  Classes. 


Corrosion 

Category 

Steel 

(g/m2  year) 

Copper 
(g/m2  year) 

Aluminum 
(g/m2  year) 

Zinc 

(g/m2  year) 

Cl 

=  10 

=  0.9 

Negligible 

=  0.7 

C2 

11-200 

o 

s o 

1 

=  0.6 

O 

^1 

1 

L/1 

C3 

201  -400 

5-12 

<N 

1 

so 

© 

5-15 

C4 

401  -650 

12-25 

2-5 

15-30 

C5 

651  -  1500 

25-50 

5-10 

30-60 

26.2.3  Seasonal  and  Local  Variations 

While  the  data  gathered  for  the  development  of  these  two  classification  schemes  are  from  relatively  well 
characterized  locations,  the  actual  information  on  topographical  or  other  local  variables  is  not  considered 
in  the  general  assessment.  Similarly  no  effort  is  spent  in  these  general  schemes  to  include  seasonal 
variations  that  may  also  vary  greatly  at  each  location. 

In  a  study  focused  on  the  shielding  effects  due  to  buildings  in  a  marine  environment,  the  directional 
impact  of  marine  aerosols  was  revealed  by  comparing  the  level  of  patina  on  copper  rods  of  CLIMAT 
coupons  exposed  for  three  winter  months  at  a  facility  on  the  Pacific  coast  [10],[11].  What  became  evident 
in  that  study  was  that  the  pattern  of  the  bluish-green  patina  attributed  to  the  corrosion  product  CuC12.2H20 
was  not  uniformly  distributed  around  the  circumference  of  each  copper  rod. 

A  template  with  the  sixteen  points  of  the  compass  was  placed  on  the  outside  of  each  boldly  exposed  coupon 
in  order  to  visually  quantify  the  intensity  of  the  bluish-green  color.  The  relative  degree  of  corrosion  for  each 
compass  point  was  assessed  by  assigning  a  number  between  zero  and  ten  with  zero  corresponding  to  zero 
bluish-green  patina  and  ten  corresponding  to  100%  coverage  of  the  coloured  corrosion  product.  The  average 
corrosion  index  for  each  of  the  sixteen  points  of  the  compass  for  the  copper  rods  is  shown  in  Figure  26-7. 
One  attempt  to  correlate  the  directional  corrosivity  observed  on  the  copper  rods  with  weather  data  was  to  plot 
the  fraction  of  time  that  winds  came  from  the  sixteen  points  of  the  compass  during  the  three-month  exposure 
period.  The  dominant  direction  was  the  north  to  north-east.  However,  the  pattern  of  corrosion  product  did  not 
correspond  to  the  most  frequent  wind  direction  but  did  correspond  to  the  direction  with  the  highest  wind 
speeds,  which  were  in  the  west  to  south  quadrant  at  this  particular  site  (Figure  26-7). 
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Figure  26-7:  Average  Corrosion  Index  for  the  Copper  Rods  Exposed  on  the  Rooftop  and 
the  Average  Wind  Speed  Recorded  at  the  Local  Weather  Station  as  a 
Function  of  the  Sixteen  Points  of  the  Compass. 


This  is  consistent  with  observations  made  by  others  that  a  minimum  wind  speed  or  threshold  of 
approximately  1 1  km  h'1  is  required  for  the  entrainment  of  marine  aerosols  over  a  salt-water  body  [12]. 

26.3  WASH  COSTS  OPTIMIZATION 

The  conclusions  of  an  experimental  study  on  the  effects  of  wash  intervals  on  corrosion  indicate  that  the 
relative  benefit  of  washing  increases  with  increasing  severity  of  the  environment  [13].  One  recommendation 
of  the  study  was  also  that  while  wash  intervals  in  severe  environments  should  not  be  relaxed  and  maintained 
at  a  minimum  of  30  days,  wash  cycles  in  mild  environments  on  the  other  hand  could  be  relaxed  beyond 
120  days.  Following  this  study,  each  air  base  was  assigned  an  Environmental  Severity  Index  (ESI), 
i.e.,  either  mild,  moderate  or  severe.  The  wash  period  and  certain  maintenance  work  was  then  scheduled 
according  to  the  ESI.  Some  wash  periods  currently  assigned  to  a  sample  of  air  bases  by  the  USAF  are 
shown  in  Table  26-2  [14]. 
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Table  26-2:  Wash  Periods  Assigned  to  Sample  of  Bases  According  to  Environmental  Severity. 


Air  Base  Name  and  Location 

Wash  Period  by  Severity 

Severe 
(One  Month) 

Moderate 
(Three  Months) 

Mild 

(Four  Months) 

Aj  Taif,  SA 

X 

Allen  C.  Thompson  Fid.,  Jackson,  MS 

X 

Altus  AFB,  OK 

X 

As  Sulayyil,  SA 

X 

Anderson  AFB,  GU 

X 

Anchorage  IAP,  AK 

X 

Bagram  AB,  Afghanistan 

X 

Bahrain 

X 

Bangor  IAP,  ME 

X 

Barksdale  AFB,  Shreveport,  LA 

X 

Determining  an  optimal  aircraft  wash  interval  requires  combining  a  model  for  damage  due  to  atmospheric 
corrosion  and  economic  factors.  Cumulative  metal  loss  under  atmospheric  conditions  is  generally  found  to 
follow  a  power  law  or  bi-logarithmic  relationship  with  exposure  time  [15], [17]: 


C  =  Ktn  (1) 

where  C  is  the  cumulative  metal  loss,  t  is  the  exposure  time,  K  is  a  constant  specific  to  a  location  and  n  is  an 
exponent.  The  fitted  value  of  the  exponent  is  a  rough  indicator  of  the  corrosion  mechanism.  An  exponent  of 
0.5  is  consistent  with  the  corrosion  rate  being  dependent  on  diffusion  through  a  protective  film  that  grows  as 
corrosion  proceeds.  An  exponent  of  unity  is  consistent  with  a  corrosion  rate  that  is  independent  of  corrosion 
products  accumulated  on  a  surface.  Typically,  the  exponent  is  between  0.5  and  unity  [15].  The  rate  constant, 
K,  depends  on  the  atmospheric  corrosivity  [16], [17].  If  one  assumes  that  corrosion-related  maintenance 
required  on  aircraft  follows  the  law  of  equation  (1),  a  cumulative  metal  loss  may  now  be  expressed  as 
equation  (2): 


M  =  ktn  (2) 

where  M  is  the  corrosion-related  maintenance  required  and  k  is  a  constant,  analogous  to  K  in  equation  (1). 
M  is  expected  to  increase  with  time  until  periodic  maintenance  brings  accumulated  damage  down  to  a 
lower  level.  As  washing  was  shown  to  decrease  the  cumulative  corrosion  damage  of  coupons  [13],  aircraft 
washing  is  expected  to  decrease  required  maintenance.  Figure  26-8  illustrates  these  concepts  qualitatively. 
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Cumulative  damage  reduced  by  maintenance 


Figure  26-8:  Schematic  of  Cumulative  Corrosion  Damage  on  Aircraft  as  a  Function  of  Time. 


The  data  available  for  M,  and  thus  for  estimating  k  and  n,  is  limited  to  periodic  maintenance  records. 
The  maintenance  records  of  three  phases  for  a  fleet  of  marine  patrol  aircraft  are  listed  in  Table  26-3. 
Each  phase  corresponds  to  a  Depot  Level  Inspection  and  Repair  (DLIR).  There  was  no  corrosion-related 
maintenance  at  phase  1  DLIR  for  any  aircraft.  The  number  of  flight  hours,  months  since  the  last  DLIR, 
number  of  non-corrosion  related  man-hours  required  and  the  number  of  corrosion-related  man-hours  are 
listed  for  each  of  eighteen  aircraft.  The  parameters  for  modeling  the  level  of  required  maintenance  may  be 
extracted  from  such  data  with  the  following  assumptions: 

1)  Each  periodic  maintenance  effort  brings  the  overall  level  of  required  maintenance  down  to  a  lower 
level  as  shown  in  Figure  26-8. 

2)  The  exponent,  n,  is  assumed  to  be  between  0.5  and  unity. 

3)  The  rate  constant  is  assumed  to  increase  with  atmospheric  corrosivity  and  wash  interval  as  expressed 
in  equation  (3): 


k  =  kMcTwash 


(3) 


where  c  is  a  measure  of  atmospheric  corrosivity,  Twash  is  the  wash  interval  and  kM  is  a  characteristic 
maintenance  rate  constant. 
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Table  26-3:  Periodic  Inspection  and  Repair  Records  for  Marine  Air  Patrol  Fleet. 


No. 

Fit  Hrs 

Months  Since  Last  Phase 

Non-Corrosion  Hrs 

Corrosion  Hrs 

Phase  2 

1 

4918 

50 

6239 

656 

2 

5311 

55 

4706 

729 

3 

5779 

61 

8249 

3550 

4 

5531 

56 

5864 

847 

5 

4665 

52 

5165 

684 

6 

5374 

57 

7044 

977 

7 

3339 

35 

6737 

546 

8 

4487 

43 

6272 

1010 

9 

4652 

53 

6576 

585 

10 

5111 

54 

6154 

651 

11 

5041 

50 

6736 

737 

12 

5591 

59 

6888 

723 

13 

4771 

54 

7210 

1218 

14 

5194 

59 

12277 

1856 

15 

5043 

54 

8145 

1481 

16 

5432 

57 

6300 

1145 

17 

5129 

52 

5182 

341 

18 

5648 

60 

5984 

824 

Phase  3 

1 

4674 

52 

7824 

1455 

2 

4449 

50 

7681 

1681 

3 

3269 

37 

5308 

1107 

4 

4324 

48 

5379 

1704 

5 

4266 

49 

6818 

1425 

6 

3812 

48 

5653 

1010 

7 

4766 

51 

5948 

1326 

8 

4680 

54 

10171 

3479 

9 

5001 

50 

6274 

1472 

10 

3093 

41 

5493 

689 

11 

4321 

50 

5175 

1189 

12 

3055 

39 

8160 

1155 

13 

5021 

54 

6763 

1690 

14 

3343 

41 

6444 

1647 

15 

2995 

42 

7622 

1429 

16 

3704 

51 

7956 

1609 

17 

4384 

52 

6156 

1297 

18 

2954 

41 

6980 

1022 
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ORGANIZATION 


No. 

Fit  Hrs 

Months  Since  Last  Phase 

Non-Corrosion  Hrs 

Corrosion  Hrs 

Phase  4 

i 

3479 

53 

7682 

1109 

2 

3119 

59 

12949 

2129 

3 

3732 

57 

9940 

1746 

4 

3652 

58 

11452 

1377 

5 

3723 

54 

6838 

951 

6 

- 

- 

- 

- 

7 

4124 

60 

8931 

1231 

8 

3849 

55 

7316 

1204 

9 

3445 

55 

7314 

1046 

10 

- 

- 

- 

- 

11 

3688 

58 

9091 

1841 

12 

- 

- 

- 

- 

13 

3428 

58 

11760 

1961 

14 

3083 

61 

12558 

2955 

15 

- 

- 

- 

- 

16 

- 

- 

- 

- 

17 

3712 

57 

6525 

987 

18 

- 

- 

- 

- 

With  these  assumptions,  kM  can  be  extracted  by  combining  equations  (2)  and  (3)  for  each  phase  and  each 
aircraft  according  to  equation  (4): 


acceptable  ( ^ 

KM  ~  ^075  W 

C1wash1DLIR 

where  TDLiR  is  the  number  of  months  in  each  phase  between  DLIR  and  M-Macceptabie  is  the  amount  of 
maintenance  applied  at  a  DLIR  phase  as  measured  in  man-hours.  This  method  requires  a  measure  of 
atmospheric  corrosivity,  c,  that  the  planes  are  exposed  to.  Any  method  will  do  as  long  as  the  same  method 
is  used  for  calculating  the  wash  interval  as  described  below. 

In  the  present  study,  the  ground-level  corrosivity  has  been  measured  for  several  years  using  CLIMAT 
coupons  at  the  home  base  for  this  fleet.  Figure  26-9  shows  the  monthly  corrosivity  at  CFB  Greenwood, 
Nova  Scotia  averaged  over  three  years.  As  indicated  in  Figure  26-10,  the  airfield  at  CFB  Greenwood  is 
only  eight  km  from  the  Bay  of  Fundy  and  downwind  from  the  highest  speed  winds  of  winter. 
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Month 

Figure  26-9:  Monthly  Corrosivity  at  Canadian  Forces  Base  (CFB)  Greenwood, 
Nova  Scotia,  as  Mass  Loss  of  CLIMAT  Coupons  Between  2002  and  2006. 


Figure  26-10:  Geographical  Position  of  CFB  Greenwood  in  Nova  Scotia  and  in  Relation  to  the  Sea. 
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Month  1  and  month  12  in  Figure  26-9  correspond  respectively  to  January  and  December.  The  corrosivity 
is  highest  in  the  winter  and  lowest  in  the  summer.  The  units  of  kM  with  CLIMAT  coupons  as  the  measure 
of  corrosivity  are  man-hours/(CLIMAT  mass  loss  x  month1 75)  or  man-hours’. 

The  maintenance  factor,  kM,  for  each  aircraft  after  each  phase  is  listed  in  Table  26-4.  The  average  CLIMAT 
corrosivity  of  1.69%  and  the  wash  interval  was  1  month.  The  95%  confidence  intervals  for  the  average  kM 
are  21  -  40,  40  -  55  and  36-51  man-hours’  for  Phases  2,  3  and  4  respectively. 


Table  26-4:  Estimates  for  Time  Averaged  kM  Based  on  Periodic 
Inspection  and  Repair  Records  in  Table  26-3  and  Equation  (3). 


Phase  2 

Phase  3 

Phase  4 

Plane 

kM,  Man-Hours’ 

kM,  Man-Hours’ 

kM,  Man-Hours’ 

1 

20.6 

44.5 

33.4 

2 

21.3 

52.9 

59.2 

3 

96.2 

43.7 

49.8 

4 

24.5 

55.3 

38.8 

5 

20.9 

45.5 

28.2 

6 

27.9 

32.8 

7 

22.4 

41.1 

33.8 

8 

35.6 

103.3 

35.3 

9 

17.6 

46.3 

30.6 

10 

19.3 

25.2 

11 

23.2 

37.4 

51.8 

12 

20.1 

43.8 

13 

36.2 

50.2 

55.2 

14 

51.6 

60.1 

80.1 

15 

44.0 

51.2 

16 

32.6 

49.9 

17 

10.4 

39.6 

28.2 

18 

22.6 

37.3 

Average 

30.4 

47.8 

43.7 

Std  Deviation 

19.3 

16.2 

15.8 

95%  Confidence 

21.3-39.5 

40.1-55.4 

36.2-51.1 

*Also  included  are  the  average,  standard  deviation  and  95%  confidence  interval  for  the  average. 


The  maintenance  factor  for  another  fleet  was  calculated  from  a  different  but  limited  set  of  data.  This  fleet 
was  stationed  at  an  inland  base  at  Trenton,  Ontario.  The  average  yearly  corrosivity  as  measured  by 
CLIMAT  coupons  was  0.3%.  The  average  number  of  man-hours  at  a  DLIR  after  a  phase  of  66  months 
from  three  aircraft  was  4473  man-hours  for  corrosion  related  maintenance.  Given  an  average  wash  interval 
of  13  months,  the  maintenance  factor  was  50  man-hours’.  The  closeness  of  this  value  to  that  for  the  marine 
patrol  fleet,  even  with  much  different  values  for  corrosivity  and  wash  interval,  hints  that  this  range  of 
values  for  kM  may  have  some  general  applicability. 
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In  order  to  develop  a  model  for  calculating  an  optimal  wash  interval,  the  cost  of  corrosion-related 
maintenance  over  a  DLIR  phase  may  be  formulated  in  equation  (5): 

Cr=yM-lCr+Cu]  +  rMkMcT,.„N"s  (5) 

1  wash 


where: 

CT  =  total  cost  of  washes  and  DLIR  maintenance 
Twash  =  wash  interval,  months 
Cw  cost  per  wash 

Cu  =  cost  of  aircraft  unavailability  during  washes 
rM  =  charge  rate  for  maintenance  work,  dollars/hour 

Nm  =  number  of  months  between  DLIR 

The  first  term  in  equation  (5)  is  the  cost  of  washes  during  the  DLIR  phase  and  the  second  term  is  the  cost 
of  corrosion-related  maintenance  during  DLIR.  The  wash  interval  that  minimizes  the  total  cost,  Tmin,  can 
be  obtained  by  differentiating  equation  (5)  with  respect  to  Twash,  setting  dCT/dTwash  to  zero  and  solving  for 
Twash.  The  wash  period,  TMin,  that  minimizes  the  total  cost  is  expressed  in  equation  (6): 


jv^cy  +  Q,) 

min  V  r  k  c 

Figure  26-11  shows  the  optimal  wash  interval,  according  to  equation  (6),  as  a  function  of  atmospheric 
corrosivity  within  reasonable  limits  for  kM  (i.e.,  25  to  55  man-hours’).  The  values  for  the  other  parameters 
used  in  this  equation  were  typical  for  a  marine  patrol  fleet  in  North  America,  i.e.,  Cw  =  $4000, 
Cu  =  $1000,  rM  =  $85/hour  and  NM  =  55  months.  It  is  obvious  then  that  the  uncertainty  in  kM  produces 
uncertainty  in  estimating  Tmin,  which  is  about  1  month  at  the  lower  end  of  corrosivity  (0.5%  CLIMAT 
mass  loss)  and  about  0.4  months  at  the  upper  end  of  corrosivity  (4%  CLIMAT  mass  loss). 
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Atmospheric  corrosivity,  CLIMAT  percent  mass  loss 


Figure  26-11:  Predicted  Wash  Interval  as  Function  of  Corrosivity  as  Measured  by 
CLIMATs  Within  Reasonable  Limits  for  kM  (i.e.,  25  -  55  man-hours’)  -  Other 
parameters  were:  Cw  =  $4000,  Cu  =  $1000,  rM  =  $85/h,  NM  =  55  months. 

These  results  indicate  that  the  optimal  wash  interval  for  the  maritime  patrol  fleet  is  1  -  1 .4  months  during 
the  winter  and  2.7  -  4.0  months  during  the  summer.  Given  that  the  current  practice  at  CFB  Greenwood  is 
to  wash  marine  patrol  aircraft  once  per  month,  stretching  out  the  wash  interval  during  three  seasons, 
i.e.,  spring,  summer,  and  fall,  will  result  in  significant  savings  on  a  fleet-wide  basis. 

Also  shown  in  Figure  26-11  are  the  wash  intervals  recommended  by  the  new  USAF  ESI  algorithm  after 
correcting  for  the  differences  in  the  atmospheric  corrosivity  scales  between  the  USAF  ESI  and  ISO  9223. 
A  mildly  corrosive  environment  would  therefore  correspond  to  a  CLIMAT  mass  loss  of  less  than  about 
0.5%,  a  severely  corrosive  environment  to  a  CLIMAT  mass  loss  greater  than  about  3%  and  a  moderately 
corrosive  environment  with  a  value  between  0.5%  and  3%.  The  USAF  algorithm  and  Tmin  according  to 
equation  5  are  similar  for  the  mild  and  severe  environments  but  differ  significantly  for  the  moderate 
environments. 


26.4  SUMMARY 

The  USAF  ESI  algorithm  for  setting  wash  intervals  is  based  on  an  environmental  severity  rating  and  an 
implied  set  of  economic  assumptions.  A  maintenance  factor  approach  was  introduced  for  setting  wash 
intervals  based  on  corrosion  maintenance  records,  an  atmospheric  corrosion  model  and  an  explicit  set  of 
economic  parameters.  The  maintenance  records  required  are  the  number  of  man  hours  required  to  repair 
corrosion  related  damage  and  the  number  of  months  since  the  last  repair.  The  atmospheric  corrosion 
model  assumed  a  bilogarithmic  or  power  law  relationship  between  cumulative  damage  and  exposure  time. 
It  was  also  assumed  that  atmospheric  severity  increases  corrosion  damage  whereas  washing  decreases  it. 
The  economic  parameters  are  the  cost  per  wash,  the  cost  of  aircraft  unavailability  during  a  wash  and  the 
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charge-out  rate  for  aircraft  maintenance.  This  approach  requires  a  measure  of  atmospheric  corrosivity  that 
is  not  restricted  to  any  particular  method  as  long  as  one  processes  the  maintenance  data  and  calculates  the 
optimal  wash  interval  with  the  same  method. 
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Chapter  27  -  REPAIRING  CORROSION  DAMAGE 

Ronald  W.  Gould 

Structures  and  Materials  Performance  Laboratory,  Institute  for  Aerospace  Research 
National  Research  Council  Canada 
Ottawa,  Ontario 
CANADA 


27.1  INTRODUCTION 

Repair  of  corrosion  damage  requires  that  suspect  structure  can  be  accessed  and  inspected  non- 
destructively  so  that  the  damage  can  be  detected  and  quantified  in  terms  of  severity.  Chapter  21  of  this 
publication  describes  some  of  the  inspection  methods  available  as  well  as  the  quantitative  success  of  most 
of  these  methods.  This  chapter  illustrates  how  some  of  these  methods  are  used  in  practice  and  the 
complications  that  arise  when  dealing  with  multi-layer,  built  up  structure.  It  also  reviews  some  of  the 
methods  available  for  repairing  corrosion  damaged  structure  as  well  as  work  performed  at  the  National 
Research  Council  to  develop  a  library  of  specimens  of  corroded  aircraft  structures. 


27.2  REPAIRING  CORROSION  DAMAGE 
27.2.1  Standard  Practice 

All  aircraft  must  be  periodically  inspected  for  corrosion.  During  visual  inspections  an  inspector  looks  for 
surface  features  that  indicate  the  presence  of  corrosion.  One  such  feature  is  known  as  corrosion  pillowing, 
which  occurs  when  corrosion  products  are  present  at  the  faying  surfaces  of  lap  joints  or  in  areas  of  multi¬ 
layer  construction.  Service  bulletins  and  maintenance  manuals  state  that  if  corrosion  is  visually  detected, 
then  eddy  current  equipment  should  be  used  to  estimate  the  percentage  of  thickness  loss.  In  general,  if  the 
thickness  loss  in  a  single  skin  is  greater  than  10%  [1]  the  joint  must  be  repaired.  This  entails: 

•  Removing  the  rivets  in  the  affected  area; 

•  Wedging  open  the  skins; 

•  Removing  the  corrosion  products  and  any  visible  damage  (e.g.,  pits)  [2]; 

•  Applying  doublers  to  the  affected  skins;  and 

•  Returning  the  aircraft  to  service. 

For  a  thickness  loss  of  less  than  10%  the  required  action  varies  depending  on  the  aircraft.  For  some  aircraft 
repair  is  not  mandatory,  but  there  must  be  regular  inspections  until  the  joint  is  repaired.  However,  for  other 
aircraft  the  service  bulletins  state  that  if  the  corrosion  is  within  specified  limits,  prior  to  flight,  it,  and  any 
other  visible  damage,  must  be  removed,  e.g.,  by  blending  out. 

The  standards  for  safe  corrosion  damage  repair  have  been  developed  from  years  of  accumulated 
experience.  The  guidelines  for  these  best  practices  are  set  out  in  training  and  repair  manuals  and  the  work 
is  carried  out  by  skilled  personnel.  Nevertheless,  the  nature  of  the  work  does  sometimes  result  in  unwitting 
damage  being  done,  and  the  time  spent  carefully  exploring  the  extent  of  the  corrosion  damage  could  be 
wasted  if  the  end  result  is  that  the  part  must  be  scrapped  and  replaced. 

Paint  systems  are  still  removed  from  aircraft  structures  before  inspections  are  made  for  corrosion  and 
fatigue  damage,  since  there  is  as  yet  no  acceptance  that  available  NDI  techniques  can  detect  such  damage 
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through  the  protective  coatings  [3].  To  illustrate  that  hazards  exist  during  paint  stripping,  the  FAA  recently 
added  an  Airworthiness  Directive  for  B757s  to  the  previous  warning  for  B737S1  [4].  These  ADs  followed 
the  discovery  of  procedural  errors  (use  of  metal  tools,  resulting  in  scratches)  when  some  airframes  were 
being  paint-stripped  for  inspection  prior  to  maintenance.  Not  only  are  scratches  a  concern  for  fatigue 
damage  but  they  are  potential  sites  for  corrosion  initiation.  Blending  out  of  such  scratches  should  be 
followed  by  the  application  of  a  protective  coating  since  the  blending  (grinding/hand  sanding)  may  extend 
through  the  original  protective  cladding  layer. 

27.2.2  Inspection  Methods  and  Examples 

Typical  line  inspection  of  operational  aircraft  relies  on  the  human  inspector’s  ability  to  view  the  surface 
and  visually  recognize  faults  such  as  ‘pillowing’,  cracks  and  loose  or  failed  fasteners.  NDI  techniques  are 
not  typically  applied  to  the  interrogation  of  individual  fasteners.  On  the  aircraft  such  damage  is  usually 
noticed  only  when  the  fastener  head  has  fallen  out.  Often  the  fastener  is  replaced  from  the  exterior  only 
(blind  or  pop-rivet  type)  owing  to  access  difficulties.  This  means  that  the  condition  of  the  inner  structure  is 
not  properly  assessed.  Structures  receiving  this  type  of  maintenance  have  sometimes  been  found  to  have 
non-existent  or  severely  compromised  inner  structure.  The  end  result  can  be  a  filled  hole  in  the  outer  layer 
with  no  mechanical  connection  to  the  sub-structure.  The  inability  of  normal  visual  inspections  to  detect 
hidden  corrosion  damage  has  led  to  enhanced  visual  inspections,  see  below,  and  sometimes  to  X- 
radiography. 

27.2.2.1  D  Sight  Aircraft  Inspection  System  (DAIS) 

This  inspection  system  enables  enhanced  visual  inspections  of  intact  joints  [5].  Figure  27-1  is  a  DAIS 
image  of  a  lap  joint  that  illustrates  the  stages  in  corrosion  growth,  detection  and  repair: 

•  Green  line:  this  area  is  undamaged  (green  line)  and  shows  the  normal  skin  deformations  in  joints 
resulting  from  manual  assembly:  note  also  that  the  deformations  along  the  body  frames  are 
typical. 

•  Yellow  line  at  left:  corrosion  was  detected  and  assessed  to  exceed  the  damage  limits  (>10% 
thickness  loss),  thereby  requiring  local  disassembly,  clean-up  between  the  skins  and  application  of 
an  external  doubler.  The  mechanical  deformations  resulting  from  this  repair  mean  that  this  area 
can  no  longer  be  assessed  simply  by  visual  inspection  of  the  outer  surface. 

•  Orange  line  at  right:  a  lower  level  of  corrosion  was  detected  (<10%  loss)  and  the  repair  involved 
local  disassembly,  clean-up  and  reassembly  with  larger  diameter  protruding  head  rivets.  Drilling 
for  these  rivets  completely  removed  the  countersinks  in  the  outer  skin  of  the  original  flush-head 
rivets.  The  large  size  of  the  protruding  rivet  heads  and  their  spacing  make  future  visual  and  NDI 
inspections  very  difficult.  There  is  very  little  room  to  slide  an  eddy  current  probe  around  between 
the  heads. 

•  Red  line:  this  area  suffered  un-repaired  corrosion  damage,  visible  as  pillowing.  Either  this  damage 
had  occurred  since  the  repairs  were  carried  out  or  it  was  present  at  the  time  and  was  missed  by  the 
inspection  techniques  employed.  At  the  next  D-check  the  external  doubler  repair  (solid  yellow 
line)  was  removed  and  replaced  with  a  larger  doubler  that  covered  the  expanded  repair  area,  as 
indicated  by  the  dotted  yellow  line. 


1  FAA  AD  2007-19-07  for  certain  Boeing  Model  757-200,  200PF,  and  -200CB  series  airplanes.  This  AD  requires  inspections  to 
detect  scribe  lines  and  cracks  of  the  fuselage  skin,  lap  joints,  circumferential  butt  splice  strap,  and  external  and  internal 
approved  repairs;  and  related  investigative/corrective  actions  if  necessary.  This  AD  results  from  reports  of  scribe  lines 
adjacent  to  the  skin  lap  joints.  We  are  issuing  this  AD  to  detect  and  correct  cracks,  which  could  grow  and  cause  rapid 
decompression  of  the  airplane. 
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Figure  27-1:  Lap  Joint  Corrosion  and  Repairs. 


In  the  above  illustration  the  rivet-to-rivet  and  row  spacings  in  the  joint  were  nominally  equal,  which  caused 
the  pillowing  response  when  the  skins  were  deformed  by  the  accumulation  of  corrosion  products  between  the 
fasteners  restraining  them.  However,  each  manufacturer  has  invested  heavily  in  the  understanding  of  their 
proprietary  joint  designs  and  chosen  specific  rivet  /  rivet  row  spacings.  These  spacings  directly  affect  the 
corrosion  pillowing  response  and  inspectability.  For  example,  Airbus  and  Lockheed  L1011  joints  do  not 
pillow,  they  make  waves.  Douglas  DC-10  joints  also  make  waves,  but  the  view  is  complicated  by  the  use  of 
‘beauty  strips’  (external  butt  joint  doublers).  Douglas  DC-9  longitudinal  joints  do  not  appear  to  pillow  or 
make  waves  unless  they  are  viewed  perpendicular  to  the  joint  rather  than  along  it  as  in  Figure  27-1. 
The  reason  is  that  the  DC-9  has  closely  spaced  rivets  in  widely  spaced  rows,  and  corrosion  product 
accumulation  results  in  wave-like  distortions  parallel  to  the  joint.  These  are  almost  impossible  to  detect  when 
viewed  along  the  joint. 

27.2.2.2  X-Ray  Inspection 

X-radiography  is  not  typically  used  for  corrosion  detection,  as  is  mentioned  also  in  Part  2  of  this  chapter. 
However,  the  pillowing  forces  generated  by  the  corrosion  activity  in  multi-layer  structures  can  lead  to 
tensile  forces  sufficient  to  nucleate  cracks  which  are  detectable  by  X-ray,  Figure  27-2. 


RTO-AG-AVT-140 


27-3 


REPAIRING  CORROSION  DAMAGE 


ORGANIZATION 


(a)  Typical  x-ray  film  of  intact  joint. 


(b)  Non-surface  breaking  cracks  (enlargement  of  area  in  white  box). 


Figure  27-2:  Corrosion-Induced  Pillowing  Cracks. 


27.2.2.3  Examples  of  Damage  Undetectable  Without  Detailed  Inspections 

Skin  thickness  loss  and  cracked  rivets  -  Figure  27-3  shows  X-ray  inspection  results  for  an  intact  and 
disassembled  lap  joint.  The  skins  of  the  lap  joint  suffered  only  3  -  4%  combined  thickness  loss  yet  43  of 
the  93  rivets  in  the  joint,  a  total  of  47%,  were  subsequently  (during  teardown)  found  to  be  fractured, 
including  a  larger  diameter  replacement  rivet  in  the  middle  row.  Fractured  rivets  were  those  that  easily 
broke  into  two  during  teardown  of  the  joint  (shop  heads  machined  off  and  rivets  pressed  out). 


Larger  diameter  replacement  rivet  also  fractured 

(a)  Rivet  condition:  Yellow  -  fractured. 


(b)  False-color  digitized  X-ray  thickness  loss  (calibration  ramps  adjacent  to  sections). 


Figure  27-3:  X-Ray  Inspection  Results  for  (a)  Intact  and  (b)  Disassembled  Joint. 
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Figure  27-4  gives  another  example  of  X-ray  inspection  results  for  an  intact  and  disassembled  lap  joint. 
The  upper  X-ray  was  taken  before  the  joint  was  disassembled  and  cleaned  of  paint,  primer,  sealants  and 
corrosion  product  to  facilitate  the  thickness  loss  mapping  of  the  separate  skins.  Both  skins  had  been  taper- 
machined:  the  outer  skin  from  0.07  to  0.09  inch  (1.78  -  2.28  mm)  and  the  inner  skin  from  0.06  to  0.08 
inch  (1.52  -  2.03  mm).  Disassembly  allowed  detection  of  the  thickness  loss  due  to  corrosion. 


(a)  Rivet  condition:  Red  -  Failed-in-place,  Yellow  -  Fractured,  Blue  -  Replaced. 


Tapered  Inner  skin  0.06-.08”  (1 .5-2.0  mm) 

(b)  False-color  digitized  X-ray  thickness  loss  (calibration  ramps  adjacent  to  sections). 


Figure  27-4:  X-Ray  Inspection  Results  for  (a)  Intact  and  (b)  Disassembled  Joint. 

However,  neither  X-ray  nor  eddy  current  inspections  before  disassembly  showed  differences  between 
intact  and  cracked  rivets.  Disassembly  showed  that  of  the  108  fasteners  in  the  lap  joint,  13  had  failed, 
31  were  fractured,  and  18  had  been  previously  replaced  -  but  17  of  these  were  installed  into  the  severely 
exfoliated  second  layer  skin  and  stringer  (left  end).  A  total  of  57%  of  the  fasteners  in  this  section  of  lap 
joint  were  either  failed  or  distressed. 

Figure  27-5  provides  a  closer  assessment  of  the  fasteners  at  the  right  end  of  the  joint  shown  in  Figure  27-4. 
The  key  for  the  colored  circles  applied  to  the  X-ray  image  of  the  joint  in  Figure  27-5(a)  is: 

•  Red  -  cracked  around  base  of  rivet  head  or  head  missing. 

•  Y ellow  -  partially  cracked. 

•  Blue  -  replacement  for  previously  failed  rivet. 
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(a)  Rivet  damage  assessment  on  X-Ray  of  intact  joint. 


(b)  X-Ray  of  intact  joint  (same  as  ‘a’). 


(c)  Replaced  rivet  (blue  circle),  fractured  rivets  (red). 


(d)  DAIS  view  of  LH  end  of  lap  joint  (same  as  ‘c’). 

Figure  27-5:  DAIS  and  X-Ray  Images  of  Left  End  of  Joint  (Figure  27-4)  Showing  Failed  Rivets  In  Situ. 
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In  yet  another  example  (not  shown),  a  lap  joint  with  a  combined  average  of  only  8.8%  thickness  loss  had  4 
failed  rivets,  and  a  further  32  of  the  48  rivets  were  cracked.  Hence  75%  of  the  fasteners  in  the  lap  joint 
section  were  distressed. 


27.2.2.4  Corrosion  Pillowing  and  Cracked  Rivets 

Figure  27-6  shows  an  unpainted  longitudinal  lap  joint.  One  rivet  head  in  the  top  row  was  missing  (arrow) 
and  this  visible  damage  contributed  to  the  selection  of  this  joint  for  study.  An  automated  eddy  current  scan 
of  the  joint  was  carried  out  before  teardown.  Scanning  of  the  entire  intact  joint  required  the  application  of 
Teflon  tape  to  prevent  wear  of  the  eddy  current  probe.  After  the  scan  the  tape  was  peeled  off,  and  this 
resulted  in  two  additional  rivet  heads  being  released  (circled).  Observation  of  the  parts  of  these  two  failed 
rivets  showed  that  they  had  cracked  and  ultimately  failed  owing  to  the  force  created  by  corrosion 
pillowing.  There  was  only  minor  corrosion  on  the  rivet  surfaces. 


Teflon  tape  removed 
Teflon  tape 


Figure  27-6:  Corrosion  Pillowing  Induced  Failure-in-Place  of  Rivets  Discovered  by  Tape  Peel. 


During  many  similar  eddy  current  scans,  often  on  painted  joints,  there  were  numerous  cases  where  Teflon 
tape  removal  also  resulted  in  the  discovery  of  rivets  failed  in  situ.  Neither  X-ray  nor  eddy  current 
inspections  of  the  intact  joints  indicated  any  difference  between  undamaged,  cracked  or  failed  rivets. 

27.2.3  Repair  Philosophy 

With  increased  understanding  of  the  fatigue  and  corrosion  behavior  of  a  specific  joint  design  the  move  can 
be  made  from  the  current  “find  and  fix”  philosophy  to  a  “predict  and  manage”  philosophy.  Corrosion 
removal  activities  must  balance  the  need  to  remove  all  detectable  damage,  blend  the  excavated  area  to 
avoid  stress  concentrations,  permit  spliced  repair  sections  and  doublers  in  the  space  available,  not  impede 
drainage,  and  meet  OEM  guidelines  for  minimum  thickness  allowables. 

At  times  the  thickness  loss  will  be  found  to  exceed  the  minimum  thickness  allowables  and  the  offending 
part  must  be  replaced.  This  is  relatively  straightforward.  However,  repair  rather  than  replacement  tends  to 
cause  the  most  trouble: 

1)  Much  effort  can  be  expended  before  it  is  discovered  that  the  damage  exceeds  the  allowables  and 
the  whole  part  will  need  to  be  replaced. 

2)  The  real  hazard  with  trying  to  save  an  installed  part  is  the  natural  tendency  to  cover  the  repaired 
area  in  sealant,  with  the  thought  that  this  will  prevent  corrosion  from  reappearing.  What  typically 
happens  is  that  not  all  the  corrosion  is  removed,  and  so  it  starts  again.  This  restart  is  difficult 
to  determine  because  the  area  is  totally  obscured  from  visual  or  instrumented  damage  inspection. 
The  sealant  also  forms  a  barrier  to  any  future  effective  applications  of  Corrosion  Prevention 
Compounds  (CPC).  Any  repair  must  therefore  consider  that  the  conditions  that  led  to  damage 
were  not  unique,  and  that  the  repaired  area  is  most  likely  to  see  the  same  environmental  conditions 
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that  led  to  the  original  damage.  Drainage  paths  must  be  re-established,  not  blocked  or  rerouted, 
or  new  problems  will  occur.  Visual  and  NDI  records  of  the  repair  should  be  made  for  later 
comparison  and  assessment  of  any  changes  during  further  service. 

3)  Drilling  out  rivets  always  has  the  potential  to  cause  elongated  fastener  holes.  Figure  27-7  gives  an 
example  where  not  only  were  the  fastener  holes  enlarged  to  the  maximum  size  but  they  were 
almost  all  elongated.  In  addition,  the  skin  was  found  to  be  corroded  and  the  removal  process 
thinned  the  skin  by  up  to  37%  (white  areas).  In  this  case  it  was  deemed  appropriate  to  attach  a  new 
skin  to  this  damaged  skin,  match-drilled  into  the  same  elongated  fastener  holes.  On  the  other  hand, 
one  might  well  consider  that  enlarging  the  replacement  skin  sheet  size  and  also  shifting  the  joint  to 
the  next  stringer  on  the  remaining  original  sheet  should  eliminate  such  a  compromised  joint. 


Figure  27-7:  Elongated  Holes  from  Rivet  Removal  and  Skin  Thinned  by  Corrosion  Removal. 


27.2.4  Repair  and  Repair  Problems 

Service  repair  instructions  state  that  corrosion  detected  between  layers  in  a  joint  should  be  removed.  This 
is  done  mechanically.  However,  the  access  to  accomplish  this  task  is  often  limited  to  de-riveting  a  short 
length  of  joint  and  wedging  the  skins  apart.  This  means  that  the  maintenance  operator  cannot  properly 
observe  the  clean-up,  which  will  necessarily  err  on  the  side  of  removing  too  much  material,  i.e.,  including 
sound  metal.  Besides  this  conservatism,  an  incomplete  understanding  of  the  corrosion  process  can  lead  to 
using  clean-up  techniques  that  actually  cause  more  damage  than  corrosion  removal.  Some  examples  of  the 
problems  that  occur  are  given  here. 

27.2.4.1  Faying  Surface  Grinding  Around  Rivet  Holes 

Because  corrosion  product  build-up  permanently  deforms  the  skins  of  a  joint  (at  6%  thickness  loss  the 
forces  are  sufficient  to  exceed  the  yield  strength  of  the  skin  material),  and  because  of  the  fastener  clamp- 
up,  the  deformation  will  occur  away  from  the  fastener  holes.  This  means  that  the  first  contact  of  any 
corrosion  removal  process  will  be  with  the  material  closest  to  the  fastener  holes. 

As  shown  schematically  in  Figure  27-8,  corrosion  product  removal  by  grinding,  i.e.,  with  rigid  abrasive 
power  tools,  can  cause  serious  damage  to  the  faying  surfaces.  This  damage  could  cause  high  stress 
concentrations,  increasing  the  risk  of  premature  cracking.  Also,  if  cracks  have  already  initiated  at  the 
faying  surfaces  owing  to  pillowing  forces  (as  predicted  by  Finite  Element  Analysis  and  found  during 
teardowns)  then  grinding  could  smear  the  cracks  closed  and  obscure  them  from  visual  and 
X-ray  inspections.  Thus  faying  surface  corrosion  products  are  better  removed  by  chemical  cleaning. 
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Figure  27-8:  Scenario  Showing  how  Grinding  Could  Remove 
Excessive  Amounts  of  Material  from  Around  Rivet  Holes. 

Evidence  of  the  use  of  a  rigid  abrasive  disc  to  remove  faying  surface  corrosion  is  visible  extending  above 
the  top  edge  of  the  inner  skin  on  the  inboard  surface  of  the  outer  skin  (red  line)  of  the  previously  repaired 
and  re-assembled  joint  shown  in  Figure  27-9(a). 
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(a)  Rear  surface  of  joint  rebuilt  after  grinding  for  corrosion  removal.  Red  line  -  Top  of  inner  skin. 


(b)  First  layer  skin,  inboard  surface,  disassembled,  showing  grinding 
marks.  Red  line  denotes  top  of  inner  skin  (removed). 

Figure  27-9:  Evidence  of  Grinding  on  Re-Assembled  and  Disassembled  Joints. 

Figure  27-9(b)  shows  the  faying  surface  of  the  outer  skin  from  the  disassembled  joint.  The  grinding  marks 
indicate  that  the  joint  had  been  previously  opened  for  corrosion  removal,  and  that  this  was  done  using  a 
motor  driven  rigid  abrasive  disc.  The  limited  access  and  visibility  mentioned  above  makes  it  understandable 
that  motor  driven  discs  of  a  diameter  large  enough  to  span  the  joint  might  be  preferred  to  manual  scraping/ 
sanding  tools.  This  is  despite  the  fact  that  there  are  written  warnings  that  powered  grinding  operations  can 
generate  temperatures  sufficient  to  affect  the  temper  of  the  aluminum.  The  only  recommended  powered 
corrosion  removal  tools  are  rotary  files,  flap  brushes  (both  impractical  in  this  instance)  and  flexible 
abrasive  discs,  see  the  FAA  and  Airbus  guidelines  after  Figure  27-10.  The  point  often  missed  here  is 
‘flexible’.  The  danger  is  the  unintended  damage  done  as  a  result  of  employing  non-recommended  tools 
and  procedures  owing  to  the  difficult  accessibility. 


27-10 


RTO-AG-AVT -1 40 


NATO 

OTAN 


REPAIRING  CORROSION  DAMAGE 


Q  QO  O  Q  o  o  o  O  o  <->  O  C 

jfciS  ^C>  C  C 


D  C 


OOOGOOOOOQC  O  C 


Thickness  in  thousands  of  an  inch 


44  39.5  35  30.5 

I  I  I  I  I  "I  I  II  I  II  I  I'll 


26 
■  i  i 


Bottom  (free)  edge 
of  outer  skin  sheet. 


Figure  27-10:  Digitized  and  Colorized  X-Ray  Thickness  Loss  Map  for  Outer  Skin. 

The  selected  removal  technique,  rigid  abrasive  disc  grinding,  resulted  in  significant  skin  thickness  loss  and 
produced  knife-edges  at  fastener  holes  and  at  the  free  edge  of  the  0.038  inch  (0.96  mm)  thick  sheet.  These 
effects  are  illustrated  by  the  digitized  and  false-colored  X-ray  thickness  loss  map  shown  in  Figure  27-10: 
red  indicates  a  range  of  20  -  25%  loss  and  white  indicates  a  loss  beyond  the  range  of  the  calibration 
master.  The  minimum  measured  thickness  was  0.026  inch  (0.66  mm)  at  the  bottom  edge,  a  34%  loss. 


27.2.4.2  FAA  and  Airbus  Guidelines  for  Corrosion  Removal 

•  FAA  Advisory  Circular  AC  43.13-1B  Large  AC.  Acceptable  Methods,  Techniques,  and  Practices  - 

Aircraft  Inspection  and  Repair.  9/27/01  Section  6  Corrosion  Removal  procedures,  Pages  6-18: 

“Do  not  abrade  or  scratch  any  surface  unless  it  is  an  authorized  procedure.  If  surfaces  are  accidentally 

scratched,  the  damage  should  be  assessed  and  action  taken  to  remove  the  scratch  and  treat  the  area.” 

•  Airbus  A-310  STRUCTURAL  REPAIR  MANUAL  Dec  01/97  51-74-10  Corrosion  Removal 

Techniques  -  General 

1)  Abrasion  by  hand  with  paper  or  pads  is  only  suitable  for  removing  light  corrosion  and  finish  work 
after  heavy  corrosion  removal  by  other  means. 

2)  Wire  bushing  by  hand  or  motor  driven  is  acceptable  but  only  with  stainless  steel  or  aluminum 
oxide  coated  brushes. 

3)  Grinding  is  not  suitable  for  use  on  aluminum  alloys  and  high  temperatures  may  be  generated  that 
may  change  the  mechanical  properties  of  the  materials. 

4)  Hand  held  rotary  files  are  the  only  rigid  cutting  tool  permitted  for  motorized  use  to  remove  heavy 
corrosion  on  aluminum  structures.  Otherwise  hand  scraping  is  prescribed. 

5)  Abrasive  blasting  can  be  used  to  remove  heavy  corrosion  but  it  is  not  recommended  for  use  inside 
the  airframe.  The  choice  of  blast  media  and  the  number  of  applications  may  be  restricted. 


27.2.4.3  Exterior  Grinding 

Exterior  surface  corrosion  damage  may  be  exacerbated  when  addressed  with  rigid  abrasive  tools  and  a 
lack  of  appreciation  for  the  damage  that  can  quickly  be  done.  In  the  case  illustrated  in  Figure  27-11  the 
effort  to  remove  filiform  corrosion  damage  around  rivets  succeeded  only  in  grinding  the  heads  off  the 
rivets  and  thinning  the  adjacent  skin,  in  some  cases  completely  through  the  thickness.  The  minor  damage 
and  appearance  issues  were  thus  transformed  into  a  completely  ruined  joint.  As  with  the  faying  surface 
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corrosion  removal  situation,  the  outer  surfaces  are  pillowed  by  the  internal  build  up  of  corrosion  products, 
and  attempts  to  remove  exterior  surface  damage  must  recognize  the  danger  of  removing  sound  material 
before  the  damaged  area  is  cleaned  up.  Fortunately,  this  example  was  seen  in  an  aircraft  graveyard,  but  on 
the  other  hand  the  aircraft  must  have  been  flown  to  get  it  there. 


Figure  27-1 1 :  Exterior  Spot  Grinding. 

Figure  27-12  shows  a  DAIS  view  of  another  lap  joint  that  was  ground  externally  while  also  suffering 
faying  surface  corrosion  with  resulting  pillowing.  The  pillowing  complicated  the  grinding  action  and  the 
DAIS  image  illustrates  the  damage  and  thickness  loss  to  the  skin.  Not  only  was  the  skin  thinned,  but  more 
importantly  the  heads  of  the  rivets  were  also  damaged,  in  this  case  most  notably  in  the  middle  rivet  row 
and  as  shown  in  a  normal  view  in  Figure  27-13.  Clearly,  either  the  grinding  should  be  done  after  the  rivets 
have  been  removed  or  the  rivets  should  be  replaced  after  the  surface  has  been  ground. 


Figure  27-12:  DAIS  View  of  Pillowed  Skin  Suffering  Surface  Grinding. 
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Figure  27-13:  Close-Up  of  Grinding  Damage  to  Rivet  Head, 
Middle  Row  Rivet,  Joint  Shown  in  Figure  27-12. 


27.2.4.4  Exfoliation  Corrosion  Removal 

Wing  skins  machined  from  rolled  aluminum  plate  tend  to  suffer  exfoliation  corrosion  at  edges  such  as 
stepped  thickness  changes  and  fastener  holes,  where  the  ends  of  the  elongated  grains  are  exposed.  Following 
the  inspection  of  numerous  aged  aircraft  wings  it  has  been  noted  that  exfoliation  damage  is  not  always 
confined  to  these  physical  locations.  Apart  from  grain  and  constituent  particle  directionality,  aluminum 
alloys  are  assumed  to  be  more  or  less  homogeneous.  However,  many  cases  of  exfoliation  damage  have 
appeared  in  areas  well  away  from  any  fastener  holes  or  machined  edges.  In  two  cases  (KC-135  and 
A-300B4)  the  occurrence  could  be  referred  directly  back  to  a  common  batch  of  plate  material.  The  alloy 
must  have  contained  non-uniform  inclusions  that  became  active  corrosion  sites  when  the  protective  coating 
systems  degraded  in  service. 

Figure  27-14  gives  an  example  where  severe  exfoliation  corrosion  was  removed  from  an  upper  wing  skin 
plank.  Unfortunately,  the  material  removal  and  blending  at  two  fastener  holes  (circled)  went  far  beyond 
the  allowed  minimum  thickness,  and  this  resulted  in  the  entire  wing  plank  having  to  be  replaced. 


Figure  27-14:  Upper  Wing  Skin  with  Exfoliation  Corrosion  Damage  at  Fastener  Holes. 

Another  example  is  given  in  Figure  27-15.  At  great  expense  in  time  and  effort  almost  every  fastener  site 
on  the  upper  wing  skin  has  been  ground  and  blended-out  to  remove  the  exfoliation  corrosion. 
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Figure  27-15:  Upper  Wing  Skin  with  Multiple  Sites  Ground  for  Exfoliation  Corrosion. 

Testing  [7]  of  upper  wing  skin  material  with  similar  levels  of  damage  that  has  not  been  re-worked  has 
shown  that  there  is  no  decrease  in  load  capacity  or  durability  (compression-dominant  fatigue).  One  might 
consider  that  more  damage  may  be  done  to  the  structure  by  completely  removing  this  form  of  corrosion; 
and  that  it  would  be  better  to  surface  grind  to  restore  aerodynamic  smoothness,  followed  by  re-application 
of  the  protective  coatings  and  institution  of  an  NDI  monitoring  plan.  This  would  probably  be  sufficient  to 
extend  the  life  of  the  part  without  the  expense  of  extensive  reworking. 

27.2.5  Post-Repair  Inspection 

It  seems  often  to  be  assumed  that  once  a  repair  is  done  then  no  further  corrosion  damage  will  occur  and 
thus  there  is  no  need  for  a  follow-up  inspection  or  monitoring  program.  Be  that  as  it  may,  the  addition  of 
doublers  and  sealants  to  the  repair  makes  inspection  and  detection  more  difficult. 

Nevertheless,  there  is  great  value  in  repeated  inspections  specific  to  the  repaired  area  to  confirm  corrosion 
abatement.  Part  of  the  above  assumption  is  that  the  damaged  and  repaired  area  has  been  returned  to  a  ‘zero 
time’  condition.  This  is  incorrect,  since  not  only  has  the  structure  been  changed  by  material  removal, 
fastener  replacement,  possible  reinforcing  doublers  and  the  addition  of  sealants,  but  the  disassembly  and 
reassembly  operations  are  bound  to  have  caused  some  mechanical  deformation.  In  addition,  the  stiffness 
of  the  repaired  area  will  have  changed,  and  flight  loads  will  therefore  affect  the  structure  in  ways  other 
than  expected. 

A  major  point  is  to  thoroughly  document  a  repair.  Yet  repairs  are  rarely  documented  for  their  post-repair 
appearance  or  NDI  response,  both  of  which  should  serve  as  baselines  for  future  inspections.  Some 
examples  of  continuing  problems  after  corrosion  repairs  are  given  in  the  remainder  of  this  sub-section. 
These  problems  all  involve  sealants. 
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27.2.5.1  Inside  Surface  Corrosion 

Figure  27-16  shows  inside  surface  corrosion  of  an  upper  skin  from  a  lap  joint.  This  occurs  more  often  and 
more  severely  than  one  might  expect,  for  reasons  given  below. 


Figure  27-16:  View  of  Surface  Corrosion  on  INBD  Side  of  Upper  Skin  at  Lap  Joint. 

On  the  outside  of  the  fuselage  the  lapping  of  sheets  top-over-bottom  seems  sensible  if  you  are  concerned 
with  shedding  rainfall.  The  exterior  joint  edge  is  given  a  bead  of  sealant  to  restrict  moisture  entry,  and  the 
integrity  of  that  sealant  is  easy  enough  to  check  and  replace.  But  what  about  the  ‘rain’  inside?  Internal 
moisture  condenses,  collects,  and  runs  down  the  inside  of  the  skin  sheets  until  it  hits  the  ledge  formed  by 
the  top  edge  of  the  inner  skin.  This  edge  also  receives  a  bead  of  sealant  but  it  is  only  seen  on  rare 
occasions,  like  D  Checks,  and  age  plus  pressure  cycling  eventually  defeats  these  edge  seals. 

If  lap  joints  were  oriented  the  other  way  (as  some  lower  lobe  KC-135  joints  are)  the  moisture  running 
down  the  inside  would  not  have  a  ledge  to  collect  on;  and  if  the  lower  edge  of  the  inner  skin  is  not 
caulked,  then  any  breakdown  in  the  outer  sealant  bead  and  /or  faying  surface  sealant  layer  would  naturally 
drain  (until  the  easily  accessible  outer  sealant  breach  is  fixed).  Alternatively,  deleting  the  outer  sealant 
bead  on  the  lower  edge  of  a  standard  lap  would  allow  drainage  of  moisture  that  has  entered  the  joint. 

27.2.5.2  Widespread  Inside  Corrosion 

In  response  to  the  heightened  awareness  of  how  important  corrosion  can  be  for  the  integrity  of  ageing 
aircraft  lap  joints,  some  manufacturers  mandated  a  comprehensive  sealant  program  where  every  internal 
joint  and  fastener  was  potted  or  received  additional  sealant.  Even  the  upper  and  lower  edges  of  the  stringer 
were  sealed.  This  succeeded  in  only  one  thing:  the  moisture  that  was  already  in  the  joint  was  locked  in, 
and  inside  corrosion  was  inevitable.  Figure  27-17  is  an  example:  sealants  were  comprehensively  applied  to 
exclude  moisture  intrusion  in  an  attempt  to  avoid  the  development  of  crevice  corrosion.  The  result  was 
that  every  section  harvested  from  the  fuselage  of  this  retired  aircraft  suffered  corrosion  inside  the  joints. 
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(a)  Lap  joint  top  row  fasteners  and  stringer  sealant  application. 


(b)  View  along  lower  surface  of  stringer  on  lap  joint  and  body  station  frame  attachment. 
Figure  27-17:  Rivet  Shop  Head  and  Stringer  Edge  Sealant  Applications. 


27.2.5.3  Exfoliation  Corrosion 

Figure  27-1 8(a)  is  a  view  of  the  port  side  of  a  bilge  area  in  a  fuselage  where  a  heavy  forged  frame  passes 
close  to  the  bottom.  The  bottom  surface  of  the  frame  has  begun  to  exfoliate.  This  is  a  difficult  location  to 
inspect,  since  it  is  under  the  cargo  floor  and  below  the  flange  of  the  frame. 

Figure  27- 18(b)  is  the  view  of  the  starboard  side  of  the  frame.  As  may  be  inferred,  exfoliation  corrosion  of 
the  frame  had  been  discovered  previously,  and  following  (any)  remedial  actions  the  frame  was  liberally 
covered  with  sealant.  This  prevented  any  later  assessment  of  ongoing  corrosion  and  the  integrity  of  the 
frame.  In  fact,  the  area  suffered  significant  further  damage:  large  pieces  of  the  frame  could  be  pulled  out 
from  below,  although  the  sealant  was  in  good  condition. 
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(a)  View  of  area  below  cargo  floor  at  fuselage  frame,  PORT. 


(b)  View  of  area  below  cargo  floor  at  fuselage  frame,  STBD. 
Figure  27-18:  Views  of  Exfoliated  Frame  Treated  with  Sealant. 


27.2.5.4  Other  Problems  with  Sealants 

Maintenance  procedures  for  corrosion  damage  removal  end  with  the  requirement  that  surface  protective 
coatings  be  re-applied  to  the  cleaned  area  (wash  primer,  primer  and  possibly  paint).  There  is  no  mention  of 
encasing  the  area  in  sealant.  Besides  the  problems  illustrated  in  Figure  27-16  -  Figure  27-18,  the  sealant 
would  also  act  as  a  barrier  thus  preventing  any  benefit  from  CPC  applications. 
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On  the  other  hand,  a  sealant  layer  is  required  to  be  between  the  inner  and  outer  fuselage  skins  in  order  to 
prevent  fretting  and  achieve  pressurization  requirements.  Care  must  be  taken  in  applying  a  thin  even  layer 
(recommended  0.02  inch  (0.5  mm)  thick)  otherwise  the  joined  sheets  may  be  deformed  by  any  excess 
sealant,  see  Figure  27-19  and  Figure  27-20.  This  deformation  will  confuse  subsequent  exterior  visual 
inspections  for  corrosion  pillowing  unless  the  repairs  are  documented  and  subsequently  referred  to  before 
re-inspection. 


Figure  27-19:  Surface  Deformations  from  Excess  Sealant  in 
Laboratory  Test  Lap  Joint  (Non -Aerospace  Fasteners). 


Figure  27-20:  Surface  Deformations  from  Excess  Sealant  in  Repaired  On-Aircraft  Lap  Joint. 


27.2.6  Issues  Related  to  New  Materials  and  Techniques 

Standard  practices  of  material  removal  and  replacement/reinforcement  have  not  changed  for  many  years, 
but  they  will  have  to  be  modified  and  augmented  owing  to  the  growing  acceptance  of  bonded  repairs  and 
the  substitution  of  composites  and  fiber-metal  laminates  for  traditional  patching  materials. 
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Surface  preparation  is  the  key  to  successful  and  enduring  bonding  of  new  surfaces  and  will  be  even  more 
of  a  challenge  with  corroded  surfaces.  Composite  patch  faying  surface  and  edge  conditions  will  have 
heightened  importance  because  they  must  remain  sealed  and  galvanically  insulated  from  the  metallic 
substrate. 

27.2.6.1  Composite  Patching 

The  Graphite  Epoxy  (Gr/Ep)  framed  /  aluminum  skinned  structure  shown  in  Figure  27-21  had  the  standard 
glass  fiber  insulating  layer  for  galvanic  corrosion  protection.  There  was  also  a  fillet  seal  to  prevent 
moisture  entering  from  the  outside.  However,  internal  corrosion  took  place,  basically  because  the  edge  of 
the  Gr/Ep  spar  was  not  sealed,  i.e.,  the  glass  fiber  layer  was  not  wrapped  around  the  trimmed  Gr/Ep  edge. 
The  corrosion  mechanism  is  as  follows:  although  there  was  no  direct  contact  between  the  graphite  and 
aluminum,  moisture  accumulated  internally  and  bridged  between  the  ends  of  the  graphite  fibers  and  any 
scratches  through  the  protective  coatings  on  the  aluminum  skin,  thereby  completing  the  electrical  circuit. 


Figure  27-21:  Graphite  to  Aluminum  Connection  Produces  Corrosion. 

The  lessons  are  that: 

a)  Any  graphite  fiber  patch  repairs  on  metallic  surfaces  would  have  to  be  similarly  insulated  and 
edge  sealed  to  prevent  similar  occurrences  of  corrosion;  and 

b)  Routine  inspections  would  have  to  include  condition  assessments  of  these  features  of  the  repairs. 

27.2.6.2  Fiber-Metal  Laminates 

Manufacturers  are  looking  to  optimize  structural  weight.  Lighter  materials  such  as  Glare®  sheet  material 
are  being  employed  as  replacements  for  aluminum  sheet.  Glare  is  a  fiber-metal  laminate,  whereby  thin 
sheets  of  aluminum  are  bonded  to  layers  of  glass  fibers  with  an  adhesive.  Glare  panels  can  be 
manufactured  to  large  dimensions,  and  are  used  in  the  Airbus  A3 80. 

Glare  is  considered  to  be  resistant  to  corrosion  because  the  damage  should  penetrate  only  the  outer 
aluminum  layer  and  then  stop  at  the  adjacent  fiber/epoxy  layer.  However,  once  damaged,  the  outer  surface 
will  become  an  aerodynamic  smoothness  issue  and  someone  will  try  to  clean  this  up,  also  for  cosmetic 
reasons,  see  Figure  27-22. 
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Figure  27-22:  Corrosion  Damage  on  Outer  Surface  of  Glare  Lap  Joint. 


Corrosion  repair  on  the  outer  aluminum  surfaces  will  require  great  care  (no  power  tools!)  because  the 
metal  layers  are  very  thin,  typically  only  0.016  inch  (0.4  mm).  With  such  thin  aluminum  layers  there  is  an 
increased  possibility  of  damaging  the  thin  fiber/epoxy  layer.  Epoxies  will  absorb  moisture  over  time,  and 
if  the  outer  surface  is  not  resealed  the  adhesive  bond  will  eventually  degrade  and  the  next  aluminum  layer 
will  be  corroded.  The  protective  coating  systems  applied  to  the  surfaces  and  edges  of  Glare  panels  will 
have  to  be  carefully  maintained  to  prevent  corrosion  initiation. 


27.2.6.3  Welding 

In  the  past,  spot  welding  has  been  used  (B707,  KC-135  and  Dassault  Falcon  jet)  to  mechanically  fasten 
fuselage  structures.  Spot  welding  has  a  poor  reputation  -  indeed,  until  recently  any  kind  of  welding  in 
aluminum  alloy  aircraft  structures  was  generally  considered  less  than  desirable. 

In  corrosion  situations  spot-welded  structures  fail  differently  to  riveted  ones.  Owing  to  pillowing  forces, 
cracks  occur  in  the  spot  welds  and  grow  towards  the  surface.  The  corroded  and  cracked  areas  may  not  be 
easily  visible,  even  with  enhanced  techniques  such  as  DAIS,  Figure  27-23(b),  until  the  cracks  have 
reached  the  surface  and  gone  on  to  crack  the  paint,  see  Figure  27-23(a).  Dye  penetrant  or  magnetic  particle 
inspections  are  required  to  detect  the  surface-breaking  cracks  in  their  early  stages.  Besides  corrosion 
clean-up,  if  feasible  and  necessary,  repairs  are  made  by  drilling  out  the  cracked  spot  welds  and  installing 
rivets. 
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(a)  Normal  view.  Cracked  paint  aids  visual  detection. 


(b)  DAIS  view  shows  only  subtle  difference  between  normal  deformation  and  corrosion  pillowing. 
Figure  27-23:  Corroded  KC-135  Spot  Welded  Lap  Joint  with  4  Fractured  Welds  (Inside  Red  Boxes). 


27.2.6.4  Friction-Stir  Welding  (FSW) 

FSW  is  beginning  to  replace  traditional  mechanically  fastened  constructions  especially  for  fuselage 
stringers.  FSW  will  enable  significant  reduction  in  aircraft  assembly  time  and  may  replace  the  installation 
of  thousands  of  rivets.  As  an  example;  the  use  of  FSW  will  replace  60%  of  the  rivets  that  would  have  been 
required  on  major  assemblies  of  the  Eclipse  500  jet  including  the  cabin,  aft  fuselage,  wings  and  engine 
mounts. 

Figure  27-24  shows  a  development  FSW  stringer  to  skin  joint.  Unlike  a  riveted  joint  FSW  joining  cannot 
tolerate  traditional  protective  coatings  already  being  in  place.  Any  coatings  and  sealants  will  have  to  be 
applied  to  the  skin,  stringer  and  joint  edges  after  the  weld  is  formed.  By  incorporating  intermittent  non- 
welded  areas  the  joint  would  allow  the  egress  of  any  moisture  that  accumulated  between  the  stringer  and 
skin. 
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Figure  27-24:  Friction  Stir  Welded  Stringer  and  Skin. 

A  friction-stir  weld  is  typically  characterized  as  being  comprised  of  three  primary  zones:  the  Heat- Affected 
Zone  (HAZ),  the  Thermomechanically  Affected  Zone  (TMAZ),  and  the  Dynamically  Recrystallised  Zone 
(DXZ)  or  weld  nugget.  Tensile  failure  in  transverse  tensile  tests  most  often  occurs  within  the  HAZ  or  the 
section  between  the  HAZ  and  the  TMAZ.  Due  to  the  change  in  precipitate  morphology,  this  region  is  also 
generally  susceptible  to  corrosion  (red  lines  in  Figure  27-25).  One  way  to  potentially  improve  the  resulting 
corrosion  properties  is  through  post-weld  heat  ageing  treatments.  Another  would  be  to  coat  the  susceptible 
surface  area  with  another,  more  resistant,  alloy. 


HAZ  TMAZ  HAZ 

(a)  Cross  section  through  joint  identifying  regions  of  the  weld  zone. 


(b)  Outer  surface  showing  exfoliation  corrosion  (ASTM  G-34). 
Figure  27-25:  FSW  Joint  Structure  and  Corrosion  Damage. 


The  main  concerns  that  will  require  additional  study  and  testing  of  FSW  are  currently  related  to  corrosion 
properties,  damage  tolerance  properties  (fracture  toughness),  residual  stresses  and  the  long-term  stability 
of  the  joints.  With  respect  to  corrosion  maintenance,  simply  grinding  to  remove  the  corrosion  will  not  end 
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the  problem.  As  mentioned  above,  it  may  be  possible  to  improve  the  corrosion  resistance  of  susceptible 
areas  by  re-ageing  or  coating  following  corrosion  removal,  although  it  would  obviously  be  better  and 
easier  to  use  these  options  on  new  structure.  On-aircraft  repairs  will  have  to  be  done  using  riveted 
aluminum  patches,  since  field  repair  FSW  will  not  be  possible. 

27.2.6.5  Laser  Welding 

A  development  laser  welded  skin  butt  joint  of  two  equal  thickness  sheets  is  shown  in  Figure  27-26. 


(a)  Front  surface. 


(b)  Rear  surface. 


(c)  Cross-section. 

Figure  27-26:  Laser  Welded  Skin  Butt  Joint. 


Laser  welding  may  eliminate  lap  joints  by  enabling  butt  welds.  As  with  FSW,  there  may  corrosion-prone 
areas  adjacent  to  the  laser  weld,  owing  to  microstructural  differences  relative  to  the  parent  material. 
The  welds  are  quite  narrow,  and  early  detection  of  corrosion  and  fatigue  damage  will  therefore  require  the 
use  of  sophisticated  inspection  equipment.  Repairs  will  have  to  be  done  using  riveted  aluminum  patches, 
since  field  repair  laser  welding  will  not  be  possible. 


27.3  CORROSION  TEARDOWN  METHODS 

A  teardown  is  complete  disassembly  of  a  structure  in  a  controlled,  stepwise  manner  that  allows  detailed 
intermittent  inspections.  It  is  necessary  to  know  and  understand  the  steps  to  be  followed,  and  also  the  most 
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suitable  inspection  techniques,  in  order  to  obtain  the  desired  information  before  it  is  lost  or  destroyed  by 
the  disassembly  process.  The  real  value  of  a  technically  rigorous  teardown  is  to  validate  the  Non- 
Destructive  Inspections  (NDI)  and  to  provide  information  to  aid  in  residual  strength  assessment.  Sample 
selection  for  teardowns  requires  knowledge  of  the  problem  areas  and  can  be  aided  by  the  damage  history. 
Much  of  this  information  can  be  acquired  from  surveying  the  “Service  Difficulty  Reports,  Notice  of 
Proposed  Rule  Making  and  Airworthiness  Directives”.  These  can  also  be  useful  in  planning  the  teardowns 
and  inspections  of  candidate  structures.  In  addition,  some  information  for  sample  selection  may  be 
obtainable  from  maintenance  records,  if  available. 

Once  samples  have  been  selected,  removing  them  from  the  overall  structure  without  additional 
(mechanical)  damage  requires  suitable  support  equipment  and  skilled  operators. 

27.3.1  Pre-Teardown 

27.3.1.1  Initial  Assessment  and  Records 

Typical  means  of  documenting  the  condition  of  a  structure  are  photographic  records  and  written 
descriptions  from  initial  close  visual  inspections.  Recent  advances  in  the  precision  and  portability  of  3-D 
laser  measuring  systems  indicate  their  potential  to  quickly  add  metrics  to  the  documentation,  thereby 
enabling  virtual  replicas  of  the  sample  surfaces. 

Physical  replicas  of  the  entire  sample  surfaces  are  impractical,  and  measurement  data  would  still  have  to 
be  collected.  Hence  surface  replication  is  done  on  a  smaller  scale,  for  example  parts  of  lap  joints.  Both 
rigid  and  flexible  (but  dimensionally  stable)  replicas  can  be,  and  have  been,  made.  These  provide  surface 
topography  records,  e.g.,  Figure  27-27,  which  are  available  for  investigation  after  teardown.  For  example, 
after  disassembly  it  might  be  found  useful  to  relate  corrosion-induced  pillowing  (a  surface  topography 
effect)  directly  to  internal  corrosion  product  accumulation  and  any  permanent  deformation  of  the  skin 
material. 
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(a)  Surface  replica  of  joint  discussed  in  Post  Teardown  (Figure  27-38  -  Figure  27-40). 


(b)  Replica  of  a  replica  recreates  surface  for  further  analysis. 

Figure  27-27:  Replicas  on  Rigid  Foam  Backing  of  Damaged  Fuselage  Joints. 

Some  samples  may  have  accessible  fracture  surfaces  before  teardown.  In  such  cases  replicas  of  the  fracture 
surfaces  can  be  made,  or  indeed  have  to  be  made,  since  sometimes  it  is  not  allowed  to  cut  out  and  examine 
the  originals  if  they  are  part  of  an  accident  investigation.  Also,  using  replicas  for  detailed  investigation 
avoids  sectioning  and  mounting  the  originals  for  Optical  and  Scanning  Electron  Microscope  (SEM) 
fractography.  Depending  on  the  results,  which  might  be  compromised  by  resolution  limitations  and  artifacts 
from  the  replication  process,  one  can  still  decide  to  examine  the  original  fracture  surfaces.  (This  will 
obviously  be  necessary  if  metallographic  cross-sections  are  required.)  Figure  27-28  provides  an  example  of  a 
fracture  surface  replica,  its  sectioning  for  SEM  investigation,  and  details  from  this  investigation. 
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(a)  Side  view  of  replica  from  a  fractured  skin  edge  showing  fracture  surface. 


(b)  Skin  fracture  replica  sectioned  to  fit  into  SEM. 


(c)  SEM  image  montage  for  replica  section  B.  Note  selected  site  Ba. 


(d)  SEM  image  of  fracture  surface  at  site  Ba  from  failed  fuselage  skin  replica  B. 
Figure  27-28:  Fracture  Surface  Replica  Analysis. 


27.3.1.2  Paint  and  Sealant  Removal 

Paint  and  primer  systems  are  removed  either  by  chemical  or  mechanical  means.  Chemical  strippers  have 
been  reformulated  to  make  them  more  environmentally  friendly.  In  some  cases  this  results  in  lower 
effectiveness  and  increased  time  and  effort  to  completely  remove  coatings,  especially  if  they  are  multi¬ 
layered. 
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Dry  particle  blast  stripping  systems  have  advantages  with  respect  to  environmental  and  health 
considerations,  and  also  layer  by  layer  removal  control.  They  are  typically  restricted  on  metallic  materials 
to  sheet  greater  than  0.032  inch  thick  (0.8  mm)  and  must  be  closely  monitored.  Repeat  applications  may 
be  restricted  to  exclude  damaging  the  surface.  Sealants  may  mask  corrosion  damage  and  their  presence 
will  interfere  with  NDI  inspections.  Sealants  are  best  removed  by  a  combination  of  mechanical  and 
chemical  stripping.  After  most  of  the  sealant  has  been  removed  mechanically,  the  remainder  is  removed  by 
chemical  softening  and  final  mechanical  removal  with  non-marring  tools.  Air-assisted  hand  tools  have 
been  developed  to  expedite  bulk  and  final  mechanical  removal  without  damaging  the  substrate.  These 
tools  are  especially  useful  for  stripping  sealants  from  inside  wing  fuel  tanks. 


27.3.1.3  Alloys  and  Coatings 

A  small  sample  of  metallic  material  may  be  excised  and  used  to  verify  the  alloy  and  determine  the 
presence  of  a  protective  coating  (oxide  or  metal).  This  sample  may  also  show  whether  the  coating  has 
deteriorated  owing  to  mechanical  damage  caused  by  polishing  or  previous  paint  system  removal. 

There  may  be  issues  regarding  the  protective  coatings  on  rivets,  depending  on  their  manufacture  and  age. 
For  example,  Alodine  coated  rivets  have  sometimes  been  chosen  instead  of  anodized  rivets,  owing  to 
improved  electrical  contact  during  lightning  strikes.  However,  Alodine  coatings  have  given  paint  adhesion 
problems  (“rivet  rash”).  They  have  also  been  implicated  in  degrading  NDI,  specifically  the  reliability  of 
sliding  probe  Eddy  Current  (EC)  inspection  for  cracks  at  fastener  holes  [7], [8], [9].  This  is  because  the 
conductivity  of  Alodine  coated  rivets  could  be  sufficient  to  mask  some  cracks.  In  the  light  of  these  issues 
it  may  be  prudent,  during  teardown,  to  remove  some  rivets  with  the  additional  goal  of  determining  the  type 
of  coating  used,  since  rivet  types  may  have  been  mixed  due  to  repair  actions. 

Corrosion  Prevention  Compounds  (CPCs)  are  applied  internally  to  large  areas  of  ageing  aircraft  structures. 
Inspections  cannot  be  completed  with  these  coatings  in  place  because  they  accumulate  dirt  and  debris  and 
obscure  direct  viewing  of  the  surfaces.  These  will  often  have  had  multiple  applications  of  CPCs,  which 
bind  the  dirt  and  debris  in  place,  and  the  CPCs  become  increasingly  difficult  to  remove  as  they  harden 
with  age.  Another  disadvantage  is  that  the  dirt-collecting  nature  of  CPCs  discolors  white-painted  bilges, 
see  Figure  27-29.  This  discoloration  reduces  the  visibility  of  corroded  areas. 
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(a)  White  paint  over  primer  (corrosion  circled). 


(b)  White  paint  coated  with  CPC. 

Figure  27-29:  Bilge  Areas  Below  Cargo  Floor  (Floor  Panels  and  Insulation  Blankets  Removed). 


27.3.1.4  Non-Destructive  Inspection 

Whenever  possible,  reference  standards  for  setting  up  and  calibrating  NDI  techniques  are  made  using  the 
same  alloys  and  material  thicknesses  as  those  in  the  structures  to  be  inspected.  However,  this  is  not 
necessarily  sufficient.  A  typical  example  is  the  mechanical  removal  of  material  to  simulate  thickness 
losses  owing  to  corrosion  of  one  or  more  layers  of  a  built-up  structure.  Machining  cannot  represent  the 
rough  topography  of  a  corrosion-damaged  surface,  and  this  may  lead  to  difficulties  in  the  detection  and 
quantification  of  damage  to  the  specimen.  Ideally,  reference  standards  should  be  developed  with  surface 
topography  representative  of  corrosion  damage  and  also  with  the  inclusion  of  corrosion  products  and 
associated  pillowing  or  exfoliation,  if  present  in  the  specimen.  This  is  no  easy  task,  however. 

NDI  techniques  are  selected  for  their  applicability  to  the  materials  and  structures  involved  and  the 
suspected  damage.  In  contrast  to  the  spot  inspections  made  in  the  field  on  operational  aircraft,  samples 
subject  to  complete  teardown  can  be  inspected  using  automated  scanning  systems  to  produce  complete 
Eddy  Current  (EC),  Ultrasonic  (UT)  or  similar  maps  of  the  parts  or  areas  of  interest.  In  addition,  the 
samples  can  be  inspected  with  new  techniques,  to  aid  in  their  development  and  add  the  results  to  the  NDI 
knowledge  base. 

Enhanced  optical  systems  can  provide  increased  sensitivity  for  damage  assessment  (2  -  3  %  thickness 
loss)  and  act  as  a  control  for  the  traditionally  manual  visual  inspection  process.  For  example,  laser 
topographical  mapping  can  quickly  capture  the  surface  deformations  and,  if  the  entire  part  is  scanned, 
produce  accurate  3-D  models. 
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Eddy  current  techniques  should  be  tolerant  of  air  gaps  when  applied  to  multi-layer  structures  with 
suspected  corrosion  damage.  Frequency  mixing  is  one  technique  that  removes  the  effects  of  any  spaces 
between  layers. 

Through-transmission  UT  C-scan  inspection  can  be  used  if  samples  can  tolerate  immersion  or  if  a 
couplant  squirter  system  is  available.  This  technique  is  used  primarily  on  wing  skin  samples  to  determine 
the  exfoliation  corrosion  damage  area  and  depth.  If  a  sample  comes  from  a  wet  wing  design,  the  internal 
sealant  must  be  removed  because  it  attenuates  the  signal  and  may  mask  any  corrosion  damage. 

X-ray  inspection  is  not  typically  used  for  corrosion  detection.  However,  the  pillowing  forces  generated  by 
corrosion  in  multi-layer  structures  may  lead  to  tensile  forces  sufficient  to  nucleate  cracks,  and  these  can  be 
detectable  by  X-rays.  Both  fatigue  and  stress  corrosion  cracks  can  occur  in  some  structures,  so  more 
detailed  investigation  (part  of  the  teardown)  is  often  needed. 

Dye  penetrant  inspections  for  cracks  are  affected  by  the  presence  of  paint  systems  and  sealants. 
Although  dye  penetrant  is  often  used  on  in-service  components  and  structures,  the  paint  systems  and 
sealants  on  samples  must  be  removed.  However,  mechanical  removal  of  surface  corrosion  products  should 
be  avoided,  since  the  cracks  may  become  obscured  by  being  partially  filled-in. 

Figure  27-30  is  an  illustration  of  crack  detection  in  a  chemically  cleaned  corroded  skin  that  contained 
pillowing  cracks.  These  cracks  were  small  and  non-surface-breaking,  i.e.,  they  did  not  reach  the  outer 
surface  of  the  skin.  Careful  disassembly  and  cleaning  allowed  these  small  cracks  to  be  detected,  notably 
by  dye  penetrant.  Mechanical  removal  of  corrosion  products  would  probably  have  reduced  the  number  of 
cracks  detected  by  this  technique. 


Top:  Optical,  Middle:  Dye  penetrant,  Bottom:  X-ray. 

Figure  27-30:  Three  Views  of  Inner  Surface  of  a  Chemically 
Cleaned  Corroded  Skin  Exhibiting  Pillowing  Cracks. 

Non-surface-breaking  cracks  like  those  illustrated  in  Figure  27-30  have  been  predicted  by  Finite  Element 
Modeling  (FEM)  of  fuselage  joint  designs.  These  radiating  cracks  are  caused  by  tensile  forces  induced  in 
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the  skin  faying  surfaces  when  sufficient  corrosion  products  build  up  between  them,  causing  pillowing.  The 
cracks  initiate  outside  the  fastener  holes  and  then  grow  both  towards  and  away  from  the  holes. 

27.3.2  Teardown 

As  stated  at  the  beginning  of  this  section,  a  teardown  is  disassembly  in  a  controlled,  stepwise  manner. 
Before  disassembly  all  measurements,  documentation  and  non-destructive  inspections  that  depend  on,  or 
benefit  from,  intact  specimens  should  have  been  carried  out.  It  is  necessary  to  know  and  understand  the 
disassembly  steps  to  be  followed,  and  also  the  most  suitable  inspection  techniques,  in  order  to  obtain  the 
desired  information  before  it  is  lost  or  destroyed  by  the  ongoing  disassembly  process. 


27.3.2.1  Fasteners 

Teardown  begins  with  the  careful  removal  of  fasteners  and  visually  examining  their  condition  before  and 
after  cleaning.  This  can  provide  very  useful  information,  because  damaged  fasteners  on  an  aircraft  are 
usually  noticed  only  when  they  are  severely  corroded  or  have  fallen  out.  Furthermore,  in-service  replacement 
typically  results  in  damaged  fasteners  being  destroyed  by  drilling  out  (rivets)  or  being  discarded  after 
disassembly  (nuts  and  bolts). 

The  condition  and  integrity  of  mechanical  fasteners  deserves  more  attention.  Corrosion  or  fretting  damage 
on  rivets,  bolts  and  nuts  controls  and  directs  their  replacement,  but  the  source  of  their  degradation  should 
also  be  sought.  For  example,  rivets  have  been  found  that  at  first  sight  showed  corrosion  on  their  surfaces, 
but  with  the  corrosion  cleaned  off  they  were  seen  to  have  cracking  problems  as  well,  see  Figure  27-31. 
This  damage  was  detected  only  because  the  prescribed  teardown  required  the  upset  heads  to  be  machined 
off  and  the  rivets  pressed  out  instead  of  being  drilled  out. 


Figure  27-31:  Corrosion  Pillowing  Induced  Cracks  in  a  Rivet  (Top:  As  removed;  Bottom:  Cleaned). 
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27.3.2.2  Adhesives  and  Sealants 

Structural  adhesives  or  gap-filling  sealants  are  often  applied  to  the  faying  surfaces  of  fuselage  skin  joints. 
Disassembly  requires  care  since  the  parts  may  be  damaged  and  deformed  by  the  tools  and  forces  needed  to 
wedge  the  layers  apart.  All  traces  of  the  adhesives  or  sealants  must  be  removed  before  the  exposed 
surfaces  can  be  examined  for  damage.  This  removal  is  best  accomplished  by  mechanically  removing  the 
bulk  of  the  material  followed  by  chemical  dissolution  and  final  removal  with  non-marring  tools,  as 
mentioned  earlier.  Mechanical  actions  that  might  contact  the  surfaces  should  be  avoided  to  prevent  metal 
smearing  and  obscuring  any  cracks  from  detection. 


27.3.2.3  Corrosion  Removal 

In  a  teardown  for  corrosion  damage  the  steps  are: 

a)  Document  the  total  thickness  loss  in  the  structural  sample; 

b)  Validate  the  results  of  NDI  techniques;  and 

c)  Prepare  the  remaining  base  material  for  detailed  analysis  (coupon  selection  and  removal). 

The  method  of  corrosion  product  removal  should  be  chosen  to  ensure  that  no  additional  damage  is  done  to 
the  structure.  This  is  especially  true  if  cracks  are  to  remain  undisturbed.  It  has  been  proven  that  corrosion 
product  removal  by  chemical  dissolution  is  greatly  assisted  by  ultrasonic  vibration  in  an  immersion  tank, 
for  example  Figure  27-32. 


Ultra  Kleen  is  a  mild  cleaning  solution 
designed  for  cleaning  corrosion  products 
off  aluminum.  The  solution  has  the 
following  composition: 

4  (CH3)3COH  +  3  C3H803  +  H3P04  + 
2H2Q 


Figure  27-32:  Ultrasonic  Immersion  Corrosion  Cleaning  Tank. 


Rather  than  filling  the  tank  with  the  chemical  cleaning  solution,  the  samples  are  placed  in  solution-filled 
bags  which  are  then  suspended  in  water  in  the  tank.  This  minimizes  the  amount  of  cleaning  solution 
required.  Various  chemical  solutions  can  be  used.  To  verify  the  selected  chemical  removal  process,  long 
exposure  tests  are  required  to  demonstrate  that  no  damage  is  done  to  the  remaining  base  material,  see 
Figure  27-33. 
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Figure  27-33:  Views  of  Skin  Surface  Before  and  During  Long  Exposure 
Chemical/Ultrasonic  Corrosion  Cleaning  for  Corrosion  Removal. 


27.3.2.4  Thickness  Loss 

Figure  27-34  is  an  example  of  corrosion-induced  pillowing  from  the  teardown  investigation  of  a  lap  joint 
outer  skin.  The  pillowing  was  made  visible  by  the  D  Sight  Aircraft  Inspection  System  (DAIS)  [10],  which 
enables  enhanced  visual  inspections  of  intact  joints.  It  was  known  that  the  joint  had  undergone 
maintenance  because  of  corrosion.  This  maintenance  had  included  removing  the  original  flush-head  rivets 
and  re-installing  with  protruding-head  rivets. 


Figure  27-34:  DAIS  Lap  Inspections  on  the  Intact  Joint  (White  Line  Shows  Specimen  in  Figure  27-35). 


The  protruding-head  rivets  made  it  impossible  to  inspect  the  intact  joint  by  eddy  current  NDI. 
Consequently  the  rivets  were  drilled  out  to  separate  the  outer  and  inner  skins.  Figure  27-35  shows  the  rear 
surface  of  the  outer  skin.  The  black  and  gray  areas  are  the  remains  of  faying  surface  sealant  from  the  prior 
maintenance,  which  had  also  included  applying  a  primer.  Significantly,  there  was  no  visual  evidence  of 
corrosion  at  the  time  of  the  teardown.  This  means  that  the  pillowing  observed  in  the  DAIS  inspection, 
Figure  27-34,  was  due  to  corrosion  product  accumulation  up  until  the  maintenance  action,  and  that  the 
subsequent  visible  persistence  of  pillowing  was  due  to  permanent  deformation  of  the  skin. 
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Figure  27-35:  Rear  Surface  of  Outer  Skin. 


The  outer  skin  inner  surface  shown  in  Figure  27-35  was  cleaned  chemically  to  remove  the  sealant  and 
primer.  This  was  followed  by  X-radiography  that  included  a  ramped  master  calibration  tool  to  enable 
thickness  measurements.  The  NRC/IAR  NDI  Analysis™  software  was  used  to  obtain  the  calibration  and 
skin  thickness  measurements  from  the  digitized  image  file  of  the  X-ray  film,  Figure  27-36. 


Figure  27-36:  X-Ray  Thickness  Loss  Map  (Calibration  Ramp  at  Top). 


Figure  27-37  shows  mechanically  made  thickness  measurements  taken  nominally  midway  between 
fastener  holes  and  also  where  thinning  was  beyond  the  lower  limit  of  the  X-ray  calibration.  The  maximum 
thickness  was  0.038  inch.  The  minimum  thickness  between  fastener  holes  was  0.030  inch  [24%  loss],  and 
the  minimum  thickness  at  the  free  edge  was  0.026  inch  [34%  loss].  These  losses  and  the  pattern  of  losses, 
especially  around  fastener  holes,  compromised  the  skin  and  would  have  made  it  more  prone  to  fatigue 
damage. 


0350  36.5  O  37 


Figure  27-37:  Thickness  Measurement  Map. 
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27.3.3  Post-Teardown 

Acquisition,  inspection  and  teardown  information  must  be  recorded  to  document  the  investigative  methods 
employed.  The  information  that  is  collected  is  rarely  in  a  convenient  format,  either  for  archiving  or 
presentation.  A  searchable  database  makes  the  job  easier.  It  facilitates  the  recording  of  image  and  text 
information  on  the  history,  metrics,  condition  and  teardown  findings  for  each  specimen.  An  example  is  the 
NRC/IAR  NDI  Analysis™  software  used  for  X-radiography. 

A  disciplined  approach  is  required  to  fully  exploit  the  opportunities  for  damage  assessment.  A  methodology 
is  needed  that  accounts  for  the  capability  of  each  step  in  the  teardown  process  and  defines  the  sequence  of 
steps  to  ensure  that  information  is  not  inadvertently  destroyed.  The  teardown  process  should  be  governed  by 
a  set  of  decisions  and  authorization  procedures  that  include  knowledge  of  the  consequences  for  not  following 
the  prescribed  order  of  events.  Finally,  all  this  must  be  fully  understood  by  everyone  involved  in  the 
teardown  process. 

27.3.3.1  When  It  All  Goes  Wrong  -  C141  “Corroded”  Joint 

Field  inspection  of  a  C- 141  airframe  located  classic  visual  evidence  for  corrosion  induced  pillowing  at  the 
joint  on  Stringer  32  Right,  see  the  left-hand  photograph  in  Figure  27-38.  The  skin  was  buckled  between 
the  steel  fasteners  (Hi-Lok®  HL19,  100°,  Reduced  Flush,  shear  bolts),  and  some  fastener  heads  were  being 
pulled  through  the  outer  skin.  Furthermore,  this  damage  was  at  a  known  corrosion  site,  below  the  sewage 
access  port  for  the  hospitality  pallet.  The  right-hand  photograph  in  Figure  27-38  shows  that  sealant  had 
been  added  to  the  original  protection  scheme  on  the  inner  surface,  indicating  maintenance  for  corrosion 
damage. 


Figure  27-38:  A  Visual  Inspection  of  the  Exterior  Surface  Indicated  Corrosion  Pillowing  (left) 

While  the  Interior  Showed  Sealant  Added  (red)  Indicating  Maintenance  for  Same  (right). 

Laboratory  DAIS  and  UT  inspections  gave  the  results  shown  in  Figure  27-39.  The  DAIS  inspection 
indicates  corrosion-induced  pillowing,  and  the  UT  inspection  apparently  indicates  corrosion  product  build¬ 
up  along  two  fastener  rows  below  the  access  port.  However,  teardown  revealed  something  totally 
different.  Figure  27-40  shows  that  a  shim  had  been  placed  along  one  bolt  row,  presumably  during 
maintenance.  Tightening  of  the  steel  bolts  caused  the  outer  skin  to  buckle,  and  where  it  was  unsupported 
by  the  shim  the  fastener  heads  tended  to  be  pulled  through  the  skin.  The  resulting  incomplete  clamp-up 
confused  the  UT  inspection,  since  air  gaps  were  interpreted  as  corrosion  build-up. 
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Figure  27-39:  Laboratory  Inspections  Preceding  Teardown  Both  DAIS  (left) 
and  UT  (right)  Indicated  Damage  in  the  Upper  Skin  of  the  Butt  Joint. 


Figure  27-40:  A  0.080  Inch  (2.03  mm)  Thick  Shim  In-Situ  (left,  circled),  Enlarged  (right). 


27.4  CORRODED  COMPONENTS  AVAILABILITY 

When  corrosion  is  discovered  on  airframe  components,  it  is  usually  assessed,  more  or  less  quantitatively, 
by  Non-Destructive  Inspection  (NDI).  Ideally  this  should  enable  well-founded  decisions  about  repairing  or 
replacing  the  affected  parts.  If  repair  appears  to  be  possible,  e.g.,  by  attaching  replacement  materials 
(inserts)  and/or  reinforcements  (doublers),  the  first  maintenance  action  is  to  remove  the  damage 
mechanically.  If  the  damage  is  assessed  or  turns  out  to  be  too  severe,  the  components  are  removed  and 
disposed  of. 

These  customary  procedures  for  repair  or  replacement  make  it  virtually  impossible  to  investigate  and  collect 
examples  of  as-found  corrosion  damage.  This  is  unfortunate,  since  such  examples  can  be  valuable  for: 

a)  Verifying  NDI  techniques,  thereby  facilitating  decisions  about  repairs  or  replacements;  and 

b)  Determining  the  underlying  causes  of  corrosion. 

The  non-optimal  alternative  is  to  do  corrosion  tests  on  simulated  structural  details  in  artificial  environments. 

There  is  an  additional  problem.  As  aircraft  fleets  age  there  can  be,  and  have  been,  situations  where  the 
original  materials  for  some  components  have  gone  out  of  production,  therefore  being  no  longer  available 
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for  repair  or  replacement,  or  for  serving  as  baselines  for  corrosion  test  evaluations  of  substitute  materials. 
Collected  examples  of  pristine  original  structures  can  provide  these  baselines. 

Some  research  organizations,  operators  and  maintenance  contractors  have  recognized  the  above- 
mentioned  usefulness  of  collecting  examples  of  typical  aircraft  structures.  By  doing  so,  they  benefit  from 
having  assemblies  of  the  original  materials,  surface  treatments,  protective  coatings,  sealants,  paint  systems 
and  fasteners. 

If  possible,  both  naturally  damaged  and  pristine  structures  are  collected.  The  usual  sources  for  these 
original  components  have  been  wrecks  and  airframes  Withdrawn  From  Use  (WFU),  see  Figure  27-41  and 
Figure  27-42.  Operators  of  new  designs  have  been  known  to  purchase  additional  airframes  intended  as 
immediate  sources  of  spare  parts,  but  these  can  also  serve  as  sources  for  materials  and  assemblies. 


A  chance  phone  call 
resulted  in  a  rush 
across  three  states  to 
capture  some  of  the 
last  available  B707 
wings,  made  with 
discontinued  7178-T6, 
just  days  before  they 
would  have  been  lost 
to  the  scrap  metal 
smelter. 


Figure  27-41:  Aircraft  Graveyards  have  been  Valuable  Sources  of  Corrosion  Samples. 
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Figure  27-42:  Cut-Outs  Show  where  Fuselage  Structure  was  Harvested  from  WFU  Airframes. 


Note  from  Figure  27-42  that  these  WFU  aircraft  are  parked  in  desert  environments.  Actually,  deserts  are 
not  the  best  places  to  store  aircraft  that  have  been  in  service.  It  has  been  assumed  that  the  arid  climate 
minimizes  corrosion  activity.  This  may  be  true  for  the  exterior  surfaces,  but  experience  has  shown  that  the 
closed-off  internal  environments  still  support  corrosion  processes,  and  the  high  daytime  temperatures  may 
well  accelerate  them.  Consequently,  desert  storage  areas  have  proven  to  be  productive  sources  of 
examples  of  service  and  post-service  corrosion,  Figure  27-43  and  Figure  27-44. 


Figure  27-43:  Stringer  and  Frame  Corrosion  in  the  Crown  of  a  Stored  Fuselage 
Due  to  Moisture  Remaining  in  Insulation  Blankets  (Removed). 
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Figure  27-44:  Lower  Window  Frame  Corrosion  Due  to  Moisture 
Accumulating  Between  Seal  and  Structure  of  Stored  Airframe. 

From  nose  to  tail  and  top  to  bottom  the  materials,  structural  elements  and  assemblies  of  transport  aircraft 
fuselages  generally  remain  the  same.  The  upper  and  lower  wing  skins  are  usually  made  from  different 
alloys  (7XXX  upper  skin,  2XXX  lower  skin)  and  they  vary  in  thickness  from  root  to  tip.  However,  apart 
from  these  differences  both  fuselage  and  wing  structures  can  be  sampled  for  collection,  i.e.,  it  is  not 
necessary  to  obtain  entire  airframes.  Figure  27-42  illustrates  that  the  samples  can  be  relatively  small. 

Storage  space  is  always  an  issue,  especially  when  the  use  of  collected  samples  is  uncertain.  Linking 
collections  via  databases  could  enable  users  to  avoid  a  heavy  storage  burden,  but  still  have  the  benefit  of 
access  to  representative  material,  available  when  the  need  arises.  Figure  27-45  shows  details  from  a 
database  set  up  by  the  NRC/IAR  in  Canada. 
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(b)  Information  on  the  parent  aircraft,  the  condition  of  each  specimen  and 
detailed  inspection  results  are  all  accessible  through  the  database. 

Figure  27-45:  NRC/IAR  Aircraft  Specimen  Library  Database. 

There  are  very  few  known  collections  of  aircraft  structure.  Those  that  exist  have  been  used  successfully  to 
support  NDI  equipment  and  technique  verification,  repair  scheme  development,  damage  characterization, 
and  human  factors  studies.  Figure  27-46  shows  cut-outs  where  natural  corrosion  damage  specimens  have 
been  extracted  from  a  WFU  aircraft  wing.  The  labels  show  where  even  more  specimens  are  to  be 
harvested.  Thus  instead  of  disappearing  into  the  “recycle-bin”  the  components  and  samples  in  these 
libraries  continue  to  educate  and  serve  their  fleets. 
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Figure  27-46:  Upper  Wing  Section  Being  Harvested  for  Corroded  and  Undamaged  Material. 
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